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prediction  methods,  experimental  data  from  wind  tunnel  and  flight,  and  flight  experience 
with  ACT  and  CCV^.A  final  session,  transcribed  for  the  Proceedings,  took  the  form  of  a 
roundtable  discussiorkinvolving  the  authors  of  the  survey  papers  and  Symposium  attendees. 
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EXECUTIVE  SUMMARY 


The  rapidly  expanding  flight  envelopes  of  aircraft,  the  growing  applications  of  active  control  technology  (ACT)  and 
the  associated  development  of  control  configured  vehicles  (CCV)  have  revealed  a  need  to  improve  our  knowledge  and 
understanding  of  controls  and  to  explore  new  modes  of  control.  The  aim  of  the  Symposium  was  to  determine  the  current 
‘state  of  the  art’  and  to  direct  attention  to  the  major  problem  areas  for  future  research. 

The  Symposium  was  divided  into  six  Sessions  with  topic  headings:  General  Aspects.  Novel  Controls  (2  Sessions), 
Direc.  norce  Controls,  Dynamic  Effects  and  Interference  Effects.  In  addition  to  the  papers  submitted  and  accepted  for 
presentation  there  were  a  number  of  invited  key  papers  surveying  conventional  and  novel  methods  of  control,  prediction 
methods,  experimental  data  derived  from  wind  tunnel  and  flight  measurements,  and  flight  experience  of  ACT  and  CCV. 

A  final  session  took  the  form  of  a  Round  Table  Discussion  involving  the  authors  of  the  invited  papers. 

The  Symposium  showed  that  we  are  still  very  much  dependent  on  ad  hoc  wind  tunnel  model  tests  as  a  basis  for  the 
design  and  development  of  the  controls  of  specific  aircraft  and  our  basic  understanding  is  deficient,  even  of  such  factors 
as  the  effects  of  control  gaps.  Numerical  calculation  methods  which  are  proving  increasingly  effective  for  the  prediction 
of  overall  aerodynamic  characteristics  of  aircraft  with  attached  flow  are  finding  application  to  control  problems,  but  so 
far  w  ith  very  limited  success  because  of  the  dominance  of  viscous  effects  which  are  generally  not  predicted  with  adequate 
accuracy,  and  the  theories  are  not  yet  able  to  account  for  the  effects  of  flow  separation.  Dynamic  effects  are  important 
in  connection  with  some  applications  of  ACT  and  for  highly  manoeuvrable  aircraft,  but  they  are  also  inadequately  under¬ 
stood. 

Interesting  examples  were  presented  of  novel  methods  of  control,  these  included  flaperons,  tailerons.  wingerons, 
canards  (horizontal  and  vertical),  leading  edge  slats,  pylon  split  flaps,  blowing,  vortex  generators,  digitally  controlled 
segmented  flaps  and  spoilers.  These  were  mainly  developed  with  particular  applications  in  mind,  but  their  potential  for 
further  development  and  applications  was  evident. 

The  Symposium  did  not  reveal  as  much  as  was  hoped  on  direct  force  controls  although  the  importance  of  the  subject 
was  well  emphasised  in  the  course  of  the  discussions.  There  was  also  a  lack  of  papers  on  the  use  of  propulsion  sources  for 
control  as  well  as  on  the  buffeting  characteristics  of  controls.  A  future  symposium  may  help  to  remedy  these  deficiencies. 

Important  problem  areas  for  future  research  revealed  by  the  Symposium  were: 

( 1 )  The  need  for  a  better  data  base.  To  this  end  improved  correlation  between  wind  tunnel  and  flight  data  was 
strongly  urged.  At  present  agreement  between  theory  and  experiment  and  between  flight  and  wind  tunnel  tests 
is  sometimes  good  and  sometimes  bad  and  reasons  for  this  variability  of  agreement  are  generally  not  known. 

Ad  hoc  data  tend  not  to  lend  themselves  easily  to  correlation  and  systematic  tests  should  be  planned  to  supple¬ 
ment  the  ad  hoc  work. 

(2)  Dynamic  effects  on  control  characteristics.  One  paper  for  example  presented  results  showing  marked  reduction 
of  spoiler  effectiveness  with  increase  of  the  frequency  parameter. 

(3)  Reliable  theoretical  methods  must  be  developed  to  account  for  viscous  effects  and  the  effects  of  flow  separa¬ 
tion  both  structured  and  unstructured. 

(4)  Interference  and  cross-coupling  effects.  It  was  evident  that  these  effects  could  be  very  important  and  in  some 
applications  can  be  used  to  advantage  if  properly  understood  e.g.  horiz.ontal  canards  can  produce  appreciable 
side-forces. 

(5)  The  important  control  derivatives  needed  for  ACT.  We  should  determine  these  and  plan  systematic  work  on 
them. 

(6)  Mission  requirements  of  future  aircraft.  These  need  to  be  more  clearly  defined  so  that  attention  can  be  focused 
on  the  appropriate  control  problems. 

Finally,  a  strong  plea  was  made  that  since  the  subject  of  ACT  properly  concerns  a  number  of  disciplines  a 
Symposium  should  be  organised  on  it  but  on  an  inter-disciplinary  basis,  involving  some  or  all  of  the  relevant  Panels  e.g. 
FDP.  FMP,  SMP.  GC’P  and  AVP 


A. D.  YOUNG 
Symposium  Chairman 
June  1979 
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SUNMARY 

A  brief  survey  of  the  theoretical  aerodynamic  aspects  of  active  control  devices  is  given.  Various  calcu¬ 
lation  nethods  for  subsonic,  transonic  and  supersonic  attached  flow  are  reviewed.  This  is  followed  by 
comments  on  separated  flow.  After  a  presentation  of  typical  correlations  between  theoretical  and  experi¬ 
mental  results  for  steady  and  unsteady  characteristics  of  controls,  this  survey  concludes  with  a  resume 
of  the  shortcomings  of  the  theoretical  approaches  and  some  recommendations  for  future  efforts. 
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1.  INTRODUCTION 

For  the  improvement  of  the  performance  of  airborne  vehicles  several  new  technologies  have  been  proposed 
within  the  last  decade.  The  most  promising  among  these  are 

•  supercritical  wings 

•  composite  materials  in  primary  structures 

•  advanced  high  bypass  engines 

•  active  control  devices 

•  integrated  digital  guidance  and  control. 

Technology  programs  are  in  progress  to  demonstrate  the  superiority  of  these  new  techniques.  Some  of  tnese 
techniques  have  already  been  brought  to  such  a  standard  that  the  application  in  production  aircrafts  is 
justified.  Others  are  still  in  the  process  of  heing  elucidated  and  developed. 

One  of  the  most  promising  new  technologies  is  the  active  control  technique  |1|,  j 2 1 ,  J3|,  |4|.  This  tech¬ 
nology  implies  the  instantanious  fast  deflection  of  control  devices  to  react  on  disturbances  at  the  moment 
when  they  occur.  This  new  technology  which  can  only  be  developed  as  an  interdisciplinary'  technique,  re¬ 
quiring  flight  mechanics ,  guidance  and  control,  structures  and  materials  and  not  at  least  aerodynamics 
has  an  impact  on 

•  performance 

•  safety 

•  ride  quality 

of  the  aircraft  and  on  the 

•  abatement  of  noise  in  the  environment  of  airports. 

Active  control  technique  on  an  aircraft  may  be  used  for 

•  relaxed  static  stability 

•  load  control  for  manoeuvre  and  gust  load  alleviation 

•  flutter  mode  control 

•  direct  force  control. 

As  active  control  devices,  conventional  or  new  controls  may  be  used.  Figure  1  shows  control  devices  on  an 
airplane,  some  of  them  typical  for  a  fighter  type  aircraft,  others  for  a  subsonic  transport  aircraft. 

There  is  a  subdivision  between  longitudinal  and  lateral  controls.  This  is  not  at  all  stringent  since 
longitudinal  devices  may  also  be  used  for  lateral  control  as  spoilers  and  differential  tail  for  roll 
control  and  vice  versa. 

As  can  be  seen  the  main  aerodynamic  problems  that  have  to  be  treated  are 

•  wings  with  control  devices  and 

•  mutual  interference  of  wings. 

The  problem  of  the  aerodynamicist  is,  to  give  good  prediction  for  the  effectiveness  of  control  devices 
for  steady  and  unsteady  deflection.  This  is  a  task  which  can  be  solved  by  theoretical  and  experimental 
means . 

The  most  straight-forward  way  providing  data  for  control -surfaces,  is  the  theoretical  approach,  figure  1 
gives  a  classification  of  the  methods  available  or  in  development.  First  there  lias  to  he  done  a  subdiii- 
sion  into 

•  attached  flow  and 

•  separated  flow. 

lor  attached  steady  and  unsteady  flow  powerful  methods  have  been  developed  on  the  basis  of  the  potential 
theory  with  some  allowance  for  viscous  effects  by  boundary  layer  which  give  reasonable  results  for  sub¬ 
sonic  and  supersonic  flow.  In  the  transonic  case  there  are  still  severe  deficiencies  which  are  connected 
with  the  strong  nonlinearity  of  the  governing  equations.  Since  most  of  the  control  devices  used,  work  in 
the  attached  flow  regime,  there  is  a  good  chance  to  get  a  realistic  theoretical  prediction  for  the  effec¬ 
tiveness  . 


For  separated  flow  a  distinction  must  be  made  between  those  flow  types  where  there  exists  a  well-formed 
primary  structure,  e.g.  the  shedding  of  a  free  vortex  sheet  rolling  141,  and  those  where  no  primary  struc¬ 
ture  can  be  observed,  e.g.  the  flow  behind  bluff  bodies.  For  the  separated  flow  with  certain  primary 
structures,  singularity  models  of  the  separated  region  may  be  constructed,  in  order  to  achieve  an  approxi¬ 
mate  solution.  This  leads  to  good  results.  When  there  is  obviously  no  primary  structure  the  singularity 
models  are  somewhat  doubtful  and  the  full  solution  of  the  Navier-Stokes-equations  would  be  appropriate. 
This  way  is  indead  the  most  comp rehens ive  but  also  the  most  laborious  one,  and  only  a  few  solutions  for 
practical  purposes  have  been  given  iqo  to  now. 

Another  subdivision  of  methods  resp.  problems,  which  may  be  used,  is  the  classification  between  steady 
and  unsteady  deflection  of  the  control  devices.  The  following  states  may  be  distinguished: 

•  Fixed  control  device. 

This  is  the  case  of  steady  flow.  There  exist  special  classes  oi  methods. 
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•  Slowly  oscillating  movement  of  the  device  (k  <  0.05). 

For  this  case  the  steady  methods  ^an  be  used  for  a  quasi-steady  evaluation,  since  the  aerodynamic 
forces  and  moments  are  in  phase  with  the  movement . 

•  Fast  oscillating  movement  of  the  device  (k  >  0.05). 

Methods  for  attached  flow  have  been  developed  for  this  case.  The  aerodynamic  forces  and  moments  are 
no  longer  in  phase  with  the  movement. 

•  Suddenly  deflected  control  device. 

This  case  can  be  treated  by  the  oscillatory  methods  by  a  Fourier  analysis  of  the  step- function.  For 
some  cases  exact  solutions  exist  which  can  be  used  for  inspection  of  approximate  methods. 

Cleneral  literature  on  theoretical  methods  is  available.  J 5 J  and  ]6|  among  others  give  the  basis,  !7| 
and  I  8 1  concentrate  on  practical  prediction  methods  and  applications  for  the  steady  case,  whereas  j1.*.,  [  1 0  j 
and  1 11 1  deal  with  the  unsteady  case.  |12|,  |13|  and  j  T 4 1  give  short  resumes  of  prediction-methods  for 
the  unsteady  case.  The  recent  development  of  prediction-methods  is  given  in  |  IS  j ,  |1(>|  and  ]17|. 


2.  SUBSONIC  ATT  \CHLb  FLOW 
2 . 1  Basic  equations 

The  basic  equation  of  linearized  subsonic  potential  flow  is 

,  =  0 
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where  M  is  the  free  stream  Mach  number  and  4  is  the  velocity  potential.  This  equation  can  be  transferred 
by  Coethert  rule  to  the  Laplace-equation 
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The  linearized  potential  equation  for  the  unsteady  case  is 

12 


V^4 


-L![!r*“y 


=  0 


(3) 


where  a  is  the  speed  of  sound  and  U  the  flight  speed. 


2.2  Outline  of  the  methods 

Since  the  solution  procedure  for  steady  and  unsteady  flow  is  similar,  a  unique  treatment  of  both  cases  will 
be  given.  Two  main  classes  of  methods  have  to  be  distinguished  (figure  3) ,  the 

•  conformal  mapping  methods 

•  singularity  methods. 

Ihe  conformal  mapping  technique  has  been  worked  out  by  TULORUORSON  | 1 8 ]  to  a  comprehensive  theory  for 
steady  and  unsteady  twodimensional  flow.  Nevertheless  the  singularity-methods  have  become  much  more  impor¬ 
tant  since  these  methods  could  be  extended  without  major  difficulties  to  the  3D  case. 

L)ue  to  the  linearity  of  the  subsonic  potential  equation  the  principle  of  superposition  of  solutions  can  be 
applied.  So  basic  solutions  of  the  equations  as  sources,  vortices  and  doublets  may  be  combined  in  an  arbi¬ 
trary  way  to  find  the  flow  field  required.  This  singularity  technique  has  been  used  for  the  development  of 
a  large  number  of  subsonic  theories  and  will  be  described  subsequently  for  the  3D  case,  which  includes  the 
21)  one.  lor  the  development  of  these  methods  both  the  velocity  and  the  acceleration  potential  have  been 
used  successfully. 
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The  subsonic  singularity  method  can  be  divided  into  two  classes: 

•  loading  function  methods 


•  discrete  loading  methods. 


The  loading_function_method,  also  called  lifting  surface  method,  is  a  thin  wing  resp.  thin  airfoil  theory. 
The  basIc"stea3y”app?oach”fias  been  developed  by  MULTHOPP  |19|  and  TRUCKENBROOT  |20|,  the  extention  to  the 
unsteady  case  has  been  given  by  LASQ1KA  |21|,  | 22 j  and  DAVIES  | 23 | . 


Thin  wing  theory  means  that  thickness  effects  are  neglected  because  they  are  of  minor  importance  compared 
with  the  lift  effects.  Since  lift  effect  can  be  simulated  by  vortices  and  doublets,  these  singularities 
are  the  basis  of  thin  wing  theory.  The  problem  to  be  solved  may  then  be  formulated  as  an  integral -equation 
for  the  downwash  of  the  wing.  This  equation  can  also  be  derived  by  Green's  theorem. 


The  solution  of  this  integral  equation  is  found  by  introducing  loading  functions  with  unknown  scale  fac¬ 
tors  in  chordwise  and  spanwise  direction  to  approximate  the  load  of  the  wing,  figure  4  shows  typical 
loading  functions  for  the  subsonic  lifting  surface  theory.  The  choice  of  the  loading  functions  must  be 
consistent  with  the  singular  behaviour  of  the  leading  edge  of  the  wing  (ho,  h[,  h2,  hg),  the  hinge  line 
(hgj  and  the  wing  tip  (a0,  a  j  J .  The  load  must  also  satisfy  the  Kutta  condition  at  the  trailing  edge. 
After  introduction  of  these  loading  functions  the  integral -equation  is  reduced  to  a  system  of  linear 
equations  where  the  scale  factors  of  the  loading- functions  have  to  be  evaluated.  This  can  be  done  after 
having  introduced  a  number  of  control-points  on  the  wing  where  flow  tangency  has  to  be  satisfied. 


lhe  other  type  of  methods  which  will  be  discussed  here  are  discrete  loading  methods.  Here  it  is  useful  to 
subdivide  in 

•  vortex/ doublet  lattice  methods  and 

•  panel  methods . 

While  vortex/ doublet  lattice  methods  only  treat  the  thin  wing,  panel  methods  enable  a  general  solution  of 
thick  lifting  bodies. 

The  vorte>;lattice_methgd  for  steady  flow  has  been  developed  by  I-'ALKNER  |24|  and  RUBBER!  |25j,  extensions 
of  thIS  me thcxf have 'Seen  given  among  others  in  j  26 1  and  1 27 1  .  The  unsteady  case  has  been  treated  by  HEDMAN 
i 28)  and  ABANO  and  RODDEN  |29|. 

Basis  of  this  method  again  is  the  downwash-equation  of  lifting  surface  theory.  The  idea  of  this  method  is, 
to  discretize  the  load  of  the  wing  in  small  elements.  Thus  the  wing  has  to  be  subdivided  in  a  large  number 
of  small  trapezoidal  elementary  wings  -  called  panels  -  arranged  in  strips  parallel  to  the  free  stream  and 
with  leading  edge,  trailing  edge  and  hinge-line  coinciding  with  edges  of  the  panels  (see  figure  5)  ■  It  has 
been  shown  that  the  lift  of  a  panel  can  be  concentrated  on  the  quarter  chord  line  of  the  panel  with  trai¬ 
ling  vortices  at  the  tips.  This  horseshoe- vortex  whose  strength  has  to  be  determined  represents  the  steady 
effect  of  the  panel.  By  a  line  of  doublets  on  the  quarter  chord  line  tire  oscillator)’  effect  can  be  taken 
into  account.  The  downwash  boundary  condition  then  is  satisfied  at  a  pivot-point  which  is  located  at 
3/4  chord  along  the  center  line  of  each  panel.  The  basic  integral  equation  of  lifting  surface  theory'  is 
thus  reduced  to  a  set  of  linear  equations,  which  has  to  be  solved  for  the  unknown  load. 

The  advantage  of  this  method  is  its  rather  simple  handling  in  comparison  to  the  lifting  surface  method 
since  it  can  be  used  without  difficulties  for  complex  nonplanar  lifting  systems  |50j,  1 3 1 1  .  When  using  the 
loading  function  method  complications  arise  since  the  characteristic  singular  behaviour  of  the  solution 
must  be  known  a  priori  and  must  be  incorporated  in  the  method  in  form  of  appropriate  loading  functions. 

This  is  not  the  case  with  the  vortex/ doublet-lattice  method  where  singular  behaviour  is  a  result  of  the 
computation. 

In  order  to  get  good  accuracy  for  the  vortex/ doublet-lattice  method,  100  panels  are  necessary  to  get  an 
appropriate  load  distribution  in  span-  and  chordwise  direction.  A  still  higher  number  is  needed  for  a  wing 
with  control  devices.  Even  with  this  high  number  of  panels  the  accuracy  of  this  method  is  not  as  high  as 
of  the  loading  function  method.  Since  it  seems  not  worthwhile  to  achieve  a  higher  accuracy  than  +5s  be¬ 
cause  thickness  and  viscous  effects  have  not  been  taken  into  account,  also  the  vortex/ doublet-lattice 
method  can  be  seen  as  a  powerful  method. 

A  somewhat  different  approach  to  the  thin  wing  discrete  methods  has  recently  been  given  by  ROOS  |52|  and 
GTISSLEK  ,53,.  Instead  of  a  doublet-line  (leifller  uses  a  doublet-field  on  the  panel. 

lhe  most  recent  and  most  comprehensive  approach  to  subsonic  lifting  bodies  is  the  panel  method.  Tor  steady 
flow  the  basics  of  tins  method  are  derived  by  III.SS  and  SMITH  j 34 j  and  RUBBER!  and  SAARlS'JaSjI  Amplifica¬ 
tions  of  this  method  have  been  given  in  3(>,  to  40 j .  The  unsteady  approach  has  been  treated  in  |41‘,  J 42 1 , 
,43,  and  44  .  A  survey  on  panel  methods  as  <  .11  as  vortex-lattice  methods  is  given  in  | 45 [ . 

The  basic  idea  of  the  panel  method  is  similar  to  the  vortex-lattice  method.  The  surface  of  the  body  is 
subdivided  into  a  large  nunhei  <■>  tra|x_n.  idal  panels  as  shown  in  figure  b.  The  solution  of  the  governing 
Laplace  equation  for  steady  !]>*•  is  const  met  ed  by  arranging  a  distribution  of  basic  singularities  on  body 
and  wake  surface.  Hie  effect  e:  these  discrete  singularity  distributions  on  each  panel  produces  disturb¬ 
ance  velocities  at  other  point-  oi  tne  .urlace.  it  these  pivot-points  -  each  panel  has  one  on  its  centre  - 
the  velocities  are  evaluated  a.  an  integral,  employing  Given's  theorem.  Hus  integral  expresses  the  in¬ 
duced  velocity  at  a  body  pivot -[Mint  in  terms  of  the  known  body  geometry  and  the  unknown  perturbation 
singularity  strength.  Satisfying  the  condition  of  (low  tangency  at  the  pivot-points  yields  determining 
the  singularity  strength.  Ilus  procedure  1-*  quite  similar  to  the  vortex- lattice  method. 

The  version  most  widely  used  in  practice  for  steady  I  low  has  source  singularities  on  the  surface  to  get 
the  thickness  effect  and  vmtex  singulai  ities  m  the  body  imean  surface  and  the  wake  for  representation 


of  the  lift  effect.  Unsteady  effects  can  be  treated  by  placing  doublets  on  the  mean  surface  or  on  the  sur- 
face  itself.  For  steady  flow  this  powerful  method  is  already  extensively  used.  For  unsteady  flow  first  re-  > 
suits  have  been  achieved. 


2.3  Discussion  of  results 


To  prove  the  validity  of  the  methods  described,  some  typical  theoretical  results  will  be  presented,  which 
have  been  verified  experimentally  by  wind-tunnel  investigations.  In  order  to  have  a  consistent  nomencla¬ 
ture  within  this  paper,  a  few  denominations  of  the  original  contributions  have  been  changed.  Unchanged 
remain  different  presentations  of  unsteady  pressure  and  derivatives,  which  can  be  given  either  divided 
in  real  and  imaginary  part  or  in  magnitude  and  phase  shift. 


cunsteady 

Both  nomenclatures  have  been  used  here. 
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Figure  7  shows  results  for  a  twodimensional  airfoil  with  oscillating  flap  ] 46  j .  The  real  and  imaginary 
part  of  the  pressure  distribution  are  given  for  a  reduced  frequency  between  0  and  1 .  The  singular  behaviour 
of  the  flap-kink  can  be  seen  quite  clearly.  It  can  also  be  seen  that  the  flap-singularity  acts  in  phase 
with  the  movement  of  the  flap.  The  figure  shows  furthermore  that  good  agreement  between  theory  and  experi¬ 
ment  can  be  achieved.  It  must  however  be  noted  that  with  rising  frequency  the  discrepancies  in  c  "  are 
growing.  P 

The  data  at  least  important  for  control  effectiveness  are  the  derivatives.  Fig.  8  shows  results  for  a  161 
thick  airfoil  with  a  trailing  edge  flap  [ 47 [ .  Results  are  given  for  lift,  pitching  moment  and  hinge  moment 
over  the  reduced  frequency  for  two  Mach  numbers  (0.3  and  0.76).  The  theory  used  is  the  conformal  mapping 
technique  for  a  thin  plate  with  flap  J  1 8  j . 

At  M  =  0.3  a  good  agreement  can  be  seen  for  the  phase  shift,  while  the  magnitude  of  the  coefficients  devi¬ 
ates  between  15i  and  50%  from  the  experimental  values.  The  highest  deviations  result  for  the  hinge  moment. 
This  is  due  to  thickness,  camber  and  before  all  viscous  effects  which  have  been  neglected. 

At  M  »  0.76  the  discrepancies  are  even  higher  and  for  the  pitching  moment  the  tendency  is  not  predicted  in 
the  right  way.  Here  subsonic  theory  fails,  since  the  flow  on  the  airfoil  is  supercritical. 

Let  us  now  have  a  look  on  the  3D  case.  Figure  9  shows  results  for  an  untapered  swept  wing  with  two  flaps 
acting  in  antiphase.  Theoretical  results  achieved  with  the  discrete  loading  method  by  GE1SSLER  | 33 |  are 
compared  with  wind-tunnel  results  1 48 j  .  Results  are  given  for  two  sections.  The  agreement  between  theory 
and  experiment  is  quite  good.  Some  small  discrepancies  can  be  observed  at  the  leading  edge  of  the  control 
surface.  This  is  obviously  due  to  a  small  gap  in  the  experimental  case. 

Results  for  a  swept  wing  with  oscillating  flap  at  a  high  subsonic  Mach  number  are  given  in  figure  10.  The 
results  achieved  with  a  loading  function  method  after  j 49 |  conpare  quite  well  with  the  experimental  data. 


Ml  results  presented  up  to  now  have  been  achieved  with  thin  airfoil  resp.  thin  wing  theories.  One  major 
deficiency  of  these  theories  is  the  neglection  of  thickness  effects.  This  can  be  overcome  by  the  use  of 
panel -me thods .  Figure  11  compares  results  from  thin  wing  theory  |35|  and  panel -method  | 44 )  for  the  wing 
discussed  in  figure  9.  The  thickness  effect  alters  the  pressure  distribution  significantly.  Compared  with 
the  experiment,  it  is  difficult  to  decide,  whether  the  incorporation  of  the  thickness  effect  brings  an 
improvement  or  not.  Obviously  thickness  effects  and  viscous  effects  are  partially  cancelling  each  other 
as  known  from  the  steady  case.  This  may  explain  the  rather  good  agreement  which  is  usually  found  when 
comparing  pressure  distributions  received  from  inviscid  thin-wing  theories  and  experiments. 

Now  the  straightforward  way  is,  to  combine  potential  theory,  especially  the  panel-method  with  viscous  cal¬ 
culations  (boundary  layer) .  For  steady  flow  this  technique  will  be  discussed  in  chapter  6  including  sepa¬ 
ration-effects.  For  the  unsteady  case  pilot  calculations  have  been  done  by  GLISSLLR  J 44 1 ,  which  show  en¬ 
couraging  results. 

The  second  main  problem  of  control  aerodynamics  is  the  interference  between  main  wir.g  and  tail  or  canard. 
Figure  1 2  shows  theoretical  results  from  loading  function  method  \Z2\  for  a  wing  with  variable  sweep  fol¬ 
lowed  by  a  tail-unit.  Results  are  given  for  the  unsteady  pressure  distribution  in  a  specified  section  of 
the  tailplane  due  to  wing  pitch  oscillation  conpared  with  experiments  1 50 1  .  For  the  moderate  sweep  cases 
the  agreement  between  theory  and  experiment  is  quite  good.  In  the  case  of  70°  sweep  larger  discrepancies 
occur  since  now  the  tailplane  is  strongly  influenced  by  the  boundary  layer  of  the  wing,  the  deformation 
of  the  vortex-sheet  and  before  all  by  the  tip-vortex.  All  these  viscous  effects  are  not  covered  by  theory 

Figure  13  shows  results  for  the  reverse  problem:  interference  of  a  pitching  tail  on  the  main  wing.  As  can 
be  seen  this  influence  is  rather  small.  The  theoretical  prediction  agrees  fairly  well  with  the  experimen¬ 
tal  data. 


5.  TRANSONIC  ATTACHbD  FLOW 
3.1  Basic  equations 

In  the  transonic  flow  regime  the  nonlinearities  are  no  longer  of  second  order  and  must  therefore  be  taken 
into  account.  Basic  equations  for  the  steady  case  are 
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In  contrast  to  the  subsonic  case  these  equations  are  nonlinear  and  the  well-known  techniques  used  in  sub¬ 
sonic  flow  as  superposition  of  solutions  cannot  be  used. 

Another  difficulty  that  arises  in  the  transonic  flow  regime  is  due  to  the  occurrence  of  subsonic  and  super¬ 
sonic  flow  fields  around  the  wing  at  the  same  time.  This  means  for  the  steady  case,  that  the  governing  equa¬ 
tion  changes  its  type  from  elliptic  (subsonic)  to  hyperbolic  (supersonic)  within  the  flow  field.  This  dif¬ 
ficulty  has  been  overcome  by  the  introduction  of  different  regions  of  influence  for  the  subsonic  and  the 
supersonic  case  |51|.  In  the  unsteady  case  this  brings  no  difficulties  since  these  equations  are  uniformly 
hyperbolic.  Therefore  time-dependent  methods  also  have  been  used  to  find  the  steady  state  solution  (t  ■+  ®) . 

Another  difficulty  arises  from  the  occurrence  of  shock-waves,  which  does  not  allow  a  priori  the  assumption 
of  isentropic  flow.  Since  the  existence  of  potential  flow  suggests  isentropy,  this  is  a  crucial  point.  It 
has  been  shown  that  for  weak  shocks,  potential  theory  is  still  appropriate,  but  if  exact  solutions  are 
wanted,  the  Euler-  or  Navier-Stokes-equations  must  be  used. 


On  the  other  hand  the  treatment  of  the  full  potential  equation  or  moreover  the  Euler  equations  is  so 
difficult,  that  there  have  been  several  attempts  to  reduce  these  equations  to  a  form  which  can  be  handled 
easier,  as  e.g.  the  transonic-small-perturbation  equation  (TSP),  the  parabolic  equation,  the  integral 
equation  and  the  hodograph  equation.  Each  of  these  equations  forms  the  basis  of  powerful  evaluation  tech¬ 
niques  for  at  least  steady  flow. 


3.2  Outline  of  the  methods 

Figure  14  gives  a  survey  over  theoretical  methods  available  for  transonic  flow.  The  great  number  of  dif¬ 
ferent  approaches  shows  the  large  effort  devoted  to  this  complicated  problem. 

Hodograph  method:  Basis  of  this  method  is  the  linear  hodograph  equation  which  has  to  be  evaluated  in  the 
hodograph-plane .  This  method  has  its  special  merits  for  twodimensional  airfoil  design  1 52 1 ,  1 55 1 ,  j  54 1  . 

Local  linearization:  Due  to  the  relative  simplicity  of  the  parabolic  equation  used  for  this  approach,  this 
method  has  been  exploited  to  a  large  extent.  Nevertheless  the  method  of  local  linearization  did  not 
achieve  major  importance  since  it  has  several  shortcomings  which  restrict  its  applicability.  So  this 
method  is  only  applicable  to  M-nunbers  near  1.  Furthermore  shock-waves,  and  round  leading  edges  cannot 
be  treated.  Results  of  this  method  are  known  for  the  steady  and  unsteady  case  1 55 1 ,  |56[,  1 57 1 ,  J  58 1 ,  j  59  j  . 

Integral  equation:  Basis  of  this  method  is  an  integral  equation  which  can  be  derived  from  the  potential 
equation  using  Green's  theorem.  The  method  due  to  Oswatitsch  allows  substantial  savings  in  computation 
efforts  since  it  provides  a  reduction  of  dimensions  by  one  when  an  appropriate  assumption  for  the  decay 
of  the  velocity  transverse  to  the  streanwise  direction  is  made.  The  integral  equation  gives  good  results 
for  subcritical  flow  but  exhibits  some  critical  features,  when  the  flow  becomes  supercritical.  Nevertheless 
also  these  difficulties  can  be  overcome.  Steady  methods  of  this  type  have  been  developed  by  |00]  and  1 1>  1  |  , 
unsteady  methods  by  | 62 |  and  |63|. 

Finite  difference:  This  type  of  method  has  been  pushed  forward  in  the  last  years  to  such  an  extent,  that 
effective  prediction  methods  for  steady  and  with  some  restrictions  for  unsteady  flow  are  available.  IVo 
different  types  of  methods  have  to  be  distinguished 

•  relaxation  methods 

•  time  progressing  methods . 

The  relaxation_technigue  is  at  the  moment  the  most  widely  used  prediction  method  for  steady  and  unsteady 
flowT'THereTore'tfiii" technique  will  be  described  a  bit  more  in  detail  for  the  steady  3D  case  1 64 1 .  1 65 1 . 

1 66 1 .  ' 

Basic  equations  for  this  tedinique  may  be  the  widely  used  TSP  equation  together  with  equation  6.  These 
equations  are  transferred  into  finite  difference  equations  for  which  the  solution  has  to  be  evaluated 
throughout  the  flow  field  near  the  wing-body-configuration  (see  figure  15) .  At  a  certain  distance  from 
the  configuration  the  far  field  solution  is  connected  with  the  finite  difference  solution.  For  the  finite 
difference  procedure  within  the  network  different  types  of  operators  are  used 


1 


•  centered  finite  difference  molecules  for 
subsonic  (elliptic)  points 

•  backward  oriented  finite  difference  molecules 
for  supersonic  (hyperbolic)  points  and 

•  a  mixture  of  both  for  points  aft  of  the  boundary 
supersonic-subsonic  flow. 


1-1 


The  boundary  condition  on  the  configuration  is  satisfied  by  yielding  flow  tangency  at  mesh-points,  which 
border  on  the  body. 


The  solution  for  the  potential  within  the  finite  difference  network  is  found  by  successive  line  relaxation 
following  the  direction  of  the  flow.  This  so  called  sweeping  through  the  flow  field  has  to  be  repeated 
until  a  converged  solution  has  been  achieved.  Since  the  number  of  field  points  for  a  3D  wing  is  approxi¬ 
mately  SO  000  to  200  000,  and  up  to  400  iterations  are  needed,  the  computer  time  is  rather  high.  It  takes 
up  to  3  h  on  an  IBM  370/158. 

The  method  described  here  is  with  certain  modifications,  e.g. 

•  use  of  full  potential  equation  | 67 ] 

•  use  of  mapping  technique  to  get  a  more  appropriate  confutation  field  )67|,  |b8] 

•  different  application  of  boundary  conditions  | 66 ! 

•  conservative  or  non -conservative  formulation  | 67 | 

•  different  far  field  approaches  |t>8| 

the  at  this  time  standard  method  for  3D  transonic  flow  confutations  with  shocks.  These  methods  can  be  used 
without  difficulties  for  flap  deflections  as  far  as  no  separation  effects  occur. 

For  the  relaxation  methods  a  rather  sinfle  extension  to  the  unsteady  oscillatory  flow  is  possible,  when 
only  small  deflections  are  assumed  1 69 1 ,  | 72 1 ,  1 74 1 .  The  other  promising  type  of  finite  difference  method 
is  the  time  grogressing  method  which  first  has  been  developed  for  the  steady  case  using  the  solution  t  •*  » 
as  the  steady” solution.  This  method  which  has  been  developed  on  the  basis  of  the  Huler  equations  by 
YOSHIHARA  1 75 1 ,  1 76 1  and  others  | 77  J ,  1 78 1 ,  j  79 1,  is  especially  appropriate  for  the  suddenly  deflected 
control  device.  Results  for  oscillatory  flow  achieved  with  this  most  accurate  method  may  also  be  used  as 
reference  for  the  much  faster  relaxation  methods  which  only  give  approximate  result.  An  alternative  ap¬ 
proach  to  this  method  is  the  Alteming-Direction  Implicit  (ADI)  method  proposed  by  BALIHAUS  |70|,  |71|, 

) 73 1  which  uses  an  implicit  discretization  of  the  governing  equations.  Due  to  this  technique  the  confuta¬ 
tion  time  needed  can  be  speeded  up  considerably. 


Finite  element:  A  further  alternative  approach  to  the  transonic  problem  is  the  finite  element  method.  This 
method  which  is  widely  used  in  the  calculation  of  static  structures,  has  not  been  adopted  in  fluid 
mechanics  to  a  large  extent.  Methods  for  2D  and  3D  steady  flow  have  been  developed  by  J 80 1 ,  1 8 1 |  and  1 82 J , 
unsteady  approaches  have  been  given  by  | 83|  and  | 84 | •  As  in  the  relaxation  technique,  special  care  has  to 
be  taken  for  the  supercritical  case. 

Finite  volume:  The  perhaps  most  effective  approach  to  the  steady  and  unsteady  flow-problem  in  transonic 
flow  is  the  finite-volume  approach.  The  development  of  this  method  shows  that  a  not  too  complicated  con¬ 
servative  formulation  of  the  problem  is  feasible.  Furthermore  the  treatment  of  boundary  conditions  at  the 
contour  can  be  satisfied  easier  that  with  other  discrete  methods,  except  finite  element.  Basic  work 
in  this  field  has  been  done  by  ] 85 | ,  | 86 |  and  ] 87 | . 

Although  a  number  of  methods  for  transonic  flow  are  given  here  -  these  are  only  a  selection  of  much  more 
publications  on  this  topic  -  a  conp rehensive  method  for  3D  wings  with  oscillating  flaps  has  not  been  pre¬ 
sented  up  to  now.  A  survey  of  unsteady  2D-methods  is  given  in  |88| . 


3.3  Discussion  of  results 

For  the  transonic  case  some  selected  results  will  be  presented  which  show  the  special  features  and  the 
state  of  the  art  of  methods  in  transonic  flow.  These  results  are  compared  with  experiments  from  wind- 
tunnel. 

Figure  16  shows  experimental  results  for  a  6°&  thick  airfoil  with  oscillating  flap  over  the  Mach  number 
| 88 | .  These  results  are  compared  with  subsonic  thin  airfoil  theory  and  demonstrate  quite  clearly  the  limits 
of  validity  of  subsonic  theory.  Up  to  the  critical  Mach  number,  which  lies  slightly  below  M  =  0.85,  magni¬ 
tude  and  phase  shift  of  the  coefficients  are  well  in  agreement,  except  for  the  magnitude  of  the  hinge- 
moment  but  here  the  rather  low  level  of  the  value  must  be  taken  into  account.  At  higher  subsonic  Mach 
numbers  (M  >  0.85)  the  magnitude  and  phase  shift  of  the  coefficients  diverge.  This  behaviour  is  due  to 
strong  nonlinear  effects. 

Figure  17  shews  the  calculated  unsteady  upper  surface  pressure  distribution  for  the  same  airfoil  for 
different  flap  positions.  The  theoretical  evaluation  with  the  ADI  method  after  BALLHAUS  et  al.  | 73 | 
shows  quite  clearly  the  change  of  pressure  distribution  due  to  flap  oscillation,  especially  the  move¬ 
ment  of  the  shock  and  the  change  in  shock-strength. 


In  figure  18  the  calculated  movement  of  the  shock  on  the  airfoil  is  compared  with  experiments.  The  method 
used  is  the  time-marching  method  by  YOSHIHARA  |7bj  ;  experiments  are  taken  from  TIJDEMAN  | 88 | .  Although  the 


most  comprehensive  method  has  been  used  without  and  with  consideration  of  viscous  effects,  no  acceptable 
- agreement  between  theory  and  experiment  can  be  achieved.  It  must  however  be  beared  in  mind  that  the  shock 
location  is  a  very  sensitive  criterion  for  the  quality  of  methods. 

Let  us  have  a  look  on  the  load  and  pressure  distributions.  Figure  19  shows  a  comparison  of  theory  and  ex¬ 
periment  for  a  subcritical  and  a  supercritical  case.  The  theories  used  are  the  subsonic  thin  airfoil  theo¬ 
ry  and  the  transonic  relaxation  method  after  LHLKRS  |69|.  For  the  subsonic  case  the  magnitude  of  Ac  is 
given  very  badly  by  the  transonic  theory;  on  the  other  hand  at  M  =  0.85  the  specific  feature  of  the^moving 
shock  is  predicted  qualitatively  quite  well,  but  the  absolute  value  is  overestimated.  Also  in  phase  shift 
there  are  remarkable  discrepancies.  Figure  20,  which  gives  results  from  the  relaxation -method  by  FRITZ 
| 74 |  shows  the  same  tendency. 

All  these  discrepancies  may  have  several  reasons  as 

•  inadequacy  of  the  small  perturbation-approach 

•  inadequacy  of  the  shock-treatment  in  the  theory 

•  separation-effects  at  the  foot  of  the  shock  or  at  the  trailing  edge 

•  Reynolds  number  influence. 

These  deficiencies  are  only  partially  typical  unsteady  effect.  In  fact  the  steady  case  already  exhibits 
most  of  the  difficulties  cited.  This  can  be  seen  in  figure  21  where  the  hinge-moment  over  the  flap  deflec¬ 
tion  for  the  NACA  64AOOO  airfoil  at  M  =  0.95  is  given  for  the  steady  case.  Due  to  different  shock-arrange¬ 
ments  on  upper  and  lower  surface,  the  lift-slope  exhibits  highly  nonlinear  characteristics. 

Unsteady  flap  deflection  creates  an  unsteady  movement  of  the  shock  on  the  airfoil.  Tijdeman  has  observed 
three  different  types  of  shock  movement  |88j: 

type  A:  sinusoidal  shock-wave  motion.  In  this  case  the  shocks  on  the  upper  and  lower  surface  move  in 
sinusoidal  mode  in  antiphase. 

type  B:  interrupted  shock-wave  motion.  The  motion  is  characterized  by  the  disappearance  of  the  shock 
during  a  part  of  its  backward  motion.  Figure  18  shows  the  location  for  this  type  as  observed 
in  experiment.  The  calculation  shows  type  A. 

type  C:  upstream  propagated  shock  wave  motion.  This  type  is  especially  observed,  when  the  flow  is  just 

supercritical.  The  shock  moves  upstream  first  increasing  in  strength,  then  weakening  and  finally 
leaving  the  airfoil  from  the  leading  edge. 

This  phenomenology  may  show  what  difficulties  arise  in  transonic  unsteady  flow.  These  effects  may  lead  to 
highly  nonlinear  behaviour  of  the  coefficients  and  derivatives. 

Another  nonlinear  effect  is  given  in  figure  22.  where  eg  over  the  medium  flap  deflection  angle 
is  shown  ; 89 ,  *  Linear  theory  would  suggest  that  there  is  no  dependence.  The  figure  demonstrates  however 
that  there  is  an  influence  already  at  low  speed  (M  =  0.3J,  an  effect  which  increases  at  high  subsonic 
Mach  numbers.  This  effect  must  be  attributed  to  viscous  interaction  which  has  not  been  investigated  up 
to  now  in  detail. 

That  there  is  a  strong  viscous  effect,  especially  in  the  transonic  flow  regime  shows  figure  25,  where 
experimental  results  for  a  small  aspect  ratio  tapered  wing  with  trailing  edge  flap  compared  with  theory 
are  given.  The  figure  shows  the  Cy  and  cij  over  Mach  number  with  Reynolds  number  as  parameter  |90|. 

These  results  demonstrate  quite  clearly  the  important  influence  of  the  Reynolds  number.  It  can  be  con¬ 
cluded  that  low  Reynolds  number  experiments  may  be  misleading  for  the  estimation  of  flight  performance. 

It  must  be  mentioned  that  all  experimental  results  presented  here  have  been  achieved  in  the  Reynolds 
number  range  up  to  5  •  106 .  Since  this  is  a  very  critical  range  discrepancies  between  theory  and  experiment 
should  not  always  be  attributed  to  inaccuracies  of  the  theory. 


4.  SUI’lRSOMC  ATTAUILD  FLOW 
4 . I  Basic  equations 

As  in  the  subsonic  case  the  pure  supersonic  flow  can  be  treated  by  linearized  theory.  This  allows  all  the 
simplifications  implicated  with  a  linearized  treatment  as  discussed  for  subsonic  flow.  The  basic  equation 
for  steady  flow  is 

(M2  -  "  *yy  "  *«  =  0  (9) 

The  linearized  potential  equation  for  the  unsteady  case  is  identical  to  subsonic  case 

.2 


v2*  -  ^  [ft +  u  k]  *  -  0 


(10) 


When  the  Mach  number  comes  near  I  or  exceeds  5  nonlinear  terms  of  the  full  potential  equation  have  to  be 
taken  into  account.  Linear  theory  also  fails  in  areas,  where  shock-waves  impinge  with  the  surface. 


4.Z  Outline  of  the  methods 

According  to  the  type  of  equation  to  be  solved  two  different  types  of  methods  must  be  distinguished 
(figure  24) 


•  singularity-methods  for  the  solution  of  the 
linear  potential  equation 

•  field-methods  for  the  solution  of  the  potential- 
equation  with  nonlinear  terms  or  the  Euler  equations. 


Singularity-methods :  As  in  subsonic  flow,  the  potential-equation  can  be  transferred  into  an  integral -equa¬ 
tion  which  is  the  basis  of  all  supersonic  theories.  Special  features  of  supersonic  theory  are 


•  range  of  dependence:  only  the  area  of  the  Mach-cone 
in  front  of  the  pivot-point  has  an  influence  on  the 
flow  condition  in  the  pivot  point 


•  subdivision  between  sub-  and  supersonic  edges: 
subsonic  edges  have  a  singular  behaviour  different 
from  the  supersonic  case.  When  there  is  a  supersonic 
edge,  there  is  no  mutual  dependence  of  upper  and 
lower  side  of  the  wing  around  this  edge. 


There  exist  several  different  formulations  to  treat  the  supersonic  problem.  Among  others  the  most  important 
are 

•  integration  of  the  downwash  |91|,  |92] 

•  integration  of  the  velocity  potential  j  93 1 ,  1 94 1 

•  acceleration  potential  |95|. 


All  three  formulation  have  their  special  merits.  There  are  also  several  ways  integrating  the  range  of  in¬ 
fluence.  The  most  important  are  given  in  figure  25 .  covering 

•  square  boxes  |96| 

•  Mach  boxes  1 93 1 ,  1 95 1 ,  1 97 1 

•  characteristic  boxes  j 9 1 1 ,  |92| 

•  boxes  adjusted  to  wing  geometry  |98|,  ] 99 1  . 


No  best  choice  can  be  given,  since  this  depends  often  from  geometry  and  range  of  Mach  number.  All  these 
techniques  give  appropriate  results  if  the  evaluation  for  each  box  is  done  in  a  proper  way. 


Field-methods :  For  a  more  refined  analysis  of  the  supersonic  flow  of  complex  configurations  methods  must  be 
used  which  base  on  a  potential  equation  with  the  most  important  nonlinear  terms,  the  full  potential  equa¬ 
tion  or  even  the  Euler  equations  abandoning  the  concept  of  isentropic  flow.  Such  methods  -  at  this  time  in 
the  status  of  development  -  are  finite  difference  |100|  and  finite  volume  techniques  | 101 [ .  Up  to  now  none 
of  these  methods  has  been  used  for  the  prediction  of  control  effectiveness. 


4.3  Discussion  of  results 

For  steady  flow  figure  26  shows  results  evaluated  with  the  fl exstab-program  1 102 | ,  a  program-set  developed 
by  BOEING  and  NASA,  which  contains  elements  of  the  theories  described  in  1 35  f  and  |99|  for  subsonic  and 
supersonic  flow.  The  results  show  quite  good  agreement  in  the  subsonic  part,  except  at  the  hinge-line  where 
some  deviations  occur.  The  supersonic  case  exhibits  good  accuracy  on  the  main  wing  but  rather  large  dis¬ 
crepancies  for  the  load  on  the  flap,  although  the  tendency  is  given  in  the  right  manner. 

An  unsteady  result  is  given  in  figure  27  for  a  swept  wing  with  an  oscillating  flap  at  a  low  supersonic 
Mach  number  | 103 | .  Here  results  of  theory  and  experiment  are  conpared  in  four  spanwise  sections.  The  theo¬ 
ries  used  are  lifting  surface  theory  after  SADLER  and  ALLEN  [ 93 |  (BAC  method)  and  an  extension  of  STARK's 
theory  |92|  (MBB  method).  As  can  be  seen  the  calculated  load  distribution  on  the  rear  part  of  the  wing 
agrees  quite  well  with  the  measurements. 

For  the  same  wing  figure  28  shows  the  lift  coefficient  and  the  hinge  moment  due  to  flap  oscillation  over 
the  reduced  frequency.  Although  the  discrepancies  in  the  real  part  of  the  coefficients  go  up  25$,  fair 
agreement  between  the  two  theories,  which  give  nearly  identical  results,  and  experiment  is  obvious. 

A  genera]  comparison  of  methods  for  unsteady  subsonic  and  supersonic  flow  has  been  given  by  WOODCOCK  | 104 | . 


5.  LEADING  EDGE  VORTEX  FLOW 

Among  separated  flows  leading  edge  vortex  flew  as  it  occurs  on 

•  slender  delta  wings  and  on 

•  strakes 


is  a  phenomenon  that  can  be  used  in  flight  since  this  flow  exhibits  favorable  nonlinear  lift  effects.  Com¬ 
prehensive  information  on  this  type  of  flew  is  given  in  | 105 | . 


Methods  based  on  potential  theory  have  been  established  to  solve  the  vortex  flow  field  above  slender  wings. 
j  —  l  C  Ihree  different  approaches  have  been  developed  ( figure  29) 

•  leading  edge  suction  analogy  |106|,  | 107 | 

•  vortex-lattice  method  | 108 | ,  j 1 09 | ,  | 1 1 0 | 

•  free  vortex  sheet  method  1 1 1 1 1 . 

The  first  method  only  gives  overall  forces  and  moments,  the  vortex-lattice  some  information  on  the  load 
distribution  of  the  wing,  while  the  free  vortex  sheet  method,  which  is  a  higher  order  panel  method  gives 
detailed  results  of  the  pressure  distribution. 

figure  50  shows  the  discretization  after  the  vortex-lattice  method  for  a  rectangular  wing  of  small  aspect 
ratio.  As  in  plain  flow  case  the  wing  itself  is  subdivided  into  a  number  panels  with  appropriate  horseshoe- 
vortices  and  pivot-points.  While  the  trailing  vortices  in  general  leave  the  wing  at  the  trailing  edge, 
those  vortices  which  originate  from  the  wing  tip,  roll  up.  The  figure  shows  quite  clearly  this  rolling-up 
process  of  the  different  trailing  vortices  originating  from  the  tip. 

Steady  results  for  a  highly  swept  wing  with  trailing  edge  flap  achieved  with  the  vortex-sheet  method  are 
given  in  figure  31  | 1 1 2 | .  The  comparison  with  experimental  data  shown  for  two  sections  exhibits  fair 
agreement  between  theory  and  experiment.  Nevertheless  it  can  be  seer  that  there  remain  discrepancies 
especially  due  to  secondary  separations,  which  are  not  taken  into  account  in  theory. 

Since  the  rolling-up  is  an  iteration-procedure,  this  process  can  be  interpreted  to  be  an  unsteady  effect. 
This  has  been  done  by  j 1 1 3 [  and  J 114) .  figure  32  shows  the  development  of  the  lift  coefficient  with  time 
for  a  sudden  setting  in  motion.  This  example  is  given  for  a  rectangular  wing  of  small  aspect  ratio  at  high 
angle  of  attack.  The  two  theories  after  REHBAQI  (lower  and  higher  order}  j  1 1 3 j  are  compared  with  theoreti¬ 
cal  results  after  BEL0TSERK0WSK1 1  [ 1 1 5 j .  Experimental  results  are  not  available  for  this  case. 


b .  SEPARATED  PLOW  WITHOUT  PRIMARY  STRUCTURES 

Attached  flow  can  be  tackled  with  potential  theory  as  has  been  shown  in  the  chapters  2  to  4 .  Even  separa¬ 
ted  flow  with  free  vortex  shedding  can  be  treated  by  potential  theory  using  appropriate  models  for  the 
vortex  shedding.  In  contrast  to  this  the  generally  separated  flow  exhibits  more  difficulties  since  the 
solution  of  the  full  Navier-Stokes-equations  has  to  be  executed,  if  a  comprehensive  solution  is  required. 


Now  fully  separated  flow  in  flight  should  in  general  be  avoided  -  except  post-stall  operations  of  fighters. 
Nevertheless  there  is  urgent  need  in  the  knowledge  of  occurrence  of  separation  and  its  development  after 
its  beginning,  since  this  effects  the  loss  of  control  effectiveness.  Therefore  these  solutions  are  of 
special  importance,  but  unfortunately  only  few  methods  with  restricted  applicability  have  been  developed 
so  far.  The  theoretical  methods  can  be  subdivided  into  two  classes  (figure  35) 

•  hybrid  methods  using  potential-  and  boundary-layer  theory 

•  methods  solving  Navier-Stokes  equations . 

Whereas  the  first  class  of  methods  still  use  potential  theory  combined  with  boundary-layer  calculations 
and  some  empirical  modelling  of  the  dead  air  region,  the  second  approach  is  the  most  comprehensive  but 
also  the  roost  laborious  one  with  respect  to  computer  time . 

Hybrid_methods;  Some  methods  -  up  to  now  only  steady  approaches  -  have  been  developed  to  evaluate  the 
maximum  lift  of  single  airfoils  and  airfoils  with  flap  1 1 16 (  -  1 1 20 1 .  figure  54  shows  the  theoretical 
model  for  the  flow  past  an  airfoil  with  flap  after  JACOB  j  1 2 1 1 .  In  this  theory  a  vortex  distribution  is 
located  along  the  contour  of  the  airfoil  and  the  flaps  to  simulate  the  potential  flow.  This  potential  flow 
calculation  is  followed  by  a  boundary  layer  calculation  for  each  part  of  the  airfoil.  If  the  boundary- 
layer  calculation  indicates  separation,  beginning  from  the  point  of  separation,  a  dead  air  model  on  the 
rest  of  the  surface  is  constructed  by  a  source  distribution  located  on  the  separated  part  of  the  contour. 
Claiming  the  same  pressure  value  for  S,  T  and  U  gives  a  boundary  condition  for  the  rate  of  outflow.  The 
separation  point  depends  on  the  pressure  distribution.  Since  this  pressure  distribution  itself  is  not 
known  a  priori  but  has  to  be  evaluated,  an  iteration-process  has  to  be  started  which  has  a  good  chance 
to  converge  as  JACOB  has  shown  | 1 16 | .  Figure  34  shows  results  of  this  theory  conpared  with  experiments 
after  [  1 22 1 .  As  can  be  seen  quite  good  agreement  is  achieved  not  only  for  the  slope  of  the  lift  curve  but 
also  for  the  lift  maximum. 

A  different  approach  for  an  airfoil  with  a  spoiler  based  on  the  conformal-mapping  technique  has  been  given 
by  PARKINSON  |  I23|  .  In  figure  55  results  of  this  theory  are  conpared  with  experimental  results.  The  agree¬ 
ment  is  quite  good  except  in  front  of  the  spoiler,  where  obviously  a  second  separation  area  occurs  which 
cannot  be  treated  with  this  theory. 

Figure  36  shows  the  normalized  lift  and  pitching  moment  coefficient  after  a  sudden  erection  of  the  spoiler 
1 124!.  Figure  37  gives  information  on  the  stability  derivatives  Cw,5  and  Cj,$  in  dependence  of  the  reduced 
frequency  k.  In  the  range  of  practical  interest  0.1  <  k  <  1  both  derivatives  have  regular  stable  behaviour. 
Experimental  results  to  back  up  this  theoretical  work  have  not  been  provided. 

Using  the  2D  characteristics  of  an  airfoil  respectively  airfoil  plus  flaps  the  high  lift  performance  of  a 
3D  wing  of  moderate  and  large  aspect  ratio  can  be  evaluated  after  the  method  of  WELTE  | 1 25 | . 


Soluti°n_of_the_Navier;Stokes_equatigns:  At  least  the  solution  of  the  Navier-Stokes  equation  provides  re-  . 
suits  ?or  partly  and  fully  separated  ?low.  A  survey  of  solutions  of  the  Navier-Stokes  equations  is  given  ' 

in  1 126 1 .  But  this  is  no  well  established  technique  for  general  cases.  There  arise  difficulties  in  the 
solution  especially  of  those  cases  relevant  for  practical  application.  The  following  statements  can  be 
given: 

•  most  of  the  solutions  provided  up  to  now  deal  with 
laminar  flow 

•  the  calculation  in  the  turbulent  flow  regime  requires 
models  for  turbulence.  Only  some  very  crude  models 
are  available  up  to  now 

•  the  computer  time  for  the  solution  of  the  Navier-Stokes 
equations  for  practical  cases  is  extremely  high. 

Therefore  calculations  of  practical  interest  as  on  airfoils  at  high  Reynolds  numbers  are  scarce.  One  prac¬ 
tical  method  has  been  given  by  DEIWERT  [127|  who  calculated  the  transonic  separated  flow  past  an  airfoil. 
figure  38  shows  a  comparison  between  this  theory  and  experiment  for  a  NACA  0012  airfoil  which  shows  con¬ 
siderable  discrepancies.  STtGER  and  BAILEY  j 1 28 [  have  developed  an  alternative  approach  to  deal  with  the 
unsteady  flap  deflection  and  give  pilot  results  for  transonic  aileron  buzz  which  compare  fairly  well  with 
experiments . 

7.  CONCLUSIONS 

for  the  prediction  of  control-effectiveness  theoretical  methods  are  available  for  the  all  speed  ranges, 
fhe  applicability  of  these  methods  is  generally  restricted  to  attached  flow.  Separated  flow  can  only  be 
treated  in  some  specific  cases.  As  to  the  different  speed  ranges  and  flow  conditions  conclusions  as  fol¬ 
low  can  be  drawn: 

Subsonic  attached_flow: 

for  the  steady  case  powerful  singularity  methods  are  available.  Thin  wing  theory  gives  good  results  for 
the  static  lift-dependent  coefficients  of  control  devices.  Panel  methods  combined  with  boundary  layer  cal¬ 
culations  offer  the  possibility  of  detailed  inspection  of  the  flow  and  the  provision  of  drag  dependent 
data,  for  the  2D  case  efficient  approaches  on  this  basis  are  in  use.  The  3D  application  of  this  approach 
is  still  in  the  status  of  development  since  general  3D  boundary- layer  methods  with  accurate  prediction  of 
transition  and  separation  are  not  yet  available. 

for  the  unsteady  case  again  lift  dependent  data  from  thin  wing  theory  are  in  good  agreement  with  experience 
within  the  bandwidth  which  can  be  accepted  for  technical  applications .  lor  the  evaluation  of  drag-dependent 
data  unsteady  panel  and  boundary  layer  methods  have  to  be  developed.  A  difficult  problem  which  has  to  be 
solved  within  this  context,  is  the  replacement  of  the  Kutta-condition  for  the  unsteady  case. 

IISD525i(-_§5Jaci}5‘Lil2“ : 

In  contrast  to  subsonic  flow  the  theoretical  prediction  of  this  type  of  flow  exhibits  much  more  difficulties 
This  is  due  to  the  nonlinearity  of  the  basic  equations,  the  change  of  flow  type  within  the  flow  field  and 
the  occurrence  of  shocks,  for  the  solution  of  the  inviscid  flow  problem  a  number  of  different  techniques 
have  been  proposed  and  investigated.  Although  the  finite  difference  methods  seem  to  be  the  at  this  time 
most  powerful  methods  for  steady  and  unsteady  flow,  the  question  what  will  be  the  standard  technique  for 
the  future  is  still  open. 

furthermore  unsolved  problems  are  posed  by  viscous  effects.  On  those  parts  of  the  wing  where  shock -waves 
impinge  with  the  surface  and  at  the  trailing  edge,  boundary  layer  assumptions  are  no  longer  valid.  New 
approaches  have  to  be  developed  here.  Nevertheless  for  steady  flow  fairly  good  theoretical  results  have 
been  achieved  as  far  as  shocks  remain  weak,  for  the  unsteady  case  only  21)  results  have  been  provided  up 
to  now. 

Another  difficulty  that  arises  in  transonics  is  the  relative  inaccuracy  of  experimental  results  from  wind- 
tunnel.  Reynolds  numbers  of  wind-tunnel  investigations  differ  from  flight  and  wall-interference 
brings  falsification  of  the  results,  so  that  differences  between  theory  and  experiment  cannot  be  attributed 
totally  to  deficiencies  of  the  theoretical  approach. 

^2B5I22!}i2-a!!32!32'Lf  12™ : 

As  in  subsonic  flow  linear  singularity  methods  give  useful  results  for  technical  application  purposes  as 
far  as  lift  dependent  coefficients  ;  re  concerned.  More  accurate  field  methods  are  in  the  status  of  being 
developed,  but  the  computational  amount  for  this  type  of  approach  is  much  higher.  Viscous  correction  have 
only  been  used  to  a  small  extent. 

Leadlng_edge_vortex_ flow : 

Theoretical  results  for  this  type  of  flow,  which  is  of  special  importance  for  fighter  type  aircraft,  is 
available  only  for  simple  configurations,  first  results  for  wings  with  control-surfaces  are  given,  (iencr- 
ally  it  has  to  be  mentioned  that  methods  for  this  type  of  flow  are  still  in  development  and  theoretical 
results  have  to  be  taken  with  great  care.  So  secondary  vortices  are  up  to  now  not  taken  into  account. 

Separated  flow  without  primar^^structures : 

The  general  problem  of  separated  flow  on  a  3D  wing,  which  is  of  great  importance  for  the  determination  of 
loss  of  control  efficiency,  is  up  to  now  unsolved.  Up  to  now  only  methods  for  detail-problems  as  airfoils 


at  stall  and  multi-component  airfoils  at  high-lift  condition  are  available  on  the  basis  of  potential  theory 
—  I  3.  plus  boundary  layer  plus  modelling  of  the  separated  areas.  These  methods  have  up  to  now  not  been  extended 
to  31)  flow. 

The  most  comprehensive  but  also  most  laborious  approach  is  the  solution  of  Navier-Stokes  equations,  which 
is  a  long-term  aim. 

Both  approaches  especially  the  second  one  need  detailed  theoretical  and  experimental  investigation  with 
respect  to  the  quasisteady  ana  unsteady  structure  of  separated  regions. 
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Fig.  3:  Methods  for  subsonic  flow 
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10:  Comparison  theory  -  experiment  for  a  thin  airfoil  with  oscillating 
flap  at  subsonic  and  transonic  speed  (adapted  from  1 881) 
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Fig-  17;  Unsteady  upper  surface  pressure  distribution  of 
an  airfoil  with  oscillating  flap  at  transonic 
speed  (adapted  from  |73|) 
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Fig-  18:  Shock  positioning  on  an  airfoil  due  to  an  oscillating  flap 
(adapted  from  |76|) 
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Fig-  19=  Comparison  theory  -  experiment  for  an  airfoil  with  oscillating 
flap  at  transonic  speed  (adapted  from  |88|) 
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Fig.  21:  Special  flow  condition 
for  an  airfoil,  showing  a  strong¬ 
ly  nonlinear  behaviour 
(adapted  from  1 88 1 ) 


Fig.  22:  Influence  of 
the  mean  flap  deflection 
on  the  unsteady  lift  co¬ 
efficient  due  to  flap 
oscillation 
(adapted  from  |89|) 
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(adapted  from  | 1 1 2 | ) 


—  HYBRID  METHODS 


—  SOLUTION  NAVIER-STOKES  EQUATIONS  O  O  O  O 

Fig.  33:  Methods  for  separated  flow  without  primary  structures 
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Fig.  34:  Comparison  theory  -  experiment  for  the  maximum  lift  of  a  multi-element 
airfoil  (adapted  from  |  121 1 J 


35:  Comparison  theory  -  experiment  for  an  airfoil  with  a  normal  spoiler 
(adapted  from  | 1 23 | J 
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Fig.  56:  Calculated  lift  and  pitching  moment 
of  an  airfoil  after  a  sudden  erec¬ 
tion  of  the  spoiler 
(adapted  from  | 1 24 | ) 


Fig.  37:  Calculated  derivatives  for  an 
oscillating  spoiler 
(adapted  from  j 1 24 | ) 
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SUMMARY 

The  advent  of  Active  Control  Technology  means  that  the  aircraft  designer 
needs  as  much,  if  not  more,  knowledge  of  control  characteristics,  with  more 
emphasis  on  maximum  control  power  and  actuating  force  or  moment  than  for  the 
previous  generation  of  aircraft.  Much  of  the  systematic  testing  of  conven¬ 
tional  control  surfaces  was  done  over  twenty  years  ago,  and  on  this  work  rests 
the  current  design  methods.  A  bibliography  of  control  data  has  been  compiled , 
and  data  from  this  source  and  for  current  aircraft  are  used  to  provide 
material  for  discussion,  principally  to  describe  trends  and  to  highlight  gaps 
in  knowledge.  Both  direct  and  indirect  effects  for  a  range  of  conventional 
and  unconventional  motivators  are  included.  Maximum  control  power  at  the 
extremes  of  the  flight  envelope  is  particularly  emphasised,  since  that  avail¬ 
able  at  high  angle  of  attack  and  high  subsonic  speed  is  likely  to  be  the 
critical  design  case.  The  indirect  and  coupling  effects  are  also  more  marked 
at  high  angle  of  attack  and/or  high  control  deflection,  and  are  of  importance 
in  the  control  system  design.  Hinge  moment  characteristics  are  described, 
although  experimental  data  published  recently  are  sparse.  Some  thought 
is  given  to  the  means  of  generating  required  control  powers  for  the  new  air¬ 
craft  configurations  made  possible  by  ACT,  and  to  the  integration  of  the 
motivators  in  the  control  system. 


I  INTRODUCTION 

When  one  views  the  evolutionary  path  of  the  aeroplane  one  is  immediately  struck  by  the  fact  that  at 
any  stage  in  the  process  the  attributes  of  controllability  and  stability  are  of  paramount  importance  to  the 
vehicle's  handling  qualities.  The  interwoven  relationship  of  these  two  properties  of  the  aircraft  system 
only  emphasises  this  and  makes  clear  the  important  role  the  control  surfaces  or  motivators  played 
throughout. 

This  point  is  made  more  graphically  in  Fig  1 ,  which  illustrates  the  structuring  of  the  control  system 
of  the  aircraft  at  three  stages  in  its  evolution.  Firstly,  for  the  simple  unaugmented  aeroplane  with  its 
direct  mechanical  link  between  pilot  and  motivator,  the  control  surfaces  or  motivators*  are  important  in 
allowing  the  pilot  to  impose  his  will  on  the  path  the  aircraft  follows  by  means  of  its  response  to  applica¬ 
tion  of  one  or  more  motivators.  Additionally  the  motivators  can  influence  the  stability  with  the  controls 
freed,  but  the  other  aerodynamic  parameters  are  of  at  least  equal  significance.  The  pilot  had  to  co¬ 
ordinate  his  control  inputs  to  produce  the  desired  response  within  the  prescribed  levels  of  stability. 

Next  comes  the  aircraft  in  which  the  usual  motivators  are  used  to  augment  or  modify  the  stability  and 
controllability.  At  this  stage  the  augmentation  amounted  in  effect  to  adding  damping  to  the  longitudinal 
and  lateral  oscillatory  modes  of  motion  and  shaping  the  response  to  the  motivators  as,  for  instance,  in  the 
so-called  manoeuvre-demand  systems.  Successful  design  now  shows  increased  dependence  on  the  characteristics 
of  the  motivators  and  hence  on  the  knowledge  needed  to  achieve  the  desired  characteristics.  It  was  the 
adoption  of  power  operation  of  the  motivators  coupled  with  feasibility  of  introducing  servo-systems  that 
made  this  step  possible. 

Thirdly,  we  come  to  the  aircraft  of  current  interest,  in  which  the  flying  qualities  are  enhanced  in 
many  directions  (relaxed  stability,  de-coupling  of  degrees  of  freedom,  load  alleviation  and  or  limitation 
etc)  by  utilizing  not  only  the  usual  motivators  used  for  flying,  but  also  additional,  and  perhaps  more 
specialized,  motivators  to  the  full.  This  step  required  the  abandoning  of  the  mechanical  link  (that  is, 
the  system  becomes  a  'fly-by-wire*  system)  and  the  emergence  of  the  on-board  computer.  The  resulting  air¬ 
craft  has  been  referred  to  as  a  ’control-configured  vehicle*  or  'an  active  control  technology  aircraft*, 
this  latter  term  in  reference  to  the  nature  of  the  technology  on  which  it  rests.  Neither  term  is  entirely 
satisfactory  but  we  do  not  propose  to  explore  that  question  here.  The  dependence  of  the  design  on  motiva¬ 
tor  characteristics  has  increased  even  further  and  may  even  dominate  particularly  in  the  design  of  an  air¬ 
craft  control  system  which  aims  to  be  adaptive. 

Three  aspects  of  the  characteristics  of  motivators  are  reviewed  here,  (i)  the  direct  force  and 
moment  produced  by  activation  of  the  motivator,  expressed  both  as  effectiveness  (force  or  moment  per  unit 
deflection)  and  as  maximum  power  (maximum  force  or  moment  produced),  and  classified  in  section  2  according 
to  the  desired  aircraft  response,  (ii)  the  indirect  forces  and  moments  also  produced,  which  are  discussed 
in  section  3,  and  (iii)  the  actuating  force  or  moment  (usually  hinge  moment),  in  section  4.  It  is  judged 
that  all  these  characteristics  need  to  be  known  for  the  design  and  assessment  of  control  systems,  but  the 
relative  degree  of  accuracy  needed  is  not  considered  in  this  paper. 

Maximum  control  power  at  the  extremes  of  the  flight  envelope  comes  in  for  special  scrutiny,  since  that 
available  at  combined  high  angle  of  attack  and  high  subsonic  Mach  numbers  is  likely  to  prove  the  critical 
design  case.  Comparisons  of  the  behaviour  of  different  types  of  motivator,  as  either  of  these  two  flight 
parameters  is  changed,  are  made.  Of  equal  importance  in  the  design  of  an  active  control  system  are  the 


*  The  term  'motivator*  is  used  to  describe  all  types  of  surfaces,  jets,  etc  used  to  control  an  aircraft. 


indirect  effects,  eg  the  yawing  moment  due  to  aileron,  or  pitching  moment  due  to  spoiler.  These  tend  to 
become  more  marked  at  high  angles  of  attack  for  most  motivators,  as  do  also  the  coupling  effects  between  two 
control  actions  (eg  moments  due  to  combined  symmetrical  (elevator)  tailplane  deflection  and  differential 
tail  deflection)  and  between  a  motion  parameter  and  a  control  deflection  (eg  moments  due  to  combined  side¬ 
slip  and  symmetrical  tailplane  deflection). 

With  an  increase  in  the  number  of  motivators  in  use  plus  the  fact  that  some  active  control  functions 
will  demand  high  rates  of  actuation,  an  increased  emphasis  needs  to  be  put  on  the  measurement  of  (and 
possibly  the  reduction  of)  the  hinge  moments  (or  actuating  force)  and  hence  the  power  needed  to  operate  the 
mot ivators . 

Much  of  the  systematic  testing  of  the  conventional  control  surfaces,  aileron,  elevator  or  tailplane 
and  rudder,  was  done  over  twenty  years  ago  and  on  this  work  rests  the  design  methods  given  in  the  ESDU  Data 
Items  and  in  DATCOM.  More  recently  data  have  been  acquired  on  an  ad  hoc  basis  for  particular  configura¬ 
tions.  In  order  to  define  a  starting  point  for  this  review  of  ’recent  experimental  data1,  it  has  been 
assumed  that  the  DATCOM  (J970)*  and  ESDU^  methods  incorporate  empirical  factors  from  data  up  to  I960,  so 
that  papers  published  before  I960  have  not  been  studied.  An  extensive  Bibliography^  which  includes  earlier 
reports  has  been  compiled  at  the  RAE,  and  is  to  be  published  separately. 

Examples  of  typical  results  are  taken  from  the  papers  listed  in  the  Bibliography  (1960-1978),  or  from 
unpublished  data  on  current  aircraft  designs,  to  illustrate  general  characteristics.  Results  for  both  com¬ 
bat  and  transport  aircraft  are  included,  with  more  emphasis  on  the  former,  up  to  Mach  numbers  of  2.0.  The 
control  characteristics  of  the  many  STOL  configurations  are  considered  to  be  too  dependent  on  the  parti¬ 
cular  design  to  merit  discussion  in  this  general  review,  and  so  motivators  for  specific  V/STOL  operations 
are  omitted.  Comparisons  of  the  experimental  data  with  estimated  values  have  not  been  made,  but  it  was 
observed  that  the  estimation  methods  of  Refs  I  and  2  often  introduce  empirical  factors  based  on  experi¬ 
mental  data  for  aircraft  and  control  configurations  which  are  very  different  from  those  being  considered 
currently,  to  which  they  are,  therefore,  not  necessarily  applicable.  The  resulting  gaps  in  knowledge  are 
noted  in  section  2,  but  no  attempt  has  been  made  to  correlate  the  more  recent  data  presented  here. 

Although  some  results  from  full-scale  flight  experiments  are  included  in  this  review,  most  of  the 
experimental  data  on  control  characteristics  are  obtained  from  wind-tunnel  tests,  and  this  is  necessarily 
so  at  the  design  stage  of  an  aircraft.  Thus  the  implications  in  wind-tunnel  testing  have  to  be  considered, 
and  are  discussed  in  section  5  under  the  headings,  Reynolds  number,  aeroelasticity ,  unsteady  flows  and 
dynamic  effects,  and  interference  and  coupling  effects.  In  section  6,  some  thought  is  given  to  the  impli¬ 
cations  in  the  design  of  active  control  systems.  An  overall  assessment  is  made  of  the  status  of  the 
experimental  data  on  control  characteristics,  and  of  the  possible  methods  of  increasing  control  effective¬ 
ness.  It  is  suggested  that  control  studies  need  to  be  made  to  see  how  far  existing  motivators  fulfil  the 
needs  of  the  separate  functions  of  active  control  systems,  and  that  further  aerodynamic  research  is 
required  to  open  up  new  possibilities. 

2  DIRECT  EFFECTIVENESS 

In  view  of  the  changing  emphasis  brought  about  by  the  use  of  active  control  systems,  it  was  decided 
to  arrange  the  description  of  the  experimental  data  according  to  the  resulting  aircraft  response,  rather 
than  according  to  the  type  of  control  surface.  The  pitching,  rolling  and  yawing  moments  are  considered 
first,  as  conventional  aircraft  are  contr 'lied  by  applying  moments  via  the  basic  motivators,  elevator, 
aileron  and  rudder  respectively.  Other  motivators  have  been  developed  to  increase  effectiveness,  and  they 
are  included  in  the  appropriate  section.  However,  it  is  unclear  at  present  whether  horizontal  canards 
will  be  used  primarily  to  generate  pitching  moment  or  direct  lift,  and  so  the  experimental  results  for 
canard  deflections  are  reviewed  in  both  sections  2.1  and  2.4.  The  generation  and  use  of  direct  lift  and 
direct  sideforce  are  comparatively  new  concepts,  and  new  types  of  motivators  are  required,  particularly 
moving  canards.  The  characteristics  of  flaps  are  also  described  in  section  2.4,  and  the  discussion  of 
direct  lift  has  been  broadened  to  include  the  important  topic  of  maximum  usable  lift.  This  defines  the 
manoeuvring  capability  of  combat  aircraft,  and  the  maximum  benefit  of  aerodynamic  and  control  system 
features  is  achieved  only  if  the  design  takes  due  account  of  all  these  factors,  which  are,  therefore,  also 
relevant  to  our  discussion. 

The  data  have  been  collected  from  various  sources,  and  as  presented  in  the  original  reports  use 
various  notations.  In  order  to  avoid  ambiguity,  it  was  decided  to  present  the  data  here  using  British 
notation,  viz  a  symbol  for  motivator  deflection  according  to  the  resulting  response,  but  a  suffix  is  added 
to  denote  the  type  of  surface.  Thus,  n  is  used  for  the  deflection  of  motivators  producing  mainly  pitch¬ 
ing  moment,  r  for  rolling  moment,  r,  for  yawing  moment,  and  6  for  lift*,  so  that,  eg  nx  is  used  for 
tailplane  deflection,  and  £g  for  spoiler  deflection  if  the  spoiler  is  used  to  generate  rolling  moment.  A 
full  list  is  given  in  Table  I,  for  the  motivators  considered  in  this  report,  together  witli  the  equivalent 
American  notation.  For  added  clarity  the  control  derivatives  are  written  in  full,  eg  ';Cm/  n*r  is  the 
pitching  moment  due  to  tailplane  derivative,  and  the  motivator  deflections  are  expressed  in  radians  rather 
than  degrees. 

2.1  Pitching  moment 

Pitching  moments  need  to  be  applied  to  an  aircraft  for  two  reasons,  namely,  to  trim  the  aircraft  and 
to  enable  it  to  be  manoeuvred  away  from  a  given  trimmed  state. 

For  much  of  its  history  the  aeroplane  has  been  equipped  with  an  aft  tail  for  this  purpose,  which 
provides  the  pitching  moments  by  generating  lift  at  an  appreciable  distance  from  the  aircraft’s  centre  of 
gravity,  by  deflection  of  part  or  the  whole  of  the  tail  chord.  For  the  aft-tail  arrangement  the  presence 
of  the  wing  exerts  a  powerful  influence  on  the  efficiency  of  the  pitch  motivator  (elevator  or  all-moving 
tail)  according  to  the  tailplane’s  position  relative  to  the  wing  wake.  The  latter  alters  in  character  and 

*  No  particular  symbol  has  been  suggested  for  sideforce  motivators,  and  it  was  not  found  necessary  to 
introduce  one  in  this  report. 


position  with  the  angle  of  attack  of  the  wing.  There  is  a  direct  effect  through  the  kinetic  pressure  of 
the  local  flow  around  the  tail  and  the  indirect  effect  through  the  downwash,  which  determines  the  effect-  < 
ive  angle  of  attack  of  the  tailplane. 

In  contrast  the  canard  operates  in  virtually  free-stream  conditions  (no  reduction  in  kinetic 
pressure),  but  there  can  still  be  significant  interference  effects  between  wing  and  canard  when  the  latter 
is  deflected.  The  effective  angle  of  attack  of  a  foreplane  or  canard  is  the  sum  of  the  angle  of  attack  of 
the  aeroplane  and  the  upwash  caused  by  the  flow  field  of  the  wing.  Hence  the  lift  generated  by  the  trail- 
ing-edge  down  or  positive  deflection  of  the  canard  is  limited  by  stalling  of  the  aerofoil  surface. 

It  is,  of  course,  possible  to  dispense  with  the  use  of  the  tail  surface  of  either  kind.  In  this  case 
the  trim  and  control  functions  of  the  pitch  motivator  have  to  be  incorporated  into  wing-mounted  devices. 

The  most  common  of  these  is  the  elevon. 

The  lift  and  drag  associated  with  provision  of  the  pitching  moments  needed  to  trim  the  aircraft  can 
penalize,  or  otherwise,  the  maximum  lift  coefficient  and  the  maximum  lift  to  drag  ratio  for  trimmed  flight . 
The  extent  to  which  the  aircraft* s  performance  is  affected  in  this  way  depends  upon  the  degree  of  static 
stability  it  inherently  possesses.  This  in  its  turn  depends  upon  the  speed  regime. 

Hitherto,  the  aircraft  designer  has  in  the  main  opted  to  choose  a  compromise  solution  in  this  matter 
of  trim,  control  and  stability.  There  has  been  the  occasional  exception  such  as  the  solution  adopted  for 
the  Concorde  aircraft,  in  which  the  aircraft*s  centre  of  gravity  is  adjusted  in  flight  by  pumping  fuel  from 
one  set  of  tanks  to  another.  The  concept  of  relaxed  static  stability,  that  is,  removing,  to  a  greater  or 
lesser  degree,  the  insistence  on  having  inherent  static  stability,  introduces  a  new  dimension  into  the 
design  process.  At  the  same  time  it  imposes  new  demands  on  the  pitch  motivators  as  the  level  of  stability 
must  be  restored  using  an  active  control  system.  New  design  aims  emerge  and  these  will  differ  in  the 
emphasis  they  will  place  on  lift,  lift-drag  ratio  and  manoeuvring  power  of  the  pitch  motivator  according  to 
the  type  of  aircraft.  At  this  stage  in  our  knowledge,  this  new  development  does  not  favour  any  of  the 
basic  types  of  pitch  motivators  discussed.  Since  it  is  important  to  bear  in  mind  the  interference  of  both 
canard  and  aft-tail  with  the  wing-body  flow  field,  it  is  proposed  to  discuss  the  illustrative  examples 
under  the  headings  of  tallied  aircraft,  tailless  and  canard  aircraft. 

2.1.1  Tailled  aircraft 

The  primary  pitch  control  surface  has  been  the  elevator,  evolving  to  all-moving  tailplanes  with  or 
without  elevator,  as  the  requirement  for  trim  and  control  power  at  supersonic  speeds  became  important,  and 
as  the  tail  arm  of  combat  aircraft  decreased.  The  elevator  has  been  used  extensively  in  pitch  damper 
systems,  and  more  recently  in  manoeuvre  demand  systems,  so  is  already  proved  in  some  active  control  appli¬ 
cations.  Estimation  of  the  pitch  control  derivative  in  the  linear  range  is  comparatively  straightforward, 
being  based  on  lift  curve  slope  of  the  control  surface  and  the  moment  arm,  with  empirical  corrections  for 
body  effects,  but  high  angle  of  attack  characteristics  cannot  usually  be  calculated  with  any  degree  of 
confidence. 

The  classic  characteristics  are  well  demonstrated  by  results  from  a  tunnel  model  of  a  current 
fighter  concept^,  which  has  a  cambered  sweptback  wing  and  cambered  fuselage  designed  for  optimum  cruise  and 
manoeuvre  performance  at  M  =  1.4.  For  the  given  reference  centre  of  moments,  the  configuration  is  just 
stable  for  M  '  1  (Fig  2),  with  pitch  down  tendency  at  high  ,  and  is,  of  course,  more  stable  for 
M  >  l  .  The  controt  derivative,  iC^/  -nx  »  shown  in  Fig  2b,  is  a  maximum  in  the  transonic  region,  but  re¬ 
duces  rapidly  as  speed  increases  further,  so  that  its  value  at  M  =  2  is  half  that  at  M  =  0.5.  For  this 
low  tail  position,  Cm/  *ht  is  not  much  affected  by  increase  of  (or  a)  up  to  =  0.8  ,  throughout 

the  Mach  number  range.  These  results  indicate  that  the  tail  does  not  become  immersed  in  the  wing  wake 
with  attendant  loss  of  kinetic  pressure  nor  are  there  any  adverse  effects  of  angle  of  attack.  There  are 
indications,  at  subsonic  and  transonic  speeds,  that  the  tailplane  effectiveness  falls  off  at  large  negative 
deflections  (nj  <  "  15°).  At  a  Mach  number  of  1.8,  however,  the  pitching  moment  due  to  tailplane  deflection 
remains  linear  in  the  range  -15°  <  nj  <  5°.  Non-linearity  is  also  present  at  a  Mach  number  of  0.9  for  quite 
small  positive  tail  angles  in  combination  with  large  angle  of  attack.  These  results  are  fairly  representa¬ 
tive  of  those  for  a  layout  employing  a  low,  close-coupled  tail,  typical  of  the  combat  aircraft. 

In  contrast,  the  pitching  moments  for  a  high  tailplane  are  much  affected  by  adverse  wake  effects  at 
high  angles  of  attack,  as  is  well  known  from  the  superstall  problem.  A  number  of  transport  aircraft 
designs  with  high  tails  have  been  tested  and  the  results^  chosen  for  illustration  include  both  tail  and 
elevator  deflections.  At  zero  angle  of  attack  the  pitching  moment  due  to  tailplane  deflection  begins  to 
fall  off  as  the  angle  reaches  the  stall  angle  for  the  tail  surface,  see  Fig  3.  Deflection  of  the  elevator 
in  the  same  sense  increases  the  pitching  moment  and  extends  the  linear  range,  but  is  followed  by  a  more 
marked  fall-off.  As  is  to  be  expected  at  10°  angle  of  attack  the  maximum  nose-down  pitching  moment  occurs 
at  a  smaller  tailplane  angle  (nj  ^  10°).  Even  though  the  original  results  show  that  wing  stalls  at  an 
angle  of  attack  of  16  and  the  pitching  moment  characteristics  with  angle  of  attack  are  affected  beyond 
this  angle  of  attack,  the  pitching  moment  due  to  the  tail  and  elevator  at  an  angle  of  attack  of  20°  shows 
little  effect  around  zero  tail  angle,  but  the  maximum  nose-down  pitching  moment  is  now  reached  even  earlier 
(fiX  *■-  7.5  ).  At  an  angle  of  attack  of  30  ,  it  is  clear  from  the  results  shown  (Fig  3)  that  the  tailplane 
has  become  immersed  in  the  wake  thereby  operating  at  much  reduced  kinetic  pressure.  This  causes  a  large 
reduction  in  the  effectiveness  of  both  tailplane  and  elevator.  However,  the  large  downwash  over  the  tail 
unstalls  it,  resulting  in  more  linear  characteristics  (see  Fig  3). 

There  are  a  number  of  reports  giving  motivator  effectiveness  in  derivative  form,  being  the  results  of 
analysis  of  dynamic  manoeuvres  performed  in  flight.  It  is  interesting  and  instructive  to  compare  these 
results  with  their  counterparts  from  wind-tunnel  tests.  Fig  4  gives  data  for  the  F-4E  aircraft**  obtained 
from  a  well-instrumented  aircraft  and  the  use  of  a  sophisticated  computer  program  for  the  analysis.  The 
two  flight  records  analysed  cover  the  angle-of-at tack  range  5°  <  a  <  20  and  20  <  u  <  40  respectively. 
A  variation  of  the  motivator  effectiveness  is  indicated  for  the  lower  angles  of  attack,  whilst  the  results 
at  high  angle  of  attack  show  little  or  no  variation.  Also  shown  on  the  same  figure  are  results  from  two 
tunnel  tests.  One  set  shows  a  trend  with  angle  of  attack  not  dissimilar  to  that  indicated  by  the  flight 


results.  The  other  indicates  a  sharper  and  continued  drop  in  effectiveness  at  high  angle  of  attack.  At 
^  .  low  angles  of  attack  this  latter^set  agrees  reasonably  well  with  the  flight  test  results.  However,  at 

cJ  angles  of  attack  in  excess  of  30  both  sets  of  wind-tunnel  test  results  lie  numerically  well  below  the 

flight  test  result. 

Although  a  somewhat  simpler  computer  program  was  used  to  analyse  flight  data^  for  the  Kestrel  (an 
experimental  fore-runner  of  the  Harrier),  it  was  decided  to  include  these,  Fig  5,  as  they  show  dependence 
upon  another  parameter,  0j  ,  the  deflection  angle  of  the  vectored  thrust.  The  tailplane  effectiveness 
falls  off  as  the  normal  force  coefficient  (C^)  is  increased,  for  the  largest  deflection  angle  of  hi  *  30  , 
but  is  not  significantly  affected  at  the  lower  deflection  angles.  It  is  worth  noting  that  the  results  show 
a  consistent  and  plausible  trend  with  cN  .  It  was  also  stated  in  Ref  7  that  the  levels  of  tailplane 
effectiveness  are  consistent  with  the  results  obtained  for  incremental  normal  acceleration  per  tailplane 
deflection  from  parallel  flight  tests.  However,  tunnel  tests®  do  not  show  such  a  large  effect  of  deflec¬ 
tion  angles,  and  the  results  are  compared  in  Fig  5  for  the  flight  condition  M  =  0.43,  ci  ^  8°  and  with 
thrust  coefficient  of  approximately  0.2.  The  discrepancy  cannot  be  explained  without  further  data 
becoming  available,  but  could  be  partly  due  to  the  simulation  of  the  jet  engines  in  the  tunnel. 

2.1.2  Tailless  aircraft 

One  of  the  penalties  of  using  a  tailplane  on  a  supersonic  aircraft  is  the  large  trim  drag,  and  a  more 
efficient  design  results  from  discarding  the  tail.  Trailing  edge  elevators  (or  elevons)  have  then  to  be 
used  for  trim  and  control,  and  are  usually  found  to  have  well-behaved  characteristics.  Variation  of 
effectiveness  with  Mach  number  is  similar  to  that  for  tailplane  effectiveness;  for  example  Fig  6  shows 
values  of  Cm/  'ng  for  a  supersonic  cruise  fighter  concept^  (designed  for  optimum  performance  at  M  =  1.8), 
which  has  outboard  trailing  edge  elevons.  The  value  of  Cm/^nE  is  greatest  in  the  transonic  region,  and 
shows  characteristic  reduction  as  Mach  number  approaches  2. 

For  slender  wing  aircraft,  trailing  edge  controls  remain  effective  to  moderately  high  angles  of 
attack,  as  shown  by  the  tunnel  and  flight  results'^  for  the  HP  IJ5  aircraft  in  Fig  7,  where  the  slight  trend 
is  for  an  increase  of  effectiveness  as  angle  of  attack  increases  from  6  to  20  .  If  angle  of  attack  is  in¬ 
creased  until  vortex  bursting  occurs  near  the  wing,  then  some  reduction  in  elevator  effectiveness  can  be 
expected . 

2.1.3  Canard  aircraft 


As  already  mentioned  the  canard  surface  operates  in  near-f reestream  conditions.  For  present-day 
close-coupled  configurations  this  advantage  can  be  offset  by  the  fact  that  when  the  canard  is  developing 
lift  some  cancellation  of  the  lift  due  to  the  wing  occurs,  which  is  exaggerated  by  decrease  in  wing  aspect 
ratio.  This  redistribution  of  lift  causes  the  pitching  moment  due  to  the  canard  to  depart  from  that  esti¬ 
mated  on  the  basis  of  the  canard's  lift.  If  the  trimming  function  is  performed  by  the  canard,  the  deflec¬ 
tion  of  the  canard  is  in  the  trailing-edge  down  (or  positive)  sense  for  all  practical  designs.  Manoeuvring 
in  the  pull-up  sense  (increase  of  angle  of  attack)  results  in  larger  positive  angle.  .  Since  the  canard  is 
operating  at  an  effective  angle  of  attack  close  to  the  sum  of  the  angle  of  attack  and  the  canard  deflection 
the  surface  can  stall  at  moderate  angles  of  attack.  In  the  trimmed  state  there  is  the  question  of  the 
possible  penalty  of  increased  drag,  but  in  this  section  we  are  mainly  concerned  with  the  pitching  moment  a 
canard  can  produce.  Only  a  few  reports  giving  the  pitching  moments  due  to  deflected  canards  are  available, 
but  such  as  there  are  show  the  expected  trends.  Reports  which  show  how  undeflected  canards  influence  the 
behaviour  of  other  motivators  are  included  in  the  discussion  and  Bibliography. 

A  number  of  closely-coupled  canard  configurations  has  been  tested  by  NASA  covering  various  aspects  of 
the  influence  of  a  canard  surface  on  pitching  moments. 

For  the  simple  swept  canard  and  trapezoidal  swept  wing  configuration11  of  Fig  8,  the  pitching  moment 
due  to  a  10  deflection  of  the  canard  drops  off  as  angle  of  attack  or  is  increased,  becoming  zero  at 

CL  %  0.8.  The  very  small  effect  that  spriwi.se  blowing  over  the  wing  has  on  this  trend  clearly  shows  that  it 
is  a  consequence  of  the  canard  surface  stalling.  In  contrast,  spanwise  blowing  over  the  canard  results  in 
it  retaining  its  effectiveness  up  to  the  highest  lift  coefficient  tested,  1.3.  The  results  shown  in  Fig  9, 
which  refer  to  a  wing-canard  combination*^  of  somewhat  larger  sweep,  show  the  same  trends  with  lift  coeffic¬ 
ient  (or  angle  of  attack).  The  same  wing  has  been  fitted  with  trailing-edge  flaps  and  tested  in  combination 
with  a  flapped  canard  of  increased  size.  In  these  tests  the  canard  flap  was  set  at  30  and  the  canard 
deflection  and  that  of  the  wing  trailing-edge  flap  varied,  with  the  results  shown  in  Fig  10.  The  curves  for 
a  +5  deflection  of  the  canard  indicate  a  pitch-up  tendency  at  about  CL  =  1.0  ,  whilst  with  a  -5  deflec¬ 
tion  the  same  tendency  is  delayed  to  1,8.  In  both  conditions  the  canard  is  developing  upload  and  as 

we  have  already  seen  is  more  likely  to  stall  than  to  produce  lift  at  an  increased  rate,  of  Fig  8.  It  thus 
seems  probable  that  the  cause  of  the  pitch-up  is  an  adverse  interference  effect  on  the  wing,  in  which  case 
it  would  be  present  in  results  for  the  conf iguration  with  zero  canard  setting.  Unfortunately  these  are  not 
available,  but  the  fact  that  the  quoted  angles  of  attack  for  pitch-up  onset,  15  (canard  deflection  +5  )  and 
24  (canard  deflection  -5  ),  are  separated  by  almost  exactly  the  change  in  canard  deflection  supports  the 
conjecture.  This  result  emphasises  again  the  importance  of  the  canard-wing  interference  effects  and  the 
need  for  more  detailed  study.  It  is  interesting  to  note  that  the  pitching  moments  generated  by  wing 
trailing-edge  flaps  are  almost  invariant  with  the  lift  coefficient  (or  angle  of  attack).  They  are  only 
affected  to  a  small  extent  by  canard  deflection. 

In  the  light  of  previously  discussed  results,  it  is  interesting  to  examine  test  results  in  which 
pitch  control  is  by  use  of  trailing-edge  flaps  on  the  wing  alone,  keeping  the  canard  fixed.  Fig  II  shows 
results* 3  for  an  outboard  trailing-edge  flap  and  an  inboard  flap  incorporating  a  two-dimensional  nozzle 
tested  at  low  speed  on  three  configurations,  a  wing-body,  a  wing-body  with  canard  and  a  wing-body  with 
canard  fitted  with  a  strake.  Tests  were  made  at  three  values  of  the  thrust  coefficient  zero*  0.2  and  0.3. 

The  results  for  zero  thrust  coefficient  in  Fig  11a  indicate  that  the  addition  of  a  canard  at  zero  setting 
produces  an  appreciable  increase  in  the  effectiveness  of  the  wing  trailing-edge  flap  accompanied  by  an 
increase  in  the  maximum  lift  coefficient.  Improvement  in  the  control  effectiveness  extends  to  the 
increased  maximum  lift  conditions.  The  addition  of  a  strake  to  the  canard  surface  has  only  a  slight  effect. 


Near  the  limiting  lift  condition  the  wing-body  configuration  displays  a  nose-down  tendency  in  pitch. 
With  the  canard  added  this  tendency  (somewhat  exaggerated  by  canard  stall)  only  persists  in  the  zero-flap 
case.  At  all  other  flap  deflections  there  is  a  pitch-up  tendency.  This  trend  is  present  at  all  flap 
settings  for  the  canard  with  strakes.  Without  further  detailed  tests  it  is  difficult  to  analyse  the  pre¬ 
cise  nature  of  this  adverse  interference  between  canard  and  wing  at  high  angles  of  attack. 

The  objective  of  the  test  of  Ref  13  was  to  see  to  what  extent  deflected  thrust  over  the  inboard  flap 
would  alleviate  the  pitch-up  revealed  by  earlier  tests1 ^  on  the  same  model.  It  is  seen  that  with  a  thrust 
coefficient  of  0.3  the  pitching  moments  due  to  flap  deflection  shown  in  Fig  lib  are  increased  by  about  50% 
for  all  three  configurations.  Some  alleviation  of  the  pitch-up  tendencies  occurs,  but  the  improvement  is 
pmbabJy  not  sufficient  in  the  case  of  the  canard  with  strake  to  remove  anxiety  on  this  account.  Some 
tests  at  Cj  =  0.2  indicate  that  most  of  the  benefit  obtained  at  C-p  =  0.3  would  be  achieved  at  the  lower 
value  of  Cf  .  This  suggests  that  no  augmentation  above  the  boundary-layer-control  values  occurs. 
Interesting  and  illuminating  though  these  tests  results  are  they  leave  some  questions  unresolved.  In  con¬ 
trast  to  the  data  given  in  Fig  10,  the  wing  trail ing-edge  flap  is  affected  by  canard-wing  interference  at 
high  angle  of  attack.  The  reasons  may  be  sought  along  the  same  lines,  but  the  matter  is  far  from  clear. 
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The  data  on  canard  behaviour  described  thus  far  refers  to  low  Mach  number  conditions.  An  example 

is  now  considered  in  which  a  comparison  is  made  of  the  effectiveness  of  a  surface  used  as  either  a  canard 
or  an  aft-tail  control.  Both  controls  maintain  effectiveness  through  the  transonic  speed  regime  with  the 
expected  fall-off  as  the  Mach  number  increases  supersonically,  as  shown  in  Fig  12.  The  slightly  larger 
numerical  value  of  <*Cm/'  n  for  the  aft-tail  is  accounted  for  by  the  10%  longer  tail  arm,  but  the  large 
difference  in  the  numerical  values  transonically  (aft-tail  65%  more  effective  at  M  ■  0.9)  indicate  appre¬ 
ciable  adverse  interference  effects  with  the  canard. 

The  two  American  experimental  CCV  aircraft  ^  ^  have  had  canards  installed  to  allow  direct  lift  and 
direct  sideforce  modes  to  be  used,  the  YF-16  having  twin  canted  vertical  canards,  and  the  F-4  having 
separate  horizontal  and  vertical  canards.  The  manoeuvring  capabilities  of  the  CCV  versions  are  better  than 
those  of  the  basic  aircraft,  so  that  the  drag  penalty  of  the  extra  surfaces  has  been  compensated  by  the 
improved  lift  achieved.  The  added  freedoms  that  such  a  configuration,  with  both  tail  and  canards,  gives 
with  regard  to  the  choice  of  motivators  may  prove  to  be  important,  but  more  design  studies  need  to  be  made 
before  decisions  can  be  taken. 

2.2  Rolling  moment 

Because  conventional  ailerons  exhibit  a  loss  of  effectiveness  as  the  angle  of  attack  is  increased  and 
also  at  supersonic  speeds,  it  has  become  necessary  to  introduce  other  forms  of  roll  motivators  either  to 
replace  the  conventional  ailerons  or  to  supplement  them.  This  is  particularly  so  for  combat  aircraft.  The 
data  discussed  in  this  section  cover  the  various  devices  currently  in  use  and  are  arranged  according  to 
type. 

2.2.1  Ailerons 

Experimental  subsonic  sectional  data  can  be  incorporated  into  the  methods  of  estimation  of  aileron 
effectiveness  given  in  DATCOM*  and  ESDU^  series.  Application  is  restricted,  however,  to  the  linear  range. 

If  the  angle  of  attack  of  a  wing  is  increased  sufficiently  the  flow  separates  over  some  part  of  its 
span.  On  sweptback  wings  this  first  occurs  over  the  outer  span  portions,  where  ailerons  have  convention¬ 
ally  been  located  to  take  advantage  of  the  moment  arm.  Deflection  of  the  aileron  surface  in  the  same  sense 
as  the  angle  of  attack,  that  is,  positively,  aggravates  the  situation.  To  offset  these  adverse  effects, 
the  ailerons  on  some  combat  aircraft  have  been  relocated  at  mid-serai-span,  although  there  exists  a  possi¬ 
bility  of  adverse  interference  with  the  tail  through  the  use  of  this  arrangement.  That  such  a  layout  is 
only  partially  successful  is  best  illustrated  by  data  drawn  from  unpublished  data  for  a  configuration 
having  ailerons  located  in  this  manner.  The  rolling  moment  due  to  deflection  of  a  pair  of  ailerons  over 
the  angle  of  attack  range,  -10  to  +30  and  aileron  deflections  of  ±7ji0  to  ±30  are  shown  in  Fig  13  for 
four  Mach  numbers,  0.3,  0.8,  1.2  and  1.7.  At  all  Mach  numbers  the  aileron  effectiveness  does  not  drop  off 
markedly  with  aileron  deflection  even  up  to  the  largest  tested  when  the  angle  of  attack  is  small.  How¬ 
ever,  for  the  two  subsonic  Mach  numbers,  the  results  show  a  loss  of  effectiveness  at  large  angles  of 
attack  combined  with  decreasing  eff  ctiveness  at  the  larger  aileron  deflections.  Flow  separation  seems  to 
be  more  abrupt  at  a  Mach  number  of  0.8  than  it  is  at  a  Mach  number  of  0.3. 

The  usual  drop  in  the  level  of  effectiveness  is  present  in  the  results  for  Mach  numbers  1.2  and  1.7, 
but,  perhaps  not  unexpectedly,  the  rolling  moments  are  more  linear  with  respect  to  the  aileron  deflection. 
Furthermore  the  aileron  effectiveness  is  maintained  to  a  greater  extent  as  angle  of  attack  is  increased, 
that  at  a  Mach  number  of  1.7  being  virtually  unaffected  by  angle-of-attack  variation. 

The  losses  in  rolling  effectiveness  at  high  angles  of  attack/  high  subsonic  speeds  can  be  alleviated 
by  the  leading-edge  devices  used  to  improve  lifting  performance  (to  be  discussed  further  in  section  2.4), 
due  to  their  beneficial  effect  on  the  flow  over  the  wing.  The  effect  of  slats  on  incremental  rolling  mom¬ 
ent  due  to  30  aileron  on  the  F-4  ,  shown  in  Fig  14a,  is  typical  of  the  improvements  possible.  At 

M  *  0.6  ,  a  loss  in  rolling  moment  occurring  abruptly  at  a  ■  12  on  the  unslatted  wing  indicates  a  break¬ 
down  in  the  flow  over  the  aileron  position  of  the  wing.  The  main  effect  of  the  slat  is  to  delay  the  onset 
of  this  flow  breakdown,  but  the  results  show  that  beyond  an  angle  of  attack  of  around  20  the  slat  has 
little  effect.  This  is  an  indication  that  flow  breakdown  has  once  more  taken  place.  At  a  Mach  number  of 
0.9  an  abrupt  loss  in  effectiveness  again  occurs,  at  an  angle  of  attack  of  about  12  .  However,  the  more 
significant  recovery  of  effectiveness  which  occurs  at  around  16  indicates  a  more  complex  flow  pattern. 
Shock-induced  Reparation  is  certainly  present  and  may  be  the  main  factor  affecting  the  variation  with 
angle  of  attack.  Nevertheless,  the  presence  of  the  slat  has  a  beneficial  effect  in  that  it  eliminates  the 
dip  in  the  curve  of  the  rolling  moment  against  angle  of  attack,  so  that  the  aileron  remains  effective  up  to 
an  angle  of  attack  of  20  albeit  with  a  40%  reduction  in  effectiveness.  A  similar  increase  in  angle  of 
attack  range  due  to  the  slats  is  observed  for  the  rolling  moment  due  to  aileron  and  spoiler  (Fig  14b),  and 
the  results  are  discussed  under  Spoilers. 
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The  other  important  factor  for  aileron  effectiveness  which  needs  to  be  considered  is  the  deformation 
of  the  outer  wing  under  load,  which  significantly  reduces  the  rolling  moment.  Results  for  wing  tip 
ailerons  on  Concorde* ^  are  a  good  example  of  the  magnitude  of  this  reduction,  and  some  results  are  shown  in 
Fig  15a.  Estimated  values  of  -CgA1  A  for  the  aeroelastic  aircraft  are  close  to  the  flight  results 
throughout  the  speed  range,  whereas  the  estimates  for  a  rigid  aircraft  are  at  least  twice  as  large.  The 
tips  of  swept  wings  can  also  experience  comparable  deformations,  and  so  wind-tunnel  results  must  be 
corrected  using  static  aeroelastic  factors  obtained  theoretically,  or  elastic  models  have  to  be  used  in  the 
tunnel  tests.  (This  topic  is  discussed  further  in  section  5.)  Both  techniques  have  been  applied  success¬ 
fully  to  the  Viggen^O^  and  yield  the  interesting  results  shown  in  Fig  15b.  The  calculated  aeroelastic 
factor  on  ^ e  t*ie  ratio  of  aeroelastic  to  rigid  estimates,  agrees  well  with  the  experimental 

values  obtained  from  elastic  and  rigid  models  tested  in  a  transonic  tunnel,  although  it  is  not  possible  to 
calculate  the  factor  accurately  at  M  =  1 .0  .  The  tunnel  results  for  the  rigid  model  have  also  been 
corrected  for  aeroelastic  distortion  calculated  for  the  full-scale  aircraft,  and  the  resulting 
compares  well  with  the  values  obtained  in  flight,  as  shown  in  the  lower  figure. 

2.2.2  Spoilers 

There  does  not  seem  to  have  been  much  development  in  spoiler  technology  since  the  1950s,  although 
various  aircraft  configurations  have  been  tested  more  recently  which  have  spoiler  roll  control.  The  sum¬ 
mary  of  data  on  spoiler  effectiveness  given  in  DATCOM*  has  not  been  invalidated  by  recent  data,  and  so 
excerpts  are  quoted  here:-  "At  subsonic  and  transonic  speeds,  spoilers  do  not,  in  general,  provide  linear 
variation  of  effectiveness  with  spoiler  projection,  particularly  at  small  deflections.  This  def iciency  can 
be  corrected  by  use  of  a  slot  or  slot-deflector  behind  the  spoiler.  For  thin  wings  at  high  angles  of 
attack  plain  spoilers  are  ineffective.  This  ineffectiveness  can  be  partially  overcome  by  the  use  of  a  slot 

behind  the  spoiler,  and  by  the  use  of  leading-edge  devices . In  order  to  achieve  maximum  effectiveness, 

spoilers  should  be  located  towards  the  rear  portion  of  the  wing,  for  the  following  reasons  (i)  the 
ineffectiveness  of  spoilers  at  small  deflections  increases  with  distance  from  the  trailing  edge  (ii)  the 
lag  time  at  low  speeds  becomes  excessively  long  for  forward-mounted  spoilers.  The  optimum  spanwise  extent 
and  position  of  spoilers  are  determined  primarily  by  wing  sweep.  The  higher  the  sweep  angle,  the  farther 
inboard  the  spoilers  should  be  placed". 

The  charts  given  in  DATCOM*  refer  to  the  low  angle-of-attack  range,  and  give  no  indication  of  onset 
of  loss  in  effectiveness,  which  usually  has  to  be  determined  experimentally.  A  typical  example  of  results 
for  a  fighter-type  wing^1  is  shown  in  Fig  16,  where  the  effect  of  opening  the  slot-deflector  increases  the 
rolling  moment  by  approximately  40%,  the  factor  suggested  in  DATCOM.  There  is  the  usual  marked  reduction 
in  rolling  moment  due  to  spoiler  alone,  which  begins  at  u  =  7  at  both  M  *  0.6  and  0.9  ,  and  the  rolling 
moment  is. near  zero  at  a  =  20  ,  M  =  0.6  .  Such  behaviour  is  to  be  expected,  since  the  spoiler  can  only  be 
effective  if  the  flow  ahead  of  it  is  attached  to  the  wing.  The  loss  is  delayed  to  slightly  higher  angles 
of  attack  by  opening  the  slot-deflector,  and  some  rolling  power  is  still  available  at  the  highest  angles  of 
attack  tested. 

1 8 

For  the  plain  spoiler  tested  with  the  aileron  on  the  F-4  (Fig  14b)  the  effectiveness  is  maintained 
to  higher  angles  of  attack  by  deflection  of  the  leading-edge  slats,  but  the  contribution  of  the  spoiler  is 
near  zero  for  a  >  18  at  M  =  0.6  .  The  variation  of  the  rolling  moment  with  angle  of  attack  at  M  =  0.9 
is  markedly  different  if  the  spoiler  is  deflected,  with  a  50%  reduction  between  m  =  5  and  10  for  the 
unslatted  wing,  and  a  similar  reduction  between  n  =  7  and  12  for  the  wing  with  slats  although  some 
effectiveness  is  recovered  for  a  >  12  . 

It  can  be  expected  that  leading-edge  devices  which  improve  flow  separation  character istics  will  also 
have  a  beneficial  effect  on  spoiler  efficiency  at  the  higher  angles  of  attack.  For  future  applications, 
spoilers  are  likely  to  continue  to  be  used  in  conjunction  with  other  roll  motivators  to  enhance  roll  power, 
but  are  not  efficient  enough  to  be  the  main  roll  control. 

2.2.3  Differential  tails  or  canards 

The  published  results  on  rolling  moment  due  to  differential  deflection  of  the  taiiplane  surfaces  are 
very  sparse,  although  a  number  of  combat  aircraft  currently  use  tail  to  augment  rolling  moment.  The  con¬ 
tribution  is  limited  by  the  necessarily  small  moment  arm,  but  interference  effects  on  the  fin  can  increase 
the  effectiveness.  Their  attraction  is  that  the  loss  in  rolling  moment  at  high  angle  of  attack  is  usually 
small,  typically  20%  reduction  at  a  = 20  ,  unlike  aileron  and  spoiler  characteristics.  Wind-tunnel 

results  for  YF-16*^*23  indicate  that  combined  inboard  aileron  and  differential  tail  give  almost  constant 
rolling  moment  up  to  an  angle  of  attack  of  20  (Fig  17).  Beyond  this  angle  of  attack  the  rolling  moment 
produced  decreased  gradually  to  reach  roughly  half  the  value  at  zero  angle  of  attack  around  an  angle  of 
attack  of  35  .  This  drop  in  effectiveness  is  confined  to  the  contribution  of  the  aileron  as  indicated  by 
the  separately  shown  contribution  from  the  differentially  deflected  taiiplane  surfaces.  This  good  behav¬ 
iour  of  the  differential  tail  control  at  high  angles  of  attack  is  likely  to  favour  its  use  in  future  active 
control  systems. 

In  isolation,  differentially  deflected  canard  surfaces  would  be  expected  to  produce  a  rolling  moment, 
but  tests  have  shown  that  this  is  almost  completely  cancelled  by  the  induced  rolling  moments  (at  least  for 
the  configurations  tested).  Such  an  arrangement  does,  however,  produce  sizeable  sideforce.  It  is  more 
appropriate,  therefore,  to  regard  this  as  the  direct  effect  (see  section  2.5)  and  the  remnant  of  rolling 
moment  as  an  indirect  effect  (see  section  3.2). 

2.2.4  Other  methods 

All  moving  wing-tip  ailerons  have  been  tested  particularly  on  low  aspect  ratio  delta  wings.  They  do 
not  seem  to  have  found  favour  and  there  may  be  a  number  of  reasons  for  this.  On  thin  wings  there  are 
difficulties  in  accommodating  the  pivot  mechanism,  aeroelastic  losses  are  on  the  high  side,  and  their  use 
inhibits  the  tip-mounting  of  missiles. 


Devices  which  produce  an  asymmetric  arrangement  of  unflapped  wings  yield  rolling  moments  which  only 
become  appreciable  at  large  angles  of  attack.  Two  such  schemes  are  illustrated  in  Fig  18,  namely,  an 
asymmetric  strake  and  one-sided  spanwise  blowing  with  the  rolling  moments  each  produces.  Extension  of  the  Dv 
wing  span  on  one  side  produces  rather  similar  rolling  moment  variation  with  angle  of  attack,  in  this  case 
it  is  practically  proportional  to  the  lift  coefficient.  The  use  of  differential  sweep  on  variable-sweep 
wings  may  be  Limited  by  the  difficulty  in  deflecting  the  panels  rapidly  enough. 

2.  j  Yawing  moment 

2.3.1  Aft  motivators 

The  traditional  rudder  provides  sufficient  yawing  moment  control  for  most  aircraft,  and  it  is  only 
recently  that  all-moving  fins  have  been  considered.  The  yawing  moment  due  to  rudder  deflection  is  usually 
near  constant  with  angle  of  attack,  up  to  and  even  beyond  the  wing  stall,  and  with  varying  subsonic  Mach 
number,  but  is  reduced  as  M  is  increased  supersonically.  Estimates  of  effectiveness  based  on  the  force 
due  to  control  deflection  (for  an  equivalent  isolated  fin  surface)  and  fin  moment  arm  give  satisfactory 
first  approximations  for  design  purposes,  for  aircraft  configurations  which  are  not  close-coupled,  but 
there  may  be  interference  factors  due  to  the  presence  of  the  fuselage  and  tailplane.  As  an  example  of 
characteristics  at  low  speed,  high  angle  of  attack  and  large  rudder  angles,  the  results  of  Kef  24  are 
typical,  and  also  show  the  effect  of  using  jet-flap  augmentation.  The  transport  aircraft  design  has 
external-flow  jet  flaps  on  the  high  wing,  and  a  high  tail.  With  no  blow,  and  rudder  deflection  of  20 
(Fig  19a),  the  yawing  moment  is  maintained  well  beyond  wing  stall  (which  occurs  at  about  10  angle  of 
attack)  and  is  still  appreciable  at  t  =35  .  In  sharp  contrast  the  yawing  moment  due  to  40  rudder  de¬ 

flection  suffers  a  sharp  drop  beyond  an  angle  of  attack  of  20  and  even  reverses  between  26  and  35  .  When 
these  results  are  compared  with  those  on  the  right-hand  side  (for  Cj,r  =  0.038)  with  blowing  applied  over 
the  rudder,  it  is  interesting  to  note  that,  although  the  rudder  effectiveness  at  angles  of  attack  less 
than  15  is  materially  increased  for  both  rudder  deflections,  blowing  does  little  to  improve  high  angle-of- 
attack  behaviour.  Indeed,  in  contrast  to  the  no-blow  case,  a  sharp  drop  in  effectiveness  occurs  around  an 
angle  of  attack  of  25  .  These  results  seem  to  indicate  that  the  adverse  effects  come  more  from  the  inter¬ 
ference  from  the  other  aircraft  components  than  from  flow  separation  induced  by  rudder  deflection.  With 
this  in  mind  it  is  instructive  to  examine  the  effect  of  deflecting  the  engine  jet  over  the  inboard  wing- 
flap  has  on  rudder  effectiveness,  Fig  19b.  To  indicate  the  extent  to  which  the  wing  flow  is  affected  by 
the  jet  momentum  coefficient  of  3.74,  it  is  worth  noting  that  the  maximum  lift  coefficient  of  the  aircraft 
for  a  60  flap  setting  is  increased  from  2.5  (at  u  -  10°)  to  8.5  (at  i  25  ) .  In  spite  of  such  a  power¬ 
ful  effect  on  the  wing  this  deflected  jet  thrust  only  marginally  affects  the  yawing  moments  produced  by 
either  20°  or  40  of  rudder  at  low  angles  of  attack.  What  is  striking  is  the  way  in  which  the  rudder  main¬ 
tains  effectiveness  at  both  settings  as  the  angle  of  attack  is  increased.  This  effect  is  particularly 
noticeable  when  blowing  over  the  rudder  as  well.  Presumably  the  flow  changes  induced  over  the  rear  of  the 
aircraft  by  the  jet-flap  improves  the  flow  environment  within  which  the  rudder  operates. 

The  straightforward  effect  of  engine  thrust  is  likely  to  be  significant  as  the  evidence  that  follows 
shows.  In  Fig  20  are  shown  the  rates  of  change  of  yawing  moment  by  unit  rudder  deflection  for  a  model  of 
the  B1  aircraft^,  as  measured  on  an  unpowered  model  mounted  on  a  sting,  and  on  a  strut-mounted  model  with 
simulated  thrust  effects.  Both  sets  of  results  show  maximum  control  power  at  transonic  speeds,  and 
reduction  as  M  increases  supersonically,  as  is  to  be  expected.  The  difference  between  the  two  sets  de¬ 
rives  from  two  sources,  ')iv.  the  thrust  and  interference  from  aft  fuselage  shape.  The  boat-tail  shape  of 
the  fuselage,  which  can  be  accurately  represented  on  the  model  mounted  on  the  strut,  and  the  jet  plumes  of 
the  fuselage-mounted  engines  have  a  beneficial  effect  on  the  flow  over  the  rudder.  From  the  results 
quoted  it  is  impossible  to  assess  these  effects  separately. 

It  would  be  expected  that  the  effect  of  engine  thrust  would  be  smaller  in  the  case  of  combat  air¬ 
craft,  for  which  the  engine  or  engines  are  usually  embedded  within  the  fuselage  and  exhaust  at  the  fuse¬ 
lage  base.  Even  so  some  significant  effect  of  thrust  might  be  expected.  Whether  the  following  example 
provides  evidence  of  this  is  open  to  question.  A  comparison  has  been  made^”  between  the  results  obtained 
from  3/8-scale,  unpowered  free-flight  model  of  the  F— 1 5  and  from  flight  tests  of  the  full-scale  aircraft  at 
three  rates  of  engine  mass  flow.  The  latter  do  not  show  any  consistent  trends  with  engine  mass  flow,  and 
so  it  was  concluded  that  *Cn/  ‘r  is  independent  of  power,  and  the  mean  curve  through  t ho  individual  re¬ 
sults  shows  the  variation  with  angle  of  attack  in  Fig  21.  However,  the  results  from  the  unpowered  model, 
also  shown,  indicate  that  its  rudder  effectiveness  is  about  20%  lower  than  full-scale.  It  is  suggested  in 
Ref  26  that  the  difference  may  be  due  to  scale  effects,  since  any  other  explanation  is  made  unacceptable  by 
the  fact  that  good  agreement  was  achieved  for  the  other  yawing  moment  derivatives,  liy  and  nr  .  These 
results  also  show  that  rudder  power  is  maintained  to  moderate  negative  angles  of  attack,  to  ■  =  -  13  . 
Cnfortunate ly,  tunnel  results  are  not  available  for  comparison. 

Reduction  of  rudder  control  power  due  to  fin  (and  fuselage)  bending  can  be  appreciable,  and  results 
for  Concorde^  and  Viggen*^  are  again  used  lor  i  1  1  ust  rat  ion.  For  Concorde^,  the  estimated  value  of 
■Cn/  R  for  the  rigid  aircraft  is  reduced  by  up  to  50%  when  theoretical  aeroelastic  effects  are  included 
(as  shown  in  Fig  22a)  hut  results  from  flight  tests  do  not  indicate  such  a  largo  loss.  The  acToelastic 
correction  to  the  tunnel  results  from  a  rigid  model  of  Viggen^  is  of  the  same  magnitude  at  low  altitudes 
(Fig  22b),  transonic  speeds,  but  is  much  less  throughout  the  speed  range  at  high  altitudes,  due  to  the 
reduction  in  air  density.  The  agreement  between  flight  results  and  the  corrected  tunnel  results  is 
excellent  at  both  heights. 

The  use  of  active  control  systems  has  at  least  two  possible  repercussions  on  rudder  design.  Relaxed 
directional  stability  is  being  considered,  so  that  fin  area  can  be  reduced,  resulting  in  lower  aircraft 
weight  and  lower  profile  drag.  However,  large  yawing  moments  are  required  for  control,  and  so  all-moving 
fins,  or  slotted  rudders^  may  be  needed  to  increase  rudder  effectiveness  for  given  fin  area.  Secondly,  if 
a  direct  side  force  mode  is  used,  in  order  to  sidestep  without  banking,  the  effectiveness  of  rudders  at 
large  sideslip  angles  is  likely  to  become  more  important  than  in  the  past.  Wind-tunnel  results  are  not 
readily  available,  but  it  can  be  expected  that  rudder  effectiveness  would  be  reduced,  due  to  flow  separa¬ 
tion  on  the  fin/rudder  and  the  immersion  of  the  fin  in  a  wing  wake  of  low  kinetic  pressure  at  high  angles 
of  attack. 


2.3.2  Canard  surfaces 


It  is  possible  to  generate  yawing  moments  either  by  deflection  of  vertical  canard  surfaces,  or  by 
differential  deflection  of  horizontal  canards.  The  former  method  is  more  akin  to  using  a  rudder,  as  the 
effectiveness  is  due  to  a  sideforce  generated  at  a  moment  arm,  but  experimental  results  obtained  so  far 
tend  to  show  that  interference  effects  are  adverse.  The  control  derivative  due  to  the  deflection  of  the 
twin  vertical  canards  has  been  measured  in  flight ^  and  in  the  tunnel  for  the  CCV  VF-16,  and  the  variation 
with  angle  of  attack  at  M  =  0.6  is  shown  in  Fig  23.  The  two  available  flight  results  agree  well  with 
the  tunnel  values,  and  show  reduced  effectiveness  as  angle  of  attack  increases,  unlike  the  rudder^  which 
remains  effective  up  to  beyond  a  -  30  (also  shown  in  Fig  23).  It  is  also  stated  that  CR  is  nonlinear 
with  canard  deflection  within  the  required  range,  so  that  the  vertical  canards  are  not  very  attractive  as 
yaw  motivators. 

Although  differential  deflection  of  horizontal  canards  is  more  likely  to  be  used  to  generate  direct 
side  force  (as  discussed  in  section  2.5)  it  is  worth  noting  here  that  their  yawing  moment  characteristics^ 
are  more  linear  with  deflection  angle,  and  do  not  vary  significantly  with  angle  of  attack. 

2.4  Lift 

2.4.1  Low  speed 

The  need  for  means  of  augmenting  the  lift  experienced  by  an  aircraft  during  the  take-off  and  landing 
phases  of  flight  has  existed  for  a  long  time.  It  has  been  progressively  met  by  developments  in  the 
trai ling-edge  flap  arrangements.  To  these  lift  augmentation  requirements  are  now  added  those  arising  from 
the  use  of  lift  generating  devices  to  improve  the  lift  capability  in  manoeuvring  conditions,  and  as  part  of 
flight  systems  which  aim  to  alleviate  gust  loads  or  improve  ride  quality,  according  to  which  of  these  two 
objectives  is  the  more  appropriate. 

The  last  set  of  requirements  are  pertinent  to  the  entire  flight  envelope  of  the  aircraft,  whereas  the 
first  set  are  specifically  low  speeds.  In  this  section  the  emphasis  is  on  the  low  speed. 

Experimental  data  on  flapped  aerofoil  sections  and  wings  published  prior  to  1970  have  been  incorpora¬ 
ted  into  the  analysis  resulting  in  the  estimation  methods  of  Ref  1  (DATCOM) .  The  methods  of  estimation  for 
CL/  *F  and  Ci  cover  a  variety  of  trail ing-edge  flap  configurations  -  slotted,  split,  plain,  etc,  and 

also  include  the  effects  of  leading-edge  flaps. 

The  charts,  which  use  the  incremental  sectional  lift  due  to  flap  deflection  as  part  of  the  estimation 
process,  include  explicit  empirical  factors.  As  these  may  oe  subject  to  change  for  geometries  lying  well 
outside  those  included  in  the  analysis,  it  is  pertinent  to  make  an  assessment  of  the  trends  in  aircraft 
geometry.  Flap  chord  ratios  and  flap  deflections  currently  being  used  fall  within  the  coverage  of  the  data 
analysed  in  Ref  I .  The  other  primary  parameter  affecting  the  two  dimensional  (or  sectional)  derivative 
CL/-F  and  CLmax  t*ie  thickness-chord  ratio  of  the  aerofoil.  Again  the  coverage  is  reasonably  repre¬ 
sentative  of  current  trends,  but  it  must  be  remarked  that  data  for  thin  aerofoil-sections  (t/e  <  6%)  are 
confined  to  simple  section  shapes.  In  other  respects  the  changes  that  have  taken  place  in  the  shape  of 
combat  aircraft  over  the  last  two  decades  imply  that  data  from  the  142  reports  used  in  formulating  the 
estimation  method  for  CLmax  are  n0t  Part^cular^y  relevant  to  the  estimation  of  the  effectiveness  of 

trai 1 ing-edge  flaps  on  wings.  To  illustrate  the  point  Fig  24  has  been  prepared.  Here  the  aspect  ratios 
and  sweepback  angles  of  the  wings  with  flaps  used  in  section  6. 1.4. 3  of  Ref  I  are  compared  with  those  of 
the  combat  aircraft  being  included  in  the  Advisory  Report  of  an  AGARD  Flight  Mechanics  Panel  Working 
Group284  xhe  overlap  of  these  two  sets  of  data  is  practically  non-existent. 

Data  for  trail ing-edge  flaps  on  more  recent  combat  aircraft  must  exist,  but  clearly  have  not  yet  been 
included  in  the  correlation  of  data. 

Before  proceeding  to  discuss  some  recent  test  results  two  general  remarks  are  in  order.  In  applica¬ 
tion  of  trail ing-edge  flaps  to  date  the  emphasis  has  been  entirely  on  the  production  of  an  upward  or 
positive  lift  force.  However,  in  the  context  of  active  control  systems  equal  importance  attaches  to  the 
reduction  of  lift  or  the  production  of  a  negative  lift  force.  Many  of  the  flap  assemblies  are  ill-suited 
to  deflection  in  the  upward  sense  and,  because  of  the  nature  of  the  past  use,  the  effectiveness  for 
deflection  in  this  sense  is  almost  never  obtained. 

In  addition,  to  use  any  lift-adjusting  device  actively  in  a  control  system  calls  for  quick-acting 
response.  This  may  prove  difficult  to  achieve  by  deflection  of  large  flaps  and  schemes  whereby  the  lift 
produced  at  a  given  deflection  may  be  varied  could  prove  more  promising. 

In  this  latter  context  results  obtained  for  a  flap  in  combination  with  slot  spoilers  fitted  to  a  9% 

thick  aerofoii^^  are  of  interest.  Fig  25  shows  the  variation  of  the  lift  coefficient  with  slot  width.  The 

results  are  encouraging  in  as  much  as  the  lift-curve  slope  ( *C. /  u)  is  unchanged,  in  contrast  to  the 
behaviour  with  fence  or  flap  type  spoilers  (Fig  25b)  and  the  change  of  lift  with  slot  width  is  progressive. 
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The  Bibliography  contains  some  of  the  references  on  flap  data,  and  a  few  results  for  the  types  of 
aircraft  configurations  currently  being  considered  have  been  chosen  to  illustrate  general  characteristics. 

The  tunnel  tests  on  the  Buccaneer^  wing/body  give  results  for  lift  due  to  plain  trailing-edge  flaps, 

with  added  interest  of  the  augmentation  achieved  by  using  blowing  at  the  leading  edges  of  the  flap  and  of 

the  wing.  The  aileron  surface  is  also  deflected  in  a  symmetrical  sense  to  increase  lifting  capability, 
and  so  the  results  chosen  for  illustration  in  Fig  26  are  mainly  for  the  configuration  with  both  flap  and 
aileron  deflected  30  on  the  half-model.  For  the  unblown  flap,  the  incremental  decreases  with  increa¬ 

sing  angle  of  attack,  until  wing  stall  occurs  at  a  %  ) 7  ,  and  marginally  smaller  C. '  s  result  from 
increasing  the  deflection  of  the  inboard  flap  from  30  to  45  ,  due  to  flap  stall.  Trie  effectiveness  of  the 
flap  is  doubled  by  relatively  low  levels  of  blowing  momentum  coefficient,  ,  and  the  incremental 


remains  near  constant  with  increasing  angle  of  attack  at  the  highest  Cu  tested  (0.063),  until  the  wing 
stalls.  Further  improvement  at  high  angle  of  attack  results  from  blowing  at  a  nozzle  nearQthe  leading 
edge  of  the  wing  (lj%  chord),  as  this  delays  flow  separation  and  the  wing  stalls  at  a  -  20 

Most  of  the  results  for  blown  flaps  with  higher  C^'s  ,  and  for  other  implementations  of  the  jet  flap 
principle  have  been  obtained  on  STOL  configurations,  and  so  further  discussion  of  this  topic  is  deferred 
until  section  6.2,  which  is  part  of  a  general  assessment  of  design  implications. 
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For  canard  configurations,  the  research  model  described  in  section  2.1  (Fig  11),  which  has  been 
tested  with  various  additional  surfaces,  yields  some  interesting  results  on  lift  generation,  as  well  as  the 
pitching  moments  discussed  previously.  The  addition  to  the  basic  wing  of  both  foreplane  or  canard  and  the 
strake  improve  the  maximum  lift  coefficient,  but,  as  the  results  with  zero  thrust  coefficient,  (Cj  =  0) 
show,  the  flap  effectiveness  remains  reduced  in  the  neighbourhood  of  the  stall  angle  of  attack,  see  Fig  27. 
The  deflected  thrust  (see  results  for  Cj  =  0.3),  causes  the  lift  increments  due  to  flap  deflection  to 
remain  appreciable  at  high  angle  of  attack  by  delaying  flow  separation,  and  also  reduces  the  loss  in  flap 
effectiveness  at  large  angles  (6p  >  20  ) .  It  should  be  noted  that  the  lift  coefficients  quoted  in  Fig  27 
include  the  direct  thrust  contribution,  C-j*  sin(u  +  5^)  and  so  the  results  for  Cl  “  Cj  sin(ci  +  6^.)  are  also 
shown  in  Fig  27c. 

Although  the  addition  of  a  canard,  either  with  or  without  a  strake,  does  not  affect  Cl/  signif¬ 
icantly  (see  Fig  27),  the  addition  of  'ail  surfaces  near  flaps  will  do  so  for  closely-coupled  aircraft  con¬ 
figurations  as  a  result  of  the  induced  downwash.  This  effect  is  illustrated  by  the  low-speed  wind- 
tunnel  test  results  for  a  large-scale  model  of  an  advanced  fixed-wing  fighter-^  shown  in  Fig  28.  It  is 
seen  that  the  presence  of  the  tailplane,  at  zero  setting,  reduces  the  trailing  edge  flap  effectiveness  by 
40%  at  near  zero  angles  of  attack  (Fig  28a^  and  by  30%  at  an  angle  of  attack  of  13°  (Fig  28b).  When 
the  tailplane  is  deflected  nose-down  to  20  ,  the  incremental  lift  due  to  the  highlift  system  (trailing  edge 
flap  30°,  and  segmented  leading  edge  flap  50  inboard,  35  outboard)  is  found  to  increase  back  to  the  tail- 
off  value  as  shown  in  the  right-hand  graphs  in  Fig  28,  although  total  (untrimmed)  lift  is  reduced  both  by 
adding  the  tail  and  deflecting  it  nose  down. 

The  improvements  in  the  lifting  capacity,  and  hence  manoeuvrability,  of  low-aspect  ratio,  low  sweep 
wings  due  to  spanwise  blowing  near  their  leading  edges  are  well  summarised  in  Ref  JJ.  In  particular,  this 
reference  includes  a  comparison,  at  zero  flap  deflection,  of  the  lift  coefficient  of  the  wing-canard- 
strake  model  of  Fig  27  and  that  of  the  wing-canard  model  with  spanwise  blowing.  It  is  also  shown  that 
blowing  in  combination  with  leading  and  trailing-edge  flaps  yield  encouraging  results,  but  the  data  are  not 
reproduced  here. 

In  contrast  to  the  appreciable  adverse  interference  effect  of  the  aft-tail  and  trailing-edge  flap 
noted  previously  for  the  aircraft  of  closely-coupled  geometry,  this  effect  becomes  near  negligible  for 
transport  aircraft  of  conventional  geometry.  The  results  from  Ref  32  for  i  model  of  a  transport  aircraft 
fitted  with  a  supercritical  wing  illustrates  the  point  in  Fig  29.  Lift  increments  due  to  various  inboard/ 
outboard  flap  deflections  are  almost  independent  of  the  presence  or  otherwise  of  the  tailplane  regardless 
of  its  deflection  or  its  location  (high  and  low);  see  Fig  29.  (It  should  be  noted  that  the  results  quoted 
for  the  high  tail  conf iguration  had  a  leading  edge  slot,  whereas  the  low  tail  configuration  had  Kruger 
flaps,  so  the  'tail  off'  values  are  slightly  different.) 

2.4.2  Transonic  speeds 

It  seems  probable  that  the  direct  lift  needed  in  the  high  subsonic  and  transonic  speed  regime,  in 
order  to  implement  active  control  systems  for  such  functions  as  improved  ride  quality  and  load  alleviation 
or  limitation,  can  be  provided  by  current  devices.  Thus  the  manoeuvre  flaps  of  the  combat  aircraft  or  the 
usual  trailing-edge  flaps  of  transport  aircraft  may  be  used  for  the  purpose  although  segmented  flaps  may 
need  to  be  used  to  obtain  spanwise  variation  of  deflection.  In  this  context  three  gaps  in  our  knowledge 
may  be  noted.  The  first,  concerning  the  lack  of  data  for  negative  (up)  flap  deflections,  has  already  been 
remarked  upon  in  the  discussion  of  the  low-speed  data.  The  second  refers  to  the  limitation  of  the  estima¬ 
tion  methods  of  Ref  I  arising  from  the  apparent  absence  of  data  at  high  Mach  numbers  from  the  analysis 
and  the  restrictive  sub-critical  correction  factors  applied  to  the  sectional  lift  coefficient  derivative. 

Cl/  F  •  The  third  is  the  lack  of  data  on  segmented  flaps,  particularly  for  combat  aircraft. 

Active  control  systems  are  already  being  used  on  current  aircraft  to  optimise  lift  and  drag  during 
combat  manoeuvres,  by  varying  the  camber  of  the  wing,  particularly  at  the  leading  edge.  The  advantages  of 
using  leading  edge  manoeuvre  slats  or  flaps  at  fixed  deflection,  determined  as  the  best  mean  setting,  have 
been  exploited  for  some  time,  and  aircraft  performance  is  now  improved  further  by  actively  scheduling  the 
deflection  with  angle  of  attack  and  Mach  number,  as  is  discussed  in  Ref  33.  Several  examples  are  described 
there,  and  some  of  the  tunnel  results  on  which  the  F-]8  system  is  based  are  shown  in  Fig  30.  Both  leading 
edge  and  trailing  edge  flaps  are  used  to  achieve  the  optimum  camber,  ie  minimum  drag  for  maximum  lift.  The 

experimental  results  for  Ct  .  -  v  -  (Cn  -  Cn_)  .  at  a  number  of  flap  deflections  define  a  minimum 

K  ‘trim  u  u0  trim  K 

drag  envelope  at  each  Mach  number,  and  so  it  is  possible  to  define  separate  schedules  for  deflections  of 
the  leading  and  trailing  edge  flaps  with  angle  of  attack  and  Mach  number,  which  will  yield  minimum  drag 
throughout  the  transonic  flight  envelope. 

2.4.3  Maximum  usable  lift 


Before  leaving  the  question  of  lift  generation,  it  is  necessary  to  examine  another  aspect,  the  con¬ 
tinuing  search  for  means  of  attaining  and  sustaining  increased  g-levels.  Although  it  does  not  relate 
directly  to  active  control  systems,  it  is  important  in  defining  the  aerodynamic  environment  in  which  the 
control  system  is  required  to  operate.  A  variety  of  manoeuvre  flaps,  slats,  etc  have  been  devised,  the 
object  being  not  so  much  to  generate  incremental  lift  as  to  render  the  basic  wing  more  efficient.  The 
distinction  has  to  be  drawn  between  the  maximum  C’l  measured  under  static  conditions  in  the  tunnel,  and 
the  maximum  CL  at  which  the  pilot  can  use  the  aircraft^®* ^  since  dynamic  phenomena  such  as  buffet, 
pitch-up,  nose  slice,  wing  drop,  wing  rock,  etc  define  a  manoeuvre  boundary  below  wing  stall.  Many  of  these 
dynamic  phenomena  are  associated  with  the  type  and  development  of  flow  separation  on  the  wings,  and  so  the 
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leading  edge  devices  developed  to  maintain  lift  also  usually  delay  their  onset.  Some  of  the  leading  edge 
devices  are  fixed,  for  example  notches,  vortex  generators,  fences,  and  strakes,  and  their  presence  can 
also  influence  control  characteristics  significantly.  Both  tunnel  and  flight  results  have  been  published 
for  slat  development  on  the  F-4E  aircraf t33*  3” .  The  two  sets  of  data  are  also  available  for  the  perform- 
ance  of  vortex  generators  and  fences  on  the  Harrier3?.  Much  emphasis  has  been  placed  of  late  on  the  need 
to  design  for  good  inherent  handling  characteristics  at  high  angle  of  attack.  This  has  resulted  in  the 
definition  of  the  necessary  wind-tunnel  testing  and  the  production  of  the  relevant  data  fur  the  current 
generation  of  American  fighters,  for  example,  the  YF-16.  It  is  particularly  at  these  flight  conditions  of 
high  angle  of  attack,  high  subsonic  Mach  number,  that  the  aerodynamic ist  and  control  system  engineer  need 
to  cooperate,  in  order  to  achieve  a  solution. 


.he  development  of  the  YF-16  has  been  documented  sufficiently  for  this  cooperation  to  be  discerned, 
and  so  it  is  thought  worthwhile  to  describe  briefly  both  the  contributions  from  the  aerodynamics  and  the 
control  system,  and  the  dynamic  phenomena  which  had  to  be  considered,  in  achieving  maximum  usaKle  lift. 

Ref  38  describes  the  'Aerodynamic  design  evolution  of  the  YF-16*,  and  particularly  emphasises  the  improve¬ 
ments  due  to  the  strake  and  the  scheduled  leading  edge  flap  deflection.  First,  the  trimmed  lift-v-drag  is 
shown  in  Fig  31 ,  where  the  variable  leading-edge  flap  deflection  has  been  determined  in  the  same  way  as 
the  F— 1 8  schedules  described  above.  The  basic  variations  of  and  with  angle  of  attack  are  also 

shown  in  Fig  31,  and  it  may  be  seen  that  the  increased  lift  is  obtained  with  reduced  pitching  moment  at 
high  Cl's  ,  which  leads  to  the  improvements  in  both  trimmed  Cl  and  Cp  .  The  active  control  system  is 
required  to  schedule  the  leading-edge  flap  deflection,  and  also  to  overcome  the  near-neutral  static  sta¬ 
bility,  but  there  could  still  be  dynamic  phenomena  preventing  this  lift  being  achieved  in  flight.  The 
first  concern  is  the  buffet  characteristics,  which  are  given  in  Ref  38.  Unfortunately,  the  effects  of 
strake  and  leading-edge  flap  deflection  are  shown  at  different  Mach  numbers,  so  that  direct  comparisons  of 
each  contribution  cannot  be  made,  but  the  improvements  in  buffet  intensity  are  striking  enough  to  warrant 
reproduction  here,  in  Fig  32.  Next, 23  several  of  the  possible  adverse  flying  qualities  are  associated 
with  loss  of  directional  stability,  expressed  as  either  nv  or  dynamic  nv  *  nv  -  izv  sin  </ix 
(Cng  or  ^n^dynamic) *  Tlie  PresenCe  the  strake  and  leading-edge  flap  deflection  each  improve  sideslip 

characteristics  at  high  angles  of  attack,  ie  nv  more  positive  and  *v  more  negative,  and  the  resulting 
dynamic  nv  at  M  =  0.9  remains  well  positive  up  to  •  -  40  ,  shown  in  Fig  33.  Adverse  aileron  yaw  is 
another  source  of  poor  handling  characteristics3  ,  and  can  lead  to  departure  from  controlled  flight. 
Negative  values  of  the  Lateral  Control  Departure  Parameter,  LCDP  =  riy  -  n£:v/'  *  indicate  problem  areas, 
and  an  aileron-rudder-interconnect  is  incorporated  in  the  YF-16  to  improve  roll  control.  The  variation  of 
LCDP  with  angle  of  attack  and  Mach  number  is  shown  in  Fig  33;  it  may  be  seen  that  although  the  gain  has 
been  scheduled  with  angle  of  attack  and  Mach  number,  it  has  not  been  possible  to  achieve  LCDP  >  0  for 
i  >  34  at  M  =  0.2.  Departure  is  actually  prevented  by  using  a  control  law  to  limit  the  maximum  angle  of 
attack  which  the  pilot  can  demand,  below  which  flying  qualities  are  good.  Of  course,  the  control  system 
of  the  YF-16  also  includes  other  features,  but  those  described  above  are  also  directly  relevant  to  the 
manoeuvre  enhancement  and  direct  lift  modes  of  the  CCV  YF-16. 


Some  of  the  wind-tunnel  tests  for  CCV  YF-16  with  both  horizontal  and  vertical  canards  are  described 
in  Ref  15.  Addition  of  the  canards  (and  removal  of  the  strake)  obviously  affects  CL«  CD  and  Cm  ,  and 
the  substantial  additional  trimmed  lift  possible  at  M  =  0.9  is  shown  in  Fig  34.  The  tunnel  results  show 
that  deflections  of  canards,  flaperons  and  tail  could  be  used  to  generate  the  direct  lift,  which  is  an 
additional  control  mode  on  the  CCV  YF-16.  The  untrimmed  lift  due  to  canard  deflection  is  augmented  by  the 
positive  tail  contribution  to  trim.  Such  large  increments  have  not  been  obtained  in  flight,  as  the  con¬ 
figuration  flown ^  retains  the  strake  instead  of  the  horizontal  canards,  and  so  the  direct  lift  is  genera¬ 
ted  by  the  wing  trail ing-edge  flaps  and  tail.  The  buffet  characteristics  are  changed  adversely*^,  at  given 
angle  of  attack,  by  the  deflection  of  the  trail ing-edge  flaps,  and  it  may  be  seen  in  Fig  35  that  moderate 
buffet  levels  are  reached  at  low  angles  of  attack  if  the  flap  is  deflected  20°  at  M  =  0.68.  The  DLC 
command  had  to  be  limited  to  flap  deflections  of  15  to  avoid  this  moderate  buffet,  and  to  prevent  penetra¬ 
tion  to  strong  buffet  at  the  higher  angles  of  attack.  The  directional  stability  is  also  affected1 ^  by  the 
presence  and  deflection  of  the  canards.  The  flight  results  show  that  nv  is  halved  at  low  angles  of 
attack  when  the  vertical  canards  are  added,  at  zero  deflection,  but  that  directional  stability  is  increased 
as  angle  of  attack  increases  to  20  .  The  dihedral  of  the  canted  vertical  canards  also  increases  the  magni¬ 
tude  of  2V  ,  so  that  'dynamic  iiy*  has  better  characteristics  at  high  angles  of  attack  if  the  canards  are 
on  (Fig  35).  The  horizontal  canards  were  tested  in  the  tunnel  at  various  deflections1 and  the  direction¬ 
al  stability  was  found  to  be  very  sensitive  at  the  high  angles  of  attack  a  >  15  due  to  changing  inter¬ 
ference  effects.  Thus  the  departure  parameter,  dynamic  rx^  can  be  affected  significantly  by  the  addition 
and  use  of  canard  surfaces.  Data  on  roll  control  power  are  not  available,  to  evaluate  LCDP,  but  it  is 
stated  in  Ref  16  that  canard  interference  reduced  the  rolling  ef fee tiveness  of  the  differential  tail,  and 
also  had  a  smaller  reducing  effect  on  the  ailerons. 


This  brief  description  of  part  of  the  YF-16  development  history  shows  that  wind-tunnel  tests  need  to 
cover  buffet,  rolling  and  yawing  moments  due  to  sideslip  and  due  to  aileron,  as  well  as  lift,  drag  and 
pitching  moment,  over  the  range  of  motivator  deflections,  so  that  adequate  data  are  available  for  pre¬ 
flight  assessment  of  manoeuvring  capability  at  transonic  speeds. 

2.5  Sideforce 
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The  use  of  direct  sideforce  as  a  means  of  controlling  an  aircraft  has  only  recently  cor^r  to  the  fore. 

Accordingly  the  experimental  data  available  are  particularly  sparse  and  no  attempt  has  been  made  to  develop 
methods  of  estimation.  Research  models1 have  been  tested  in  wind  tunnels,  but  the  results ^  presented 
here  for  illustration  are  those  obtained  in  the  flight  and  wind-tunnel  prograimne  for  the  CCV  YF-16. 

Two  types  of  motivators  were  tested  in  the  wind  tunnel,  namely,  twin  'vertical*  canards  mounted  on 
the  fuselage  in  the  manner  indicated  by  Fig  23  and  differentially  deflected  horizontal  canards.  In  addi¬ 
tion  to  the  sideforce  each  of  these  motivators  generates  a  yawing  moment,  which  needs  to  be  trimmed  by 
rudder  deflection.  This  in  its  turn  produces  some  additional  sideforce. 

As  can  be  seen  (Fig  36a)  the  particular  vertical  canards  tested  give  rise  to  a  sideforce  which  is 
highly  dependent  on  the  angle  of  attack,  so  that  by  an  angle  of  attack  of  12  the  sideforce  is  only  half 


its  value  of  at  zero  angle  of  attack.  A  motivator  with  such  characteristics  is  likely  to  prove  an 
unattractive  proposition. 


In  contrast  to  this,  the  differentially  deflected  horizontal  canards  (Fig  36b)  yield  a  sideforce, 
which  even  increases  somewhat  with  angle  of  attack  increase.  In  the  trimmed  condition  the  sideforce  is 
substantially  augmented  by  the  rudder  sideforce  and  the  increase  with  increase  in  angle  of  attack  is  more 
pronounced.  It  was  also  found  mat  the  incremental  force  is  more  or  less  linear  with  respect  to  the  total 
angle  of  deflection,  see  Fig  36c,  for  a  given  angle  of  attack.  Furthermore,  there  is  little  variation  in 
effectiveness  over  the  Mach  number  range  0.2  to  1.2  (Fig  36d).  These  findings  are  somewhat  unexpected 
when  it  is  remembered  that  the  sideforce  arises  from  an  interference  effect  upon  the  adjoining  parts  of 
the  aircraft.  Similar  results  have  been  obtained  on  the  CCV  F-4  and  on  research  models  at  NASA’^  and 
ONERA  .  Thus,  differentially  deflected  horizontal  canards  constitute  a  suitable  sideforce  motivator. 
However,  it  must  be  borne  in  mind  that  any  application  which  requires  differential  deflection  about 
different  mean  positions  can  have  repercussions  on  other  characteristics,  due  to  interference,  and  the  yaw¬ 
ing  moment  due  to  sideslip  was  found’ 3  to  be  particularly  sensitive  at  high  angles  of  attack. 
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Split  flaps  have  been  installed  on  the  four  pylons  of  the  CCV  Alpha  Jet  ,  and  yield  more  trimmed 

sideforce  than  the  vertical  canard  on  the  YF-16,  but  less  than  the  differential  horizontal  canard.  Other 
forms  of  motivator  mounted  on  the  wings  have  been  tested,  particularly  twin  fins,  but  the  area  of  surface 
needed  appears  to  be  too  large  for  use  on  combat  aircraft.  Such  a  motivator  needs  only  small  rudder 
deflection  to  trim  the  yawing  moment,  and  so  loses  the  augmentation  of  sideforce  shown  in  Fig  36b  for  the 
forward-mounted  canard. 


Differencial  spanwise  blowing  is  another  possible  sideforce  motivator,  and  can  be  designed  to 
require  little  trimming  up  to  moderate  angles  of  attack.  The  sideforce  seems  to  increase  rather  faster 
than  linearly  with  jet  coefficient,  C^  (Fig  37)  bug  is  almost  independent  of  angle  of  attack  up  to 
o  “  16  ,  and  even  increases  in  magnitude  for  a  >  16  .  The  differential  strake  projection  tested  on  the 
same  configuration  gives  only  small  sideforce  at  moderate  angles  of  attack,  but  is  slightly  more  effective 
than  blowing  at  Cu  =  0.03  for  a  >  12  .  This  strong  variation  with  angle  of  attack  makes  it  unpromising 
as  a  sideforce  generator,  besides  being  difficult  to  engineer. 


2.6  Drag  or  thrust 


Variation  of  forward  speed  is  in  the  main  a  matter  of  controlling  engine  thrust  and  active  control 
systems  based  on  energy  management  will  play  an  increasing  role  in  this.  Discussion  of  the  engine  con¬ 
trols  and  data  pertinent  to  this  problem  lies  outside  the  scope  of  the  present  paper. 


Equally  the  increase  of  drag  during  dives  by  means  of  dive  or  air  brakes  is  not  in  the  present  sense 
a  motivator  and  the  properties  of  these  devices  are  not  discussed  here.  Even  the  combat  manoeuvres  of  the 
decelerating  type  now  being  introduced  are  unlikely  to  involve  active  control  directly.  Two  such  manoeuv¬ 
res  are  the  result  of  using  vectored  thrust  and  manoeuvring  to  very  high  angle  of  attack  to  achieve  the 
required  deceleration.  In  both  these  cases  the  use  of  active  control  systems  may  be  required  to  obtain 
satisfactory  flying  qualities  during  these  manoeuvres. 

The  aircraft  performance  requirements  are  always  uppermost  in  the  designer's  mind  and  active  control 
systems  aimed  at  optimizing  Ct  and  L/D  have  found  application1 5. 33.  As  discussed  in  section  2.4 

the  optimization  is  achieved  by  the  appropriate  choice  of  the  pitch  motivator  to  use  for  the  trimming  task 
with  other  devices  such  as  flaps,thrust  vectoring  and  leading-edge  slats  to  augment  lift.  At  present  the 
development  of  such  systems  has  to  rely  heavily  on  wind-tunnel  testing  with  the  aircraft  model  being  pro¬ 
gressively  tailored  in  order  to  achieve  the  optimum  lift  and  drag. 


3  INDIRECT  EFFECTS 


The  forces  and  moments  discussed  in  section  2  are  those  which  the  motivators  are  intended  to  gener¬ 
ate  (hence  the  designation,  direct  effects),  but  the  pressure  distribution  which  gives  rise  to  these 
direct  effects  can  result  in  other  forces  and  moments,  either  because  of  its  nature  or  its  induced  effect 
on  some  other  part  of  the  airframe.  This  second  class  of  forces  and  moments  are  here  termed  the  indirect 
effects  and  are  largely  undesired. 

The  pilot  of  an  unaugmented  aircraft  has  to  learn  to  compensate  for  these  indirect  effects,  but 
control  systems  in  augmented  aircraft  can  be  designed  to  relieve  him  of  this  task,  for  example  an  aileron- 
rudder  interconnect  has  often  been  used  in  combat  aircraft  to  overcome  adverse  aileron-yaw.  For  this 
relatively  simple  control  law,  the  designer  needs  to  know  the  relative  yawing  moments  due  to  aileron  and 
rudder  in  order  to  determine  the  gearing  between  the  two  control  surfaces.  In  practice  this  gearing 
usually  has  to  be  scheduled  to  account  for  the  variation  of  aileron-yaw  with  angle  of  attack.  A  knowledge 
of  the  indirect  forces  and  moments  is  also  required  for  the  design  of  active  control  systems,  and  so  the 
characteristics  of  various  motivators  are  discussed  in  this  section  from  this  point  of  view.  The  examples 
chosen  for  illustration  io  not  cover  all  the  indirect  effects  likely  to  be  encountered,  but  it  is  hoped 
that  the  more  important  features  are  included. 

3.1  Indirect  pitching  moment 

3.1.1  Trailing  edge  flaps 

Pitching  moment  due  to  flap  deflection  has  always  had  to  be  considered,  both  in  obtaining  values  for 
trimmed  Cj.  in  high-lift  conditions,  and  in  retaining  longitudinal  stability  since  deflected  flaps  tend 
to  reduce  3Cm/3a  .  The  requirement  of  ACT  for  additional  lift  without  change  in  angle  of  attack  necessi¬ 
tates  a  control  law  to  negate  the  associated  pitching  moment,  which  of  course  is  highly  dependent  on  con¬ 
figuration.  The  data  given  in  Ref  I  for  estimating  throughout  the  subsonic  and  supersonic  speed 

ranges  are  based  on  experimental  results  over  the  ranges  of  angle  of  attack  and  flap  deflection  for  which 
3C_/36p  is  linear,  corresponding  to  the  data  used  for  estimating  3C^/36p  .  Some  additional  data  on  the 
effect  of  flap  span  and  position  on  the  pitching  moment  characteristics  at  high  angle  of  attack  are  also 


described  in  Ref  1,  but  refer  to  a  particular  wing,  and  so  serve  only  as  a  reminder  of  the  importance  of 
flap  size  as  a  parameter. 


The  pitching  moment  due  to  flap  at  high  angle  of  attack  is  even  more  sensitive  to  configuration  than 
the  lift  discussed  in  section  2.4,  and  to  illustrate  this  point  some  particular  results  are  selected.  The 
height  of  the  tailplane  does  not  affect  the  lift  characteristics  of  the  transport  aircraft  layout®^  with 
supercritical  wing,  as  shown  in  Fig  29  but  Che  pitching  moments  due  to  angle  of  attack  and  flap  deflection 
are  quite  different  for  the  two  tails  tested,  see  Fig  38.  Deflection  of  the  flaps  gives  rise  to  a  pitching 
moment,  which  is  in  part  due  to  the  pressure  distribution  change  on  the  wings  and  in  part  due  to  a  change 
in  the  tailplane  contribution.  Whilst  the  former  must  be  essentially  the  same  for  both  layouts,  it  is 
evident  that  for  the  f lapped-wing,  the  tail  interference  is  very  different.  For  the  high  tail  configura¬ 
tion  the  characteristic  pitch  up  tendency  is  present  in  the  pitching  moments  for  all  flap  settings  and  for 

the  two  tailplane  settings  (0  and  -10  ),  but  the  nett  contribution  to  the  nose-down  pitching  moment  due 
to  flap  deflection  is  nearly  independent  of  these  two  variables  and  falls  off  gradually  with  increase  of 
angle  of  attack.  Over  the  range  of  angles  tested  the  value  of  the  pitching  moment  derivative,  3Cm/36F  , 
is  only  reduced  by  about  30%.  In  contrast,  for  the  low  tail  layout  the  pitching  moment  contribution  due  to 
flap  deflections  (at  all  settings)  reduces  rapidly  in  magnitude  with  increase  in  angle  of  attack  and 

reverses  sign  to  become  a  nose-up  contribution  (at  a  =  15  for  nq  =  0  ,  and  at  a  =  20  for  pt  =  -  10  )• 

The  cause  of  differences  in  the  pitching  moment  characteristics  of  the  two  layouts  may  be  sought  in  flow 
environment  of  the  tail  in  the  two  cases.  As  is  well  known  the  high  tail  (or  T-tail)  enters  the  wing  wake 
at  the  large  angles  of  attack.  Under  these  conditions  it  is  possible  for  downwash  to  be  high  and  the 
kinetic  pressure  low.  The  consequent  low  effectiveness  of  the  tail  is  reflected  both  in  its  pitching 
moments  due  to  angle  of  attack  and  due  to  tailplane  deflection.  The  flow  over  the  wing  has  broken  down 
and  is  probably  not  materially  affected  by  flap  deflection.  At  low  angles  of  attack  the  tailplane  is  well 
clear  of  the  wing  or  wing-flap  wake  and  so  there  is  little  interference.  This  adds  up  to  all  curves 
exhibiting  the  pitch-up  trend,  which  is  a  consequence  of  a  gradually  decreasing  tail  effectiveness  as  the 
tail  enters  the  wing  wake.  The  increment  in  pitching  moment  due  to  10  up  deflection  of  the  tailplane 
shows  an  increasing  drop  in  magnitude  beyond  an  angle  of  attack  of  20  and  this  drop  is  almost  the  same  for 

all  flap  settings.  This  trend  accords  with  the  explanation  of  the  results  given  above. 

If  the  same  quantity,  ACm  for  Acq  =  -  10°  ,  is  examined  in  the  case  of  the  low-tail  layout,  it  is 
seen  that,  whilst  it  is  practically  independent  of  angle  of  attack  for  zero  f lapQsetting,  it  exhibits  a 
pronounced  loss  of  tail  effectiveness  between  the  angles  of  attack  of  12  and  22  .  At  its  worst  condition 
the  tail  retains  a  little  over  half  of  its  effectiveness  at  low  angles  of  attack.  These  results  imply 

that  the  low  tailplane  is  clear  of  the  wake  and  in  a  region  of  low  downwash  for  all  angles  of  attack  for 

the  unflapped  wing.  D  -lection  of  the  flaps  intensifies  and  broadens  the  wake  and  the  tail  comes  suffic¬ 
iently  within  this  wake,  for  the  previously  mentioned  range  of  the  angle  of  attack,  to  lose  a  great  deal  of 
its  basic  effectiveness  through  adverse  downwash  and  kinetic  pressure  changes. 

Interference  effects  of  the  same  general  character,  but  in  this  case  for  upward  deflection  of  wing 
mounted  flaps,  were  encountered1  on  the  CCV  YF-16.  The  direct  lift  control  mode  requires  deflection  of 
the  flap  in  either  sense.  It  was  found  during  flight  tests  that  large  down-tailplane  deflections  were 
needed  to  crim  out  the  pitching  moments  due  to  -15  of  flap  (Fig  39a).  Wind-tunnel  test  results,  see 
Fig  39b,  reveal  that  the  tailplane  effectiveness  decreases  with  increase  of  the  angle  of  attack  and  its 
level  is  much  reduced  by  upward  deflection  of  the  wing  flap.  These  results  indicate  that  the  wing-flap- 
tail  interference  affects  the  pitching  moment  due  to  flap  deflection  and  the  power  of  the  tail  to  trim  this 
moment.  The  recovery  pitching  moment  is  inadequate  to  prevent  departive  for  a  >  18  ,  with  DLC  operative, 
and  so  a  restriction  had  to  be  placed  on  the  utilization  of  the  DLC  mode  at  high  angle  of  attack. 

As  mentioned  in  section  2,  the  control  surfaces  on  wing-canard  configurations  can  be  used  for  various 
primary  tasks.  Data  was  presented  in  section  2.1  for  both  canard  and  trailing  edge  flap  as  pitch  motivator 
but  in  section  2.4  the  trailing  edge  flap  was  viewed  as  the  lift  motivator.  Thus  the  indirect  effects  have 
to  be  interpreted  in  relation  to  the  concept  of  the  overall  design. 

3.1.2  Leading  edge  devices 

The  effect  of  leading  edge  flaps  or  slats  on  pitching  moment  is  usually  to  reduce  static  stability 
(3Cnl/3a),  although  the  increment  in  Cm  at  a  given  angle  of  attack  is  smaller  than  that  due  to  trailing 
edge  flaps,  so  that  lift  and  drag  penalties  from  trim  are  smaller,  and  in  fact  L/D  is  often  improved. 

An  example  of  this  type  of  behaviour  is  shown  in  Fig  31  for  the  leading  edge  flaps  on  the  YF-16,  and  the 
many  slat  or  flap  deflections  tested*®  on  the  F-4  also  exhibited  reduced  3Cm/3a  ,  over  the  low  to  moderate 
angle  of  attack  range  as  shown  in  Fig  40.  The  pitching  moment  characteristics  at  high  angle  of  attack  are 
highly  dependent  on  configuration,  but  it  can  be  expected  that  pitch-up  tendencies  are  alleviated  by  the 
presence  of  leading  edge  devices,  which  delay  the  flow  separation  on  the  wings. 

3.1.3  Spoilers 

The  pitching  moments  associated  with  antisymmetric  deflection  of  spoiler  for  roll  control  can  be  very 
significant,  especially  for  the  current  relative  positions  of  spoiler  surfaces  (towards  the  rear  of  the 
chord)  and  of  the  centre  of  gravity  (near  quarter  mean  chord).  The  results  for  the  pitching  moment  due  to 
large  spoiler  on  a  wing®*  (shown  in  Fig  16)  illustrate  the  magnitudes  which  can  be  expected,  see  Fig  41. 

The  moment  arm  may  be  reduced  for  aircraft  with  relaxed  static  stability,  but  it  is  likely  that  pitching 
moments  due  to  spoiler  would  remain  sufficiently  large  to  require  compensation  via  the  control  system. 

3.1.4  Canards 

The  attraction  of  using  canards  to  generate  direct  lift  is  that  the  elevator  deflection  required  for 
trimming  the  associated  pitching  moment  contributes  positively  to  the  lift,  as  described  in  section  2.4. 

For  example,  the  results  shown  in  Fig  9,  where  the  canard  is  assumed  to  be  primarily  a  pitch  motivator, 
could  also  be  interpreted  as  indirect  pitching  moment  on  the  lifting  canard. 
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Differential  antisymmetric  deflection  of  horizontal  canards  did  not  produce  significant  pitching 
moments  on  the  CCV  versions  of  the  YF-16  and  F-4,  but  it  would  seem  that  this  characteristic  depends  on 
relative  height  of  and  longitudinal  position  of  the  wing/canard/tail  especially  when  the  aircraft  is  at  ^ 
high  angle  of  attack.  Some  evidence  for  the  need  for  caution  in  this  respect  is  forthcoming  from  results 
for  a  research  model with  a  high  canard  just  ahead  of  the  wing  but  no  tail,  as  sketched  in  Fig  42. 

By  virtue  of  the  symmetry  of  the  aircraft  about  its  median  longitudinal  plane  the  pitching  moments 
due  to  deflection  of  either  a  port  or  a  starboard  panel  of  the  canard  would  be  expected  to  be  equal.  Thus 
within  the  ranges  of  angles  for  which  linear  characteristics  might  be  expected,  equal  and  opposite  pitching 
moments  would  be  expected  from  a  deflection  of  +10  or  -10  regardless  of  whether  the  port  or  starboard 
panel  was  being  deflected.  This  expectation  is  confirmed  by  the  results  shown  in  Fig  42  for  both  Mach 
numbers.  By  the  same  token  it  would  be  anticipated  that  deflecting  the  canards  antisymmetrically  through 
±10  would  give  rise  to  the  same  pitching  moment  characteristics  as  for  zero  deflection  of  the  canard  sur¬ 
faces.  This  is  very  nearly  so  for  lift  coefficients  less  than  0.4  for  both  Mach  numbers  (0.4  and  0.9). 

The  non-linear  behaviour  at  the  larger  lift  coefficients,  more  evident  at  Mach  number  0.4,  is  probably 
accountable  for  in  terms  of  flow  breakdown  over  the  canard  surfaces  and  canard-wing  interference.  However, 
it  is  not  clear  what  portion  of  the  pitching  moments  derives  from  interference  effects. 

3.2  Indirect  rolling  moment 

The  main  source  of  indirect  rolling  moment  on  conventional  aircraft  is  the  rudder,  but  the  effects  on 
aircraft  response  are  usually  not  very  significant.  The  ratio  of  rolling  to  yawing  moment  obviously 
depends  on  the  height  and  sweepback  of  the  fin  (and  on  fin  arm),  and  is  usually  less  than  0.3.  Variation 

of  (if  measured  in  geometric  body  areas)  with  angle  of  attack  and  with  Mach  number  is  small,  as 

shown  in  Fig  43.  The  ratio  of  rolling  moment  to  yawing  moment  for  the  rudder  of  the  B-l  aircraft^  is  seen 
to  be  near  0.2  throughout  the  Mach  number  range,  and  corresponding  results  for  the  F-I-lIE^  (with 

^LE  =  50  )  are  near-constant  up  to  a  =  16  at  transonic  speeds.  The  ratio  can  be  greater  than  0.3  if  the 

tailplane  is  mounted  at  a  high  position,  so  that  it  acts  as  a  reflection  plate  for  the  fin  and  rudder,  and 
the  resulting  centre  of  pressure  is  relatively  higher.  For  example,  the  results  for  the  model  of  Fig  19, 
with  its  high  tailplane  and  large  aspect  ratio  fin,  give  a  ratio  of  dC^/dCg  to  9Cn/9CR  of  nearly  0.5. 

At  high  angles  of  attack,  rudder  is  sometimes  used  to  augment  rolling  moment,  as  roll  motivators 
alone  cannot  always  achieve  the  required  roll  rate  for  combat  aircraft.  For  future  designs,  with  possibly 
smaller  fin  arms  and  a  more  powerful  yaw  motivator  (all-moving  fins  etc),  the  rolling  moment  due  to  rudder 
may  increase  relative  to  its  yawing  moment,  as  compared  to  present  levels,  and  so  could  become  more 
important. 

It  might  be  expected  that  differential  deflection  of  canard  surfaces  might  also  induce  rolling 
moments,  but  it  is  important  to  appreciate  the  extent  to  which  the  interference  effects  on  the  wing  can 
affect  the  nett  contribution  to  rolling  moment.  Asymmetric  deflection  of  canard  surfaces  can  induce  an 
asymmetric  downwash  field  at  the  wing  location,  which  gives  rise  to  a  rolling  moment  opposing  that  due  to 

the  forces  on  the  canard,  within  the  linearized  regime  of  flow.  At  larger  angles  of  attack  the  matter 

becomes  very  complex  as  two  effects  enter,  firstly  the  effective  angle  of  attack  of  a  panel  can  exceed  its 
stalling  angle  and  secondly  at  some  stage  the  variation  of  downwash  may  become  non-linear. 

With  these  thoughts  in  mind  it  is  interesting  to  examine  some  wind-tunnel  test  results  for  the  con¬ 
figuration  of  Fig  42.  By  virtue  of  the  aircraft  symmetry  the  rolling  moments  at  zero  angle  of  attack 

should  be  equal  for  equal  and  opposite  deflections  of  the  individual  canard  panels,  provided  the  magnitude 
of  the  deflection  is  such  that  downwash  is  still  linear  with  respect  to  it.  It  is  seen  (Fig  44)  that  at 
10  deflection  this  is  not  strictly  the  case,  although  the  very  small  nett  rolling  moment  is,  at  any  rate, 
of  the  same  sign.  Away  from  zero  angle  of  attack  the  effective  angle  of  attack  of  a  panel  is  made  up  of 
(a)  its  geometric  angle  of  attack  (b)  its  deflection  relative  to  neutral  and  (c)  the  small  upwash  induced 
by  the  wing.  This  last  effect  is  small  and  is,  in  any  case,  modified  by  the  secondary  pressure  distribu¬ 
tion  on  the  wing  arising  from  the  flow  field  of  the  canard.  If  this  upwash  may  be  ignored,  it  follows 
that  a  combination  of  +10  deflection  of  the  panel  on  the  port  side  and  a  given  angle  of  attack  is  equi¬ 
valent  to  a  -10  deflection  of  the  starboard  panel  at  an  angle  of  attack  10  larger.  It  is,  of  course, 
necessary  that  all  effective  angles  of  attack  lie  within  the  range  leading  to  linear  characteristics. 
Unfortunately  no  results  are  quoted  for  negative  angles  of  attack  in  the  case  of  port  panel  alone  deflec¬ 
ted.  However,  the  near  zero  values  of  rolling  moment  coefficient,  for  an  angle  of  attack  of  about  8  for 
the  case  of  deflection  of  the  starboard  panel  alone  and  for  an  angle  of  attack  about  -2  for  the  case  of 
deflection  of  the  port  panel  alone,  would  be  expected  on  the  basis  of  this  argument.  On  the  basis  of  the 
quoted  results  it  seems  that  this  line  of  reasoning  fails  to  account  for  the  opposite  signs  in  the  rolling 
moments  due  to  an  upward  deflection  of  a  starboard  panel  at  an  angle  of  attack  of  10  ,  and  that  due  to  a 
downward  deflection  of  a  port  panel  at  zero  angle  of  attack,  notwithstanding  the  fact  that  the  effective 
angles  of  attack  on  each  panel  would  be  approximately  equal  (0  starboard  and  10  port  side).  Whether 
flow  conditions  have  already  been  reached  for  which  the  effect  of  the  upstream  flow  field  of  the  wing  may 
not  be  neglected,  or  that  non-linear  effects  are  confusing  the  issue  is  difficult  to  say.  The  latter  does 
not  necessarily  invalidate  the  basic  argument  and  in  this  connection  it  is  of  interest  to  note  that  super¬ 
position  of  the  sum  of  the  rolling  moments  for  individual  panel  deflection  on  the  curve  for  the  anti¬ 
symmetric  deflection  (±10  )  shows  good  agreement  throughout.  To  put  the  rolling  moments  generated  into 
perspective  it  should  be  noted  that  the  sideforce  coefficient  produced  by  the  antisymmetric  deflection  is 
between  0.02  and  0  03,  that  is,  about  ten  times  the  size  of  the  rolling  moment  coefficient. 

The  horizontal  canards*^  tested  in  the  YF-16  and  F-4,  CCV  programmes  also  generated  insignificant 
rolling  moments,  when  being  used  to  produce  sideforce.  Corresponding  results  for  the  deflection  of  verti¬ 
cal  canards  do  not  seem  to  be  available,  but  rolling  moments  did  not  feature  in  Ref  16,  which  describes  the 
aerodynamic  interactions  on  the  CCV  YF-16,  so  are  presumably  also  insignificant. 

The  other  motivators  currently  in  use  do  not  cause  indirect  rolling  moments.  However,  if  the 
differential  spanwise  blowing* *  (or  differential  strake  projection)  described  in  section  2.3  is  used  to 
generate  sideforce  (see  Fig  37)  as  the  direct  effect  then  the  associated  rolling  moments  (see  Fig  18)  at 
the  high  angles  of  attack  represent  important  indirect  effects,  which  need  to  be  taken  into  account  in  the 
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design  of  the  control  system, 
moments  at  supersonic  speeds. 


The  differential  strake  arrangement  could  result  in  even  larger  rolling 


3.3  Indirect  yawing  moment 


3.3.1  Roll  motivators 


The  adverse  yawing  moments,  which  result  from  differential  deflection  of  the  aileron,  have  long  been 
a  source  of  difficulty  in  the  lateral  control  of  aircraft  at  moderate  to  high  angles  of  attack.  A  number 
of  parameters  have  been  used  to  assess  their  influence  on  aircraft  handling  qualities,  such  as 
and  the  so-called  lateral  Control  Departure  Parameter.  These  are  various  manifestations  of  the  behaviour 
of  the  quantity  (nv  -  nj-.v/Jj-),  which,  for  instance,  needs  to  be  greater  than  zero  for  stability  of  pilot- 
in-the-loop  modes.  If  3Cn/9C  and  3Cf/3£  (hence  and  are  of  opposite  sign  the  above  quantity 

can  change  sign  at  some  angle  of  attack,  because  of  the  behaviour  of  nv  and  at  moderate  to  large 

angle  of  attack  . 

At  the  relevant  angles  of  attack  the  yawing  moment  arises  from  changes  in  the  lift-dependent  drag 
caused  by  motivator  deflection,  and  so  is  difficult  to  estimate.  The  increments  in  yawing  moment  produced 
by  a  total  aileron  deflection  of  30  on  a  model  of  the  F-4  aircraft'®,  at  Mach  numbers  of  0.6  and  0.9,  are 
shown  in  Fig  45a,  with  leading-edge  slats  on  and  off.  The  presence  of  a  slat  has  an  effect  on  the  small 
yawing  moments  present  for  angles  of  attack  below  10  ,  but  leaves  the  characteristics  at  high  angles  of 
attack  virtually  unaffected.  In  the  present  instance  the  aileron  deflection  is  in  the  sense  which  produces 
a  positive  rolling  moment.  Deflection  of  a  spoiler  so  as  to  augment  this  rolling  moment  results  in  the 
yawing  moments  due  to  the  combined  effects  of  the  aileron  and  spoiler  becoming  positive  up  to  a  moderate 
angle  of  attack  (14°  at  M  »  0.6,  12°  at  M  =  0.9,  see  Fig  45b).  Beyond  this  angle  of  attack  the  moments 
become  negative  once  more  and  are  not  much  affected  by  the  spoiler,  either  with  or  without  the  slats.  This 
trend  is  in  accord  with  results  for  plain  spoilers^',  for  which  the  yawing  moment  has  the  same  sign  as  the 
rolling  moment  and  both  moments  tend  to  zero  as  the  stalling  angle  of  attack  for  the  wing  is  approached. 
Results  for  a  flap-type  spoiler  on  the  wing  of  Fig  16  exhibit  these  characteristics  as  shown  in  Fig  46. 

The  spoiler-slat-deflector  arrangement  shows  similar  trends,  but  with  larger  yawing  moments  for  a  given 
spoiler  deflection,  as  might  be  expected.  There  is  in  the  results  for  the  lower  Mach  number  (M  =  0.6)  just 
a  suggestion  that  the  moments  do  not  become  zero,  but  possibly  reach  a  minimum  and  increase  aga,...  as  the 
angle  of  attack  exceeds  the  value  corresponding  to  that  minimum. 

Although  the  yawing  moment  due  to  differential  tail  deflection  shows  similar  characteristics  to  that 
due  to  aileron,  the  adverse  effects  are  usually  less  severe,  occurring  at  higher  angles  of  attack,  and 
being  of  smaller  magnitude.  The  other  possible  motivators  suggested  for  supplementing  roll  power  at  high 
angles  of  attack,  ie  differential  strake  projection  and  blowing  along  the  span",  also  produce  adverse  yaw¬ 
ing  moments.  The  magnitudes  are  appreciable^  see  Fig  47,  and  the  strake  induces  rolling  and  yawing  moments 
of  approximately  equal  magnitudes  at  a  *  20°.  The  asymmetric  blowing  along  the  span  is,  however,  more 
efficient  in  generating  rolling  moment  than  yawing  moment,  the  ratio  ACn/AC4  being  approximately  -0.5  for 

■t  <  16°. 


3.3.2  Sideforce  motivators 

When  horizontal  or  vertical  canard  surfaces  are  used  to  produce  sideforce  changes  yawing  moments  are 
induced,  which  in  this  context  must  be  regarded  as  unwanted.  Use  of  the  rudder  to  trim  out  the  yawing 
moments  results  in  an  augmented  sideforce  contribution,  as  discussed  in  section  2.5.  The  results"’  for 
vertical  canards  on  the  CCV  YF-16  are  shown  in  Figs  23  and  36,  from  which  it  is  seen  that  increase  in  the 
angle  of  attack  reduces  the  effectiveness  of  motivators  in  generating  sideforce,  but  at  the  same  condi¬ 
tions  a  reduction  occurs  in  the  induced  yawing  moment. 

The  yawing  moments  generated  by  the  differential  deflection  of  the  horizontal  canards  on  the  CCV 
YF-16  are  not  published  in  detail,  but  some  results  for  the  research  model  of  a  close-coupled  canard'^  lay¬ 
out  are  of  interest.  Deflection  of  one  canard  negatively  was  found  to  generate  greater  sideforce  and  yaw¬ 
ing  moment  than  an  equal  positive  deflection,  shown  by  the  results  in  Fig  48  for  6C  =  -10  and 
Sq  «  +10  respectively,  but  the  results  for  differential  deflection  of  ±10  are  essentially  given  by  the 
sufi  of  the  two  increments.  It  is  also  noticeable  that  yawing  moment  is  not  linear  with  differential 
deflection,  with  small  increase  in  Cn  due  to  increasing  6  from  ±5  to  ±10  ,  although  the  corresponding 
sideforce  (not  shown)  is  linear.  The  reason  why  this  is  so  even  at  zero  angle  of  attack  is  difficult  to 
understand.  It  may  be  remarked,  however,  that  there  are  four  possible  contributions  to  these  yawing 
moments.  These  are  (I)  that  arising  directly  from  the  load  distribution  on  the  canard,  (2)  that  arising 
from  the  asymmetric  loading  induced  on  the  wing,  (3)  that  arising  from  the  pressure  distribution  induced  on 
the  fuselage  and  (4)  that  arising  from  the  action  of  the  flow  field  at  the  fins.  The  quoted  results  do  not 
permit  a  breakdown  into  these  individual  contributions.  If,  for  the  condition  of  zero  angle  of  attack  and 
Acg  =  -10  ,  »  0°,  each  of  the  above  yawing  moment  increments  is  represented  in  magnitude  by  (AC^l^  ; 

(AC„b)q  ;  (AC,,^)^  and  (AC^l^  respectively,  then  for  the  case  of  5cs  *  0  ,  5c  *  +10°  ,  a  «  0°  the 

magnitudes  of  these  different  contributions  would  be  expected  to  be  the  same,  but  for  some  the  signs 
differ.  Thus,  the  following  relationships  exist. 


II  *  Care  needs  to  be  exercised  when  comparing  wind-tunnel  test  results  from  different  sources  as  the 

derivatives  may  refer  to  different  axis  systems,  usually  either  aerodynamic  body  axes  (stability  axes) 
•  or  geometric  body  axes.  If  the  plain  symbols  are  used  for  the  former  type  of  derivative  and  those 

with  a  suffix  b  for  the  latter,  the  following  relationship  exists; 
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The  former  yawing  moment  exceeds  the  latter  by  2((AC  )  +  (&C  )  >  ,  which  offers  a  possible  explanation 

I  nc  0  "wot 

of  fhe^dif ference  noted  in  the  single  panel  deflection  results.  For  the  combination  Sq  =  0,  6q  =  -10°, 
:•  »  10  the  contributions  from  the  canard,  fuselage  and  fin  are  again  of  magnitude  ** 

(AC  )  ,  (AC  J  and  (AC  }  ,  but  the  wing  on  the  starboard  side  has  an  angle  of  attack  of  10°  whilst 
CO  nB  0  "f  0 

that  on  the  port  side  has  an  angle  of  attack  of  10  less  the  downwash  due  to  the  canard,  giving  rise  to  a 
yawing  moment  contribution  of  (AC  )  ,  say.  Thus  the  difference  in  overall  yawing  moment  for  6^  =  0, 
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<$Cg  =  ~I0  at  10  angle  of  attack  and  at  0°  angle  of  attack 
could  possibly  explain  why  the  two  yawing  moments  differ  so 
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In  spite  of  the  non-linearity  exhibited  by  the  *10°  deflection  results  in  comparison  with  the  ±5° 
deflection  results,  the  results  for  individual  panel  deflection  may  be  superimposed  to  give  total  yawing 
moments  very  close  to  those  for  the  antisymmetric  deflection  of  ±10  .  This  holds  for  both  Mach  numbers. 

3.4  Indirect  lift 


3.4.1  Longitudinal  motivators 

The  main  emphasis  in  design  considerations  of  indirect  effects  of  motivators  on  lift  is  on  perform¬ 
ance,  and  it  is  obviously  beneficial  if  the  control  surface  deflection  required  for  trim  contributes 
positive  lift  -  hence  the  interest  in  relaxed  static  stability  and  canard  layouts.  Comparisons  of  perform¬ 
ance  parameters  are  not  discussed  further  here,  although  many  of  the  reports  on  longitudinal  control  sur¬ 
faces  listed  in  Bibliography  are  primarily  concerned  with  Cl  •  »  L/D  and  effect  of  static 
margin^*^* *2, 13,38.  is  usually  found  that  the  lift  associate!!  with  the  level  of  pitching  moment 
required  by  other  applications  of  active  control  does  not  have  a  significant  effect  on  aircraft  response. 
More  attention  may  have  to  be  paid  to  the  lift  for  very  closely  coupled  configurations,  eg  when  the  trail- 
ing-edge  flap  on  the  wing-canard  and  wing  alone  configurations  is  considered  principally  as  a  pitch 
motivator  in  section  2.1  (Fig  11),  notwithstanding  the  fact  that  the  lift  is  large  enough  to  have  been 
included  in  the  data  discussed  in  section  2.4. 


3.4.2  Lateral  motivators 


The  only  lateral  motivators  to  induce  lift  are  spoilers  used  for  roll  control,  and  the  lift  loss  can 
be  appreciable.  For  example,  the  large  spoiler  (hs/c=»0.08)  shown  in  Fig  16  causes  an  incremental  lift  of 
-0.2  at  low  angle  of  attack  (see  Fig  49),  which  becomes  near  zero  as  the  wing  stalls  at  higher  angles  of 
attack.  The  spoiler-slot-deflector  is  more  efficient  as  a  roll  motivator  than  the  plain  spoiler,  and  the 
lift  loss  is  correspondingly  greater,  and  is  still  appreciable  at  the  highest  angle  of  attack  tested, 
ii  -  20  ,  as  also  shown  in  Fig  49. 

3.5  Indirect  sideforce 


The  sideforce  induced  by  conventional  controls  is  small,  that  due  to  the  rudder  being  the  most 
significant.  For  current  aircraft  designs,  3C  /3^  does  not  affect  the  response  sufficiently  to  need 
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correction,  but  with  the  trend  towards  shorter  fin  arms,  the  magnitude  of  sideforce  relative  to  yawing 
moment  becomes  larger,  and  may  need  to  be  considered. 

3.6  Indirect  drag 

All  motivators  cause  increased  profile  drag  when  in  operation,  and  many  motivators  also  cause 
increased  overall  lift-dependent  drag,  the  main  exception  being  ailerons  and  differential  tails.  The 
design  aim  is  obviously  to  achieve  the  required  level  of  control  power  at  minimum  overall  'cost',  to  which 
drag  is  a  major  contributor,  but  a  comparison  of  drag  levels  is  not  attempted  in  this  review.  As  mentioned 
in  section  2,  the  reports  on  experimental  data  for  flaps  and  other  lift-augmentation  devices  include  drag 
measurements,  and  most  discuss  performance  parameters.  Measurements  of  drag  due  to  lateral  motivators  are 
not  always  recorded  in  the  published  literature,  as  in  the  past  the  drag  increments  have  not  been 
important  for  design  considerations. 

4  HINGE  MOMENTS 


Deflection  of  most  of  the  motivators  described  in  the  preceding  sections  requires  a  significant 
effort,  which,  since  the  deflection  usually  takes  the  form  of  a  rotation  about  a  hinge  line,  is  a  moment 
about  that  hinge.  In  the  early  years  of  the  aircraft,  this  effort  had  to  be  supplied  by  the  pilot,  via  a 
mechanical  system  linking  the  motivator  (usually  a  flap-type  control  surface)  to  the  pilot's  cockpit 
control.  Physiological  limitations  and  fatigue  set  absolute  limits  on  the  hinge  moments,  whilst  the  ease 
and  rapidity  with  which  control  could  be  applied  caused  the  aircraft  designer  to  aim  for  values  consider¬ 
ably  below  the  above  limits.  As  the  speed  range  of  aircraft  increased  and  the  range  of  size  became 
larger  the  designer  was  forced  to  ever  smaller  hinge  moment  coefficients.  The  hinge  moments  themselves, 
of  course,  increased  at  least  as  the  square  of  speed  (often  more  as  compressibility  became  more  important) 
and  as  the  cube  of  the  linear  dimensions.  These  trends  made  for  exceedingly  . . ne  aerodynamic  balance 
(3Cjj/3f,  etc  close  to  zero)  and  hence  very  small  tolerances  on  manufacture.  This,  of  itself,  did  not  put  an 
end  to  the  quest  for  aerodynamic  balance  of  the  hinge  moments,  but  taken  together  with  the  fact  that  the 
conventional  forms  of  balance  failed  to  give  the  required  relief  through  the  speed  range,  which  was  rapidly 
extending  into  the  supersonic  regime,  meant  that  designers  saw  power-operation  of  the  control  surfaces  as  a 
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means  of  escape  from  the  recurring  tedium  of  making  adjustments  in  lengthy  flight  tests.  Hinge  moment 
characteristics  assumed  less  importance  in  aircraft  design  and,  perhaps  not  surprisingly,  the  research  and 
wind-tunnel  testing  also  decreased,  apart  from  tests  aimed  at  supplying  data  on  oscillating  control  sur¬ 
faces  for  flutter  investigations,  of  which  more  is  said  later. 

This  somewhat  relaxed  attitude  towards  hinge  moment  characteristics  was  perhaps  accompanied  by  more 
uncertainty  about  their  estimation,  since  development  of  the  methods  given  in  the  ESDU^  and  DATCOM^  series 
failed  to  take  place.  Indeed  it  is  probable  that  in  many  instances  there  was  no  advantage  taken  of  the 
advances  made  in  the  theoretical  side  of  the  calculation  of  flows  around  lifting  surfaces.  Be  that  as  it 
may,  it  is  a  matter  of  record^  that  problems  were  encountered  with  undesirable  behaviour  of  a  flight  con¬ 
trol  system,  because  the  actuator  hinge  moment  limit  was  reached.  In  this  instance,  it  is  only  fair  to 
remark  that  the  discrepancy  between  estimated  or  design  data  and  those  realized  in  flight  test  was  con¬ 
fined  to  the  hinge  moment  at  zero  tail  lift  (or,  in  fact,  to  the  bQ  effect).  The  aircraft  in  question 
was  the  USAF/Rockwell  B-l  and  the  problem  was  aggravated  by  a  discrepancy  in  the  pitching  moment 
coefficient  at  zero  lift,  tail  off.  Difficulty  was  first  encountered  on  a  flight  manoeuvre  initiated  by  a 
rudder  doublet  input  and  during  which  the  yaw  autostabilization  was  made  inactive.  The  resulting  aircraft 
response  is  illustrated  in  Fig  50.  As  the  port  and  starboard  tail  panels,  each  in  its  turn,  reach  a  down 
angle  of  +5.8  the  flight  record  shows  flats.  Close  examination  of  the  hinge  moments  in  these  conditions 
revealed  that  a  limit  for  the  actuator  had  been  reached.  The  consequence  of  this  was  the  uncommanded  (and 
potentially  dangerous)  response  in  pitch  as  indicated  by  the  normal  load  factor  in  Fig  50. 

An  explanation  of  the  events  just  described  may  be  sought  on  the  following  lines.  In  the  absence  of 
augmented  yaw  damping  the  Dutch-roll  mode  is  lightly  damped,  so  larger  than  usual  roll  and  yaw  oscillations 
would  ensue  in  the  manoeuvre  described  above.  The  roll  channel  of  the  flight  control  system  responds  by 
providing  differential  tail  deflection  according  to  the  roll  rate.  For  a  downward-going  panel  it  becomes 
possible  to  reach  the  actuator’s  hinge  moment  limit.  When  this  happens,  as,  for  example,  for  the  second 
time  in  the  flight  of  the  B-l  aircraft,  the  starboard  tail  panel  is  prevented  from  deflecting  further 
whereas  the  deflection  of  the  port  panel  is  not  restrained.  A  more  negative  rolling  moment  than  intended 
is  produced,  and  is  accompanied  by  an  uncommanded  nose-up  pitching  moment.  The  latter  causes  the 
uncommanded  response  in  the  load  factor.  As  soon  as  the  roll  rate  drops  sufficiently,  there  is  no  danger 
of  limiting  in  this  way  and  the  control  system  behaves  normally. 

Since,  at  aft  centre-of-gravity  locations,  the  effect  on  the  hinge  moment  of  the  increasing  angle  of 
attack  in  a  pull-up  can  more  than  counterbalance  the  effect  of  the  negative  tail  deflection,  it  is  also 
possible  for  difficulties,  arising  from  the  same  cause,  to  occur. 

As  previously  remarked  the  output  of  experimental  data  on  controls  (motivators)  which  reached  flood 
proportions  in  the  1950s  dropped  to  a  mere  trickle  in  the  next  two  decades.  The  impression  may  be  mis¬ 
leading  in  that  it  is  not  possible  to  account  for  the  results  of  unpublished  ad  hoc  work.  For  this  reason 
it  has  been  decided  to  describe  the  readily  available  data  under  the  two  headings  of  (a)  quasi-static  hinge 
moments  (b)  hinge  moments  for  oscillating  motivators,  rather  than  according  to  type. 

4.1  Quasi-static  hinge  moments 
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Figs  51  and  52  show  some  of  the  results  available  from  an  investigation  made  of  the  load  and  hinge 
moment  characteristics  of  a  sweptback  high  tail  (T-tail)  fitted  to  a  model  of  a  transport  aircraft 
(actually  a  seaplane).  Tailplane  pressure  distribution,  normal  force  and  hinge  moments  were  obtained  for 
the  Mach  number  range  0.60  to  1.075  and  a  wing  angle-of-attack  range  of  -4  to  +14  .  A  thin  (t/c  =  0.05) 
tail  of  delta  planform  and  area  equal  to  that  of  the  original  tail  was  also  tested.  For  an  all-moving 
surface  it  is  convenient  to  plot  the  hinge  moment  coefficient  against  the  tail  normal  force  coefficient  and 
the  latter  against  angle  of  attack,  as  in  Fig  51.  Some  slight  non-linearity  of  characteristics  is  present 
at  the  most  negative  and  positive  angles  of  attack  tested.  The  effect  of  tail  setting  on  the  variation  of 
the  hinge  moment  coefficient  with  the  normal  force  coefficient  of  the  tail  was  found  to  be  small  and  it  is 
thus  instructive  to  examine  the  trends  with  Mach  number  of  the  derivative  OC^/SC^) tail »  or  t*ie  aero- 
dynamic  centre  location.  For  the  original  tail  the  aerodynamic  centre  moves  aft  as  Mach  number  increases 
from  0.9  upwards,  see  Fig  52,  with  an  overall  shift  of  about  20%  chord  between  M  =  0.8  and  M  =  1.08.  The 
delta  tail  exhibits  about  the  same  overall  shift,  but  it  is  confined  in  this  case  to  the  range 
1.0  <  M  <  1.08.  An  important  difference  is  noted  in  the  hinge  moment  coefficients  for  zero  normal  force 
(bg)  for  the  delta  and  swept  tails,  see  Fig  52.  Devices  that  alter  the  level  of  the  bQ  effect  may  be 
employed  to  change  the  level  of  hinge-moment,  without  any  change  in  the  slope  of  the  curve  of  hinge-moment 
coefficient  against  tail  normal  force  coefficient.  What  is  desirable  depends  upon  whether  the  trim  of  the 
aircraft  is  achieved  with  download  or  upload  on  the  tail. 
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Data  from  the  next  series  of  wind-tunnel  tests  have  featured  already  in  the  earlier  sections  of 
this  review.  They  refer  to  two  spoiler  arrangements  fitted  to  a  half-model  of  a  45  sweptback  wing  and 
fuselage  combination.  One  is  a  flap-type  spoiler  and  the  other  is  a  spoiler-slot-deflector  arrangement.  A 
Mach  number  range  of  0.6  to  0.95  was  covered  in  the  tests  and  an  angle-of-attack  range  of  -4  to  +20  for 
the  lower  Mach  numbers,  but  a  more  restricted  range  in  angle  of  attack  for  Mach  numbers  between  0.85  and 
0.95. 

For  the  flap- type  spoiler  positioned  as  shown  in  Fig  16  the  hinge  moment  coefficients  varied  with 
spoiler  deflection  and  Mach  number  as  shown  in  Fig  53a  for  zero  angle  of  attack.  Whereas  the  variation  of 
the  hinge  moment  coefficient  is  approximately  linear  with  spoiler  deflection,  it  exhibits  a  departure  from 
linearity  with  respect  to  angle  of  attack,  which  becomes  more  pronounced  as  either  the  spoiler  deflection 
or  the  angle  of  attack  is  increased,  see  Fig  53a,  The  hinge  moments  for  a  given  spoiler  projection 
decrease  in  magnitude  as  the  angle  of  attack  becomes  large. 

Hinge  moment  data  are  given  for  simultaneous  deflection  of  the  lower  surface  deflector  for  a  range 
of  spoiler  projection  and  deflector  projection.  As  explained  in  the  section  on  rolling  moments,  there  is 
a  progressive  improvement  in  rolling  power  with  increase  of  deflector  to  spoiler  gearing  up  to  0.75  at  the 
lower  Mach  numbers  and  up  to  about  0.5  at  the  higher  Mach  numbers  tested.  The  hinge  moment  to  be  provided 
by  the  actuator  can  be  reduced  by  suitably  linking  the  spoiler  and  deflector  since  their  hinge  moments 


are,  over  much  of  the  range,  of  opposite  sign.  If  the  individual  hinge  moment  coefficients  are  based  on 
Ssi's  and  where  Ss  =  area  of  spoiler  surface  and  c  =  spoiler  chord  and  *  area  of  deflector  sur¬ 

face  and  cj  =  deflector  chord,  then  the  nett  hinge  moment  coefficient  based  upon  the  total  area  and  either 
chord  of  identical  surfaces  is  given  by 
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From  the  data  given  in  Ref  21  this  quantity  can  be  evaluated  for  any  specified  gearing.  To  illustrate  how 
the  hinge  moment  required  can  be  reduced  the  coefficients  (Fig  54a)  have  been  calculated  at  M  *  0.6  and 
•i  =  0  for  h^/hs  ■  0.25  and  0.50  for  a  range  of  hs  .  The  data  for  u  =  8  ,  M  =  0.6  were  analysed  in  a 
similar  way  for  h^/hg  *  0.25  and  0.50  for  0  ^  hs/c  ^  0.08  but  only  for  hs/c  =  0.01,  0.02  for  h^/h^  -  0.75, 
see  Fig  54b.  These  results,  in  their  turn,  can  be  used  to  estimate  an  idealized  gearing  resulting  m  zero 
hinge  moments.  This  linkage  gearing  is  also  shown  in  Fig  54b.  Since  the  data  for  other  Mach  numbers  and 
angles  of  attack  show  similar  trends  it  would  seem  possible  to  achieve  very  low  hinge  moment  requirements 
throughout,  possibly  at  the  expense  of  a  gearing  scheduled  with  Mach  number,  angle  of  attack  and  deflection. 

Not  many  flight  measurements  of  hinge  moment  characteristics  are  to  be  found  in  the  literature,  but 
test  results  have  been  reported  for  the  Fairey  Delta  2  aircraft^  and  the  XB-70  aircraft^.  The  aileron 
and  elevator  hinge  moment  derivatives  for  the  former  aircraft  were  extracted  from  flight  records  of  hinge 
moments,  aircraft  response  and  the  control  input  pulses.  Where  possible  the  results  were  compared  with 
wind-tunnel  test  results.  These  comparisons  are  reproduced  herein,  Figs  55  to  57  and  show  that  /DC  > 

DC^g/Dn  and  DCug/Dot  for  the  elevators  were  in  good  agreement,  but  differences  do  exist  between  A 
the  two  sets  of  dC^/aa  for  the  ailerons.  It  is  also  concluded  that  the  induced  effects  DC^/Dn  and 
3Ch£/9C  are  important,  at  any  rate  at  transonic  speeds,  see  Fig  57.  The  hinge  moment  coefficient 
for  zero  angle  of  attack  of  each  motivator  proved  difficult  to  obtain.  It  was  necessary  to  apply  aero- 
elastic  corrections.  On  the  basis  of  the  simple  procedures  followed  these  were  significant  for  the 
elevator,  but  small  for  the  aileron.  The  agreement  of  results  at  10000  ft  and  40000  ft  altitude  suggest 
that  the  corrections  for  the  elevator  distortion  were  of  the  right  order  of  magnitude.  For  the  aileron 
there  is  an  unexplained  discrepancy. 

The  data  for  the  XB-70  aircraft  are  essentially  a  flight-tunnel  comparison,  so  that  in  Fig  58  can  be 
seen  the  agreement  between  the  results  of  flight  tests,  rigid  wind-tunnel  test  results  and  the  latter 
corrected  for  elastic  effects.  The  tip  portions  of  the  wing  are  folded  downwards  in  supersonic  flight  and 
the  two  outboard  elevon  segments  on  each  tip  are  locked  in  a  neutral  position.  To  obtain  the  elevon 
hinge-moment  data  in  coefficient  form,  the  sum  of  the  hinge  moments  of  the  segments  in  use  on  the  wing 
panel,  for  which  measurements  were  taken,  was  divided  by  the  product  of  free  stream  kinetic  pressure,  the 
total  area  of  these  segments  and  the  mean  elevon  chord  for  this  area.  In  forming  the  derivative  b2  the 
average  deflection  of  the  above-mentioned  segments  was  used. 
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Trailmg-edge  flaps  at  various  spanwise  locations  on  a  supercritical  wing  (shown  in  Fig  29)  were 
the  subject  of  the  tests  the  results  of  which  are  presented  in  Fig  59.  The  non-linear  character  of  the 
hinge  moment  coefficient  (M  =  0.90,  t  =  2  )  for  positive  flap  deflection  is  noteworthy,  as  is  also  the 
fact  that  for  the  most  inboard  of  the  three  flap  motivators  the  non-linearity  extends  into  the  negative 
deflection  range.  At  the  lower  Mach  number,  M  =  0.6,  the  curve  of  hinge  moment  coefficient  against  flap 
deflection  Is  more  nearly  linear.  Calculated  hinge  moments  agree  well  with  measurements  in  this  instance. 

4.2  Oscillatory  hinge  moments 

In  the  context  of  active  use  of  motivators  for  gust  load  alleviation  or  to  delay  the  onset  of  flutter, 
knowledge  of  the  hinge  moment  characteristics  of  oscillating  flaps  is  essential.  At  the  high  frequencies 
involved,  these  characteristics  depend  upon  the  value  of  the  frequency  parameters,  particularly  at  tran¬ 
sonic  speeds.  A  number  of  the  papers  published  on  the  topic  of  oscillatory  hinge  moments  are  concerned 
with  the  development  of  test  techniques  (see  Bibliography),  but  as  the  various  techniques  yield  data  of 
comparable  accuracy  this  aspect  is  not  of  immediate  interest,  except  to  remark  that  in  the  usual  analysis 
the  moments  are  effectively  linearized. 

The  data  displayed  in  Figs  60  and  61  show  the  influence  of  large  trail ing-edge  thickness  on  the 
stiffness  and  damping  derivatives  for  a  trail ing-edge,  flap-type  control  fitted  to  a  half-wing  model^® 
(effective  aspect  ratio  1.8,  taper  ratio  0.74).  The  damping  derivative  results  indicate  instability  at 
transonic  speeds  for  the  basic  aerofoil  section.  For  the  controls  with  thickened  trailing  edges  the  aero¬ 
dynamic  damping  is  stable,  but  only  for  a  limited  amplitude  of  oscillation.  However,  the  amplitude  over 
which  the  damping  is  stable  increases  with  increasing  trailing-edge  thickness.  The  stiffness  derivative, 
like  its  quasi-steady  counterpart,  is  increased  in  magnitude  at  subsonic  speeds  as  the  trailing-edge 
thickness  is  increased,  but  its  variation  with  Mach  number  at  transonic  speeds  is  decreased,  see  Fig  61. 
Similar  unstable  characteristics  were  noted  in  tests'^  of  a  swept  fin  with  full-span  rudder  mounted  on  a 
half  body  and  attached  to  the  wind-tunnel  wall  (Fig  6 2).  In  this  case  the  instability  is  confined  to  Mach 
numbers  in  excess  of  0.975.  For  the  basic  tests  the  rudder  was  unbalanced  and  it  was  found  that  the 
addition  of  forward  balance  (setback  hinge)  had  a  stabilizing  influence  on  the  damping  derivative, 
although,  not  surprisingly,  the  stiffness  derivative  changes  sign  at  subsonic  speeds  (Fig  62).  The  addi¬ 
tion  of  small  spoilers,  mounted  on  the  control  surface  just  aft  of  the  hinge  line,  had  an  even  greater 
beneficial  effect  on  the  unstable  damping  character istic ,  whilst  reducing  the  hinge  moment  due  to  deflec¬ 
tion  at  Mach  numbers  in  excess  of  0.9.  These  improvements  are  obtained  at  the  expense  of  about  40% 
reduction  in  control  effectiveness. 


The  influence  of  aerofoil  and  control  section  shape  is  also  the  subjc 
rectangular  wing  of  aspect  ratio  3  with  stores  of  different  weight  attached 
ness-chord  ratios,  0.04,  0.06,  0.08  and  0.10,  were  tested  with  controls  hav 
of  13.33  (the  true  contour  trailing-edge  angle  of  the  65A010  aerofoil  sect 
results  for  the  aerodynamic  damping  derivative.  Control  surfaces  with  trai 
13.33  and  19.75  were  fitted  to  the  10%  thick  wing.  Fig  6<  shovs  that  inc 
with  a  fixed  thickness-chord  ratio,  has  a  stabilizing  effect  on  the  unstabl' 
trol  with  a  trailing-edge  angle  of  5.25  for  Mach  numbers  between  0.9  and  1 


ct  of  the  investigation  of  a 
to  the  wing  tip.  Four  thick- 
ing  a  fixed  trailing-edge  angle 
ion)  and  Fig  63  shows  typical 
ling-edge  angles  of  5.25°, 
reasing  the  trai 1 ing-edge  angle, 
e  damping  present  for  the  con- 
.02,  the  maximum  of  these  tests. 


The  test  results  for  the  stiffness  derivative  (not  reproduced  here)  show  that  changes  in  the  aerofoil 
~  thickness-chord  ratio,  while  holding  the  control  trail ing-edge  angle  constant,  has  little  effect  on  either 

0  the  static  hinge  moment  derivative  with  respect  to  control  angle  or  the  stiffness  derivative  of  the 
oscillatory  tests.  The  largest  trail ing-edge  angle  leads  to  slight  overbalance  up  to  a  Mach  number  of 
unity,  (Fig  65) . 

Other  modifications  to  the  control  surface  more  akin  to  those  of  Ref  49  were  also  tested  and  demon¬ 
strate  the  same  trends. 

Some  tests  of  a  half-wing  model,  of  effective  aspect  ratio  2.744,  and  fitted  with  26%  full-span  flap 
are  described  in  Ref  51.  The  trends  shown  by  the  stiffness  and  damping  derivatives  quoted  follow  those 
shown  by  the  results  described  previously,  that  is,  the  magnitude  of  the  stiffness  derivative  increases  as 
Mach  number  is  increased  whilst  the  damping,  after  exhibiting  an  increase  at  subsonic  speeds,  drops  in 
magnitude  near  a  Mach  number  of  unity  and  thereafter  shows  a  tendency  to  reverse  in  sign.  This  paper^l 
makes  special  mention  of  the  effect  of  Reynolds  number  as  indicated  by  these  particular  tests.  The  scale 
effect  seems  to  be  a  more  definite  trend  in  the  case  of  the  damping  derivative.  In  contrast,  the  authors 
of  Ref  49  state  that  for  the  range  of  Reynolds  number  used  in  their  tests  (1.4  *  I  0&  to  4.95  v  10^)  scale 
effects  are  small.  Work  on  the  topic  has  continued  in  the  UK,  see  Bibliography  and  in  particular  Ref  52, 
which  refers  specifically  to  active  control. 

5  IMPLICATIONS  IN  WIND-TUNNEL  TESTING 

Mention  has  already  been  made  of  some  of  the  topics  discussed  in  this  section,  but  such  remarks  have 
been  of  a  superficial  nature.  It  is  thought  worthwhile  to  discuss  in  somewhat  greater  depth  certain 
aspects  of  wind-tunnel  testing  which  have  repercussions  upon  the  ease  of  acquisition  or  the  accuracy  of 
experimental  data. 

5.1  Scale  effects  -  Reynolds  number 

The  need  to  operate  combat  aircraft  at  flight  conditions  for  which  flow  separation  occurs  has  been 
the  spur  to  much  of  the  recent  aerodynamic  and  flight  dynamic  research.  Ironically  scale  effects  are  at 
their  most  significant  in  conditions  of  flow  separation,  in  which  control  charac teris tics  depart  from 
linearity  and  have  to  be  measured  rather  than  estimated.  This  state  of  affairs  is  likely  to  continue  to 
challenge  the  aerodynamicist  for  some  time,  both  in  achieving  satisfactory  characteristics  and  in  extra¬ 
polating  from  model  to  full-scale. 

A  few  tunnels  are  coming  into  operation  which  are  capable  of  achieving  high  Reynolds  numbers  and 
would  seem  to  offer  a  straightforward  way  out  of  our  troubles  with  scale  effects.  However,  it  is  likely  to 
prove  difficult,  and  certainly  expensive,  to  make  large  models  with  operative  control  surfaces  strong 
enough  to  withstand  the  high  loads  resulting  from  testing  at  high  angles  of  attack  and  high  speed.  An 
alternative  attack  on  the  problem  lies  in  the  techniques  which  aim  to  simulate  full-scale  boundary-layer 
conditions  on  wind-tunnel  models.  The  final  justification  of  the  efficacy  of  these  techniques  rests  on 
comparison  with  tests  at  full-scale  Reynolds  number. 

More  data  on  control  characteris tics  are  now  becoming  available  from  flight  tests  and  these  provide 
a  useful  comparison  with  wind-tunnel  derived  data.  However,  any  differences  may  be  attributed,  in  part  at 
least,  to  a  variety  of  causes,  including  Reynolds  number,  aeroelastic  and  dynamic  effects.  It  may  be 
impossible  to  isolate  the  pure  scale  effects.  Another  possible  source  of  data  at  high  Reynolds  number  is 
the  testing  of  large-scale  models,  in  free  or  remotely-piloted  flight.  To  achieve  high  subsonic  speeds  in 
such  tests  would  prove  expensive. 

It  is  fortunate  that  flow  separation  is  usually  delayed  to  a  higher  angle  of  attack  by  a  large 
increase  in  Reynolds  number,  thus  rendering  wind-tunnel  results  conservative.  A  difficulty  arises  when 
the  design  of  the  control  system  relevant  to  a  particular  task  is  dictated  by  the  control  characteris tics 
beyond  the  onset  of  flow  separation.  In  this  case  f,inal  adjustments  must  await  the  outcome  of  flight  trials , 

As  regards  the  data  used  in  the  illustrative  examples  of  the  text,  which  are  in  the  main  drawn  from 
wind-tunnel  test  results,  possible  scale  effects  have  been  indicated  by  quoting  the  Reynolds  number  for 
each  test.  The  extent  to  which  transition  strips  or  other  means  of  modifying  the  boundary  layers  of  the 
various  aircraft  components  have  been  used  is  not  noted  and  reference  must  be  made  to  the  original  papers 
for  these  details. 


5.2  Aeroelasticity 

Attention  has  already  been  drawn  to  the  fact  that  ailerons  and  rudders  are  particularly  sensitive  to 
aeroelastic  effects,  but  it  is  not  possible  to  cater  for  these  effects  by  constructing  models  having  the 
correct  aeroelastic  scaling.  Two  techniques  have  been  developed  to  circumvent  this  difficulty.  The  more 
common  technique  is  to  apply  theoretical  static  aeroelastic  corrections  to  data  obtained  from  a  rigid  model. 
The  alternative  is  to  test  the  control  surface  on  distorted  shapes  calculated  for  the  various  flight  con¬ 
ditions.  Both  techniques  assume  pseudo-steady  conditions,  that  is,  the  aircraft  shape  is  determined  by  the 
steady  load  at  the  mean  flight  condition,  and  dynamic  or  time-dependent  effects  are  neglected.  This 
assumption  is  justified  away  from  flutter  speeds,  but,  of  course,  must  not  be  made  in  deriving  data  to  be 
used  in  the  design  of  a  control  system  which  delays  the  onset  of  flutter  and  increases  the  pre-flutter 
damping. 

It  is  also  necessary  to  take  due  account  of  aeroelastic  effects  in  the  design  of  variable  camber 
systems  intended  to  optimize  lift  and  drag.  The  desired  shape  is  that  of  the  loaded  wing  for  the  design 
flight  condition,  from  which  the  geometry  ot  the  unloaded  wing  and  variable  camber  system  has  to  be  deduced. 

An  Active  control  system  which  is  designed  to  alleviate  loads  must  be  based  to  an  increasing  extent 
upon  a  fully-representative  mathematical  model  of  the  aircraft  embracing  both  aerodynamic  and  structural 
aspects.  One  difficulty  here  is  how  to  reconcile  in  a  meaningful  manner  data  from  semi-empirical  or 
empirical  sources  on  the  one  hand  with  data  only  available  from  theoretical  sources. 


5.3  Unsteady  flows  and  dynamic  effects 


The  two  aspects  of  time-dependent  aerodynamics  which  have  to  be  considered  for  control  surfaces  are 
the  effect  of  high-frequency  oscillations  due  to  structural  response  (in  flutter  postponement  systems)  and 
the  transient  changes  due  to  rate  of  deflection  (in  gust  load  or  response  alleviation  systems).  Wind- 
tunnel  test  techniques  for  measuring  the  characteristics  of  oscillating  control  surfaces  have  been 
developed,  and  some  new  results  will  be  described  later  in  this  Symposium.  The  transient  changes  in  pres¬ 
sure  distribution  due  to  rate  of  deflection  of  control  surfaces  have  largely  been  ignored  until  recently, 
but  the  higher  rates  of  control  application  demanded  by  some  types  of  active  control  systems  mean  that 
some  knowledge  is  needed.  Theoretical  methods  are  being  developed,  and  experimental  data  are  becoming 
available,  for  plain  flaps,  but  there  is  a  gap  in  our  knowledge  of  aerodynamic  characteristics  and  of  the 
effects  on  control  system  design. 

5. A  Interference  and  coupling  effects 

In  the  context  of  this  review  the  term  interference  is  taken  to  imply  an  aerodynamic  interaction, 
often  mutual,  between  two  components  of  an  aircraft.  It  also  manifests  itself  in  effects  due  to  test  set¬ 
up  in  wind-tunnel  testing,  viz  tunnel  wall  interference  and  model-sting  interference,  mention  of  which  is 
made  in  section  2.3.  Here  we  prefer  to  lay  stress  upon  the  increasing  importance  of  the  interference,  often 
mutual,  between  surfaces,  both  fixed  and  movable,  which  is  a  feature  of  the  closely-coupled  aircraft 
configurations.  Examples  of  such  effects  on  control  powers  have  been  given  in  sections  2  and  3.  Under  the 
same  heading  comes  the  influence  that  leading-edge  devices,  introduced  to  improve  aircraft  performance, 
have  on  such  things  as  control  power  and  flying-quality  parameters. 

Coupling  is  taken  to  signify  the  effect  whereby  the  forces  and/or  moments  relating  to  one  axis  (of  a 
body  axis-system)  are  affected  by  the  presence  of  a  parameter  related  basically  to  another  axis,  for 
example,  yawing  moment  due  to  aileron  deflection,  pitching  moment  due  to  rate  of  yaw.  Here  we  are  concer¬ 
ned  particularly  with  the  coupling  effect  wherein  the  aerodynamic  forces  and/or  moments  generated  by  one 
parameter  are  altered  significantly  by  the  presence  of  another  parameter.  Where  the  two  parameters  are 
motivator  deflections  the  coupling  is,  in  effect,  a  form  of  interference.  It  may  be  noted  in  passing  that 
the  inclusion  of  such  terms  in  the  aerodynamics  renders  the  mathematical  model  of  the  aircraft  non-linear 
and  usually  couples  the  longitudinal  and  lateral  motions.  In  the  context  of  the  linearized  mathematical 
model  it  has  been  customary  to  include  contributions  to  the  sideslip  derivatives  due  to  the  flap  deflection, 
as  such  contributions  to  the  rolling  and  yawing  moments  due  to  sideslip  are  often  important.  However,  in 
these  circumstances  the  flap  deflection  was  invariant.  We  are  now  concerned  with  the  case  where  the  flap 
deflection  (or  some  other  parameter)  and  the  sideslip  are  varying  simultaneously.  Such  coupling  effects 
have  not  been  previously  discussed,  but  are  probably  of  considerable  importance  in  the  design  of  a  system 
using  a  direct  sideforce  motivator.  Published  experimental  data  are  sparse,  and  it  does  not  seem  possible 
to  draw  firm  conclusions  as  to  which  effects  are  likely  to  be  significant  for  particular  configurations. 

Some  initial  guidance  has  to  be  intuitive,  and  it  seems  logical  to  assume  that  forces  and  moments  highly 
dependent  on  angle  of  attack  and  sideslip  for  zero  control  deflections  will  also  vary  with  sideslip  when 
control  surfaces  are  deflected.  For  example,  pitching  moment  due  to  sideslip  is  small  for  the  research 
slender  aircraft,  HP  115,  (Fig  66)  and  so  is  the  incremental  pitching  moment  due  to  trailing  edge  elevons. 

In  contrast,  the  corresponding  unpublished  results  for  a  tailled  aircraft  in  Fig  66  show  that  pitching 
moment  is  highly  dependent  on  sideslip  throughout  the  angle  of  attack  range,  and  that  the  increment  in 
pitching  moment  due  to  trailing  edge  flap  deflection  is  halved  at  sideslip  angles  of  10  for  small  angles 
of  attack.  Control  surfaces  generating  primarily  lift  and/or  pitching  moment  also  generate  rolling  and 
yawing  moments  at  non-zero  sideslip.  The  trailing  edge  elevon  on  the  HP  115  exhibits  such  characteristics 
as  shown  in  Fig  67a,  The  rolling  moment  induced  by  20°  down  elevator  is  near-linear  with  sideslip,  almost 
independent  oi  angle  of  attack,  and  is  equivalent  to  about  2j  of  aileron  at  6  of  sideslip.  The  yawing 
moment  is  also  near-linear  with  sideslip,  but  is  dependent  on  angle  of  attack  (as  is  rudder  power),  and  6 
of  sideslip  generates  the  same  yawing  moment  as  7  of  rudder. 

A  combat  configuration  with  tail  and  twin  fins  shows  similar  levels  of  rolling  and  yawing  moments  due 
to  deflection  of  the  high  lift  system  at  <t  ~  13  ,  as  shown  in  Fig  67b.  This  model  was  also  tested  with 
roll  motivators  deflected  at  various  sideslip  angles,  and  the  results  in  Fig  67c  show  that  the  increasing 
sideslip  reduces  control  effectiveness  for  both  aileron  and  spoiler.  The  loss  at  5  of  sideslip  is  about 
20%,  which  should  not  have  serious  repercussions  on  aircraft  response,  but  is  large  enough  to  warrant 
consideration.  For  this  configuration,  the  incremental  yawing  moment  due  to  aileron  or  spoiler  is  not 

affected  by  sideslip,  up  to  M  -7  .  A  further  indication  of  the  growing  importance  attached  to  these 

interference  and  coupling  effects  is  provided  by  the  results  quoted  in  Ref  5A.  There  the  effect  of  ignor¬ 
ing  in  turn  each  of  a  number  of  such  contributions  to  the  forces  and  moments  on  the  motion  during  post¬ 
stall  excursions  and  spin  entry  was  examined.  In  some  cases  neglect  of  the  term  had  a  dramatic  effect  on 
the  calculated  motion. 

The  complex  nature  of  interference  and  coupling  effects  is  such  that  obtaining  reasonably  reliable 
estimates  remains  a  long-term  prospect,  especially  when  flow  separation  is  present.  If  this  is  accepted 
as  a  true  statement  of  the  position  the  implications  in  wind-tunnel  testing  could  be  far-reaching,  costly 
and  time  consuming,  for  it  implies  thau  .'^dels  should  be  fitted  with  a  full  set  of  motivators  and  that 
measurements  be  taken  for  various  combinations  of  motivators.  Furthermore,  these  tests  need  repeating  over 
a  range  of  each  of  the  three  variables,  angle  of  attack,  angle  of  sideslip  and  Mach  number.  Such  a  compli¬ 
cated  model  can  only  be  envisaged  as  being  tested  during  a  late  stage  in  the  design. 

It  is  not  possible,  at  present,  to  say  whether  this  will  prove  wholly  acceptable  and  there  is  a  need 
for  studies  to  establish  to  what  extent  the  inclusion  of  such  effects  render  control  system  design 

difficult.  If  it  should  prove  so  then  some  generalized  wind-tunnel  testing  may  be  needed  to  establish 

orders  of  magnitude  and  major  design  factors. 
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IMPLICATIONS  ON  DESIGN  OF  ACTIVE  CONTROL  SYSTEMS 


^  (3  Status  of  experimental  data 

This  review  of  experimental  data  has  sought  to  gather  information  on  the  aerodynamic  derivatives  and 
maximum  power  of  a  variety  of  motivators,  and  on  their  actuation  forces  and  moments.  These  characteristics 
are  of  importance,  to  a  greater  or  lesser  extent,  in  the  design  of  each  of  the  active  control  systems  cur¬ 
rently  being  considered,  and  the  degrees  of  importance  are  suggested  in  lig  68.  This  illustrates  the 
emerging  importance  of  maximum  control  power  available,  which  has  only  been  a  major  consideration  in  the 
past  for  high  lift  systems,  although  some  attention  has  had  to  be  paid  to  flight  conditions  in  which 
effectiveness  is  reduced,  eg  aileron  power  at  high  angle  of  attack,  and  elevator  power  at  supersonic  Mach 
numbers.  (These  latter  problems  arose  from  the  conflicting  requirements  for  control  power  at  the  extremes 
of  the  flight  envelope,  in  that  aileron  deflection  needed  at  high  angle  of  attack  could  allow  the  pilot  to 
reach  roll  rates  leading  to  inertia  cross-coupling  at  lower  angles  of  attack,  and  the  size  of  elevator 
needed  for  supersonic  manoeuvring  is  too  powerful  at  low  speeds  for  easy  control.)  Such  conflicts  can  be 
resolved  by  using  active  control  systems. 


Information  on  maximum  control  powers  is  particularly  needed  in  the  design  of  relaxed  stability 
systems  and  departure/spin  prevention  systems,  as  the  limiting  flight  conditions,  particularly  maximum 
angle  of  attack,  are  defined  by  the  power  available.  This  has  to  be  determined  experimentally,  since  the 
forces  and  moments  generated  by  the  motivators  are  much  affected  by  such  phenomena  as  flow  separation  and 
interference  between  surfaces,  which  cannot  be  predicted  with  any  degree  of  confidence.  The  results 
available  show  that  che  maximum  power  is  highly  dependent  on  the  configuration,  and  can  be  influenced  by, 
for  example,  leading  edge  devices  or  engine  power.  Thus  it  is  not  possible  to  correlate  the  results  for 
maximum  power  of  motivators  on  complete  configurations,  although  the  recent  data  on  maximum  lift  due  to 
flaps  on  isolated  surfaces  could  possibly  be  used  to  extend  the  DATCOM  methods*.  In  order  to  apply  the 
results  of  such  correlations  to  an  actual  aircraft  design,  a  knowledge  of  the  local  flowfield  is  needed, 
to  define  local  angles  of  attack  and  sideslip,  and  local  kinetic  pressure. 


The  substantial  body  of  data  on  control  derivatives  has  been  assessed  from  several  points  of  view. 
Firstly,  the  geometric  features  of  aircraft  designs  are  changing  radically,  so  that  the  empirical  factors 
used  in  DATCOM*  and  ESDU^  to  correct  theoretical  values  may  not  be  applicable  to,  for  example,  the  thinner 
wings,  lower  aspect  ratio/lower  sweepback  wings,  shorter  and  wider  bodies  and  closely-coupled  wing-tail  or 
wing-canard  layouts  of  future  combat  aircraft.  The  influence  of  strakes  and  leading  edge  devices,  which 
lead  to  controlled  flow  separation,  has  also  to  be  considered,  as  the  efficiency  of  the  control  surfaces 
is  determined  by  the  flow  field  in  which  they  are  operating.  Secondly,  derivatives  which  were  previously 
unimportant  can  become  significant.  It  is  not  possible  to  be  categorical  about  the  relative  importance  of 
each  derivative,  but  some  speculations  for  the  general  trends  are  summarised  in  Fig  69,  which  also  shows  the 
present  standard  of  knowledge  for  the  usual  controls  on  conventional  aircraft.  The  use  of  active  control 
systems  is  judged  to  increase  the  importance  of  most  of  the  control  derivatives.  Derivatives  due  to 
elevators  and  rudders  are  thought  to  be  well-documented  and  correlated,  but  derivatives  due  to  other 
motivator  deflections  are  not  so  well  known.  Thirdly,  the  use  of  active  control  systems  introduces  both 
new  control  surfaces  and  new  usage  of  conventional  motivators.  The  latter  necessitates  a  wide  range  of 
tunnel  testing,  to  cover,  for  example,  up  deflection  of  trailing  edge  flaps,  and  asymmetric  control  sur¬ 
face  deflection  (in  contrast  to  symmetric  or  antisymmetric),  besides  the  various  combinations  of  motivator 
deflections  which  may  cause  mutual  interference.  Some  applications  of  active  control  technology  also  re¬ 
quire  fast  actuation  of  the  motivators,  and  so  testing  of  oscillating  surfaces  is  required  if  dynamic 
effects  are  thought  to  be  appreciable.  No  results  for  oscillatory  control  derivatives  (apart  from  hinge 
moments)  are  quoted  in  this  review,  as  data  are  very  sparse.  Fourthly,  it  may  well  be  necessary  to  use 
segmented  control  surfaces,  either  to  obtain  the  range  of  levels  of  control  power  required,  or  to  adjust 
aerodynamic  loads  along  the  span.  The  listing  of  these  four  topics  highlights  the  gaps  in  knowledge  of 
control  derivatives. 


Hinge  moments,  particularly  at  extreme  deflections,  present  even  greater  difficulties.  To  achieve 
the  necessary  accuracy  in  the  determination  of  the  hinge  moment?  at  all  flight  conditions,  it  is  necessary 
to  test  the  motivators  in  as  representative  a  wind-tunnel  test  as  possible.  Accuracy  of  the  data,  rather 
than  possible  reduction  of  the  magnitude  of  the  actuating  moments,  is  likely  to  be  paramount.  However,  in 
the  struggle  for  the  optimum  design,  the  possibilities  of  reduction  of  these  moments,  with  attendant 
reduction  of  weight  etc,  should  not  be  lost  sight  of. 

It  is  unlikely  that  systematic  testing  of  a  complete  series  of  models  can  be  undertaken  to  fill  the 
gaps  in  knowledge,  as  this  seems  to  be  prohibitive  in  time  and  money.  More  may  be  gained,  perhaps,  by  re¬ 
stricting  attention  to  a  few  particular  basic  layouts,  and  exploring  variations  on  these  basic  themes.  To 
be  effective,  this  approach  to  research  demands  closer  links  between  industry  and  the  research 
establishments . 


6.2  Methods  of  increasing  effectiveness 

It  is  apparent  from  the  descriptions  of  possible  future  active  control  systems  that  large  control 
powers  are  likely  to  be  required  throughout  the  flight  envelope,  particularly  for  combat  aircraft.  The 
discussion  of  the  results  in  section  2  has  revealed  the  strong  dependence  of  control  effectiveness  on  most 
motivators  on  angle  of  attack,  and  that  significant  losses  occur  when  the  flow  separates  from  the  surfaces. 
Some  methods  of  maintaining  the  level  of  control  power  have  been  described,  in  particular,  leading  edge 
devices  which  cause  controlled  flow  separation  via  vortex  generation.  However,  these  devices  must  fail  to 
be  effective  at  some  flight  conditions,  and  they  cannot  affect  the  additional  losses  at  high  motivator 
deflection  angles,  when  the  flow  separates  from  the  control  surface  itself.  Since  the  maximum  control 
power  increases  with  increase  in  either  control  derivative,  or  control  surface  area,  or  maximum  effective 
deflection  angle,  the  aircraft  designer  has  a  choice  of  either  increasing  the  relative  area  of  control 
surface  to  main  surface  (until  the  ultimate  of  all-moving  tail,  fin  or  wing  is  reached),  or  seeking  other 
means  of  maintaining  effectiveness.  Examples  of  using  some  of  the  engine  power  to  augment  flap  effective¬ 
ness  have  been  given  in  section  2,  and  this  seems  to  be  the  most  attractive  sourc  of  increased  control 
power.  Various  ways  of  applying  the  concept  have  been  used,  from  pure  jet  flap  with  no  control  surface, 
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to  blown  flaps  with  jet  efflux  at  the  leading  edge  of  the  control  surface,  and  now  to  'two-dimensional' 
nozzles  deflected  as  a  flap.  The  added  engineering  complexity  is  offset  by  the  very  high  control  powers 
available,  with  no  degradation  in  aircraft  performance.  The  augmentation  achieved  by  some  jet  flap 
installations  described  in  section  2  include  the  blown  trailing  edge  flap  (Fig  26),  jet-augmented  rudder 
(Fig  19),  and  the  nozzle  flap  (Figs  11,27).  It  would  seem  that  such  techniques  will  continue  to  be 
developed  for  application  to  combat  aircraft,  apart  from  their  obvious  use  for  STOL  aircraft.  An  added 
attraction  is  that  two  control  variables  are  associated  with  each  surface,  the  flap  deflection  for  faster 
response  control,  and  jet  momentum  coefficient  for  slower,  larger  changes  in  control  levels. 

The  characteristics  for  direct  jet  controls  have  not  been  discussed  in  this  review,  but  should  be 
mentioned  as  another  source  of  control  power.  Small  jets  at  the  extremities  of  the  aircraft,  ie  wing  tips 
and  fore-and-aft  fuselage,  may  be  used  to  generate  forces  and  moments.  In  this  case  the  maximum  power  is 
limited,  of  course,  by  the  engine  bleed  available.  The  main  problem  is  in  providing  fast  response  via 
changes  in  thrust  level,  as  lag  times  are  appreciable;  one  solution  is  to  provide  variable  deflection  of 
the  jets,  which  then  have  to  be  interconnected  to  maintain  trimmed  flight  conditions.  Interference  effects 
on  control  surfaces  may  be  significant  due  to  changes  in  local  induced  flow,  and  so  it  is  unlikely  that  the 
control  powers  would  be  additive.  Tunnel  tests  would  be  needed  to  provide  an  adequate  data  base. 

6.3  Integration  of  the  motivators  in  active  control  systems 

In  the  past,  each  motivator  had  one  primary  task,  for  which  it  was  optimised  with  regard  to  the  con¬ 
trol  power  required  for  manoeuvring,  while  maintaining  the  required  aircraft  performance  throughout  the 
flight  envelope.  It  is  in  this  context  that  the  direct  effectiveness  of  the  various  motivators  were 
discussed  in  section  2,  in  which  the  information  was  arranged  according  to  the  major  contribution  of  the 
motivator  to  force  or  moment.  For  the  actively  controlled  aircraft,  the  number  of  tasks  has  increased, 
since  the  motivators  are  required  to  provide  forces  and  moments  for  some  or  all  of  the  control  systems 
listed  in  Fig  68.  Thus  the  one-to-one  correspondence  of  motivator  and  task  is  unlikely  to  continue,  and 
each  motivatot  will  be  required  to  respond  to  the  demands  of  a  number  of  control  laws.  In  addition,  there 
may  be  greater  freedom  in  the  design  of  the  control  laws  if  more  than  one  surface  contributes  to  the  total 
required  force  or  moment,  so  that  optimum  performance  can  then  be  achieved  in  each  control  mode.  It  would 
also  be  easier  to  make  such  multi-surface  systems  fail-safe.  The  present  state  of  evolution  is  that  the 
concept  of  more  than  one  type  of  motivator  being  used  for  a  particular  task  (eg  aileron  and  spoiler  for 
generation  of  rolling  moment)  has  been  extended  to  the  use  of  several  individual  surfaces  in  actively- 
controlled  combination  (segmented  trailing  edge  flaps  and  ailerons  for  modifying  loads,  combined  vertical 
canard  and  rudder  for  direct  sideforce  etc).  Such  concepts  need  an  extensive  aerodynamic  data  base  so  that 
the  best  choice  of  motivators  can  be  made.  It  is  helpful  in  this  context  to  consider  the  closed-loop  and 
open-loop  (ie  pilot  action  required  to  activate  the  system)  aspects  of  control  systems  separately.  The 
latter  require  large  forces  and  moments,  while  the  former  require  fast  actuation  rates,  and  these  require¬ 
ments  may  not  be  compatible  for  some  types  of  motivators. 

Two  of  the  systems  listed  in  Fig  68  emphasise  the  open-loop  aspect,  viz  manoeuvre  demand  and 
decoupled  response,  and  it  can  be  expected  that  conventional  flap-type  control  surfaces  (including  canards) 
will  provide  most  of  the  direct  forces  and  moments.  However,  the  indirect  effects  generated  by  such  control 
surfaces  have  also  to  be  considered  in  the  design  of  the  control  laws.  Examples,  such  as  aileron  yaw  and 
the  incremental  lift  or  sideforce  obtained  by  trimming  the  moments  induced  by  canards,  have  been  described 
earlier  in  sections  2  and  3,  to  illustrate  the  importance  of  knowing  all  the  aerodynamic  characteristics  of 
motivators.  The  designer  has  then  to  devise  the  simplest  control  laws  compatible  with  performance  require¬ 
ments  throughout  the  flight  envelope,  for  the  ranges  of  height,  Mach  number  and  normal  acceleration. 

The  choice  of  motivators  from  the  closed-loop  aspect  is  not  so  obvious.  The  actuation  rates  required 
for  stability  augmentation  systems  are  comparable  to  those  needed  for  the  open-loop  aspects  of  the  systems, 
but  slightly  higher  rates  may  be  necessary  for  the  development  of  departure  and  spin  prevention  systems, 
and  for  relaxed  stability  systems.  Until  now,  the  motivators  used  for  these  three  systems  are  those 
commanded  by  the  pilot,  with  no  extra  surfaces  added  solely  for  the  closed-loop  system,  but  it  may  be 
advantageous  to  consider  this  possibility  for  aircraft  designs  which  are  intended  to  be  control-configured 
from  their  inception.  Gust,  load  and  flutter  alleviation  systems  require  high  actuation  rates,  and  some 
modifications  to  existing  motivators  have  had  to  be  made  in  the  experimental  aircraft  demonstrating  such 
systems.  It  is  here  that  there  is  probably  the  most  need  for  new  developments  and  novel  ideas. 

The  concepts  of  adaptive  and  insensitive  control  systems  can  be  used  for  both  closed-  and  open-loop 
systems,  and  are  in  early  stages  of  development.  At  first  sight,  it  seems  that  the  design  process  does  not 
depend  so  much  on  a  detailed  knowledge  of  the  aerodynamic  characteristics,  but  knowledge  at  the  same  level 
is  probably  still  needed  for  new  aircraft  designs.  Decisions  have  to  be  made  as  to  the  types  and  numbers 
of  motivators,  particularly  considering  the  matching  of  maximum  control  power  required  and  that  available, 
ie  the  designer  still  needs  to  know  the  response  characteristics  which  have  to  be  controlled  at  the 
extremes  of  the  flight  envelope,  and  the  capability  of  the  motivators,  in  order  to  be  able  to  achieve  a 
safe  system. 
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This  discussion  of  the  integration  of  the  motivators  in  the  active  control  system  would  not  be  com¬ 
plete  without  mention  of  other  aspects  which  are  basic  to  aircraft  design,  particularly  performance  and 
safety.  Some  of  the  advantages  of  using  active  controls  to  achieve  optimum  manoeuvring  performance  have 
been  described  in  section  2.4,  expressed  there  as  maximum  usable  lift  with  minimum  drag.  These  perform¬ 
ance  advantages  can  be  expressed  alternatively  in  terms  of  maximum  turn  rate,  specific  excess  energy  or 
sustained  normal  acceleration.  The  motivators  currently  being  used  are  leading-edge  and  trail ing-edge 
flaps,  with  the  additional  variable  of  wing  sweep  on  the  F-14,  and  these  are  scheduled  with  angle  of 
attack  and  Mach  number.  Such  motivators  are  likely  to  continue  to  be  used  in  future  applications  (with 
possible  addition  of  canards),  in  conjunction  with  relaxed-stability  systems  for  enhanced  improvements. 
Other  performance  requirements,  such  as  take-off  and  landing,  also  influence  the  choice  of  motivators.  For 
example,  tail  size  is  likely  to  be  determined  by  considerations  of  nose-wheel-lift,  and  rudder  size  by 
cross-wind  landing  requirements,  and  these  sizes  cannot  be  reduced  by  incorporating  additional  active  con¬ 
trol  systems.  Thus  the  complete  aircraft  layout  has  to  be  considered,  and  the  critical  requirements 
determined  for  such  a  layout,  before  the  motivators  can  be  chosen. 


Z  -2  A 


From  the  safety  viewpoint,  the  need  to  know  maximum  demanded  and  available  control  powers  has  been 
emphasised  already,  particularly  for  aircraft  with  relaxed-stability  and/or  departure  and  spin-prevention 
systems.  Saturation  of  the  actuator  system  is  another  potential  hazard  (section  4),  for  which  hinge- 
moment  data  is  critical.  A  different  class  of  safety  problem  is  that  associated  with  structural  integrity, 
and  the  extent  to  which  gust,  load  and  flutter  alleviation  systems  can  be  utilized  has  yet  to  be  defined. 
The  discussion  of  failure  states  is  beyond  the  scope  of  this  paper,  but  they  appear  to  have  important 
repercussions  on  the  possible  advantages  to  be  gained  by  incorporating  such  systems. 
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Because  of  the  implications  of  other  factors  such  as  drag,  stores  installation  etc,  the  shapes  of 
future  aircraft  are  likely  to  be  such  that  the  data  available  and  reviewed  is  not  likely  to  be  immediately 
applicable.  Therefore  the  task  of  estimating  the  control  characteristics  of  any  new  design  is  likely  to 
prove  difficult,  unless  tunnel  tests  on  similar  configurations  have  already  been  made.  It  is  usually 
possible  to  estimate  the  control  derivatives  for  attached  flow  conditions  with  reasonable  confidence. 
However,  due  to  the  effects  of  flow  separation,  the  maximum  control  powers,  which  are  often  crucial  for  the 
design  of  the  active  control  systems,  have  to  be  determined  experimentally.  The  results  from  wind-tunnel 
tests  demonstrate  the  highly  nonlinear  behaviour  of  the  control  characteristics  at  high  angles  of  attack, 
usually  resulting  in  significant  losses  in  direct  effectiveness,  and  increased  indirect  (and  undesirable) 
effects.  Interference  between  surface  is  also  significant,  especially  for  the  closely-coupled  configura¬ 
tion  typical  of  those  for  combat  aircraft.  Some  of  the  results  are  unexpected,  and  as  such,  need  further 
experimental  investigation  in  order  to  understand  them,  let  alone  develop  empirical  or  theoretical  methods 
of  estimation.  Notwithstanding  such  unexplained  phenomena,  there  is  still  a  need  to  check,  and  if 
necessary  extend,  the  estimation  methods  of  DATCOM^  and  ESDU  ,  by  correlation  of  the  recently  published 
experimental  data  for  current  configurations.  The  gaps  in  knowledge  have  been  discussed  in  sections  5  and 
6  but  it  is  not  clear  how  these  can  be  filled  at  reasonable  cost  and  effort.  However,  it  is  clear  that 
more  experiments  will  be  required,  which  cover  a  wide  range  and  large  number  of  variables,  in  order  to 
provide  answers  to  future  questions.  At  present,  the  research  on  active  control  technology  is  mainly 
directed  towards  adapting  existing  aerodynamic  technology  (on  the  motivator  side),  related  to  limited  use 
of  active  controls,  to  the  needs  of  more  advanced  control  systems.  In  future,  the  more  intensive  use  of 
active  controls  could  imply  a  need  for  aerodynamic  improvement.  We  are  now  approaching  the  stage  when  the 
main  question  will  be  "What  motivators  can  be  designed  to  achieve  the  total  demand  of  the  active  control 
systems?",  that  is,  the  motivators  become  the  central  feature  of  the  aircraft  design,  by  the  aid  of  which 
performance,  weight,  handling  qualities  and  aircraft  safety  are  optimised.  The  work  already  done  has 
shown  that  close  cooperation  between  the  design  teams  in  aerodynamics,  controls,  structures  and  possibly 
engines  is  required  to  achieve  a  successful  aircraft,  and  the  need  for  such  cooperation  is  likely  to 
increase  further.  The  demand  for  experimental  data  on  control  characteristics  will  be  basic  for  all 
active  control  studies. 
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NOTATION  USED  FOR  MOTIVATOR  DEFLECTIONS 


Symbols  for  motivators  generating  mainly:- 

Pitching  moment  n 
Rolling  moment  6 
Yawing  moment  C 


Suffices  for  motivator  type:- 
Aileron  A 


(c)  Equivalence  to  other  notations 
This  report  American  Other 


Horizontal  canard 
Vertical  canard 


Flap 

Leading  edge  flap 
Trailing  edge  flap 
Nozzle  flap 
Rudder 
Spoiler 


UNAUGMENTED 


WINGS  & 

ENGINE 

AIRFRAME 

PILOT 

AERODYNAMICS 


CONTROLS 


AUGMENTED 


POWERED  CONTROL 


AIRFRAME;PILOT;  SYSTEM 


AERODYNAMICS 


CONTROLS 


WITH 

^'''ACTIVE  CONTROLS^ 


ON-BOARD  COMPUTERS 


AIRFRAME;  PILOT;  SYSTEM 


AERODYNAMICS 


CONTROLS 


Fig  1  Dependence  of  aircraft  design  on 
aerodynamic  and  control  data 
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Fig  9  Pitching  moment  due  to  deflected  canard 
and  angle  of  attack;  swept-wing  canard 
configuration 


Fig  4  Variation  of  pitching  moment  derivative 
due  to  tailplane  with  angle  of  attack; 
F-4E 


Fig  5  Variation  of  pitching  moment  derivative 
due  to  tailplane  with  normal  force  co¬ 
efficient  and  with  thrust  deflection; 
Kestrel 


Fig  6  Variation  of  pitching  moment  derivative 
due  to  elevons  with  Mach  number; 
supersonic  fighter  concept 


Fig  7  Variation  of  pitching  moment  derivative 
due  to  elevons  with  angle  of  attack; 

HP  115 


Fig  10  Effect  of  canard  setting  on  pitching 
moment  due  to  trailing  edge  flap  and 
angle  of  attack;  swept-wing  canard 
configuration 


Fig  11  Effect  of  thrust  on  pitching  moment  due  to 
trailing  edge  and  nozzle  flaps,  and  angle 
of  attack;  wing-canard-strake  configurations 


Fig  8  Effect  of  spanwise  blowing  on  incremental 
pitching  moment  due  to  canard  deflection 
and  angle  of  attack;  research  canard  model 


Fig  12  Variation  of  pitching  moment  derivative  due 
to  canard  or  tailplane  with  Mach  number; 
research  configuration  . 
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Fig  13  Effect  of  Mach  number  on  rolling  moment  due 
to  midspan  ailerons  at  angle  of  attack; 
combat  aircraft 


f _ Mi 


\1  SLATS  OFF - 

ON  - 

Fig  14  Effect  of  leading  edge  slats  on  the  rolling 
moment  due  to  aileron  and  spoiler  at  angle 
of  attack;  F-4 

(a)  aileron  (b)  aileron  and  spoiler 
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Fig  15 
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Effect  of  aeroelasticity  on  variation  of 
rolling  moment  derivative  due  to  aileron 
with  Mach  number 
(a)  Concorde  (b)  Viggen 
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Fig  16  Effect  of  Mach  number  on  rolling  moment 
due  to  spoiler  and  spoiler-slat- 
deflector  at  angle  of  attack;  research 
wing 

(a)  spoiler  (b)  spoiler-slat-deflector 
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Fig  17  Variation  of  rolling  moment  due  to 
aileron  and  differential  tail  with 
angle  of  attack;  YF-16 


Fig  18  Variation  of  rolling  moment  due  to 
differential  strake  projection  or 
differential  spanwise  blowing  with 
angle  of  attack;  research  canard  model 
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Fig  19  Effects  of  jet  momentum  coefficients  on 
yawing  moment  due  to  jet-flap  rudder  at 
angle  of  attack;  jet  flap  transport 
concept 
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Fig  20  Interference  effects  on  variation  of 
yawing  moment  derivative  due  to  rudder 
with  Mach  number,  tunnel  tests;  B-l 
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Fig  21  Scale  effects  on  variation  of  yawing 
moment  derivative  due  to  rudder  with 
angle  of  attack,  flight  tests;  F-15 
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Fig  22  Effect  of  aeroelasticity  on  variation  of 
yawing  moment  derivative  due  to  rudder 
with  Mach  number 

(a)  Concorde 

(b)  Viggen 


Fig  23  Variation  of  yawing  moment  derivative 
due  to  vertical  canard  and  incremental 
yawing  moment  due  to  rudder  with  angle 
of  attack;  CCV  YF-16 


CURRENT 
REF  1 


C,“CT9inta*6) 

1 

FENCE  POSITION 

v' 

MODEL  SHOWN  IN  FIG  11 


Fig  25  Effects  of  slot  width  and  fence  position 
on  lift  due  to  trailing  edge  flap  and 
angle  of  attack;  9%  aerofoil 


Fig  27  Effect  of  thrust  coefficient  on  lift 
due  to  trailing  edge  and  nozzle  flaps 
and  angle  of  attack;  wing-canard- 
strake  configurations 
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Fig  28  Effect  of  angle  of  attack  and  tail  setting 
on  the  variation  of  incremental  lift  due 
to  flap  deflection  and  high  lift  system; 
fighter  concept 
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Fig  31  Effects  of  strake  and  leading  edge  flap 
on  trim;  YF-16 
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Fig  29  Effect  of  angle  of  attack  and  tail 
position  on  incremental  lift  due  to 
trailing  edge  flaps;  supercritical 


Fig  33  Departure  parameters  for  YF-16 
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Fig  34  Direct  lift  due  to  horizontal  canard 
and  trailing  edge  flap;  CCV  YF-16 
configuration 


Fig  35  Effects  of  control  systems  on 
handling  parameters:  CCV  YF-16 


Fig  38  Effect  of  tailplane  position  and  setting 
on  pitching  moment  due  to  trailing  edge 
flap  and  angle  of  attack;  supercritical 
wing  transport  aircraft 


Fig  36  Sideforce  due  to  canards;  CCV  YF-16 

(a)  twin  vertical  canards 

(b)  differential  horizontal  canards 

(c)  variation  with  deflection  of 
horizontal  canards 

(d)  variation  with  Mach  number 


Fig  39  Effect  of  up-deflection  of  trailing  edge- 
flap  on  tailplane  power;  CCV  Yf-16 

(a)  flight  results  for  tailplane  angle 
to  trim 

(b)  tunnel  results  for  incremental  pitch¬ 
ing  moment  due  to  tailplane 
deflection 


Fig  37  Variation  of  sideforce  due  to 
spanwise  blowing  with  angle  of 
attack;  research  canard  model 
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Fig  40  Effect  of  leading  edge  slats  on  pitching 
moment  at  angle  of  attack;  F-4 
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Fig  43  Ratio  of  rol 
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(a)  variation 

(b)  variation 
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Fig  41  Variation  of  incremental  pitching  moment 
due  to  spoiler  and  spoiler-slat- 
deflector  with  lift  coefficient; 
research  wing 

(a)  spoiler 

(b)  spoiler-slat-deflector 


Fig  44  Variation  of  rolling  moment  due  to 
differential  horizontal  canard 
deflection  with  angle  of  attack; 
research  canard  concept 


Fig  45  Effects  of  slats  on  yawing  moment  due  to 
aileron  and  spoiler  at  angle  of  attack; 
F-4 

(a)  aileron 

(b)  aileron  and  spoiler 


Fig  42  Effect  of  differential  canard  deflection 
on  pitching  moment  due  to  angle  of 
attack;  research  canard  concept 


Fig  46  Effect  of  Mach  number  on  yawing  moment 
due  to  spoiler  and  spoiler-slat- 
deflector  at  angle  of  attack 

(a)  spoiler 

(b)  spoi ler-slat-deflector 
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Fig  57  Cross-control  hinge-moment  character¬ 
istics  of  the  elevators  and  ailerons 
of  the  Fairey  Delta  2  aircraft 


Fig  59  Hinge-moment  characteristics  of  flaps 
fitted  to  a  high  aspect-ratio  super¬ 
critical  wing 
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Fig  58  Rate  of  charige  of  hinge-moment 

coefficient  with  elevon  deflection, 
with  a  comparison  of  measurements 
taken  in  flight  with  predictions 
based  on  wind-tunnel  results,  with 
and  without  aeroelastic  corrections: 
XB-70 


Fig  60  Comparison  of  the  damping  derivatives  for 
oscillating  control  surfaces  of  wedge- 
shaped  section  with  those  for  a  control 
of  normal  section 


-  Quasi-steady - Oscillatory 

Fig  61  Comparison  of  the  stiffness  derivative 

for  oscillating  control  surfaces  of  wedge- 
shaped  section  with  those  for  a  control  of 
normal  section 
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Fig  63  Damping  hinge-moment  derivatives  for  flap 
type  controls  on  an  unswept,  rectangular 
wing  (see  Fig  65).  (Effect  of  aerofoil 
thickness-chord  ratio  and  oscillation 
ampl itude) 


Fig  62  Hinge-moment  characteristics  of  an 

oscillating  rudder  control . (Effect  of 
aerodynamic  balance  and  small  control 
surface  spoilers) 


Fig  64  Damping  hinge-moment  derivatives  for  flap 
type  controls  on  an  unswept,  rectangular 
wing  (see  Fig  65).  (Effect  of  control 
trailing-edge  angle  and  oscillation 
amplitude) 
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Fig  65  Stiffness  hinge-moment  derivatives  and 
quasi-steady  derivatives  for  flap-type 
controls  on  an  unswept,  rectangular 
wing.  (Effect  of  control  trailing- 
edge  angle) 
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Fig  66  Effect  of  sideslip  on  pitching  moments 

(a)  pitching  moment  due  to  angle  of 
attack,  zero  control  deflections 

(b)  Incremental  pitching  moment  due  to 
control  deflection,  with  sideslip 


Fig  67  Effect  of  sideslip  on  rolling  and  yawing 
moments 

(a)  Symnetric  elevon  deflection,  HP  115 

(b)  Flap  deflection,  combat 
configuration  (Fig  28) 

(c)  Aileron  and  spoiler  deflections, 

conbat  configuration  (Fig  28} 


Fig  69  Status  of  data  on  conventional  control 
characteristics 
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ABSTRACT 


The  F-15  aerodynamic  configuration  and  control  system  development  relied  on  data 
obtained  in  an  extensive  wind  tunnel  test  program.  Subsequently,  a  large  body  of 
flight  test  data  v;as  obtained.  Control  surface  effectiveness  characteristics  have  been 
derived  from  flight  test  data  and  have  been  compared  with  the  data  obtained  in  the  wind 
tunnel  test  program.  Data  correlations  are  available  for  the  ailerons,  rudders,  and 
stabilators.  The  latter  surfaces  are  deflected  symmetrically  for  longitudinal  control 
and’ are  deflected  differentially  for  roll  control.  Primary  axis  effectiveness  is  ad¬ 
dressed  for  each  of  these  control  surfaces.  Significant  secondary  axis  contributions 
(e.g.  yawing  moments  due  to  aileron  deflection)  are  also  addressed.  In  addition  to 
the  conventional  control  surfaces,  the  longitudinal  control  effectiveness  of  the  F-15 
movable  inlet  ramp  is  discussed. 


As  a  result  of  the  excellent  resistance  to  departure  from  controlled  flight,  the 
spin  resistance  and  spin  recovery  characteristics  of  the  F-15,  it  was  possible  to  flight 
test  and  to  obtain  control  effectiveness  data  to  30°  angle-of-attack  at  low  speeds  and 
to  approximately  40°  at  transonic  speeds.  Thus,  the  correlation  of  control  effective¬ 
ness  is  addressed  for  a  large  range  of  conditions. 

NOMENCLATURE 
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Mach  number 
Angle  of  attack 

Collective  stabilator  deflection,  positive  leading  edge  up 

Inlet  ramp  deflection,  positive  leading  edge  up 

Rudder  deflection,  positive  trailing  edge  left 

Differential  aileron  deflection,  positive  for  right  roll 

Differential  stabilator  deflection,  positive  for  right  roll 

Equivalent  roll  control  deflection  used  to  represent  combined  effectiveness 
of  ailerons  and  differential  stabilator 


Pitching  moment  coefficient  -  M  /qSc 
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Yawing  moment  coefficient  -  N  /qSb 

c .  g . 


Rolling  moment  coefficient 
Side  force  coefficient  -  Y/qS 


L  /  qSb 
c.g.  ^ 


Variation  of  pitching  moment  coefficient  with  stabilator  deflection 
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•The  control  effectiveness  derivatives  Cm 
do f l ned . 
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INTRODUCTION 

This  paper  presents  a  comparison  of  the  effectiveness  of  the  F-15  primary  cc  ntrols 
and  the  longitudinal  control  effectiveness  of  the  first  inlet  ramp  as  measured  in  wind 
tunnel  tests  with  tne  corresponding  parameters  derived  from  flight  test  maneuvers.  The 
primary  control  surfaces  are  the  twin  rudders,  ailerons  and  stabilators  illustrated  in 
Figure  (1).  The  stabilators  are  deflected  symmetrically  for  longitudinal  control  and 
are  deflected  differentially  for  roll  control.  As  noted  in  Figure  (1),  the  symmetrical 
deflectio.i  range  of  the  stabilator  is  from  +15°  to  -27.5°  and  the  differential  deflec¬ 
tion  available  is  11°  per  side  or  a  total  of  22°.  The  ailerons  deflect  differentially 
up  to  +20°  per  side  for  a  total  differential  deflection  of  40°.  Rudder  deflection  is 
+30°  from  the  neutral  position.  All  of  the  aforementioned  deflections  are  zero  load 
limit  values.  Rudder  and  aileron  deflections  are  hinge  moment  limited  to  lesser  values 
for  a  significant  portion  of  the  flight  envelope. 


* 


a 


The  deflection  range  of  the  inlet  ramp  is  from  +4°  (leading-edge  up)  to  -11°.  At 
=  0°  the  upper  surface  contour  at  the  ramp  nacelle  intersection  is  smooth  and  con¬ 
tinuous.  The  inlet  ramp  deflection  at  zero  angle  of  attack  is  scheduled  with  Mach 
number  and  total  temperature  to  provide  maximum  excess  thrust  except  where  flow  quality 
at  the  engine  is  an  overriding  consideration.  The  raiip  motion,  from  this  initial  posi¬ 
tion,  is  a  direct  function  of  angle-of-attack.  At  a  given  flight  condition,  the  motion 
maintains  the  inlet  ramp  orientation  relative  to  free  stream  until  the  deflection  limits 
are  readied. 

The  design  of  these  configuration  and  control  system  features  relied  on  data  ob¬ 
tained  in  an  extensive  wind  tunnel  test  program.  Static  control  surface  effectiveness 
data  were  obtained  for  a  large  range  of  Mach  number  and  angle  of  attack  using  4.7% 
and  7.5%  scale  models.  Both  of  these  models  are  sting  mounted  from  the  aft  end  and 
use  internal  six-component  strain  gauge  balances  for  the  measurement  of  forces  and 
moments.  Both  models  feature  "flow-through"  inlets  and  ducts  and  incorporate  geometric¬ 
ally  scaled  aft  end  distortions  for  sting  entry.  This  small  aft  end  distortion  was 
found  to  have  no  effect  on  control  surface  effectiveness  or  inlet  ramp  effectiveness 
in  special  "sting  distortion  and  interference”  tests  conducted  for  that  purpose. 

The  majority  of  the  wind  tunnel  data  presented  herein  were  obtained  using  the  4.7% 
scale  model  in  tests  conducted  at  the  Arnold  Engineering  Development  Center  (AEDC) 

16  foot  transonic  tunnel  (16T)  and  the  McDonnell  Douglas  Corporation  (MDC)  Polysonic 
Wind  Tunnel  (PSWT) .  The  7.5%  model  tests  were  conducted  in  the  AEDC  16T  and  in  the 
NASA  Ames  Research  Center  12  foot  pressure  tunnel.  The  latter  facility  provided  the 
high  angle  of  attack  data  at  high  Reynolds  number  for  stall/spin  analyses.  It  should 
be  noted  that  the  model  inlet  ducts  were  blocked  at  angles-of-attack  greater  than  forty 
degrees  in  the  Ames  tests.  This  was  necessary  to  avoid  problems  associated  with  a  ten¬ 
dency  for  the  flow  to  enter  at  the  exit  nozzle  and  exit  at  the  inlet  at  high  angles  of 
attack. 

The  static  force  and  moment  tests  together  with  forced  oscillation  tests,  free- 
f light  model  tests,  vertical  spin  tunnel  tests,  and  helicopter  drop  model  tests,  which 
were  all  conducted  at  the  NASA  Langley  Research  Center,  provided  the  data  required  to 
develop  a  complete  non-linear  aerodynamic  characteristics  model  (Aero  Model)  which  was 
used  for  control  system  design,  pre-flight  trajectory  analyses  and  manned  flight  simu¬ 
lation  activities.  The  Aero  Model  was  subsequently  used  as  a  baseline  for  a  modified 
maximum  likelihood  analysis  of  flight  test  data  in  order  to  derive  the  stabi lity-and- 
control  characteristics  of  the  airplane.  The  correlations  of  control  surface  effective¬ 
ness  presented  herein  are  comparisons  of  the  pre-flight  Aero  Model  characteristics  with 
the  corresponding  values  which  yield  the  best  match  with  the  dynamic  behavior  of  the 
aircraft.  The  pre-flight  aerodynamic  characteristics  are  documented  in  Reference  (1) 
and  the  characteristics  derived  from  flight  test  are  given  in  Reference  (2) .  For  the 
sake  of  simplicity  and  brevity,  the  comparisons  presented  herein  are  limited  to  the 
rigid  body  characteristics.  Therefore,  the  correlations  are  applicable  to  the  regions 
of  the  flight  envelope  where  aeroelastic  effects  are  negligible.  For  similar  reasons, 
the  correlations  of  control  effectiveness  at  large  sideslip  angles  are  not  discussed 
herein.  The  F-15  control  system  is  configured  to  automatically  coordinate  maneuvers 
and  large  sideslips  are  encountered  only  when  the  aircraft  is  forced  into  an  out-of¬ 
control  situation  (departure)  or  spin  by  gross  misapplication  of  the  controls. 

The  control  effectiveness  parameters  discussed  herein  were  determined  in  a  conven¬ 
tional  manner  in  the  wind  tunnel  tests.  The  models  were  pitched  and  yawed  through  the 
angle -of -at tack  range  and  sideslip  angle  range  of  interest  with  the  control  surfaces 
positioned  at  selected  deflections.  Deflections  were  measured  with  an  accuracy  of 


approximately  +.3.0°.  The  nominal  increment  in  primary  control  surface  deflection  was 
10°  except  at  conditions  where  linearized  derivatives  were  sought.  Deflection  incre¬ 
ments  of  as  small  as  5°  could  be  used  where  desired. 
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The  flight  values  of  control  effectiveness  were  derived  from  analysis  of  time  his¬ 
tory  data  for  (a)  level  flight,  (b)  longitudinal  and  lateral  stick  raps  and  doublets, 

(c)  steady  sideslips,  (d)  rudder  kicks  and  doublets,  (e)  wind-up  turns,  (f)  abrupt 
pullups,  (g)  rudder  rolls,  (h)  aileron  rolls,  (i)  stalls,  (j)  forced  departures  from 
controlled  flight,  and  (k)  quasi-steady  spins.  Recovery  from  out-of-control  situations 
and  spins  also  provided  data. 

It  should  be  noted  that  the  F-15  was  required  to  perform  all  of  the  aforementioned 
maneuvers  with  the  control  augmentation  system  (CAS)  on  and  turned  off.  The  data  ob¬ 
tained  with  the  control  system  feedback  loops  deactivated  (CAS  OFF)  greatly  facilitated 
the  derivation  of  aerodynamic  characteristics  from  the  flight  test  time  histories. 


LONGITUDINAL  CONTROL  EFFECTIVENESS 


Figure  (2)  presents  the  correlation  of  longitudinal  control  effectiveness  at  low 
angles  of  attack.  The  data  are  presented  for  the  derivative  Cm,  as  a  function  of 
Mach  number. 


MACH  NUMBER 


FIGURE  2 

LONGITUDINAL  CONTROL  EFFECTIVENESS 

Low  Angle-of-Attack 


The  difference  shown  at  subsonic  and  transonic  speeds  may  be  surprising.  The 
difference  is  too  large  to  be  attributable  to  data  accuracy.  As  will  be  evident  from 
the  discussion  that  follows  the  reduced  flight  control  effectiveness  has  no  significant 
impact  on  the  system  performance.  As  a  matter  of  fact,  only  one  area  has  been  en¬ 
countered  where  the  lower  stabilator  control  effectiveness  could  be  discerned  from  a 
system  performance  standpoint.  At  certain  flight  conditions,  (low  bare-air  frame  damping) 
the  longitudinal  damping  ratio  with  the  CAS  ON  was  slightly  less  than  predicted.  How¬ 
ever,  the  reduction  in  artificial  damping  was  not  sufficient  to  warrant  a  control  system 
gain  increase.  It  should  also  be  noted  that  Flight  Loads  tests  conducted  in  the  low 
angle  ol  attack  range  showed  that  the  loss  in  effectiveness  is  not  associated  with  a 
significant  decrease  in  stabilator  panel  load  but  is  primarily  due  to  a  decrease  in  the 
interference  (carryover)  loads  induced  on  the  fuselage  by  the  stabilator  loads.  This 
phenomenon  ha3  not  been  pursued  to  the  point  where  a  substantiated  reason  for  the  differ¬ 
ence  can  be  presented.  However,  it  appears  that  the  difference  is  primarily  due  to 
transient  aerodynamic  phenomena. 

In  tine  llach  number  range  where  large  differences  in  control  effectiveness  are  shown 
in  Figure  (2),  moderate  3tabilator  deflections  are  required  to  obtain  meaningful  flight 
test  data.  These  deflections  produce  large  pitcli  accelerations  which  result  in  high 
angle-of-attack  rates.  Furthermore ,  it  is  well  known  that  a  small  but  finite  time  is 
required  for  the  steady-state  pressure  distributions  (particularly  in  the  afterbody 
region)  to  be  established  after  a  control  deflection  is  achieved.  Therefore,  it  is 
difficult  if  not  impossible  for  a  high  agility  aircraft  to  achieve  the  static  aerodynam¬ 
ic  load  distributions  in  flight  which  are  representative  of  the  corresponding  low  angle 
of  attack  static  wind  tunnel  test  conditions.  Thus,  it  is  indicated  that  the  loss  in 
stabilator  effectiveness  shown  in  Figure  (2)  is  an  "apparent"  loss  which  is,  in  large 


part,  due  to  this  aerodynamic  "lay".  In  the  Mach  number  range  where  the  differences 
in  control  effectiveness  are  small,  wind-tunnel  and  flight  test  data  show  that  the 
carryover  loads  are  small,  therefore  the  effect  of  materially  reduced  carryover  loads 
due  to  transient  flow  phenomena  would  not  be  expected  to  affect  the  correlation  of 
control  effectiveness.  In  addition,  the  local  flows  are  definitely  supersonic  and 
"lags"  are  significantly  reduced. 

The  current  Aero  Model  uses  the  reduced  stabilator  effectiveness  shown  in  Figure 
(2)  in  the  interest  of  achieving  high  fidelity  in  combat  and  handling  qualities  simu¬ 
lations  and  analyses  without  introducing  the  additional  complexity  of  accounting  rigor¬ 
ously  for  the  unsteady  aerodynamic  phenomenon.  The  stabilator  required  for  trim  at 
low  AOA  may  be  in  error  by  a  small  amount  but  this  is  of  little  consequence,  particular 
ly  since  trimmed  drag  polars  have  been  determined  separately. 

Figure  (3)  presents  longitudinal  control  up  to  moderage  angles  of  attack  at 
M  =  .90.  The  data  are  shown  as  incremental  pitching  moment,  ACn,  versus  incremental 
stabilator,  A5H,  from  the  stabilator  required  to  trim  at  the  angle  of  attack  noted. 
These  data  are  typical  of  the  degree  of  longitudinal  control  effectiveness  correlation 
achieved  at  all  subsonic  speeds  up  through  11  =  .90  at  angles  of  attack  to  <‘0°.  It  is 
noted  how  the  agreement  in  stabilator  effectiveness  is  improved  near  the  trim  at  higher 
angles  of  attack.  Thus,  the  reduced  control  effectiveness  (in  accordance  with  the 
hypothesis  discussed  above)  was  not  observed  at  low  body  rates  and  did  not  limit  maxi¬ 
mum  maneuvering  capabilities. 
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FIGURE  3 

LONGITUDINAL  CONTROL  EFFECTIVENESS 

Mach  0  9 


Longitudinal  control  characteristics  at  moderate  angles  of  attack  for  M  =  1.2  are 
presented  in  Figure  (4) .  It  is  evident  that  the  correlation  of  wind  tunnel  and  flight 
test  data  is  very  good.  The  degree  of  correlation  shown  at  M  =  1.2  is  representative 
of  that  achieved  at  all  supersonic  flight  conditions  for  which  data  are  available. 

The  low  speed  high  angle  of  attack  longitudinal  control  effectiveness  comparison 
is  presented  in  Figure  (5) .  Pitching  moment  coefficient  is  presented  as  a  function  of 
angle  of  attack  for  two  stabilator  deflections  ( =  0°  and  -25°).  The  flight  test 
data  exhibits  an  increased  trim  angle  of  attack  capability  in  the  25°  to  35°  range 
which  is  in  large  part  due  to  reduced  stability.  Although  not  shown  in  the  previous 
figures,  this  increased  trim  capability  is  present  through  the  subsonic  speed  range. 
Otherwise,  insofar  as  analyses  of  stall  and  spin  and  recovery  characteristics  are  con¬ 
cerned,  the  differences  shown  at  the  higher  angles  of  attack  must  be  judged  small. 
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FIGURE  9 

RUDDER  EFFECTIVENESS 

Low  Speed 


LATERAL  CONTROL  EFFECTIVENESS 


The  F-15  uses  both  ailerons  and  differential  stabilator  deflection  for  roll  con¬ 
trol.  Wind  tunnel  test  data  were  obtained  for  these  surfaces  differentially  deflected 
both  separately  and  in  combination.  It  is  of  interest  to  note  that  for  all  conditions 
examined  the  total  rolling  moment  and  yawing  moment  produced  by  combined  deflection  is 
equal  to  the  sum  of  the  moments  produced  by  separate  deflection  of  the  aileron  and 
differential  tail.  The  mechanical  control  system  design  is  configured  to  produce  differ¬ 
ential  aileron  and  differential  stabilator  deflection  in  the  ratio  of  40  to  12.  Aileron 
hinge  moment  limiting  will  alter  this  relation  at  moderate  to  high  dynamic  pressure 
conditions.  The  CAS  commands  only  differential  stabilator  def  lectiui.  For  the  purpose 

of  this  presentation,  data  are  presented  for  the  CAS  OFF  surface  deflection  ratio  and 
where  aileron  hinge  moment  limiting  is  not  a  factor.  Thus,  the  deflection  ratio  of  40 
to  12  is  assured.  The  correlations  are  shown  as  summed  lateral  control  effectiveness 
derivatives.  This  is  necessary  because  the  aircraft  control  system  was  not  modified  to 
allow  flight  tests  to  determine  the  effectiveness  of  ailerons  and  differential  tails 
separately.  In  addition,  since  differential  tail  effectiveness  is  a  function  of  symme¬ 
trical  stabilator  deflection,  the  control  effectiveness  data  are  for  differential 
deflections  relative  to  a  symmetrical  deflection  close  to  that  required  for  longitudinal 
trim.  At  angles  of  attack  in  excess  of  the  trim  angle-of-attack  capability  of  the  air¬ 
craft,  the  lateral  control  effectiveness  data  apply  for  =  -25°. 

Figure  10  presents  the  data  correlation  in  the  linear  range  as  a  function  of  Mach 
number.  It  is  seen  that  the  agreement  leaves  little  to  be  desired.  The  small  differ¬ 
ences  in  roll  control  effectiveness  at  subsonic  and  transonic  speeds  do  not  refute  the 
hypothesis  advanced  to  explain  the  lower  than  expected  stabilator  effectiveness. 

Reduced  afterbody  loads  due  to  differential  stabilator  deflection  have  negligible 
effects  on  roll  control  because  of  the  small  moment  arms  involved.  The  data  presented 
in  Figure  (11)  show  that  the  agreement  in  roll  control  is  not  materially  changed 
as  the  effects  of  angle-of-attack  are  examined  at  M  =  .90.  The  flight  data  exhibit  a 
modest  increase  in  roll  effectiveness  and  a  reduction  in  the  negative  yawing  moment 
derivative  at  AOA  =  25°  to  40°.  This  yawing  moment  is  an  "adverse"  yawing  moment.  The 
differences  in  moments  require  less  rudder  deflection  for  roll  coordination.  However, 
the  increment  in  rudder  deflection  required  for  coordination  of  rolls  at  30°  angle  of 
attack  is  only  3°  because  of  the  special  "roll-control  washout”  incorporated  in  the 
F-15  lateral  control  system  at  high  angles  of  attack. 

Roll  control  effectiveness  data  are  presented  as  functions  of  angle  of  attack  for 
M  =  1.2  in  Figure  (12).  Rolling  moment  coefficient  due  to  roll  control  surface  deflec¬ 
tion  derived  from  flight  exhibits  a  modest  increase.  The  flight  test  yawing  moment 
derivative  is  slightly  less  positive  at  the  higher  angles-of-attack .  The  difference  is 
not  large  enough  to  be  of  concern  for  the  reasons  given  above. 

The  low  speed  high  angle-of-attack  lateral  control  derivatives  are  presented  in 
Figure  (13).  The  agreement  at  those  conditions  is  considered  very  good  for  both  the 
rolling  moment  derivative  and  the  yawing  moment  derivative  due  to  roll  control  deflec¬ 
tion.  The  significant  yawing  moments  and  rolling  moments  available  at  very  high  angle- 
of-attack  provide  the  excellent  spin  recovery  characteristics  demonstrated  by  the  F-15. 
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FIGURE  13 

ROLL  CONTROL  EFFECTIVENESS 

Low  Speed 


INLET  RAI1P  EFFECTIVENESS 

A  unique  feature  of  the  F-15  propulsion  system  is  the  movable  first  ramp  of  the 
inlet.  Some  of  the  details  of  this  feature  are  indicated  in  Figure  (14) .  The  movable 
ramp  is  relatively  large  and  is  far  enough  forward  of  the  center-of-gravity  to  have  a 
significant  effect  on  longitudinal  stability  and  control  characteristics  and  trim  drag. 
Therefore,  definition  of  inlet  ramp  schedules  required  consideration  of  the  impact  on 
these  areas  as  well  as  considerations  of  inlet  pressure  recovery  and  the  flow  distortion 
at  the  engine  face.  Optimization  of  the  ramp  schedule  is  discussed  in  detail  in  Refer¬ 
ences  (3)  and  (4) .  Since  the  optimization  depended  on  the  longitudinal  control  effec¬ 
tiveness  of  the  inlet  ramp,  it  is  of  interest  to  address  the  correlation  of  wind  tunnel 
test  data  and  flight  test  data  in  this  paper. 


FIGURE  14 

INLET  CONFIGURATION 


The  inlet  ramp  total  travel  is  limited  to  15°  and  varies  with  angle  of  attack  to 
maintain  a  fixed  relation  relative  to  the  freestream  velocity  vector.  The  ramp  angle 
at  zero  angle-of-attack  is  scheduled  with  Mach  number  and  free  stream  total  temperature 
to  maximize  excess  thrust  to  the  extent  allowed  by  the  other  aforementioned  considera¬ 
tions.  For  the  deflections  and  angles  of  attack  involved,  no  nonlinearities  have  been 
observed  in  either  ground  or  flight  tests.  Thus,  the  longitudinal  control  effectiveness 
is  adequately  defined  by  the  derivative  Cm  .  The  correlation  of  this  parameter  is 
presented  in  Figure  (15).  1 

It  is  seen  in  Figure  (15)  that  except  near  M  =  1.0,  the  flight  test  and  wind 
tunnel  values  are  in  good  agreement.  The  differences  at  transonic  speeds  may  be  due  to 
the  effects  of  cowl  deflection  on  the  wing-body  shock  locations  on  the  upper  surface  of 
the  aircraft.  These  shock  locations  are  difficult  to  duplicate  in  model  tests  at  tran¬ 
sonic  speeds.  Similar  effects  were  noted  in  differences  observed  in  the  pitching  moment 
for  zero-lift  (CmQ)  shown  in  Figure  (16).  The  magnitude  of  the  differences  measured  in 
these  two  parameters  required  revision  of  the  ramp  angle  schedule  with  Mach  number. 

The  ramp  angle  schedules  were  revised  to  the  extent  shown  in  Figure  (17) .  These  revised 


schedules  were  determined  in  an  additional  inlet  ramp  angle  optimization  study  which 
used  the  flight  test  results  and  are  not  simply  attempts  to  compensate  for  the  differ¬ 


ences  in  pitching  moment  characteristics,  (CmQ  and  C, 
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FIGURE  IS 

LONGITUDINAL  CONTROL  EFFECTIVENESS  OF  MOVABLE  INLET  RAMP 


FIGURE  16 

F-1 5  ZERO-LIFT  PITCHING  MOMENT  COMPARISON 


FIGURE  17 

INLET  RAMP  SCHEDULE 


CONCLUSIONS 


The  correlation  of  control  effectiveness  determined  for  the  F-15  in  wind  tunnel 
tests  and  flights  indicates  that  wind  tunnel  tests  yield  data  that  are  generally  satis¬ 
factory  for  analyses,  design  and  mannec  simulations.  A  major  difference  in  the  apparent 
stabilator  control  effectiveness  was  discovered  at  low  angle-of-attack  conditions.  This 
difference  is  believed  to  be  due  to  dynamic  effects  encountered  in  flight  test  when 
moderate  stabilator  deflections  produce  high  angle-of-attack  rates.  At  the  pitch  rates 
which  are  developed  for  high  agility  fighter  aircraft,  transient  aerodynamic  flow  phe¬ 
nomena  may  be  encountered  which  preclude  good  correlation  with  static  aerodynamic  charac¬ 
teristics  measured  in  wind  tunnels  at  "out-of-trim"  conditions.  The  other  area  where 
significant  differences  were  noted  pertains  to  zero-lift  pitching  moments  and  inlet 
ramp  effectiveness  at  transonic  speeds.  These  latter  differences  are  believed  to  be 
due  to  the  inability  to  adequately  simulate  high  Reynold's  number  flight  conditions  at 
transonic  speeds  in  the  facilities  used  in  the  subject  program.  The  phenomenon  is  not 
new  and  has  been  attributed  to  differences  in  wing  and  fuselage  pressure  distributions 
due  to  differences  in  upper  surface  shock  locations.  This  suggests  that  configurations 
employing  control  surfaces  forward  of  the  wing  (canards)  may  experience  similar  differ¬ 
ences.  Care  should  be  exercised  in  providing  margins  or  design  adaptability  for  adjust¬ 
ment  of  control  laws  should  flight  tests  uncover  such  discrepancies . 
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SUMMARY 


Using  a  half-model  technique,  measurements  have  been  made*  at  low  speeds,  of  the  effectiveness  of 
spoilers  for  direct  lift  or  roll  control,  with  high -lift  devices  deployed.  The  wing  planform  was 
representative  of  that  of  a  transport  aircraft  outooard  of  the  trail ing-edge  crank.  Results  are  presented 
which  show  that  appropriate  venting  beneath  the  leading  edge  of  hinged— plate  spoilers,  together  with  venting 
through  the  flap  shroud,  achieved  acceptably  linear  spoiler  characteristics.  Similarly,  linear  characteristics 
were  obtained  for  a  vented  spoiler  formed  by  moving  the  rear  of  the  flap  shroud.  No  reversal  of  spoiler 
effectiveness  was  found  at  any  test  condition  within  the  normal  operating  range  of  incidence. 

In  the  same  way,  measurements  have  also  been  made  of  the  maximum  lift  and  roll  performance  of  a 
typical  "swing  wing"  fighter  aircraft,  for  which  the  design  of  the  leading-  and  trailing-edge  controls  has 
been  totally  determined  by  the  need  to  maximise  the  manoeuvrability  at  high  speed.  The  maximum  lift 
performance  is  compared  with  that  obtainable  from  conventional  slats  and  slotted  flaps.  Somewhat  surprisingly, 
it  is  found  that  adequate  rolling  moments  can  be  obtained  by  using  full-span  plain  flaps  differentially 
about  a  basic  drooped  position  of  30  . 
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Normal  force  coefficient 

Pitching  moment  coefficient  about  the  ^-chord  point  of  the  mean  aerodynamic  chord  (based  on  c  ) 


c  Aerodynamic  mean  chord 

c  Standard  mean  chord 

c  Local  chord 

g  Acceleration  due  to  gravity 

k  Lift  dependent  drag  factor 

Rolling  moment  due  to  sideslip  derivative 
p  Roll  rate  (rad/s) 

q  Kinetic  pressure 

S  Wing  area 
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Free  stream  velocity  in  wind  tunnel  test 
Forward  velocity  of  aircraft 
Distance  in  free  stream  direction 


U 

o 
V 

x 

y  Distance  in  spanwise  direction 

o  Incidence,  degrees 

o'  A  particular  incidence,  see  Fig  19 

6  Sideslip  angle,  degrees 

ACp  Incremental  drag  coefficient  due  to  a  spoiler 

AC^  Incremental  lift  coefficient  due  to  a  spoiler 

A  Lift  increment  due  to  a  spoiler  deflected  S'  at  a  -  “  ,  see  Fig  19 

CL«’,a' 

C  Rolling  moment  coefficient 

AC^  Incremental  rolling  moment  coefficient  (or  root  bending  moment  coefficient)  due  to  a  spoiler 
ACffl  Incremental  pitching  moment  coefficient  due  to  a  spoiler  (based  on  c) 

Yawing  „ioment  coefficient 

AC,,  Incremental  normal  force  coefficient  due  to  a  spoiler 

AL  Incremental  lift  due  to  a  spoiler 

ASA”  Incremental  rolling  moment  (or  root  bending  moment)  due  to  a  spoiler 

6  Spoiler  deflection  angle,  degrees 

6'  A  particular  spoiler  deflection  angle,  see  Fig  19 

6^  Spoiler  dead  space,  see  Fig  1 9 >  degrees 

,  ,  „  Jangle  of  starboard  flap  -  angle  of  port  flatA 

f.  Aileron  angle,  degrees,  defined  as  I'—1*  . . ^  °  1  ■  ■  r  . 

t  Rudder  angle,  degrees 

1  INTRODUCTION 

This  paper  describes  two  separate  investigations  of  controls  -  in  the  first  part  of  the  paper  an 
investigation  of  spoiler  characteristics  in  relation  to  civil  aircraft,  and  in  the  second  part  of  the  paper 
the  characteristics  of  plain  leading-  and  trailing-edge  controls  in  relation  to  a  swing-wing  combat  aircraft 
in  the  low  speed,  minimum  sweep,  configuration.  The  linking  themes  lie  in  the  possible  use  of  both  types  of 
control  as  a  combined  lift  and  roll  control,  and  in  the  similar  test  arrangements  used  in  the  two 
investigations  —  half-models  mounted  on  an  underfloor  balance  with  the  floor  of  the  tunnel  acting  as  the 
reflection  plane.  However,  the  motivation  for  the  investigations  and  the  analyses  used  are  different  in 
each  case  and  so  the  investigations  are  reported  separately. 

The  attractions  of  half-models  for  wind  tunnel  testing  include: 

a.  increased  Reynolds  number 

b.  larger  scale,  making  it  easier  to  represent  detailed  features  of  full-scale  aircraft 

c.  lower  cost,  because  it  is  necessary  to  manufacture  only  one  set  of  spoilers,  flaps, 
setting  brackets  etc 

d.  a  wind  tunnel  mounting  which  is  free  from  the  interference  of  mounting  struts,  stings,  etc. 

Furthermore ,  an  indication  of  the  performance  of  a  configuration  with  asymmetric  deflection  of  either 
spoilers  or  trailing  edge  controls  can  be  obtained  by  the  suitable  algebraic  addition  of  two  separate  tests 
on  the  half-model.  For  instance  Fig  1  shows  how,  if  we  wish  to  obtain  the  rolling  and  yawing  moments  for 
the  combat  aircraft  with,  say,  five  degrees  of  aileron  in  combination  with  ten  degrees  of  flap,  these  can 
be  estimated  from  the  combination  of  results  on  a  half  model  with: 

a.  5°  flap  and 


b.  15  flap 
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Th.  same  technique  can  clearly  be  applied  to  the  estimation  of  the  yawing  and  rolling  moments  produced 
by  asymmetric  operation  of  spoilers.  But  the  word  "estimated"  is  used  advisedly  because  the  distribution  of 
spanwise  loading  implied  by  this  combination  of  half-model  results,  has  a  discontinuity  at  the  centre  line,  as 
shown  by  the  full  line  in  the  diagram  at  the  foot  of  Pig  1,  whereas  the  actual  asymmetric  configuration  has  a 
spanwise  loading  like  that  shown  by  the  dashed  line  in  Pig  1. 

Swanson  and  Toll'  have  calculated  the  necessary  corrections  for  this  effect,  for  wings  with  ailerons. 
The  correction  results  in  an  appreciable  reduction  in  rolling  moment,  typically  by  as  much  as  \2%,  and  an 
increment  in  adverse  yawing  moment.  The  results  for  the  swing-wing  fighter,  presented  in  Section  3,  have 
been  corrected  in  this  way.  The  results  of  the  spoiler  investigation  in  Section  2  have  not,  however, 
because  the  primary  interest  in  that  investigation  was  to  identify  aspects  of  spoiler  design  which  led  to 
linear  characteristics  rather  than  to  examine  the  control  power  available. 

?  SPOILER  CONTROLS  ON  CIVIL  AIRCRAFT 

2.1  Introduction 

The  use  of  spoilers  on  the  wing  upper  surface  to  supplemeni  the  control  available  from  the  conventional 
ailerons  of  transport  aircraft  at  low  speeds,  is  now  well  established.  Their  use  enables  outboard  ailerons 
to  be  sized  for  adequate  lateral  control  power  at  higher  speeds,  whilst  leaving  the  inboard  wing  trailing 
edge  free  for  the  installation  of  high  lift  devices.  For  transport  aircraft  then,  spoilers  will  normally 
be  operated  when  high  lift  devices  are  deployed.  Proposals  for  their  incorporation  in  direct-lift-control 
(DLC)  systems  have  led  to  renewed  interest  in  spoiler  characteristics  but  there  is  a  lack  of  comprehensive 
published  modern  data.  Many  of  the  earlier  spoiler  data  are  summarised  in  references  1  and  2. 

It  was  considered  in  the  UK  during  the  late  1960's  that  further  information  was  required  to  ac3ist 
in  the  design  of  spoiler  installations  for  future  swept-wing  transport  aircraft.  Two  particular  problem 
areas  were  identified. 

i  There  are  frequent  reported  occurrences  in  wind  tunnel  tests  of  reversals  of  spoiler 
effectiveness  (ie  a  lift  increase)  at  low  spoiler  deflections.  The  situations  in  which  such 
reversals  occur  are  not  at  all  clear,  particularly  as  one  assumes  some  optimisation  of  high-lift 
device  design  for  maximum  lift  has  already  been  achieved.  Unpublished  British  work  indicated  that 
■versals  in  lift  of  the  order  of  A -  +0.01  at  small  spoiler  deflections  might  be  expected 

from  the  experimental  configurations  reported  here.  In  the  eventi  no  control  reversals  were  found 
within  the  usable  range  of  incidence,  as  will  be  described  later. 

li  Non-linear  response  of  lift  and  rolling  moment  increments  to  spoiler  deflections  are 
invariably  reported.  Full-scale  data  are  limited,  but  Ingle  has  shown  large  discrepancies  in 
linearity  between  flight  and  wind  tunnel  results  for  a  simple  design  of  spoiler  on  the  BAC-1 1 1 
aircraft  . 

A  theoretical  approach  to  the  design  problem  did  not  appear  worthwhile  in  view  of  the  complex  flows 
associated  with  spoilers  ahead  of  high-lift  devices.  Accordingly  an  experimental  programme  was  decided  upon. 
Even  then  the  programme  had  to  be  carefully  aimed  because  of  the  wide  range  of  possible  variables  -  spoiler 
type  and  size,  chordwise  position  on  the  wing,  spanwise  position  and  extent,  the  employment  of  venting 
through  or  beneath  the  spoiler,  as  well,  of  course,  as  the  configuration  of  the  basic  wing  and  high  lift 
devices.  It  was  felt,  that  the  structural  design  of  the  wing  tends  to  define  the  chordwise  position  of 
spoilers  and  that  with  the  information  already  available  it  was  not  too  difficult  to  decide  upon  spoiler  size. 
However,  it  was  clear  that  spoiler  configurations  which  might  be  aerod.ynami cally  acceptable  could  be 
completely  unacceptable  on  structural  grounds.  In  parallel  with  aerodynamic  considerations,  the  structural 
implications  of  various  spoiler  designs  and  positions  were  considered  and  were  allowed  to  influence  the 
proposed  programme. 

As  a  result  of  these  considerations  it  was  decided  to  keep  spoiler  chord,  span,  chordwise  position 
and  spanwise  position  constant,and  to  concentrate  on  examining  the  effects  of  changes  in  spoiler  deflection 
angle  and  of  variations  of  gaps  and  vents  which  previous  experience  had  shown  to  be  important  in  relation  to 
control  reversal  and  linearity. 

2.2  Experimental  Details 
2.2.1  Basi c  Wing 

The  configuration,  Figs  2  to  5  and  Table  1,  was  chosen  to  be  representative  of  the  outboard  wing 
of  a  possible  transport  aircraft  project.  It  was  of  aspect  ratio  7  with  30°  ^-.■hord  swe-p.  Tl.e  high 
lift  devices,  which  were  representative  of  current  practice,  consisted  of  a  full  span  leading-edge  slat 
and  a  part-span  single-slotted  tabbed  flap  extending  from  the  body  side  to  Hofc  semispan.  The  following 
flap  settings  were  tested: 


Flap  Angle 
10° 


Tab  Angle 
(Relative  to  Flap) 


20 


10 


Tab  Design 

Plain  hinge 
Plain  hinge 


40 


30 


Slotted 
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The  slat  angle  of  28°,  and  the  slat  and  flap  gaps  were  optimised  experimentally  to  achieve  a 
repeatable  stalling  behaviour  with  a  separation  moving  forward  from  the  trailing  edge  of  the  shroud, 
rather  than  a  sudden  slat  stall,  so  that  tne  effects  of  spoiler  induced  separations  could  be  appreciated. 

The  maximum  lift  achieved  was  not  compromised  by  this  criterion  although  a  higher  lift  at  zero  incidence  and 
a  better  drag  polar  could  have  been  achieved  with  a  different  slat  angle.  The  final  settings  used  are 
defined  in  Pig  5  and  were: 

slat,  2$  chord  forward  of  tangential  contact  with  main  wing, 

flap,  zero  lap  and  a  gap  of  1  g$  chord, 

tab,  zero  lap  and  a  gap  of  0.8$  chord  at  40°  flap  only. 

A  tip  aileron  of  20$  semispan  was  mounted  outboard  of  the  flap  but  tests  with  this  deflected 
are  not  reported  here. 

The  model  had  a  wing  of  2.13  m  semispan  mounted  in  the  mid-wing  position  on  a  semicircular  section 
half-body.  The  latter  not  only  made  the  configuration  more  representative  but  also  reduced  the  effects 
of  the  tunnel  floor  boundary  layer  and  of  leakage  through  the  6  mm  clearance  between  body  and  floor.  All 
model  -oints  were  sealed.  The  model  was  carried  on  a  mechanical  balance  measuring  normal  force,  axial 
force,  pitching  moment  and  root  bending  moment.  The  balance  in  turn  was  mounted  underneath  the  floor 
turntable,  rotation  of  which  allowed  the  incidence  to  be  varied.  The  tests  were  made  in  the  4  m  x  2.7  m 
( 1 3  ft  x  ')  ft)  low-speed  tunnel  at  RAE  Bedford. 

2.?.?  The  Spoilers 

The  spoilers  were  all  of  constant  spanwise  extent  occupying  the  region  between  4 0$  and  80$  semispan. 
Two  basic  types  were  studied. 

The  first  consisted  of  hinged  plate  spoilers  deflected  up  from  the  upper  surface  of  the  flap  shroud, 
Fig  5-  The  basic  spoiler  of  this  type,  to  be  referred  to  as  a  plain  spoiler,  was  of  constant  percentage 
chord,  ie  12$  of  local  wing  chord.  It  could  be  tested  with  zero  gap  beneath  its  upstream  edge,  in  which 
case  its  hinge  line  was  at  63$  chord,  or  with  a  range  of  constant  percentage  chord  gaps  (measured  in  the 
plane  of  the  spoiler,  Fig  3).  In  the  latter  cases  it  was  convenient  to  maintain  the  upstream  edge  of 
the  spoiler  at  63$  chord  at  zero  deflection  so  that  the  hinge  line  moved  progressively  upstream  as  gap 
increased.  The  baseline  spoiler  is  shown  with  a  3$  chord  gap  in  Fig  6.  Three  other  more  complicated 
hinged  plate  spoilers  -  sawtooth,  perforated  and  castellated  —  are  also  shown  in  Fig  6;  these  had  the 
same  solid  area  as  the  baseline  spoiler  and  a  maximum  chord  of  15$  local  wing  chord.  They  were  designed 
for  investigating  the  effect  of  alternative  means  of  venting  the  spoiler  itself.  Each  of  the  flat  plate 
spoilers  could  be  tested  in  conjunction  with  a  wide  variety  of  additional  vents  through  the  flap  shroud. 
Details  of  such  venting  are  shown  in  Figs  7  and  8.  It  could  consist  either  of  a  constant  percentage  chord 
slot  extending  over  the  full  span  of  the  spoiler  or  of  a  number  of  discrete  holes. 

The  second  type  of  spoiler  is  referred  to  here  as  a  moving  shroud  spoiler  and  is  illustrated  in 
Fig  7.  In  this  case  the  rear  1 2$  local  wing  chord  of  the  flap  shroud  could  be  deflected  upwards  to  act 
on  the  flow  over  the  upper  surface  of  the  shroud.  As  in  the  case  of  the  hinged  plate  spoilers  it  was 
possible  to  operate  the  moving  shroud  spoiler  with  a  gap  beneath  its  upstream  edge;  the  hinge  line  then 
moves  upstream  from  its  basic  position  at  75$  local  chord,  by  an  amount  equal  to  the  length  of  the  gap. 

When  used  with  a  gap  the  forward  edge  of  the  spoiler  was  bevelled  as  shown  in  Fig  7. 

2.3  Test  Details  and  Data  Reduction 

2.3.1  Tests  Made 

Great  care  was  taken  to  eliminate  possible  sources  of  misleading  data,  particularly  in  relation 
to  the  measurement  of  the  small  force  increments  due  to  small  spoiler  deflections.  To  ensure  reliable 
difference  data  between  the  datum  case  with  the  spoiler  undeflected  and  configurations  with  the  control 
deflected  it  was  found  necessary  to  do  a  datum  run  for  each  spoiler  configuration.  Small  differences, 
for  instance,  between  the  datum  plain  shroud  and  the  various  shrouds  saving  different  amounts  of 
venting,  but  with  the  vents  sealed,  could  lead  to  datum  errors  greater  than  the  smallest  measured  lift 
increment.  Similarly,  if  the  shroud  vents  were  not  completely  sealed  in  the  datum  case,  or  if  an 
ungapped  spoiler  was  not  sealed  to  the  wing  surface,  thpn  significant  errors  could  occur.  It  is  worth 
noting  at  this  stage  that  when  such  precautions  were  taken  no  reversals  of  spoiler  lift  increments  were 
found  in  the  normal  working  incidence  range  ie  for  all  spoiler  configurations  and  deflections  the  lift 
increments  were  always  in  the  expected  negative  sense. 

The  bulk  of  the  tests  were  made  at  60  m/s,  equivalent  to  a  Reynolds  number  of  2.5  x  10^  based  on 
standard  mean  chord,  and  are  summarised  in  Table  2.  A  limited  number  of  tests  was  made  at  lower  speed. 
Transition  fixing  was  achieved  by  spanwise  bands  of  ballotini  approximately  5$  chord  of  each  component 
in  width,  disposed  under  the  leading  edge  but  avoiding  the  leading  edge  radius.  Selection  of  the  optimum 
diameter  of  ballotini  was  judged  by  the  achievement  of  a  smooth  repeatable  lift  curve,  and  the  absence  of 
any  leading  edge  bubbles,  at  a  speed  of  60  m/s.  The  datum  case  (spoiler  undeflected)  is  relatively 
sensitive  to  Reynolds  number  and  this  is  in  part  attributed  to  the  use  of  the  minimum  diameter  of 
ballotini  which  was  effective  at  60  m/s. 

At  60  m/s  the  overall  repeatability  of  data  obtained  from  different  nominally  identical 
conf igurationn  after  all  precautions  had  been  taken  was  equivalent  to  an  error  in  measured  lift  coefficient 
of  0.002.  The  smallest  measured  lift  increment  due  to  spoiler  deflection  was  of  the  order  of  5  times 
greater  than  this. 


k 


i 


2.3.2  Data  Reduction 


The  data  were  reduced  to  conventional  coefficient  ''orrn,  the  pitching  moment  datum,  Fir*  '-eing 
chosen  at  46*9^  of  mean  aerodynamic  chord.  4_j  — 

The  incremental  root  bending  moment  coefficient,  AC^  ,  due  to  spoiler  operation  (measured  about 
the  notional  aircraft  centreline)  is  defined  as  A  tf/lqSs  ,  where  At/  is  the  measured  increment  in  the 
moment,  S  is  the  area  of  the  half-model  and  s  is  its  span.  The  coefficient  thus  gives  the  rolling 
effectiveness  of  a  spoiler  on  one  wing  of  a  complete  aircraft  as  is  appropriate  for  roll  control.  Since 
the  coefficients  of  incremental  lift,  ACl  ,  drag,  ACpj  ,  and  pitching  moment,  ACm  ,  are  more  relevant  to 
direct  lift  control  than  roll  control,  they  are  defined  relative  to  the  effectiveness  of  symmetric 
operation  of  spoilers  on  both  wings  of  a  complete  aircraft,  eg  ACL  =  AL/qS  where  AL  is  the  measured 
increment  due  to  a  single  spoiler. 

F,,r  thic  win.*, tunnel  <vru*tr»int  nnuir-f  a  corr-otiori  if  h.  out  i  '  of  incidence  per  unit  C,  .  Since  the 

lift  is  different  at  the  same  nominal  incidence  on  the  two  separate  test  runs  required  to  measure  spoiler 
effectiveness,  the  correction  required  for  tunnel  constraint  is  also  different.  The  corrected  results 
obtained  (using  the  procedure  described  in  ref  4)  were  interpolated  using  a  Lagrangian  formula  (non-smoothing) 
to  provide  differences  between  forces  at  a  given  corrected  incidence.  Such  derived  data  are  plotted  with 
no  data  points  shown.  Conventional  corrections  were  applied  for  solid  and  wake  blockage. 

2.4  Results  For  The  Basic  Wing 


The  characteristics  of  th  basic  wing  uni  big.  -lift  system  are  reasonably  typical  of  those  of  transport 
aircraft  and  are  shown  in  Figs  9  to  11.  The  lift  curves  for  all  flap  angles,  Fig  9,  are  seen  to  be  non¬ 
linear  at  low  incidence.  This  is  because  the  relatively  high  slat  angle  of  28  ,  chosen  to  ensure  that  the 
slat  did  not  stall  before  the  main  wing,  prevents  the  slat  from  working  efficiently  at  low  incidence.  At 
higher  incidence  the  li't  curve  is  linear  until  about  5  below  the  lift  break;  the  progressive  reduction 
in  lift  curve  slope  prior  to  the  lift  break  is  due  to  separated  flow  regions  growing  from  the  rear  over 
both  the  undeflected  aileron  and  the  flap  shroud.  This  is  illustrated  in  the  sketch  for  a  flap  deflection 
of  40  at  a  =  18  included  in  Fig  9*  As  a  consequence,  after  the  lift  break  the  loss  of  lift  is  progressive 
with  no  abrupt  drop,  although  there  is  strong  buffeting. 

The  drag  polars  are  shown  in  Fig  10  and  the  pitching  moment  characteristics  in  Fig  11. 


In  al .  three  figure. •,  data  ar>-  presented  for  the  plain  shroud,  with  no  vents,  and  for  a  corresponding 
vented  shroud,  but  with  the  vents  sealed.  As  noted  already  in  Section  3.2  the  small  differences  in 
measured  forces  and  moments  for  these  two  cases  are  significant  when  determining  the  increments  due  to 
spoilers  and  care  must  be  taken  to  use  the  correct  datum.  As  will  be  shown  later,  the  effect  of  reducing 
Reynolds  number  is  greater  on  the  basic  wing  than  on  the  wing  with  spoiler  deployed  so  that  spoiler  incremental 
performance  appears  less  linear  as  Reynolds  number  decreases.  Again  it  is  essential  to  use  the  correct 
datum  run. 

2.5  Spoiler  Lift  fharact.  rictics 

Th--  most  demanding  situation  for  spoiler  controls,  wh-'-n  used  either  for  roll  control  or  for  DLC,  is  on 
the  landing  approach.  Accordingly  the  majority  of  the  results  presented  in  this  section  will  be  associated 
with  a  40  flap  deflection,  typical  of  that  used  on  the  approach.  Furthermore,  the  results  will  all  refer 
to  the  increments  achieved  by  symmetrical  operation  f  spoilers  on  both  wings.  It  is  worth  noting  at  this 
stage  that,  as  the  model  is  representative  of  the  outboard  wing  panels  of  a  transport  aircraft,  the  spoiler 
span  is  relatively  large  in  relation  to  the  wing-span;  incremental  coefficients  non-dimensional ised  on  model 
wing  area  will,  therefore,  also  be  relatively  large. 

2.5.1  Ringed  Flat'  Spoilers 

Fig  1  .hows  tin  lift  curves  for  a  plain  hinged-plate  spoiler  with  ^  leading  edge  gap  and  1  ith  100$ 
venting  through  the  shroud;  the  flap  deflection  is  40°.  These  results  are  typical  ad¬ 

measurements  throughout  the  series  of  tests.  There  is  a  progressive  reduction  in  lift  curve  slope  with 
increasing  spoiler  deflection.  Similarly,  the  stall  becomes  progressively  less  severe  with  the  lift  break 
occurring  at  a  higher  incidence.  Beyond  the  lift  break  the  curves  tend  to  the  same  asymptote  as  the 
spoilers  become  blanked  by  the  separation  associated  with  the  stall.  Clearly,  such  characteristics  are  not 
suitable  for  control  beyond  the  stall. 

Th"  "tT-  etc  of  various  parameters  are  discussed  below.  It  must  be  stressed  that  th"  aim  is  onlv  to 
present  a  selection  of  reasonably  typical  data.  The  main  body  of  data  is  too  large  for  detailed 
presentation  in  a  paper  of  this  size. 

Reynolds  Number 

A  limited  investigation  of  the  effect  of  Reynolds  number  was  made.  Fig  13  shows-,  for  speed  of  '5,  10 

and  60  m/s  (Reynolds  number  =  0.6  -*02.5  x  10^)  the  lift  coefficient  plotted  versus  spoiler  angle  at  an 
interpolated  constant  incidence  of  10  for  the  perforated  spoiler  with  no  gap.  The  effect  of  Reynolds  number 
is  greatest  for  the  basic  configuration  with  spoiler  undeflected, and  decreases  reasonably  progr"ssively 
with  increasing  spoiler  deflection.  Data  for  a  plain  ungapped  spoiler,  not  shown,  suggest  that  the 
sensitivity  to  Reynolds  number  continues  to  decrease  up  to  deflection  angles  of  50°.  The  data  o:’  Fig  13  are 
replotted  in  Fig  14  in  the  form  of  spoiler  lift  increments  versus  spoiler  deflection.  The  apparent  sensitivity 
to  Reynolds  number  is  now  reversed  from  that  shown  in  Fig  13,  because  the  datum  value  for  the  basic  wing  is 
fairly  sens-tive  to  Reynolds  number, and  this  value  must  be  subtracted  to  obtain  the  increment.  The  sensitivity 
of  the  datum  case  to  Reynolds  number  demonstrates  the  difficulty  of  correlating  data  obtained  at  different 
Reynolds  numbers,  spoiler  deflected,  particularly,  for  instance, between  tunnel  and  flight,  and  may  explain 
some  of  the  discrepancies  shown  in  ref  3* 
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Tht-1  lowt'r  figure.  Pig  1 4'!\  1^  plotted  to  an  enlarged  scale  to  demonstrate  the  absence  of  reversal  in 
spoiler  lift  increment  at  low  deflection  angles  anywhere  in  the  Reynolds  number  range,  providing  that  a 
datum  value  appropriate  to  the  correct  Reynolds  number  is  subtracted. 

b.  3poil*»r  Clap 

The  effect  of  opening  up  a  gap  beneath  a  plain  spoiler  is  shown  in  Fig  15«  Th"  flap  it:  deflected 
40  and  the  shroud  is  unvented.  At  a  constant  spoiler  deflection,  6  =  20°,  Fig  15a,  it  is  seen  that  the 
relationship  between  lift  increment  and  incidence  below  the  stall  is  highly  non— linear  when  there  is  no  gap. 
Spoiler  effectiveness  increases  markedly  with  increasing  incidence.  Opening  up  a  gap  of  ?$  local  wing 
chord  (by  ...  .ving  the  spoiler  hinge  line  3$  forward)  reduces  the  variation  of  ACL  with  incidence  and  increases 
the  effectiveness  significantly  at  all  incidences  below  the  stall.  However,  it  should  be  borne  in  mind 
that,  since  spoiler  chord  is  kept  constant  at  12$  local  wing  chord,  increasing  gap  also  increases  spoiler 
height.  The  effect  of  increasing  the  gap  to  6$  chord  is  not  advantageous;  in  spite  of  the  increased 
spoiler  height  above  the  wing  the  maximum  increment  falls  and  the  linearity  is  not  significantly  improved. 
This  loss  in  effectiveness  is  probably  caused  because  the  spoiler  is  now  too  remote  from  the  wing  either 
to  •  :'f-  >-t  17" l  ,•  . : po l the  flow  locally,  or  to  adeauat^lv  adjust  th--  circulation  about  the  wing. 

A-  •  v  th**  ctall,  spoiler  effectiveness  falls  rapidly  at  ai  !  gap  settings.  Data  obtained  abov*-  the 
stall  are  difficult  to  interpret  since  the  balance  readings  fluctuate  and  the  Lagrangian  interpolation 
tends  to  exaggerate  any  deviations.  Certainly  the  effectiveness  falls  to  a  very  low  rr.^an  value  (s-e  also 
Fig  1  )  •  ut  whether  it  becomes  ?ero  or  reverses  i s  uncertain. 

A-,  a  constant  incidence,  a  -  W°r  Pig  15;*,  the  •  ffrot  of  gap  is  to  r-ducv  th**  initial  Mead  spac** 1  in 

‘  d  ( A'.’ .  ) 

spoiler  effectiveness  significantly,  and  to  increase  the  derivative  — -  slightly.  Again  the  6$  gap  is 
clearly  too  large.  1,3 

c .  V  *  *  n  1 1  n  g  Thro  ugl .  T  h  <■>  3hr  o  ud 

The  ct  of  vrnting  through  the  shroud  behind  th*-  plain  spoiler  with  a  v  gap  is  illustrated  in 

Fig  16  for  the  configurat ion  with  40°  flap  deflection.  Venting  is  achieved  by  constant  percentage  chord 
slots  extending  over  the  full  spoiler  span.  At  a  constant  spoiler  deflection  of  20°,  with  100$  venting 
(a  vent  equal  in  areg  to  that  of  the  spoiler)  there  is  a  significant  improvement  in  Ac  varying  from 
about  -0.05  at  a  -  5  to  about  -0.0?5  at  a  18  relative  to  the  unvented  condition,  Fig  16a.  Results  for 
intermediate  vent  areas  lie  progressively  between  these  extremes  at  low  incidence,  (note  that  data  for 
6*$  and  l2-£$  venting  have  been  omitted  for  clarity)  but  at  higher  incidences  50$  and  25$  venting  yield 
significant ly  larger  lift  increments  tiian  100$  venting. 

At  "i  const an*  >•'  *0 ' ,  Fig  1e>,  it  is  rf'>n  that  the  off"Ct  of  venting  is  to  improve  ti.e 

avAJ.  i 

linearity  of  the  derivative  - - —  over  the  range  of  spoiler  deflection  and  that  the  improvement  in 

do 

linearity  is  reasonably  progressive  with  increasing  vent  area.  The  effects  of  1 2-^$  and  2 5$  venting  are 
virtually  identical  and  only  -'all  below  those  achievable  with  100$  venting  at  spoiler  deflections  well  in 
excess  of  20  . 

Although  si  v.-ii*  mg  -  ■  i  r:  i  the  .-poil»r  lr  cl  ••arl.v  favourable  aerodynamical!;,  such  a 

configuration  is  not  structurally  acceptable  on  a  real  aircraft.  Consequently  tests  were  made  with  the 
discrete  vents  shown  in  Fig  8  in  an  attempt  to  establish  configurations  which  are  acceptable  both 
structurally  and  aerodynamcally.  The  results  are  summarised  in  Fig  1?  again  for  a  plain  spoiler  -.nth  a 
3$  gap.  The  Type  B,  C  and  D  vents  each  total  12|$  of  spoiler  area  but  with  different  disposition  of  the 
holes;  in  general  these  vents  perform  less  well  than  the  100$  spanwise  slot,  data  for  which  are  presented 

in  Fig  17,  for  comparison.  Of  the  three  types,  D,  which  has  the  widest  distribution  of  vent  area  performs  best. 

However,  a  fourth  type  of  discrete  venting,  Type  A,  having  30$  vented  area  spread  over  27  discrete  holes, 

Fig  8,  is  seen  to  perform  as  well  or  better  than  even  the  100$  spanwise  slot.  In  particular,  the 

characteristics  of  the  spoiler  ahead  of  the  Type  D  vents  is  relatively  linear  at  small  spoiler  angles. 

d.  Oti.<-r  Hinged— Plate  .Spoilers 

Th"  ma  ion  part  of  this  sc- t ion  hue  ’"'  n  concerned  with  plain  spoilers.  As  shown  in  Fig  6  perforated, 
sawtooth, and  castellated  spoilers  having  the  same  solid  area  as  the  plain  spoiler  were  also  tested.  These 
spoilers  were  found  to  offer  no  aerodynamic  advantage, in  either  linearity  or  overall  effectiveness, over 
the  plain  spoiler  with  a  3$  gap  at  a  flap  angle  of  40' ,  and  no  results  are  therefore  presented  here  (except 
that  results  obtained  with  the  perforated  spoiler  were  used  earlier  to  illustrate  the  effect  of  Reynolds 
number).  Some  limited  data  are  included  in  later  summary  figures,  Fig  20,  ?i  and  22,  where  it  is  seen  that 
at  a  flap  angle  o£  20  the  performance  of  these  spoilers  with  more  complicated  shapes  was  r«lativ!  v 
better  than  at  40  . 

2.;. 2  Moving  Shroud  Spoilers 

The  characteristics  of  a  12$  chord  spoiler  are  illustrated  in  Fig  18  for  three  hinge  positions. 

This  type  of  spoiler  forms  the  trailing  edge  of  the  flap  shroud  when  undeflected,  Fig  7,  and  is  used, 
for  example,  on  the  A 100  Airbus.  The  performance  of  the  spoiler  is  seen  to  be  very  satisfactory,  being 
almost  independent  of  incidence  below  the  stall  and  exhibiting  no  dead  space  at  small  deflections.  Unlike 
the  hinged  plate  spoilers,  the  use  of  a  6$  forward  hinge  to  produce  a  6$  gap  produces  a  better  performance 
than  that  with  a  gap,  although  the  improvement  is  much  less  than  that  achieved  by  the  1$  gap  relative 
to  ?ero  gap. 


2.5-3  Summary  of  Lift  Increments 


So  far  we  have  presented  typical  data  chosen  to  illustrate  particular  aspects  of  spoiler  lifting 
effectiveness.  A  method  is  now  suggested  whereby  the  performance  of  a  spoiler  can  be  described  in  terms 
of  a  limited  number  of  numerical  "derivatives”  so  that  a  summary  of  spoiler  performance  can  be  easily 
tabulated.  Referring  to  Pig  19,  six  parameters  are  defined: 

the  initial  rate  of  change  of  AC  with  6  at  a  chosen  incidence  a'  ,  per  degree 

L 

change  of  AC  with  6  at  a  =  a'  ,  per  degree 
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the  "dead  space"  between  the  origin  and  the  intersection  of  the  line  defining  C, 
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with  the 


4max 


ACr  the  lift  increment  due  to  a  spoiler  deflected  6'  at  a  -  a' 

,a' 

Expressed  in  these  terms  a  spoiler  with  completely  linear  characteristics  would  have 
6  =  0,  Cr  =  C,  ,  C,  =  0  and  AC,  =  S'C, 

smax  L6tan  p  La'  L6tan 

Assuming  that  the  elimination  of  dead  space  and  the  achievement  of  reasonable  linearity  is  the  aim  for  a 
practical  spoiler  installation,  then  the  extent  to  which  the  above  values  are  achieved  defines  how  closely 
reality  has  approached  the  ideal.  In  fact  it  is  improbable  that  C^  =  0,  ie  no  change  of  spoiler  effectiveness 

with  incidence,  is  the  optimum  value  since  an  increase  in  effectiveness  as  incidence  increases,  or  speed 
falls,  could  be  beneficial  (providing  the  increase  is  steady  rather  than  sudden).  The  values  of  the 
derivatives  can  be  tabulated  for  as  many  values  of  o'  and  S'  as  is  thought  necessary  but  for  comparative 
purposes  a  single  value  of  each  is  probably  sufficient. 


Since  the  work  reported  here  was  aimed  -t.  achieving  acceptable  linearity  and  freedom  from  dead  space 
within  reasonable  structural  constraints,  whils.  keeping  constant  the  major  spoiler  dimensions  (chord  and 
spanwise  extent)  it  is  not  within  the  scope  of  the  results  to  ascribe  desirable  magnitudes  to  the  three 
derivatives  (other  than  to  point  out  the  desirability  of  their  equality).  However,  the  values  of  the 
relevant  parameters  are  tabulated  in  Table  2  where  a’  =  10°  and  5'  =  20°,  the  chosen  "mid-range"  values 
which  have  been  used  earlier  in  this  paper.  These  tabulations  cover  a  wider  range  of  configurations  and 
flap  angles  than  the  results  discussed  so  far  and  also  include  details  for  all  flap  angles. 


The  spoiler  data  have  been  further  condensed  in  Fig  20  to  illustrate  the  trend  of  spoiler  effective¬ 
ness  with  increasing  gap  and  shroud  venting.  The  combined  parameter  (C^  -  CL  )/CL  is  plotted 

<5max  c5o  6max 

versus  the  dead  space  6^.  On  this  type  of  presentation,  a  linear  spoiler,  which  has  and 

4  =  0,  lies  at  tne  origin.  Hence  the  proximity  to  the  origin  of  the  point  referring  L&max  ^60 
to  a  particular  spoiler  configuration  is  a  measure  of  the  linearity  of  that  configuration.  It  is  not,  of 
course,  a  measure  of  the  effectiveness  of  a  particular  spoiler. 

Fig  20a  presents  data  for  a  flap  angle  of  40°  and  it  confirms  what  was  said  earlier  ie  that  addition 
of  a  gap  and  of  venting  through  the  shroud  improve  the  linearity  of  plain  hinged-plate  spoilers  significantly, 
but  that  gapped  movingoshroud  spoilers  appear  as  the  most  promising  configuration.  Fig  20b  presents  data 
for  a  flap  angle  of  20  ,  not  previously  discussed,  and  it  is  seen  that  moving  shroud  spoilers  are  again 
very  promising.  The  more  complicated  hinged-plate  spoilers  were  not  particularly  successful  at  a  flap 
angle  of  40  but  are  more  so  at  20  flap,  and  in  fact  the  perforated  spoiler  with  zero  gap  plots  at  the 
origin,  as  does  the  rather  impractical  case  of  a  moving  shroud  spoiler  with  a  large  -  12 %  of  wing  chord  -  gap. 


The  final  two  figures  in  this  section,  Figs  21  and  22,  are  included  for  completeness  and  show  all  the 
data  so  far  discussed  collected  together  in  graphical  form  to  give  a  visual  comparison  of 
AC^  versus  &  at  a  3  10°.  Fig  21  refers  to  the  flap  angle  of  40°  and  Fig  22  to  that  of  20°. 

2.6  Spoiler  Drag  Characteristics 

The  drag  due  to  spoilers  is  complicated  because,  at  constant  incidence,  spoiler  deflection  in  general 
causes  an  increase  in  profile  drag  but  a  reduction  in  lift  dependent  drag  because  of  the  loss  of  lift. 

Total  drag  is  plotted  in  Fig  23  against  incidence  for  a  plain  hinged-plate  spoiler  with  a  3$  gap  plus  100$ 
shroud  venting.  The  flap  angle  is  40  .  Experimental  points  are  omitted  for  clarity  and  the  results  are 
typical  of  those  for  other  spoilers. 

The  curves  cross  in  a  staggered  fashion  as  the  drag  with  spoiler  deflected  increases  at  low 
incidence  but  decreases  at  high  incidence  relative  to  that  with  the  spoiler  undeflected.  However,  when 
plotted  in  polar  form  against  C.  ,  Fig  24,  it  is  seen  that  at  constant  lift  there  is  always  an  increase  in 
drag.  The  asymptotic  nature  ofxhe  total  drag  beyond  the  stall  is  equivalent  to  that  noted  earlier  for  lift. 


Because  of  the  camber  introduced  by  deflection  of  the  high-lift  devices  and  of  the  effective  spanwise 
twist  introduced  by  the  part-span  nature  of  the  flaps,  the  minimum  drag  ,  occurs  at  positive  lift 

rather  than  at  C  0^.  At  C  -  0  the  individual  components  of  the  high  l?f?  system  are  all  in  general 
L  L 


lifting  (either  in  a  positive  or  negative  sense)  and  hence  there  is  still  a  finite  induced  drag.  Thus  even 
at  Cp  there  are  always  components  of  induced  drag  present.  Consequently  the  plots  of  versus  Cr  in 
u  min 
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Fig  25,  for  the  same  spoiler  as  above,  are  not  quite  linear.  In  such  circumstances  ref  6  suggests  that  the 
drag  can  be  expressed  as 

°D  =  \dn  +  K  (CL  -  W  *  A 

where  A  is  the  aspect  ratio.  The  quantities  Cp^n  and  C,  are  related  to  the  lift  due  to  camber  and 
twist,  and  the  factor  K  is  dependent  only  on  the  lift  distribution  and  the  aspect  ratio. 

Using  this  relation  the  curves  of  Fig  25  can  be  re-plotted  in  Fig  26.  The  values  of  were 

obtained  by  trial  and  error  since  it  was  not  practicable  to  extrapolate _the  drag  curve  back  to  the 
hypothetical  value  of  Cj  .  at  C.  =  C.  .  The  values  obtained  for  C.  ,  C-  .  and  K  are  tabulated  on 
the  figure  where  it  is  seennthat:  mln 

i  C  decreases  with  increasing  spoiler  deflection  (ie  with  decreasing  C  at  a  =  0  as  predicted 

by  reO). 


ii  0^  increases  with  increasing  spoiler  deflection. 

min 

iii  K  increases  with  increasing  spoiler  deflection  because  the  limited  span  of  the  spoiler  leads  to 
an  increasingly  poor  spanwise  loading  distribution  as  the  lift  decrement  due  to  the  spoiler  becomes 
numerically  larger. 

0^  can  be  considered  as  a  sum  of  three  terms: 
min 

i  A  basic  profile  drag,  spoiler  undeflected,  consisting  of  the  sum  of  the  profile  drags  of 
the  components  of  the  wing  and  high-lift  system. 


11 
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component  associated  with  the  width  of  the  separated  wake  which,  following 
s  of  the  order  of  -J-  of  the  change  of  lift  caused  by  the  wake. 


The  profile  drag 
6  and  Hoerner',  i 

The  minimum  induced  drag'’  of  the  configuration. 


It  is  worth  noting  that  the  induced  drag  factor  for  the  basic  wing,  spoiler  undeflected  is  obtained 
as  1.29  from  the  more  complete  approach  shown  in  Fig  26  whereas  absurd  values  lower  than  unity  can  be 
deduced  from  the  simpler  presentation  of  Fig  25. 


2.7  Spoiler  Moment  Characteristics 

Although  the  title  of  this  report  refers  to  combined  lift  and  roll  controls  we  have  chosen  to 
concentrate  on  the  lifting  characteristics  rather  than  the  rolling  characteristics  because  the  latter 
follow  the  behaviour  of  the  former  so  closely.  Pitching  moment  presents  a  rather  more  complicated  picture 
about  which  only  limited  conclusions  can  be  drawn  in  the  absence  of  data  on  the  change  in  downwash  at  the 
tail  plane  caused  by  spoiler  operation.  A  brief  discussion  of  both  moments  is  appropriate. 

2.7.1  Rolling  Characteristics 

As  noted  above,  plots  of  incremental  rolling  moment  and  lift  coefficients  are  very  similar  in 
character.  We  have  chosen,  therefore,  to  present  limited  data  in  the  form  of  spanwise  centre  of  pressure 
(CP)  only.  Such  data,  when  used  in  conjunction  with  the  lifting  characteristics  which  have  already  been 
presented,  can  be  used  to  derive  rolling  moments. 

Fig  27a  shows  the  position  of  the  spanwise  CP  as  a  function  of  incidence  for  the  basic  wing  and 
for  the  wing  with  the  plgin  spoiler  with  3$  gap  and  100$  shroud  venting.  The  spoiler  deflection  is  20 
and  the  flap  angle  is  40  .  The  incremental  spanwise  CP  position,  or  centre  of  action,  associated  with 
the  spoiler  is  included.  For  the  basic  wing  the  spanwise  CP  is  at  44$  semispan,  almost  constant  up  to 
the  stall.  Spoiler  deflection  moves  the  CP  inboard  Bince  the  middle  of  the  span  is  then  more  lightly 
loaded.  For  the  case  shown,  the  incremental  CP  is  at  about  55$  semispan  (+  about  2|$  below  the  stall); 
this  is  slightly  inboard  of  the  centre  of  the  spoiler  span,  at  60$  semispan,  but  is  close  to  the  spanwise 
position  of  the  centre  of  area  of  the  spoiler.  The  position  of  the  incremental  CP  is  included  in  Table  2 
and  is  seen  to  vary  only  slightly  over  the  whole  range  of  configurations  listed,  including  three  flap 
angles.  A  simple  approach  to  obtaining  rolling  moments  from  known  lift  increments  would  therefore  seem 
to  be  justified. 

2.7.2  Pitching  Characteristics 


Fig  27b  presents  pitching  moment  data  expressed  in  terms  of  centre  of  pressure  position  in  a 
similar  manner  to  that  used  for  illustrating  rolling  moment  characteristics.  The  wing  and  spoiler 
configuration  is  also  the  same.  Because  of  the  effective  camber  (and  consequent  pitching  moment  at  zero 
lift)  associated  with  the  high-lift  devices  there  is  now  a  large  chordwise  movement,  with  incidence,  of 
the  CP  of  the  basic  wing  (although  the  aerodynamic  centre  of  the  basic  wing  is  approximately  constant  at 
35$  c  forward  of  the  reference  point  (Fig  1l)  and  2$  c  forward  of  the  i— chord  point  of  the  mean 
aerodynamic  chord). 


However,  below  the  stall,  the  incremental  CP  due  to  the  spoiler  moves  only  slightly  with  incidence 
and  is  at  about  20$  c  aft  of  the  pitching  moment  reference  point.  This  distance  aft  of  the  reference 
point  is  equal  to  about  18$  local  wing  chord  ahead  of  the  spoiler  leading-edge  at  the  spanwise  station 
of  the  incremental  CP. 


Theochordwise  jncremental  CP  positions  for  the  spoiler  configurations  tested  are  listed  in  Table  2 
for  6  *  20  at  a  ■  10  ;  there  are  seen  to  be  quite  large  shifts  with  configuration  changes.  These 
shifts  are  equivalent  to  distances  between  10$  and  25$  local  chord  ahead  of  the  spoiler  leading  edge 


at  the  appropriate  spanwise  CP  positions.  The  loss  of  lift  due  to  a  spoiler  occurs,  (i)  at  the  spoiler, 
(ii)  as  a  lower  flap  lift  and  (iii)  as  lower  leading  edge  (slat)  suction,  so  the  CP  position  would  not  be 
easy  to  predict  even  if  the  extent  of  flow  separations  was  not  disturbed. 

2.8  Spoilers  Used  As  Controls 


Finally  we  have  chosen  to  give  a  limited  illustration  of  the  practical  use  of  the  data  obtained  in 
this  exercise  and  for  this  purpose  data  relating  to  the  plain  spoiler  with  a  3$  gap  and  with  100%  shroud 
venting  have  again  been  used.  They  are  plotted  in  Fig  28  in  incremental  form,  &  C^  versus  d  C^,  as  a 
carpet  for  various  incidences  and  spoiler  angles;  the  figure  applies  to  symmetric  operation  of  spoilers 
on  both  wings  of  a  complete  aircraft.  The  flap  angle  is  40  . 

Q 

We  follow  Tomlinson's0  suggestion  that  a  normal  acceleration  authority  of,  perhaps,  +0.22  g  is 
appropriate  for  DLC  on  the  approach.  This  value  will  be  used  for  illustrative  purposes  in  conjunction 
with  data  from  the  present  report  although,  as  noted  earlier,  the  spoiler  span  is  relatively  large  in 
relation  to  wing  span  since  the  model  is  representative  of  only  the  outboard  panels  of  a  transport 
aircraft  wing.  When  used  for  ILC,  spoilers  must  be  operated  about  a  datum  deflection  in  orger  to  permit 
positive  and  negative  lifting  authority.  For  convenience  we  choose  this  datum  to  be  6  =  15  for  a 
reason  which  will  shortly  become  clear. 


Interpolating  from  Fig  12,  the  maximum  C^  is  thus  about  2.48  and,  assuming  the  normal  civil 
airworthiness  margins,  V  0  ^  =  1 . 3  Vstall  ,  the  approach  will  be  about  1.47  at  an  incidence  of 

4.2  .  From  Fig  28,  closing  the  spoiler  at  this  incidence,  point  A,  will  give  a  maximum  lifting  authority 
of  AC,  equals  about  +0.33  and  hence  an  approximate  normal  acceleration  authority  of  (0.33/1-47  g)  =0.22  g 
ie  that  employed  by  Tomlinson*.  From  Fig  28  the  associated  drag  change  is  seen  to  be  an  increase  of  about 
A  Cp  =  0.013*  Conversely,  opening  the  spoiler  further  to  give  a  negative  lifting  authority  of  -0.33, 
point  B  on  Fig  28,  again  causes  a  drag  increase,  in  this  case  AC,.  =  0.029.  The  instantaneous  longitudinal 
deceleration  due  to  this  drag  increment  will  be  about  (0.029/1.47  g)  =  0.02  g  or  0.38  kt/s,  a  value 
which  would  be  perceptible  to  a  pilot  if  this  maximum  authority  deflection  were  to  remain  for  other  than 
a  very  few  seconds  (but  would  be  easily  corrected  by  an  autothrottle).  These  simple  calculations  suggest 
that  the  spoiler  configuration  considered  would  be  adequate  for  ILC  purposes.  Note  however  that  the 
approach  with  zero  spoiler  deflection  would  be  about  1.69  (at  a  =  2.9  )  a  significant  improvement  over 

the  value  of  1.47  available  at  6  =  15  • 


Considering  now  the  same  spoiler  used  as  a  roll  control  on  the  approach,  we  can  assume  that  its 
characteristics  are  sufficiently  linear  to  operate  from  zero  deflection  rather  than  about  a  datum  deflection 
displaced  from  zero  as  might  be  needed  for  a  spoiler  having  poor  characteristics.  Referring  to  Fig  12 
the  approach  condition  with  6=0  will  now  be  C,  «  1.69  at  t  -  2,9  •  Assuming,  for  example,  a  spoiler 
deflection  of  15°  on  the  starboard  wing,  the  lift  increment  at  this  incidence  for  a  singl e  spoiler  is 
0.157i  point  C  on  Fig  28,  giving  a  rolling  moment  coefficient  of  0.043  on  a  complete  aircraft.  (CP  spanwise 
position  is  taken  to  be  at  0 - 55%  semispan).  This  would  be  adequate,  for  instance,  to  balance  a  rolling 
moment  due  to  sideslip  associated  with  0  =  10  and  <v  =  -0.25.  The  associated  drag  change  at  constant 
incidence  is  about  AC^  *  -0.0055,  equivalent  to  a  yawing  moment  coefficient  of  -0.0015  in  the  adverse, 

"out  of  turn",  sense°(and  assuming  that  the  incremental  CP  position  in  yaw  is  the  same  as  that  in  roll). 

Note,  however,  that  the  ratio  of  yawing  to  rolling  moment  increment  is  only  0.035  so  that  the  effect  of 
this  adverse  yaw  can  be  expected  to  be  small. 

In  the  longer  term  the  incidence  would  be  increased  to  restore  the  lift  loss.  If  one  assumes  that 
the  pilot  flies  the  aeroplane  to  maintain  constant  speed  and  rate  of  descent,  ie  constant  lift,  throughout 
the  period  when  the  spoiler  is  deflected,  then  with  a  single  spoiler  deflected  15  the  aircraft  achieves 
Cl  =  1.69  at  about  a  *  5»1  •  At  that  condition  the  asymmetric  drag  due  to  the  spoiler  is  about  ACp  =  -0.0075, 
from  Fig  28,  point  D,  producing  an  adverse  yawing  moment  of  -0.0021.  The  spoiler  lift  and  roll  increments 
will  also  have  changed  slightly. 

The  above  discussion  involves  simplifications  in  that  the  effects  of  pitching  moments  due  to  the 
spoiler,  of  changes  in  downwash  at  the  tail  and  of  the  need  to  include  the  effect  on  trim  of  the  tailplane 
and  elevator  have  been  neglected.  Nevertheless,  it  is  worthwhile  to  point  out  the  possible  adverse  nature 
of  the  yawing  moments  due  to  spoilers  since  these  controls  are  often  thought  of  as  having  proverse  yaw 
characteristics^.  In  fact,  Fig  28  shows  that  the  yawing  moment  characteristics  will  be  adverse  over  most 
of  the  operating  range  of  the  spoiler  configuration  chosen,  assuming  that  the  spoiler  operates  from  a 
deflection  of  0°  as  a  roll  control.  However,  it  can  be  seen  that  if  it  formed  part  of  a  combined 
DLC/roll  control  system  operating  about  a  datum  deflection  of,  say,  15  with  only  one  spoiler  providing  roll 
control,  then  the  drag  increments  due  to  deflection  would  be  positive,  at  least  up  to  a  =  10  ,  and  favourable 
yawing  moments  would  result.  If  two  snoilers  are  used  differentially  to  provide  roll  control,  the  drag 
increments  tend  to  blance  and  yawing  moments  would  be  very  small. 


In  simple  terms,  the  reason  for  the  adverse  yaw  is  that  the  basic  lift,  with  high-lift  devices 
deflected,  is  high  and  hence  the  reduction  in  induced  drag  associated  with  a  given  spoiler  lift  decrement 
is  usually  numerically  greater  than  the  increase  in  profile  drag.  This  was  not  the  case  with  most  of  the 
earlier  published  spoiler  investigations  which  were  made  in  the  absence  of  sophisticated  high-lift  devices. 


*A  flight  experiment  at  RAE  with  DLC  on  a  BAC-111  aircraft  has  successfully  used  an  authority  of  0.15  g 
for  standard  1°  approaches;  on  that  aircraft  this  authority  was  attained  using  a  datum  spoiler  deflection 
of  15°. 


****&&&>  i  am  - 
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Although  only  one  spoiler  configuration  has  been  used  as  an  example  in  xms  section  it  is 
faiily  typical  and  the  equivalent  plot  to  Fig  28  for  a  movir  .  shroud  spoiler,  for  ins;ance,  is 
very  similar. 

Finally,  we  should  note  that  the  abo.i  simple  e lalysis  of  rolling  and  yawing  moments  has  been  done 
in  the  axis  system  associated  with  lift  and  drag  ie  in  aerodynamic  stability  axes  or  wind  axes  (as  is 
invariably  the  case  with  other  published  data).  An  aircraft  such  as  a  transport  aircraft,  with  a  roll/yaw 
inertia  ratio  not  much  less  than  unity,  tends  to  roll  about  the  longitudinal  wind  axis  and  this  axis  system 
is  therefore  found  from  dynamic  considerations  to  be  more  appropriate.  Had  the  analysis  been  done  in 
unrepresentative  axes  aligned  with  the  aircraft  body,  then  the  yawing  moments  would  in  fact  have  appeared 
to  be  rather  strongly  proverse. 

3  LIFT  AND  ROLL  CONTROLS  FOR  ADVANCED  COMBAT  AIRCRAFT 

3.1  Introduction 

On  several  existing  aeroplanes^’  ^  the  manoeuvrability  at  transonic  speeds  is  enhanced  by  the 
use  of  leading-  and  trailing-edge  flaps  to  match  the  chordwise  camber  of  the  wing  to  the  demanded  "g"  and 
Mach  number.  On  those  aeroplanes  the  flaps  used  are  aerodynamically  similar  to  simple  hinged  flaps,  having 
sharp  changes  of  curvature  around  the  hinge;  more  gentle  changes  in  curvature  can  be  achieved  by  devices 
such  as  RAEVAM1^  (Fig  29),  which  has  successfully  passed  a  series  of  operational  checks  under  simulated 
loadings1^  and  the  so-called  "VARICAM”  or  "contour"  flap1^  (Fig  30). 

The  important  feature  of  both  these  devices  is  the  flexible  skin  on  the  upper  surface,  the  profile 
of  which  is  controlled  by  a  number  of  pivoted  links.  RAEVAM  has  a  hinged  lower  surface  and  the  necessary 
increase  in  length  of  the  upper  surface  skin  as  the  device  deflects  comes  from  the  sliding  joint  at  "A" 

(Fig  29).  In  contrast,  on  the  contour  flap,  the  upper  skin  is  fixed  in  length  and  the  lower  surface 
shortens  by  means  of  a  "folding"  process  without  any  sliding  contact.  (Fig  30) 

If  the  manoeuvre  performance  demanded  from  a  fighter  is  such  that  it  can  be  achieved  only  by 
variable  camber,  then  whichever  of  the  above  types  of  manoeuvre  device  is  chosen,  there  are  important 
ramifications  on  the  low  speed  performance: 

a.  it  is  clearly  impossible  t  combine  the  now  familiar  slats  and  multi-slotted  flaps  with 

the  manoeuvre  devices,  hence  the  increase  in  maximum  lift  necessary  to  ensure  acceptable  take-off 
and  landing  speeds  has  to  come  from  deflecting  the  manoeuvre  devices  to  higher  angles.  Will  the 
C  then  be  adequate? 

Lmax 

b.  for  a  swing-wing  fighter,  differential  tail  gives  good  roll  control  when  the  aircraft  is 
in  the  high  sweep,  high  speed  configuration,  but  in  the  minimum  sweep,  low  speed  configuration, 
the  increases  in  roll  damping  and  inertia  demand  additional  roll  power  which  is  usually  obtained 
from  spoilers.  However,  it  may  be  difficult  to  combine  spoilers  with  a  trailing  edge  manoeuvre 
device  and  one  of  the  alternatives  we  wish  to  investigate  is  to  augment  the  roll  control  by 
operating  the  manoeuvre  devices  differentially  even  though  they  are  deflected  to  high  angles. 

We  can  clearly  expect  to  obtain  less  rolling  moment  ror  a  given  differential  deflection,  and 
more  adverse  yawing  moment,  than  from  conventional  ailerons.  Will  the  roll  control  be  acceptable? 

In  an  attempt  to  answer  these  questions  a  series  of  tests  were  undertaken  on  another  half  model, 
slightly  smaller  than  the  one  used  for  the  spoiler  tests,  fitted  with  a  RAEVAM  leading-edge  and  r 
selection  of  contour  and  hinged  trailing-edge  flaps.  A  slatted  leading-edge  and  a  single  slotted  flap 
were  also  available  from  previous  testing  and  were  incorporated  into  the  test  programme  to  provide  the 
important  comparisons  with  conventional  high  lift  devices. 


3.2  Experimental  Programme 

The  model,  shown  in  Fig  31,  could  be  tested  at  ■^-chord  sweeps  of  20°,  30°  and  45°  giving  the 
associated  values  of  Aspect  Ratio  and  streamwise  thiokness/chord  ratio  shown.  In  the  20  sweep  position 
the  wing  planform  parameters  are  very  close  to  those  of  a  typical  advanced  "swing-wing"  fighter  in  its 
minimum  sweep  configuration  and  hence  the  major  part  of  the  testing  was  done  with  the  wing  in  this  position. 
However,  in  the  interests  of  investigating  sweep  effects  on  maximum  lift  etc,  a  fairly  full  coverage  was 
also  obtained  at  the  other  sweep  angles.  The  results  at  these  other  sweeps  are  presented  in  this  paper 
but  are  not  analysed  in  any  detail. 

The  streamwise  section  of  the  wing  at  30°  sweep  was  derived  from  a  two-dimensional  aerofoil  by 
factoring  all  dimensions  normal  to  the  chord  line,  by  cos  ^0  .  Thus  the  streamwise  section  at  this  sweep 
is  identical  to  that  on  a  parallel  chord  wing,  yawed  to  30  ,  which  has  the  two-dimensional  aerofoil 
section  normal  to  its  leading-edge.  All  the  slat  and  flap  angles  quoted  refer  to  this  two-dimensional 
aerofoil  as  do  the  profiles  of  the  various  high  lift  devices  and  controls  shown  in  Figs  32  and  33.  The 

different  sweep  angles  were  obtained  by  yawing  the  wing  about  a  pivot  offset  spanwise  from  the  body  centre 

line  by  about  5$  semi  span. 

On  the  leading  edge  the  model  could  be  fitted  with: 

a.  an  undeflected  (or  plain)  leading-edge  LO  (Fig  32a); 

b.  a  12^$  chord  slat  (Li)  at  25°  deflection,  positioned  relative  to  the  wing  so  as  to  give  the 

highest  value  of  C  (Fig  32b); 

max 

c.  a  RAEVAM  leading-edge  (L2)  at  35°  deflection  (tTg  32c). 


mu  1  with  the  hollowing  full-span  controls  or  high-lift 


On  the  trailing  •  ige  1  e  i.  i  u>. 

devices : 


a.  a  simple  hinged  flap  f  .  ‘,’h  chord  (TO)  with  the  hinge  on  the  lower  surface.  This  flap 
would  be  set  at  angles  of  9°,  5  ,  10°,  I1}0,  20°,  J0°,  and  50°.  (Pig  ? 3  a  and  b); 

b.  two  simulated  contour  or  "VARICAM"  i  laps  ( T 1 )  designed  to  have  the  same  zero  lift  ang* 
in  potential  flow  as  the  hinged  flap  at  20  and  JO  deflection  (Fig  JJ  a  and  b); 


c.  g  single  slotted  flap  of  33$  chord  (T2)  with  the  shroud  trailing  edge  at  90$  chord,  set 
at  40  deflection  and  positioned  relative  to  the  wing  so  as  to  give  the  highest  C  (Fig  '3c). 

Lmax 


Transition  was  fixed: 


a.  on  the  body  about  2/j  of  the  nose  length  ahead  of  the  wing,  using  a  wire; 

b.  on  the  lower  surface  of  the  wing  at  43$  chord,  using  a  wire; 

c.  on  the  outer  25$  of, the  semispan  of  the  slat,  using  ballotini,  ir  der  to  prevent 

a  "thin  aerofoil"  stall10  on  the  slat. 


On  the  leading-edge  behind  the  slat,  the  plain  leading-edge  and  the  RAEVAM  leading-edge,  transition 
of  the  upper  surface  boundary  layer  was  allowed  to  occur  naturally;  at  all  lift  coefficients  of  interest 
this  occurred  through  a  short  laminar  separation  bubble'0. 

The  major  part  of  the  results  for  this  model  were  obtained  in  the  4  m  x  2.7  m  (ij  ft  x  9  ft) 
low  speed  tunnel  at  RAE  Bedford,  at  a  Mach  number  of  0.2,  using  the  same  balance  and  test  arrangement  as 
for  the  spoiler  tests.  Subsequently  a  few  runs  at  atmospheric  pressure  and  at  the  same  Mach  number  were 
made  in  the  new  5m  low  speed  tunnel  at  Farnborough  using  a  6-component  balance  so  that  the  yawing  moments 
due  to  aileron  could  be  measured,  rather  than  just  changes  in  axial  force. 

3.J  Presentation  and  Discussion  of  Results 

3.3.1  Results  with  Contour  Flaps 

Fig  34  shows  the  variation  of  chordwise  pressure  distribution  across  the  span  for  the  combination 
of  RAEVAM  (L2)  with  the  contour  flap  (Tl)  set  at  30°.  The  obvious  features  of  these  pressure  distributions 
are: 


a.  a  high  suction  peak  very  close  to  the  leading-edge; 

b.  behind  this  a  pressure  "plateau"  extending  to  about  20$  chord  -  the  point  where  the 

flexible  skin  of  the  RAEVAM  merges  into  the  basic  section  shape; 

c.  this  "plateau"  is  terminated  by  a  steep  pressure  rise  occupying  about  a  further  20$  chord; 

d.  the  pressure  coefficient  at  the  trailing-edge  is  approximately  -0.4  indicating  separated 

flow  over  the  trailing  edge. 

If,  instead  of  the  RAEVAM  and  the  contour  flap,  the  wing  had  been  fitted  with  hinged  flaps  at 
the  leading-  and  tr ailing-edges,  then  one  would  have  expected  to  see  secondary  suction  peaks  occurring 
over  the  "knuckles"  of  these  controls;  the  larger  radii  of  curvature  obtainable  from  the  use  of  flexible 
skins  has  enabled  these  to  be  eliminated. 

Despite  the  high  suction  peaks  near  the  leading  edge  there  would  be  no  advantage  in  increasing 
the  deflection  angle  of  the  RAEVAM  (at  least  at  this  Reynolds  number)  because  the  adverse  pressure 
gradient  aft  of  the  plateau  ((c)  above)  is  sufficient  to  cause  a  local  separation  of  the  turbulent 
boundary  layer  which  subsequently  re-attaches  about  20$  chord  further  downstream  (Fig  35). 

Fig  J6  compares  the  performance  of  the  two  contour  flaps  (Tl)  with  that  of  the  hinged  flap  (TO) 
when  set  at  the  corresponding  angles  of  20°  and  30°.  Clearly  the  differences  in  lift  and  pitching  moment 
behaviour  are  very  small,  but  the  contour  flaps  have  considerably  less  drag  than  the  hinged  flaps. 

Since  the  lifting  performance  of  the  two  types  of  flap  is  so  similar,  it  was  decided  to  concentrate 
the  investigation  on  the  more  easily  varied  hinged  flaps. 

3.3.2  Results  with  Hinged  Flaps 

The  basic  lift,  drag,  and  pitch  results  for  flap  angles  up  to  50°  with  (a)  the  RAEVAM  leading- 

edge  (L2),  and  (b)  the  slatted  leading-edge  (Li),  are  shown  in  Fig  37  for  20  sweep  and  Fig  38Qfor  JO 

sweep.  Fig  ■'>  shows  similar  results  for  the  plain  leading-edge  (LO)  with  flap  angles  up  to  10  at  sweeps 
of  20°,  30°  and  45° • 

Figs  37a  and  38a  both  show  that  the  stalling  angle  tends  to  decrease  as  the  flap  angle  increases. 
With  the  slat,  the  rate  of  decrease  increases  with  flap  angle,  but  for  RAEVAM  the  reverse  applies,  so 

that  the  stalling  angle  becomes  almost  constant  at  the  higher  flap  angles. 

This  behaviour  shows  up  very  clearly  in  Figs  40  (a)  and  (b)  where  the  maximum  lift  and  lift  at 
constant  incidence  are  summarised.  Fig  40a  shows  that  the  increase  of  rI„ax  with  flap  angle  is  much 
steeper  for  RAEVAM  than  for  the  slat  at  both  20°  and  30  of  sweep,  with  the  result  that  the  difference 
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between  them  decreases  quite  markedly  wi  ;h  Mici'ea-sirg  Hap  angle.  In  contract  F'j  g  40b  she vs  lab  t  be 
lift  increment  at  ccnttant  incicerce  due  to  deflecting  the  fl?p,  ir  almcst  ir dependent  of  the  leadirg- 
eige  dovi ce¬ 
lt  is  interesting  to  note  that,  with  the  sole  exception  of  the  50°  flap  at  20°  sweep,  there  ip  a 
linear  correlation  between  lift  and  pitching  moment  at  the  stall  for  all  flap  angles  at  each  combination 
of  leading-edge  and  sweep  (Fi^s  37c,  38c,  39c).  The  mild  nose-up  pitch  changes  well  below  maximum  lift 
shown  in  Fig  38c  at  low  flap  angles  are  probably  associated  with  the  local  separation  outboard  shown 
in  Fig  35- 


Since  the  wing  had  a  full  span  flap  it  is  effectively  untwisted  and  analytic  representation  of 
the  drag  polars  is  consequently  simpler  than  in  Section  2.  The  form 


C 


D 


k 


c2 

ttA 


is  found  to  fit  the  data  well  over  ti  ^  incidence  range  above  about  3°  up  to  approximately  <°  below  the  stall 
Below  the  lower  limit,  separations  occur  on  the  lower  surface  of  the  slat  and  the  RAEV AM, leading  to  an 
increase  in  profile  drag;  above  the  upper  limit,  increasingly  severe  viscous  eifects  also  produce  an 
increasing  profile  drag.  Fig  41a  shows  the  variation  of  the  drag  at  zero  lift,  ,  from  this  analysis. 

As  might  be  expected  Cj)^  rises  rapidl.  with  increasing  flap  angle  above  about  10°  of  flap,  and  at  50°  flap 
is  almost  five  times  its  value  at  zero  flap  angle.  The  values  for  the  contour  flaps  '.i--  <x :ic: c- r-:  •  .  ,.w 

those  for  the  hinged  flaps^  as  would  be  expected  from  the  results  already  shown  in  Fig  36.  Fig  41b  shows 
that  the  lift  dependent  drag  factor,  k,  decreases  slightly  as  flap  angle  increases,  thereby  offsetting  to 
some  extent  the  large  increases  in  Cj)  ^  shown  in  Fig  41a. 


3.3*3  Roll  Performance 


Roll  requirements  for  modern  aeroplanes  are  usually  specified  in  terms  of  the  time  taken  to  roll 
through  certain  angles  starting  from  zero  roll  rate.  Clearly  these  cannot  be  used  to  assess  the  adequacy 
of  rolling  moments  due  to  aileron  measured  on  a  wind  tunnel  model  without  making  assumptions  about  rolling 
inertias,  flying  speeds  etc.  However,  in  the  past,  the  non-dimensional  steady  (or  asymptotic)  roll  rate 
(pb/2V)  has  be-n  used  as  a  criterion  for  designing  roll  controls  -  Parkins  and  Hage  ”  suggest  a  minimum, 
acceptable  figure  of  0.09  for  fighter  aircraft,  and  Etkin1^  quotes  a  corresponding  value  of  0.07.  This 
criterion  is  particularly  suitable  for  the  assessment  being  attempted  here,  since  the  differential  flap  or 
’’aileron”  angle,  f,  ,  required  to  generate  this  rate  provides  an  easily  understandable  measure  of  the  roll 
control  and  can  be  easily  calculated  from  the  steady  state  roll  equation, 


where 

i 

b 

f, 

P 


rolling  moment  p  =  roll  rate  (rad/s) 

aileron  angle  (degrees)  =  J( starboard  flap  angle  -  port  flap  angle) 
wingspan  V  =  forward  velocity 

roll  damping  =  ( 9C^ ) /3 ((rb) /(2V)) 


For  the  analysis  presented  her^  the  value  of  Pb/2V  was  taken  to  be  0.09,  was  estimated  for 
each  flap  angle  from  ESDU  Data  Sheets1^,  and  the  values  of  rolling  moment  due  to  aileron  (3C^/H)  were 
obtained  by  differencing  the  wind  tunnel  results  (Fig  l),  the  result  being  corrected  for  half-mod-  1  effects 
by  the  method  of  Swanson  and  Toll  .  The  resulting  aileron  angles,  for  each  flap  angle  and  for  both  RAEVAM 
and  slatted  leading  edges,  are  plotted  in  Fig  42. 


This  figure  shows  that  the  required  aileron  angle  increases  progressively  with  flap  gngle ,  except 
that  the  progression  is  halted,  in  the  case  of  RAEVAM,  and  reduced  for  the  slat,  between  15  and  90  of  flap 
The  aileron  angle  also  tends  to  increase  with  C,,  but  below  the  approach  (which  is  defined  in  the 

next  section)  the  increase  is  fairly  small  and  the  roll  rate  can  be  obtained  with  less  than  16  of  aileron 
even  with  30°  of  flap.  Above  the  approgch  the  required  aileron  angle  continues  to  rise  and,  for  *0 

in  conjunction  with  the  slat,  almost  25  of  aileron  is  required  at  maximum  lift. 


It  is  useful  to  generalise  these  results  by  expressing  them  in  terms  of  the  aileron  angi-s?  required 
at  the  lowest  flap  angle.  At  the  approach  C^,  increasing  the  flap  angle  from  5  to  *0  necessitate?  an 
increase  in  aileron  angle  of  about  75$  to  generate  the  same  roll  rate.  At  maximum  lift  with  the  RAEVA” 
leading  edge  the  increase  is  about  the  same,  but  with  the  slatted  leading-edge  the  necessary  aileron  angle 
is  increased  by  over  100$. 


The  yawing  moment  due  to  aileron  is  plotted  in  Fig  43  as  a  ratio  with  the  corresponding  roll  mg 
moment.  The  yawing  moment  is  shown  to  be  consistently  adverse,  as  would  be  expected,  reaching  levels 
around  ten  times  that  found  for  the  spoiler  for  flap  angles  up  to  20  ,  and  25$  more  than  that  with  the 

flap  at  30  .  However,  most  of  this  adverse  yaw  1 r  lift  dependent  and  does  not  result  from  increasing  the 

flap  angle.  Working  along  the  approach  line,  it  will  be  se-  n  that  the  adverse  yaw  increases  by  only 

50$-35$  as  the  flap  angle  is  increased  from  5  to  20  ;  increasing  the  flap  angle  t.o  -0  increase?  t  he¬ 
ad  v- i  oe  yawing  moment  by  about  another  35$  t  giving  an  overall  increase  of  some  6 6$  over  the  situation  with. 

5  flap.  The  actual  yaw  ng  moment  corresponding  to  -  -0.25  is  approximately  0.01 5  which  could  im¬ 

balanced  by  a  ruddar  angle  of  about  15  assuming  a  reasonable  value  of  1C  /dr.  -0.000  '/d^gr^e.  On  this 
basis,  to  balance  the  maximum  adverse  yaw  shown  would  require  a  rudder  angle  of  9**°. 


In  general  terms,  it  would  apptjir  that,  although  adequate  roiling  moments  can  be  generated  by 
differential  movement  of  the  flaps'  ab**ut  a  :  asic  position  of  *0  deflection,  the  adverse  yawing  moments 
thus  generated  may  limit  the  practical  flap  ’tion  to  about  20  .  In  the  final  analysis,  of  course,  /i  _  |  3 

this  can  only  be  decided  m  the  context  of  a  particular  conf iguration.  * 


Comparison  With  Other  High  Lift  ovrte 


The  C;>_  values  attained  at  l<w  ere- 
HAEVAM  (L?)  irf  conjunction  with  th.  fin.*-  :  r 
on  most  modern  aircraft.  If  the  fi»*.  i  p  M 
unless  boundary  layer  control  o-  .  y  i,  • 
have  to  be  replaced  by  a  mor*  p^w-  rfu.  .  .  t  f 
in  each  case? 

Unfortunately,  simple  c:»-  pari, -f 
whi  h  arise  from  extensions  to  th»-  -  u-. 

maximum  incidence  of  the  aircraft  •  n  ts.e  rv 
reasonable  figure  to  represent  this  condi 
the  approach  which  was  us-1  :r:  th.*  j.r-v: 
devices  will  be  compared,  is  define:  as  th* 


1  w,U;  th*'  r:.ar:oeuvl*«-  devices  deflected  to  high  angles  ie  by 
s  (  S' ) ,  ar*  ,  as  might  be-  expected,  inferior  to  those  attained 
■i-ane**  d-trunablo  under  these  circumstances  is  inadequate  then, 
:  r ? . •  i  * f •  !  admg-*  or  trai  1  ing— edge  manoeuvre  device  would 

■  :  i  v.  •  .  What  it;; uvaser  in  performance  can  then  he  expected 

•  v-i.U'-s  .’a* ■  not  alwavs  useful  since  increases  in  Cr„. 

r  '  ir.ei  I'-r.oep  are,  in  general ,  not  usable  because  tfie 

,n :  i-  .  .  ■  i  t ♦- i  the  tail  striking  the  ground  -  a  *  i'j  lis  a 
Aft* a.  lowing  adequate  margins  for  manoeuvring  and  gusts, 
ion  and  on  which  various  combinations  of  high  lift 


i).  ~,y%  of  at  «  -  iu 

Fig  44  shows  Cj  ** ci  curves  for  nine  combinations  of  three  leading-  and  trai 1 ing-edge  configurations 
and  the  table  below  lists  the  values  of  th*-  approach  and  the  incidence  at  which  it  is  achieved.  The 
various  increments  are  extracted  and  presented  in  Tables  }  and  A, 

These  tables  show  that,  starting  from  the  conf igurat ion  consisting  entirely  of  manoeuvre  devices 
(L2/T0(50°))r  an  increment  in  approach  C.  of  0,2  (i2$)  can  be  obtained  by  replacing  HAEVAM  (L2)  by  the 
slat  (Li),  but  replacing  the  hinged  flapL(T0)  by  the  slotted  flap  (T2)  produces  an  increase  of  0. 79  (47$). 

To  a  large  extent  this  large  increment  derives  from  the  2 3$  increase  in  area  that  this  flap  provides, 
but  it  is  also  noticeable  in  Fig  44  that  an  increase  in  stalling  angle  is  obtained  over  the  configuration 
with  the  hinged  flap.  This  is  due  to  the  relatively  high  suction  at  the  shroud  trail in^-edge  (C  -  -k) 
which  is  produced  by  the  mutual  interference  of  the  flows  around  the  wing  and  the  flap1'.  ^ 

4  CONCLUSIONS 

4.1  Spoiler  Controls  on  Civil  Aircraft 

Mo  aerodynamic  reversal  of  control  •-  f IV ct i v^nestr  was  found  in  the  normal  operating  incidence  range, 
but  very  significant  non-linearity  of  oontro.  effectiveness  occurred  for  some  spoiler  configurations, 
particularly  the  plain  hinged-piat*  spoiler. 

Overall,  the  most  effective  type  of  spoiler  tested  was  the  moving  shroud  spoiler,  with  a  forward 
hinge,  formed  from  a  portion  of  the  trai ling-edge  of  the  flap  shroud. 

A  gap  beneath  the  leading-edge  of  a  spoiler  and  venting  tlirough  the  flap  shroud  both  improved 
the  linearity  of  spoiler  aerodynamic  characteristics. 

Although  spoilers  are  traditionally  thought  of  as  having  proverse  yaw  characteristics,  it  is  she.,.* 
that  this  is  not  necessarily  so,  particularly  if  the  control  is  operated  from  the  closed  condition  (as  for 

pure  roll  control)  rather  than  about  a  finite  datum  setting  (as  for  direct  lift  control). 

Although  the  post— stall  performance  of  spoilers  was  not  investigated  in  detail,  evidence  suggests 
that  the  spoilers  tested  would  riot  be  effective  under  post-stall  conditions. 

4.2  Lift  and  H<  11  Controls  for  Advanced  Combat  Aircraft 

The  lift  increments  from  contour  flaps  and  hinged  flaps  were  found  to  be  almost  identical,  provided 
that  both  had  the  same  srero  lift  angle  in  mviscid  flow  (although  this  may  not  oe  true  for  thinner  wings) 
but  the  contour  flap  has  considerably  less  d^ag. 

Full  span  hinged  flaps,  operated  differentially  about  mean  angles  of  up  to  X)°,  have  been  shown  to 
be  capable  of  generating  sufficient  rolling  moment  to  give  a  steady  roll  rate  of  pb/pv  =  O.Od*  As  the 
mean  flap  angle  is  increased  up  to  30  ,  the  differential  angle  between  them  (the  aileron  angle)  necessary  to 
produce  this  rate  of  roll,  approximately  doubles  at  a  typical  approach  C^. 

The  associated  yawing  moments  increase  by  about  ^ Of0  and  this  may  limit  the  practical  flap  angle  to 

20°  unless  the  rudder  is  powerful  or  a  degraded  roll  performance  can  be  tolerated  on  the  approach. 


The  increment  in  approach  obtained  by  replacing  a  hinged  flap  by  a  single  slotted  flap  has  been 
found  to  be  about  four  times  that  obtained  by  replacing  a  HAEVAM  leading-edge  b.v  a  slat* 
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TABLE  1  -  DETAILS  OP  SPOIL®  RESEARCH  MODEL 


Quarter-chord  sweep 
Leading-edge  sweep 
Semi-span 

Standard  mean  chord 
Mean  aerodynamic  chord 
Centre-line  chord 
Tip  chord 
Taper  ratio 
Aspect  ratio 
Wing  section 
Flap  configuration 
Flap  span  joints 
Flap  chord 
Tab  chord 
Tab  section 
Flap  position 
Aileron  chord 
Aileron  span 
Slat  chord 
Slat  span  joints 
Slat  section 
Slat  angle 
Slat  position 
Computing  reference  span 
"  "  chord 


semi -span 
standard 
mean  chord 
gross  area 


10 

12.6° 

2. 134  m 
0.610  m 
0.647  m 
0.871  m 
0.348  m 
0.40 
7.00 

NPL  "A"  10.5#  thick 

Tabbed,  Fowler  flap,  873 6  shroud  trailing  edge 
15,  40,  60,  80,  100$  semi-span 
40$  wing  chord  (including  tab) 

15$  wing  chord 

Plain  hinged  from  flap  section  (with  a  slot  when  angled  30°) 

Zero  lap  2$  gap 

30$  wing  chord 

80-95$  semi -span 

17$  wing  chord 

15i  32,  49,  66,  83  and  100$  semi-span 
Arbitrary  section 
28° 

2$  local  chord  forward  of  wing  leading-edge  (Fig  4) 

2.134  m 

0.61  m 


Spoiler  chord 
Spoiler  span 


1 . 30 1  m 

pitching  moment  axis  0.887  m  aft  of  wing  apex 
=  101.8$  of  root  chord 
=  46.9$  of  mean  aerodynamic  chord 
roll  or  root  bending  moment  axis  is  centre-line 
12$  wing  chord 
40  -  80$  semi-span 


Spoiler  angles,  plain  and  vented  shroud  2-g° ,  5 
Spoiler  angles,  moving  shroud  2°,  4° 


71  ° 
IS  , 


10  ,  20  ,  30  ,  40 


10 


12  ,  14 


20 


30  ,  40 
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TABLE  3  -  INCREMENTS  IN  C  DUE  TO  CHANGING 
Lapp 


Increment  in  C. 

Lapp 

Due  to  Replacing 

With 

LO 

With 

Li 

With 

L2 

T0(0°)  by  T0(50°) 

0.44 

0.49 

0.50 

T0(0°)  by  T2(40°) 

0.9  6 

1.37 

1.29 

TO (50°)  by  T2(40°) 

0-52 

0.88 

0.79 

TABLE  4  -  INCREMENTS  IN  C  DUE  TO  CHANGING 
Happ 


Increment  in  C, 

cipp 

Due  to  Replacing 

With 

T0(0°) 

With 

T0(50°) 

With 

T2(40°) 

LO  by  L2 

0.11 

0.17 

0.44 

LO  by  LI 

0.32 

0.37 

0.73 

L2  by  LI 

0.21 

0.20 

0.29 

k  _ _ 


T/E  DEVICES 

Hinged  Flap 

iyfc  Chord  Single- 
Slotted  Flap 

L/E  DEVICES 

Plain  Leading  Edge 
12^5  Chord  Slat 
RAEVaM  Leading  Edge 


ROLL  ING  MOMENT 
SUE  TO  W !NG  *■ 
(SI ly)  5°  FLAP 


STflKBOh  RSS 


rolling  moment 
our  to  wing  + 
(s«y;  is  °  flap 


"SQ  _  _  C(l  nr  f)  BASIC  FLAP 

•q  e  5°  ancle  of  io° 

THIS  REPRESENTS  A  ROLLINS  MOMENT  GENERATES 
ay  fl  SPANWISE  LOAO  DISTRIBUTION  AS  SPAWN  IN 
F)  FULL  LINE  &ELOW.  THE  TRUE  SPANWtSE  LOAD 
DISTRIBUTION  APPEARS  AS  A  DASHED  LINE. 


Fig  1  Suimary  of  derivation  of  rolling  and 
yawing  moments  due  to  aileron  from 
half  model  results 


Fig  2  The  spoiler  research  model  in  the 
4m  »  2.7m  tunnel  at  RAE  Bedford 


SPARS  USED  FOR 
PRACTICAL.  VENTING 


^  /PR 

7TZ^~-~rss. 


Full  VEntteo 
AREA 


Fig  3  Typical  geometry  of  the  spoiier 
research  model 


Fig  4  Dimensions  of  the  spoiler  resear'h  model 
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tangent/al  contact  of  slat 
DEFINES  zero  gap 


/flap  angle 


FlaP  /m 

hinge  ® 
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Slotted  AT  30*  TAB  ANGLE 


Fig  5  Definition  of  high-lift  geometry  on 
the  spoiler  research  model 
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Fig  10  Drag  polars  for  the  basic  wing 
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Fig  11  Pitching  moment  curves  for  the  basic  wing 
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Fig  12  lift  curves:  plain  spoiler.  It  gap, 
100X  vented  shroud,  flap  40° 
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Fig  13  Effect  of  Reynolds  number  on  total  lift: 
perforated  spoiler,  flap  40° 
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(b)  &CL  v  &  at  0C=  IO* 

Fig  18  Incremental  lift  due  to  moving  shroud 
spoilers:  flap  40° 


(b)  EFFECT  of  SPOILER  deflection  aj-  «.«' 

Fig  19  Definition  of  spoiler  lift  derivatives 
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Fig  20  Effect  of  spoiler  configuration  on 
spoiler  lift  derivatives 
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PARAMETER 


GROSS  VALUES 

wins  AREA  (.m2 ) 

HALF  SPAN  Cm  ) 

TAPER  RATIO 
ASPECT  RATIO 
Root  chord  (m  ) 

THickness/chord  ratio  (  stra  amwiae) 

Pitching  moment  >atum  (m) 

(aft  of  c.i«an  eeig«  projected  to 

model  copbv-liA*) 

GROSS  AERODYNAMIC  MEAN  CHORD  (m) 
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Fig  31  Geometric  details  of  model  used  for 

research  on  swing-wing  combat  aircraft 
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Fig  32  The  leading  edge  devices 
(two-dimensional  sections) 
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Fig  33  The  trailing  edge  devices 
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Fig  39c  Basic  data  for  plain  leading  edge  (LO) 
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H9  41b  Summary  of  lift  dependent 
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SUMMARY 

Advanced  supersonic  cruise  tactical  aircraft  designs  are  trending  towards  high 
wing  loading  and  high  wing  sweep  combined  with  wing  variable  geometry  to  achieve 
design  goals  for  efficient  supersonic  cruise  and  qood  maneuverability.  Active  control 
systems  replace  inherent  aerodynamic  stability  to  provide  substantial  weight  and  lift/ 
drag  (L/D)  improvements  and  to  achieve  advanced  mission  performance  capabilities. 
Working  within  winci  geometry  and  other  design  constraints,  the  controllable  limits  of 
instability  and  the  maneuver  capabilities  of  various  design  approaches  are  investi¬ 
gated.  Preliminary  studies  conducted  to  evaluate  competitive  configuration  arrange¬ 
ments  indicate  that  an  aft-tail  controller  concept  will  be  superior  to  canard  and 
tailless  delta  configurations.  The  latter  configurations  suffer  controllability 
limitations  that  compromise  the  ability  to  achieve  design  goals  for  maneuverability 
and  efficient  supersonic  cruise.  Thrust  vectoring  is  explored  as  a  means  or  improv¬ 
ing  maneuver  load  factor  capability. 

An  additional  fundamental  design  requirement  for  future  tactical  aircraft  is  the 
provision  of  good  roll  control  for  high-ancle-of-attack  maneuvering.  The  ability  to 
achieve  and  sustain  high  maneuver  load  factor  must  be  complemented  bv  the  ability  to 
reverse  heading  ouicklv  while  at  hiqh  load  factor  through  rapid  bank-to-oot osite- 
bank  maneuvers.  Effective  controls  must  be  developed  to  achieve  this  roll  control 
capabi 1 i tv. 

INTRODUCTION 

Development  of  advanced  tactical  aircraft  capable  of  superior  mission  effective¬ 
ness  and  survivability  poses  formidable  design  challenges  in  all  areas  of  technology. 
Sophisticated  defensive  systems  operating  in  the  1980/1990  threat  environment  will  be 
extremely  difficult  to  penetrate  without  substantial  advances  in  current  aircraft 
technology.  Studies  indicate  that  future  tactical  strike  aircraft  will  require 
supersonic  cruise  capability  complemented  by  good  maneuverability  to  ensure  pene¬ 
tration  and  survival  of  defensive  air  and  ground  systems.  Active  control  technology 
(ACT)  can  make  major  contributions  to  the  achievement  of  tactical  aircraft  performance 
goals.  Highly  reliable  digital  fly-by-wire  control  systems  will  permit  relaxed  static 
stability  (RSS)  and  the  incorporation  of  advanced  control  modes.  RSS  can  allow  sub¬ 
stantial  reductions  in  weight  and  drag  and  improvements  in  maneuver  capability. 

Special  control  modes,  such  as  six-degree-of-freedom  control  and  variable-wing-camber 
control  will  improve  mission  performance  and  survivability.  Applying  ACT  to  advanced 
aiccra.ft  designs  involves  some  special  aerodynamic  control  and  aircraft  stabilization 
considerations.  This  paper  attempts  to  identify  some  of  the  fundamental  stability  and 
control  factors  associated  with  design  goals  that  include  supersonic  cruise  capability 
and  good  maneuverability. 

It  is  unfortunate  that  some  key  design  requirements  associated  with  achieving 
efficient  supersonic  cruise  capability  tend  to  be  incompatible  with  qood  maneuver 
capability.  Supersonic-cruise  designs  trend  toward  hiqh  wing  sweep  and  high  wing 
loading  in  an  all-out  effort  to  develop  maximum  aerodynamic  efficiency  for  supersonic 
cruise.  Without  dramatic  maneuverability  improvements,  configurations  of  this  type 
cannot  be  expected  to  maneuver  competitively  with  current  supersonic-dash  designs, 
which  provide  impressive  maneuverability  through  low  wing  sweep,  low  wino  loading,  and 
some  degree  of  wing  variable  geometry.  Potential  developments  currently  being  studied 
to  improve  the  maneuverability  of  supersonic-cruise  configurations  include  winq 
variable  geometrv»  thrust  vectoring,  lifting  canard  controllers,  six-deqree-of- freedom 
controls,  and  RSS. 

Discussions  presented  here  compare  various  design  approaches  for  tactical  super- 
sonic-cruise  aircraft  with  regard  to  controllability  and  stability.  The  generalized 
aircraft  model  assumed  in  these  analyses  is  a  high-thrust-loadinq ,  twin-engine  config¬ 
uration  incorporating  hiqh  wing  sweep,  hiqh  wing  loading,  wing  variable  camber  and 
twist,  and  active  controls.  Various  configurations  of  the  generalized  model  are  com¬ 
pared  and  discussed  with  regard  to  control  capabilities  and  design  limitations. 


CONTROLLABILITY  IMPLICATIONS  OF  RELAXED  STATIC  LONGITUDINAL  STABILITY 
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Substantial  gains  in  aircraft  performance  are  obtainable  by  relaxing  requirements 
for  inherent  aerodynamic  stability  to  effect  substantial  weight  savings  and  drag  re¬ 
ductions.  Fly-by-wire  active  control  systems  are  then  employed  to  stabilize  the  air¬ 
plane.  The  degree  to  which  longitudinal  stability  can  be  relaxed  together  with  avail¬ 
able  longitudinal  control  power  establish  the  required  longitudinal  balance  of  the 
airplane.  The  longitudinal  balance,  which  describes  the  operational  center-of-gravity 
(eg)  range,  strongly  influences  the  configuration  with  regard  to  such  key  parameters  a 
wing  geometry  and  placement,  empennage  size,  engine  nacelle  placement,  landing  gear 
location,  and  stores  loading.  The  optimum  lonqitudinal  balance  for  maximizing  trimmed 
L/D  and  maneuverability  for  supersonic  cruise  aircraft  is  configuration  dependent  to 
some  degree,  but  tends  to  provide  nearly  neutral  longitudinal  stability  for  supersonic 
operation.  This,  however,  requires  a  very  unstable  aircraft  in  subsonic  regions, 
because  of  inherent  effects  of  mach  number  on  the  aerodynamic  center.  Tl.e  task  of  the 
stability  and  control  aerodynamicist  is  to  establish  how  much  longitudinal  instability 
is  acceptable,  in  order  to  achieve  maximum  performance  gains  inherent  in  RSS. 


The  longitudinal  instability  limit  establishes  the  furthest  aft  eg  permissible. 

It  is  determined  by  examining  the  longitudinal  control  available  to  pitch  the  airplane 
nose  down  at  high  angles  of  attack.  This  critical  control  capabilitv  is  mandatory  to 
prevent  the  airplane  from  attaining  a  high-attitude,  deep-stall  condition  from  which 
it  is  not  recoverable. 


Fighter  aircraft  are  frequently  subjected  to  violent  maneuverinq  that  can  lead 
to  high-angle-of-attack  (alpha)  divergencies  about  all  axes.  Typical  maneuvers  are: 
rapid  pullups  or  steeply  banked,  high-load- factor ,  windup  turns;  high  roll  rates 
inducinq  inertial  coupling  with  alpha  and  sideslip  divergence;  and  steep  climbs  pro¬ 
ducing  rapid  airspeed  loss.  Alpha  limiting  incorporated  in  an  active  control  system 
can  ensure  that  the  aircraft  does  not  exceed  its  control  limits  provided  that  the 
alpha-limiting  system  is  supplied  with  adeauate  pitch  control  power  to  arrest  alpha 
divergencies.  The  design  of  the  aircraft  and  its  flight  control  system  must  consider 
pertinent  stability  and  control  factors  and  must  provide  recovery  from  the  dynamic 
alpha  overshoot  for  all  types  of  maneuverinq. 


Figures  1  and  2  illustrate  high-angle-of-attack  longitudinal  control  and  stabil¬ 
ity  considerations  that  establish  the  maximum  acceptable  level  of  instability. 

Figure  1  shows  Ditching  moment  characteristics  of  a  configuration  that  has  been  bal¬ 
anced  with  excessive  instability.  This  configuration  is  characterized  by  pitchup  and 
limited  control  power.  The  aft  eg  limit  produces  a  negative  static  margin  of  91  mean 
aerodynamic  chord  (MAC);  and  full  nose-down  control  is  not  capable  of  preventing  uncon 
trolled  angle-of-attack  departures  above  an  alpha  of  about  20  deg.  Rebalancing  the 
aircraft  to  a  41  MAC  instability  limit,  figure  2  provides  the  margin  of  nose-down 
control  necessary  for  the  alpha  limitinq  system  to  prevent  high  alpha  divergencies. 

The  amount  of  control  required  for  the  alpha  limiting  system  is  determined  through 
rigorous  dynamic  analysis  of  rapid  alpha  buildups.  A  value  of  nose-down  pitching 
moment  is  selected  that  provides  responsive  pitch  acceleration,  ",  considering  and 
including  adverse  data  uncertainties. 
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Figure  1.  Excessive  Instability 


Figure  2.  Controllable  Instability 
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CONFIGURATION  IMPACT  ON  DEGREE  OF  RSS  REQUIRED  AND  ACHIEVABLE 


Central  considerations  in  determining  the  instability  limit  involve  the  character¬ 
istic  shape  of  the  winq-body  pitchinq  moment  curve  '  cm  versus  i,  and  the  degree  of 
nose-down  pitch  control  that  can  be  generated.  Wing  planforms  with  highly  swept  lead¬ 
ing  and  trailing  edges  produce  strong  pitchup  at  high  angles  of  attack.  The  pitchup 
becomes  more  severe  with  increasing  wing  aspect  ratio.  Thus  configurations  with 
highly  swept  wings  cannot  be  balanced  to  be  as  unstable  as  those  with  wings  of  more 
moderate  sweep.  Configurations  with  long,  liftinq  forebodies,  or  with  wing  strakes 
or  double  delta  planforms  are  much  less  tolerant  of  neqative  static  margins.  The 
designer  must  carefully  trade  all  of  these  factors  to  optimize  his  configuration. 


Some  generalization  can  be  made  about  instability  tolerance  as  a  function  of  the 
pitch  control  system  involved.  Aft-tail  configurations  tend  to  permit  large  neqative 
static  margins  if  the  tail  is  located  relatively  low  and  is  capable  of  rapid  position¬ 
ing  through  a  large  deflection  range.  Canard  configurations  are  limited  in  negative 
-  .  - - - - - ^ - 1 - | - mmM * 


static  margin  only  to  the  extent  that  the  wing-body  aerodynamic  center  typically  must 
be  located  behind  the  aft  eg  limit,  and  the  canard  must  be  capable  of  extremely  large  C, 
leading-edge-down  deflections  to  unload  itself  at  high  alphas.  The  tailless  conligur- 
ation,  which  must  rely  on  wing  elevon  deflections  alone  for  pitch  control,  is  in¬ 
tolerant  of  negative  stability  and  typically  must  be  balanced  no  less  than  neutrally 
stable  for  subsonic  operation. 

The  following  discussions  compare  aft-tail  configurations  with  canard  and  tail¬ 
less  concepts  with  regard  to  RSS  requirements,  maneuver  capabilities,  and  special  con¬ 
trol  problems.  The  baseline  supersonic-cruise  fighter  configuration  is  a  simple  slab- 
surface,  aft-tail  concept  designed  for  minimum  tail  size  and  loads  and  balanced  to 
ensure  lifting  tail  loads  throughout  the  flight  envelope.  An  identical  configuration, 
employing  a  canard  instead  of  an  aft-tail,  is  then  evaluated.  The  canard  size  (exposed 
surface  area)  is  the  same  as  the  baseline  aft  tail  to  provide  a  one-to-one  comparison. 
Finally,  a  tailless  concept  is  evaluated  aqainst  aft-tail  and  canard  configurations. 

AFT-TAIL  RSS  CONFIGURATION 

Aft-tail  aircraft,  convent ional Iv  designed  to  provide  positive  subsonic  longi¬ 
tudinal  stability  margins,  will  normally  trim  and  control  the  airplane  with  down-tail 
loads  during  supersonic  operation  within  the  eg  range  dictated  by  subsonic  stability 
considerations.  The  down-tail  loads  will,  of  course,  penalize  supersonic  trimmed  L/D. 

This  problem  can  be  alleviated  to  a  limited  degree  by  desiqninq  some  positive  into 

wing  and  body  characteristics.  However,  it  is  difficult  to  achieve  without  drag°penal- 
ties  positive  values  of  sufficient  magnitude  to  permit  trimming  with  zero  or  posi¬ 

tive  tail  loads  for  other  than  lq  level  flight  operation.  Center-of-gravity  adjustment 
through  fuel  transfer  can  be  employed  for  some  designs  to  accommodate  the  aft  aero¬ 
dynamic  center  shift  that  occurs  when  going  from  subsonic  to  supersonic  flight. 

However,  this  option  is  not  open  to  designers  of  tactical  aircraft  that  must  traverse 
the  transonic  region  rapidly  in  both  maneuvering  and  one  g  flight.  The  RSS  design 
approach,  if  fully  exploited,  will  eliminate  the  problem  of  down  tail  loads  superson¬ 
ically,  ensuring  up  tail  loads  for  trim  and  maneuver  control  at  all  mach  numbers  and 
loading  conditions.  Such  an  RSS  configuration  is  described  in  figure  3,  which  depicts 
balance  and  stability  characteristics  estimated  for  an  aft-tail  fighter  configuration 
evolved  from  design  goals  combining  efficient  supersonic  cruise  and  superior  maneuver¬ 
ability.  This  particular  configuration  has  a  low-aspect- ratio,  highly  swept,  clipped- 
tip  delta  wing  and  a  low  slab  tail  (no  elevator)  that  is  approximately  15%  of  the  wing 
area.  The  wing-bodv  shape  produces  substantial  pitchup  at  wing-stall  angles  of  attack, 
alpha  between  15  to  20  deg.  Tail  input  to  stability  is  strong,  however,  and  becomes 
dramatically  stronger  at  very  high  angles  of  attack.  The  most  critical  nose-down  con¬ 
trol  requirement  exists  in  the  pitchup  region,  near  alpha  18  deg.  The  instability 
limit  for  this  configuration  is  selected  at  a  negative  static  margin  of  13%  MAC.  This 
is  the  furthest  aft  eg  at  which  full  tail  deflection  leading  edge  up  (25  deg  6jg )  will 
still  provide  safe  nose-down  control.  For  this  analysis  the -i'Cmavailable  was  selected 
to  provide  a  nose-down  pitch  acceleration,  0,  of  -5  degree  per  second2,  including 
adverse  data  uncertainties.  If  the  airplane  is  balanced  to  this  degree  of  subsonic 
instability,  it  will  be  stable  at  all  supersonic  conditions  and  will  trim  with  up  tail 
loads  (lifting)  over  the  entire  eg  r-nge  at  all  mach  numbers.  Moreover,  its  maneuver 
load  factor  capability  will  in  no  way  be  limited  by  pitch  control  power. 

A  major  contributing  factor  to  the  large  negative  static  margin  possible  for  this 
configuration  is  the  ability  of  the  tail  to  continue  to  produce  large  normal  force  with 
increasing  angle  of  attack.  This  is  typical  for  low-aspect-ratio  tails  when  they  are 
positioned  (low)  such  that  they  are  not  forced  to  operate  in  the  poor  environment  of 
wing-body  wake  at  hiah  alphas.  Figure  4  shows  the  tail  normal  force  (C^)  measured  for 
this  configuration  developing  steadily  increasing  formal  force  up  to  ' s  approaching 
1.8  at  aircraft  alpha  of  70  deg.  It  is  possible  that  this  configuration  could  support 
a  larger  negative  static  margin  than  the  selected  -13%  MAC,  because  the  tail  is 
less  than  maximum  at  the  maximum  tail  deflection  in  the  critical  alpha  range.  Greater 
tail  deflection  should  produce  some  additional  nose-down  moment.  However,  the  se¬ 
lected  tail  deflection  range  of  J25  deg  (50  deg  total)  approaches  actuation  design 
limits  for  a  control  surface.  This  deflection  range  accommodates  the  limiting  control 
requirements  at  fore  and  aft  eg  limits,  and  with  the  selected  eg  range  the  tail  load¬ 
ing  appears  near  optimum  for  minimum  drag  over  most  of  the  flight  envelope. 


Figure  3.  Aft -  Tail  Instability  Limit  and  Longitudinal  Balance 


Figure  4.  Horizontal  Tail  Normal  Force 


CANARD  RSS  CONFIGURATION 


Preliminary  design  studies  often  identify  canard  configurations  as  optimum  for 
j  -id  supersonic  cruise  strike- fighters .  The  canard  provides  the  attractive  feature  of 

always  trimming  and  controlling  the  aircraft  with  uploads  that  contribute  to  total  air¬ 
craft  lift.  However,  this  feature  is  commonly  overemphasized  in  that  much  canard  lift 
is  usually  negated  by  unfavorable  interference  with  the  wing  throughout  the  useful 
alpha  range  of  the  aircraft.  That  is,  the  canard  downwash  on  the  wing  unloads  the 
wing,  and  total  aircraft  lift  is  only  slightly  affected  by  addition  of  the  canard. 

The  SAAB  AJ-37  Viggen  is  an  excellent  example  of  the  successful  application  of  a 
canard  trimmer  to  improve  the  overall  performance  of  an  elevon-control  fighter  design. 
The  Viggen  uses  a  close-coupled,  highly  swept  canard  located  above  the  wing  plane  so 
as  to  develop  favorable  interaction  between  canard  and  wing  vortex  systems  at  very 
hiqh  angles  of  attack.  The  canard  was  incorporated  into  the  Viggen  design  to  increase 
the  trimmed  lift  capability  of  the  airplane  sufficiently  to  permit  short  field  opera¬ 
tion.  The  lifting  canard  is  effective  primarily  in  generating  nose-up  pitching  moment, 
permitting  down-trimming  wing  elevon  controls  to  increase  wing  lift.  Compared  with  a 
conventional  delta-wing  design  without  canard,  the  Viggen  is  able  to  generate  approxi¬ 
mately  70s  greater  trimmed  in  the  landing  configuration.  The  Viggen  canard  is  not 
employed  as  the  primary  pitch  control.  Elevons  constitute  the  i  itch  controller,  and 
the  flapped  canard  surface  is  used  as  a  trimming  device  througnout  the  flight  envelope 
to  optimize  trimmed  L/D  and  maneuver  capability. 

The  North  American  B-70  incorporated  a  canard  trim  surface  similar  to  the  Viggen 
application.  The  B-70  derived  increased  trimmed  lift  for  low-speed  operation  through 
canard-produced  nose-up  pitch  that  permitted  down-tr imming  elevon  controls.  The  B-70 
also  used  the  canard  to  optimize  trimmed  L./D  in  supersonic  operation. 

It  should  be  noted  that  the  canard  configurations  evaluated  in  this  paper  are 
canard-control  concepts  as  opposed  to  canard-trim  designs  that  employ  wing  elevons  for 
primary  pitch  control,  as  characterized  by  Viqgen  and  B-70  designs.  In  this  analysis, 
the  canard  is  evaluated  as  the  aircraft's  sole  source  of  pitch  control.  Wing  trailing- 
edge  (and  leading-edge)  surfaces  are  reserved  for  wing  variable-camber  functions,  and 
tnus  elevon  controls  are  not  available  to  assist  the  canard. 


The  longitudinal  instability  limit  for  the  canard-controlled  aircraft  must  typi¬ 
cally  be  established  by  selecting  the  aft  eg  limit  so  that  the  wing-body  configuration 
(canard  off)  is  sufficiently  stable  to  ensure  nose-down  pitching  moments  in  the  most 
critical  angle-o f-attack  reqions  (stall  and  deep  stall).  Stall  recovery  control  can 
then  be  effected  by  deflectinq  the  canard  leadinq  edge  down  sufficiently  to  unload 
it,  thus  cancelling  its  nose-up  pitching  moment  contribution.  The  degree  of  aircraft 
longitudinal  instability  permissible  is  determined  through  design  iteration  involving 
determination  of  wing-body  pitching  moment  characteristics  and  selection  of  required 
canard  size  and  deflection  ranqe.  Practical  limitations  on  canard  deflection  range 
become  a  key  factor  in  this  desiqn  iteration.  Very  large  leading-edge-down  deflec¬ 
tions  needed  for  stall  recovery  toqether  with  leadinq-edge-up  deflections  for  such 
maneuvers  as  takeoff  rotation  can  result  in  excessive  deflection  requirements. 

Figure  5  illustrates  longitudinal  balance  and  control  iteration  for  a  typical 
canard-controlled  supersonic  fighter.  For  competitive  evaluation,  this  aircraft  em¬ 
ploys  the  same  wing  planform  as  the  aft-tail  configuration  previously  discussed;  the 
canard  exposed  area  is  the  same  as  for  the  aft  tail,  15'i  of  the  wing  area;  and  the 
canard  is  a  simple  slab  surface  without  flaps.  The  canard  is  located  high  on  the  fore- 
bodv  to  avoid  producing  flow  distortions  at  the  nacelle  inlets  and  to  reduce  unfavor¬ 
able  interference  with  the  wing  lift.  The  winq-body  pitchup  characteristics  at 
subsonic  conditions,  toqether  with  limitations  on  maximum  obtainable  canard  deflection, 
dictated  selection  of  an  aft  eg  limit  9°s  forward  of  the  canard-off  aerodynamic  center 
(ac).  This  balance  provided  sufficient  pitch-down  moment  to  prevent  deep  stall  through 
an  alpha  limiting  svstem.  Prevention  of  stall  pitchup  departure  in  this  case  results 
from  unloading  the  canard  by  rotating  it  40  den  leading-edge  down.  This  control  action 
develops  sufficient  negative  canard  CN  to  reorient  the  canard  resultant  load  vector  to 
cancel  the  nose-up  pitching  moment  produced  by  the  canard.  This  reverts  the  pitch 
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Figure  5.  Canard  /mobility  Limit  and  Longitudinal  Balanca 


balance  to  the  nose-down  pitching  moment  required  for  stall  recovery.  The  large  de¬ 
flection  is  made  necessarv  bv  the  large  effective  anqle  of  attack  of  the  canard  re-  , 
suiting  from  aircraft  alpha  combined  with  the  winq-body  upwash  field.  For  example, 
at  an  aircraft  alpha  of  jQ  deq,  the  effective  canard  alpha  at  zero  deflection  is 
approximately  39  deq  for  the  configuration  shown  In  f  inure  r> . 

The  subsonic  static  stability  marqin  for  Lins  configuration  is  approximately 
-11  MAC.  This  is  the  maximum  instability  possible  while  still  retaining  stall  re¬ 
covery  capability.  It  results  simply  from  the  required  9.  static  marqin  for  the 
canard-off  configuration  coupled  with  the  20  forward  ac  shift  produced  by  the  canard. 
Fiqure  a  summarizes  the  balance  and  the  mach  number  relationships  between  the  selected 
aft  eq  limit  and  the  aerodynamic  centers,  canard  off  and  canard  on. 

Comparison  of  fiqure  j  with  the  fiqure  j  balance  picture  for  the  aft  tail  air¬ 
craft  shows  that  the  canard  is  an  extremelv  powerful  destabil iz inq  device.  Ip.  this 
comparison,  the  canard  at  the  sane  exposed  area  ns  the  tail  is  approximately  four 
tines  as  powerful  as  the  tail  in  shift-inn  the  aerodynamic  center.  This  is  because 
the  canard  operates  in  the  upwash  flow  field  of  the  winn-bodv,  bat  the  tail  operates 
in  a  flow  field  comprising  stronn  winq  downwash  and  suppressed  dvnumic  pressure. 

Further  examination  of  fiuure  5  shows  that  even  though  this  con! iouration  is  balanced 
to  the  maximum  acceptable  level  of  subsonic  instability,  the  v inn-body  ac  is  still 
far  aft  of  the  center  of  qravitv,  result inn  in  the  requirement  for  larqe  canard  up¬ 
loads  to  trim  and  maneuver,  particularly  at  supersonic  speeds.  For  example,  a  cal¬ 
culation  for  1.2  mach  at  40,000  ft  shows  that  the  canard  '-'lmax  <  !  •“  base..*  >:i  exposed 
area)  is  reached  in  trimminq  the  airolane  at  a  load  factor  of  4 . la  at  the  forward  c« 
limit.  This  limited  maneuver  capability  could  be  improved  by  increasing  canard  size 
or  by  improving  canard  lictinq  capability  with  devices  like  variable  camber.  Develop¬ 
ing  positive  winq-body  CMo  would  also  seem  to  ease  the  supersonic  maneuver  problem, 
except  that  tC,M0  would  aqqravate  the  subsonic  pitchup  control  problem  and  would  re¬ 
quire  increased  static  marqin.  A  preferable  alternative  would  be  to  improve  the  longi¬ 
tudinal  balance  to  reduce  canard  loads  required  to  trim.  This  would  moan  shifting 
the  cq  ranqe  further  aft  by  ievisinq  some  means  of  improving  the  winq-body  stability. 

As  previously  discussed,  the  subsonic  static  marqin  for  this  configuration  was  estab¬ 
lished  at  -11.  MAC- -  the  instability  limit  as  determined  by  stall  departure  criteria. 

The  effect  of  reduced  subsonic  static  margin  (if  attainable)  on  supers  >mc  maneuver 
capability  is  shown  in  fiqure  6.  For  the  example  shown  at.  1.2  mach  at  40,000  ft,  it 
would  be  necessary  to  shift  the  cq  range  further  aft  about  8  MAC  to  achieve  full 
maneuver  capability  of  the  winq.  This  substantial  rebalance  could  only  be  achieved 
by  developing  major  improvements  in  subsonic  stability  characteristics.  The  required 
improvements  could  be  accomplished  by  modifying  the  wing  planform  or  bv  developing 
devices  to  reduce  winq-body  pitchup. 

In  addition  to  the  maneuver  problem,  there  is  further  incentive  to  improve  air¬ 
olane  balance  to  reduce  canard  trim  loads.  This  is  shown  in  the  fiqure  7  comparison 
of  canard  and  aft  tail  conf iqurations  with  respect  to  control  surface  loads  required 
to  trim  the  airplane  in  maneuvering  Flight.  Figure  7  compares  the  maximum  canard  and 
aft  tail  surface  loads  to  trim  the  maneuvering  airplane  at  1.2  mach  at  40,000  ft. 

Canard  loads  are  greatest  when  trimminq  to  the  forward  cq  limit;  the  aft-tail  loads 
are  greatest  when  trimminq  to  the  aft  eg  limit  (figs.  3  and  5).  In  both  cases  the 
control  su-face  loads  arc*  positive  (lifting).  The  canard  must  develop  over  four 
times  the  load  that  the  tail  must  d<  ,elop  to  trim  to  a  given  load  factor.  This  com¬ 
parison  is  typical  of  all  supersonic  operation.  An  evaluation  at  subsonic  conditions 
shows  comparable  trim  moment  roouiroments  for  selected  canard  anu  aft-tail  balances, 
however,  the  canard  load  to  trim  is  still  somewhat  larger  than  for  the  tail  because 
1  m;  canard  moment  arm  <  tc>  eg)  is  substantially  less  than  the  tail  moment  arm. 


The  previous  discussion  of  canard  maneuver  control  limitations  and  loading  prob- 
m.-ns  is  simplified  in  that  it  did  not  consider  effects  of  winq  variable  camber  for 
maneuver ing  flight.  The  negative  pitchinq  moment  normally  associated  with  cambering 
the  winq  to  improve  maneuver  capabilities  will,  require  further  increases  in  canard 
Loads  to  trim  the  aircraft.  The  converse  of  this  is  true  for  the  aft-tail  arrange¬ 
ment;  because  the  wing-body  ac  is  forward  of  the  eg,  wing-camber  negative  will 

reduce  the  required  tail  uploads  to  trim.  Thus  inclusion  of  the  winq  variable  camber 
effects  is  expected  to  further  magnify  differences  between  canard  and  aft-tail  ma¬ 
neuver  load  requirements. 


MANEUVE  R LOAD 
FACTOR  (g) 


SUBSONIC  STATIC  MARGIN  IRE RCENTI 


CONTROL  SURFACE 
LOAD  II  000  Ibl 


MACH  I  2 
40  000  11 


Figure  6.  Effect  of  L  ongitudinal  Balance  on  Su/iersonic 

Maneuver  Capability  for  Canard  Control  Aircraft 


Figure  7.  Control  Surface  Load  Required  to  Maneuver 


Large  control  surface  loads  are  a  critical  concern  for  the  designer.  Loads  for 
the  canard,  such  as  shown  in  figure  7,  pose  substantial  structural  weight  penalties 
and  serious  design  problems  in  the  surface  mounting  and  actuation  system.  To  develop 
viable  canard-control led  aircraft,  the  designer  must  develop  solutions  to  these  prob¬ 
lems  . 


Canard  control  limitations  are  further  evident  in  the  Cm  versus  alpha  data  for 
the  low-speed  regime  shown  in  figure  5.  Examination  of  the  canard  nose-up  (  +  ,'.CM) 
control  inputs  for  leading-edge-up  canard  deflections  of  10  and  15  deg  and  for  the 
canard  at  10  deg  with  an  added  geared  flap  assumed  at  20  deg  down  shows  pronounced 
control  limitations  in  the  nose-up  direction.  These  limitations  result  from  canard 
stall  problems  induced  bv  canard  deflection,  angle  of  attack,  and  body  upwash;  and 
aggravated  by  the  canard  unporting  from  the  body  when  deflected.  Analysis  shows  that 
the  selected  canard  size  is  not  adequate  for  takeoff  rotation.  To  avoid  incorporating 
wing  elevons  to  assist  canard  control,  increased  canard  size  or  a  more  effective 
canard  high-lift  system  is  required. 

Additional  design  cycling  of  the  canard-controlled  aircraft  described  in  figure  5 
is  required  to  resolve  longitudinal  balance  and  control  problems.  Configuration  modi¬ 
fications  that  should  be  evaluated  include  the  following: 

(a)  Alter  the  wing  planform  or  develop  devices  to  improve  wing-body  stability  and 
to  reduce  or  eliminate  the  wing-body  pitchup.  This  could  allow  the  eg  range 
to  be  moved  further  aft,  thus  alleviating  the  canard  loading  problem.  These 
studies  should  also  examine  trades  involving  the  development  of  wing-body 
positive  Cmq. 

(b)  Increase  the  canard  size. 

(c)  Incorporate  leading-and  trailing-edge  flaps  on  the  canard  to  improve  its  lift 
capability. 

(d)  Abandon  wing  variable  camber  to  permit  use  of  elevon  pitch  controls,  and  re¬ 
define  the  concept  to  a  canard-plus-elevon  control  system. 

(e)  Attempt  to  augment  canard  control  with  thrust  vectoring. 

Each  of  the  preceding  modifications  probably  constitutes  a  significant  overall 
design  penalty.  Further  desiqn  cycling  could  develop  improvements,  but  trade  studies 
involving  aircraft  weiqht,  draq,  maneuver  performance,  and  cost  factors  are  expected 
to  show  that  the  canard  concept  is  not  competitive  with  the  aft-tail  aircraft  for  the 
supersonic  cruise  strike  fighter  mission. 

Discussions  so  far  have  dealt  only  with  relatively  small,  high-load- factor  air¬ 
craft.  Considerable  design  experience  with  larqe  supersonic  low- load-factor  aircraft 
has  brought  out  additional  design  considerations  for  the  canard  concept.  Some  of 
these  considerations  may  become  important  for  supersonic  strike  configurations  that 
are  substantially  larger  than  the  fighter  concepts.  Figures  8  and  9  illustrate  the 
pronounced  effects  of  aeroolasticitv  on  the  longitudinal  stability  and  balance  of  a 
large  supersonic  cruise  transport  configuration  incorporating  a  canard  trim  and  con¬ 
trol  surface.  Figure  8  indicates  the  nature  of  aeroelastic  effects  on  longitudinal 
stability.  In  maneuvering  fliqht,  aerodynamic  lifting  forces  acting  on  the  canard, 
forebodv,  and  forward  inboard  winq  surface  area  tend  to  bend  the  forebody  upwards. 

V.is.g  effects  of  the  loaded  body  (structural  weight  plus  payload)  produce  a  downward- 
bnnlino  coun ter tendency .  When  mass  loading  is  light  relative  to  lift  loading,  lift 
effects  dominate,  resulting  in  upward  bending  of  the  forebody.  This  is  destabilizing 
because  the  upward  bending  induces  additional  angle  of  attack  and  additional  lifting 
force,  shifting  the  effective  aerodynamic  center  forward.  When  mass  loading  is  heavy 
relative  to  lift  loads,  the  mass  effects  dominate,  bendinq  the  forebody  downward  in 
i  stabilizing  direction. 

Figure  9  shows  the  magnitude  of  the  aeroelastic  lift  and  mass  effects  relative 
to  the  eg  range.  This  particular  example  is  for  maneuvering  fliqht  at  1.2  mach. 
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Figure  9.  Effect  of  Aeroeletticity  on  Conerd  Contribution 


The  incremental  aeroelastic  maneuver  neutral-point  shifts  caused  by  the  canard  are 
plotted  against  flight  dynamic  pressure.  For  reference  magnitude,  the  total  center-  ^ - 
of-gravity  range  is  displayed.  The  incremental  aeroelastic  lift  effects  are  separ¬ 
ata]  from  the  incremental  mass  or  inertial  relief  effects  to  indicate  relative 
magnitudes.  The  pure  aeroelastic  lift  effect  (massless  airplane)  is  shown  to  be 
strongly  destabilizing.  At  maximum  dive  speed,  the  neutral  point  is  shifted  forward 
20-  reference  chord,  or  almost  six  times  the  entire  eg  range.  Counter  to  this, 
incremental  inertia  relief  or  mass  effects  are  strongly  stabilizing,  shifting  the 
maneuver  point  aft  21-  Cr.  The  net  aeroelastic  effects  (combining  lift  and  mass 
effects)  are  found  to  be  stabilizing.  That  is,  in  contrast  to  the  rigid  airframe 
maneuver  points,  flexible  airframe  maneuver  points  are  shifted  aft  because  of  aero¬ 
elastic  effects  induced  by  the  canard. 

Risks  associated  with  precise  longitudinal  balance  of  the  flexible  canard  air¬ 
plane  are  clearly  evident  here.  The  ability  to  balance  the  airplane  precisely  within 
the  limited  eg  range  is  questionable  when  the  canard  aeroelastic  effects  are  several 
times  the  magnitude  of  the  eg  range.  Also,  variation  of  the  aeroelastic  maneuver 
point  shift  caused  by  the  canard  will  be  a  strong  function  of  gross  weight. 

Figure  10  shows  a  directional  stability  problem  encountered  with  a  canard- 
configured  supersonic-transport  design.  In  this  case,  the  canard  employed  a  trail ing- 
edge  flat  to  assist  aircraft  trim  and  control.  Wind  tunnel  testing  revealed  a  powerful 
adverse  sidewash  induced  at  the  vertical  tail  by  the  lifting  canard.  This  is  evidenced 
in  figure  10  by  the  unstable  gradient  of  Cn  versus  sideslip.  Attempts  at  modifying 
canard  location-fore  and  aft,  nigh  and  low— were  unsuccessful  in  correcting  this  prob¬ 
lem;  the  solution  was  to  alter  the  vertical  tail  configuration  to  an  outboard  twin  tail 
arrangement . 


Figure  10.  Canard  Effect  on  Subsonic  Directional  Stability 


Preceding  discussions  have  pointed  out  some  problems  Facing  the  designer  who 
attempts  to  configure  a  canard-controlled  aircraft.  Successful  canard  trimmer  con¬ 
figurations,  e.g.,  the  Viggen,  the  IAI  Kfir,  and  the  B-70,  have  been  designed  in  the 
past.  However,  to  date,  the  canard  has  been  employed  mainly  as  a  trim  device  and  not 
as  the  only  means  of  pitch  control.  As  an  addition  to  an  elevon-control led ,  tailless 
configuration,  the  canard  will  provide  improved  trimmed  lift  and  augment  pitch  control 
power.  But  a  number  of  questions  remain  about  the  viability  of  employing  a  canard  as 
the  sole  source  of  pitch  control.  Pursuit  of  this  goal  appears  well-justif led  con¬ 
sidering  that  the  canard  provides  an  attractive  means  of  incorporating  pitch  control 
in  configurations  that  integrate  thrust-vectoring  exhaust  nozzle;  with  the  wing  to 
augment  wing  lifting  capability.  This  application  provides  incentive  to  continue 
expanding  the  research  data  base  for  canard  controller  conceptual  development. 

TAILLESS  RSS  CONFIGURATION 

The  tailless  delta  wing  concept  has  been  an  attractive  design  because  of  its 
simplicity,  structural  efficiency,  and  light  weight.  Properly  configured,  it  offers 
the  potential  of  beinq  the  most  efficient  supersonic  cruise  conf iauration  attainable. 
It  is  not  attractive,  however,  as  a  highly  maneuverable  strike- f ighter  capable  of 
efficient  supersonic  cruise,  unless  a  breakthrouqh  is  developed  in  the  flight  control 
area.  The  fundamental  problem  is  the  severely  limited  control  power  inherent  in  a 
con f iguration  that  employs  wing  trail ing-edge  surfaces  alone  for  both  pitch  and  roll 
control.  The  tailless  aircraft  commonly  mixes  pitch  and  roll  commands  with  elevon 
control  surfaces  so  that  a  lateral  command  limits  available  pitch  control  and  vice 
versa.  Control  limitations  resulting  from  the  shared  control  functions  are  further 
compounded  by  control  surface  volume  limitations  in  the  configuration  geometry: 
limited  pi tch-control-moment-arm  relative  to  aircraft  eg;  control  surface  area 
limited  by  wing  span  and  taper  ratio;  and  available  wing  trailing  edge  span  sometimes 
limited  by  nacelle  placement.  The  aerodynamic  effectiveness  of  elevon  controls  is 
also  known  to  deteriorate  seriously  at  high  angles  of  attack  where  wing  flow  separa¬ 
tion  dominates.  This  characteristic  limits  the  elevons'  curability  to  provide  ade¬ 
quate  control  in  the  wing  stall  regions.  Additional  control  deficiencies  are  experi¬ 
enced  as  mach  number  increases  and  the  flow  becomes  supersonic  over  the  wing  surface. 
This  problem  is  aggravated  by  structural  aeroelastic  effects  that  cause  substantial 
losses  in  elevon  effectiveness  at  high  dynamic  pressures  (g) .  The  mach  and  g  effects 
render  the  elevon  a  relatively  poor  control  choice  for  a  supersonic  aircraft,  espe¬ 
cially  when  further  compromised  by  the  shared  pitch  and  roll  functions. 


Figure  11  illustrates'  control  and  balance  problems  inherent  in  the  tailless  con¬ 
cept.  For  comparison,  this  configuration  employs  the  same  wing  planform  previously 
used  in  the  aft-tail  and  canard  configurations.  However,  the  design  is  compromised 
to  the  extent  that  wing  variable  camber  cannot  be  used  to  enhance  mission  capabilities 
because  the  wing  trailing  edge  must  be  devoted  entirely  to  primary  flight  controls. 

The  low-speed  Cm  versus  alpha  graph  illustrates  the  pitchup  characteristic  of  this 
planform  and  shows  the  serious  deterioration  of  elevon  effectiveness  at  high  angles  of 
attack.  In  this  case,  the  combination  of  pitchup  and  limited  nose-down  pitch  control 
power  at  stall  alphas  forces  a  longitudinal  balance  that  permits  no  less  than  6%  MAC 
positive  stability  at  the  aft  eg  limit.  The  limiting  case  is  for  the  pilot  holding 
a  command  of  full  roll  control  while  simultaneously  commanding  nose-down  pitch  in  an 
attempt  to  prevent  stall  departure.  This  combined  control  command  provides  25  deg 
differential  elevon  control  for  roll,  permitting  only  5  deq  pitch  control.  The  pitch¬ 
up  and  inadequate  control  power  compel  the  provision  of  a  positive  stability  margin 
to  ensure  nose-down  pitching  moments  in  high-alpha  maneuvers. 


Figure  1 1.  Tailless  Aircraft  Control  and  Stability  Limitations 

Inability  to  balance  the  tailless  aircraft  so  that  it  is  unstable  subsonically 
results  in  excessive  longitudinal  stability  for  supersonic  operation.  Excessive 
stability  results  in  high  trim  drag  and  limited  maneuver  load  factor  capability.  For 
example,  a  calculation  at  1.2  mach  at  40,000  ft  shows  that  maximum  maneuver  load  factor 
capability  at  the  forward  eg  limit  is  approximately  2q.  The  maneuver  capability 
deteriorates  further  at  higher  mach  numbers  as  elevon  effectiveness  decreases.  This 
poor  maneuver  capability  results  from  the  combination  of  excessive  stability  and  rela¬ 
tively  ineffective  elevons,  as  shown  in  figure  11. 


The  problem  of  excessive  stability  at  supersonic  conditions  can  be  eased  by 
solving  the  subsonic  pitchup  problem,  thus  allowing  the  aft  eg  limit  to  be  shifted 
further  aft.  Wing  planform  modification  could  greatly  reduce  the  pitchup.  Also,  the 
present  planform  could  benefit  from  incorporation  of  devices  to  alleviate  pitchup. 
However,  reducing  the  stability  margin  to  improve  supersonic  maneuver  capability  may 
lead  to  other  control  problems  at  supersonic  conditions.  Highly  swept  configurations 
commonly  experience  severe  pitchup  problems  at  both  high-  and  low-speed  conditions. 

An  example  of  this  is  shown  in  figure  12,  which  depicts  stability  and  control  charac¬ 
teristics  of  a  highly  swept  aircraft  at  1.8  mach  at  60,000  ft.  In  an  attempt  to 
achieve  improved  supersonic  maneuver  capability,  the  aft  eg  limit  was  selected  to 
provide  a  supersonic  static  margin  averaging  about  81  MAC  (at  low  alphas).  This  bal¬ 
ance  did  not  provide  adequate  subsonic  maroin  to  prevent  pitchup  divergence;  but  it 
was  assumed  that  means  would  be  developed  to  cure  the  subsonic  pitchup. 


Figure  12  shows  that  maneuver  capability  is  not  limited  by  control  at  the  forward 
eg  limit.  However,  the  supersonic  pitchup  results  in  the  aircraft  experiencing  uncon¬ 
trolled  alpha  departures  at  aft  cg's  as  load  factor  exceeds  2.4g.  Assuming  a  simul¬ 
taneous  full  roll  command  with  full  nose-down  control  command,  the  limited  nose-down 
control  available  results  in  out-of-control  pitchup  at  load  factors  below  2g.  The 
pitchup  characteristics  for  this  configuration  are  identifiable  through  wind  tunnel 
test  and  aeroelastic  analyses.  The  high  wing  sweep  produces  the  basic  rigid  wing-body 
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Figure  12.  Pitch-Up  Control  Choncterittia  for  Highly  Swept,  Ttillm  Supertonic  Aircraft 
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pitchup,  which  is  aggravated  by  forebody-strake  upward  bending  produced  by  the  fore- 
body-strake  loading.  Pitchup  will  be  most  severe  at  light  fuel  loadings  where  inertial 
relief  effect  is  low. 

The  preceding  discussions  have  pointed  out  some  of  the  major  problems  inherent  in 
attempting  to  design  tailless  aircraft  to  fill  the  supersonic-cruise  strike- f ighter 
role:  mach  aerodynamic  center  shift,  limited  control,  and  pitchup.  Aft  shift  of  the 
aerodynamic  center  with  mach  number  will  inevitablv  result  in  excessive  stability  that 
will  severely  penalize  maneuver  capability  over  a  substantial  range  of  supersonic  mach 
numbers  unless  the  designer  can  develop  and  apply  countermeasures.  Rapidly  deployable 
and  retractable  stability  adjusters  such  as  canards,  tails,  or  foldinq  wingtips  may 
prove  effective.  The  option  of  center-of-qravity  adjustment  through  fuel  transfer  may 
be  employed  by  large  transport  or  bomber  configurations  to  solve  the  ac  shift  problem. 
However,  this  option  is  not  open  to  the  designer  of  tactical  aircraft  that  must  tra¬ 
verse  the  transonic  region  rapidly  in  both  maneuvering  and  lu  flight.  The  very  limited 
control  capabilities  of  tailless  designs  must  be  augmented  by  additional  control  devices, 
and  pitchup  must  be  eliminated  or  greatly  reduced  through  wing-sweep  reduction  or  through 
application  of  automatic  devices  such  as  variable  camber  or  other  variable  geometry. 

THRUST  VECTORING  CONTROL  FOR  TAILLESS  AIRCRAFT 

Recent  research  efforts  have  been  directed  towards  developing  nonaxisymmetr ic 
engine  exhaust  nozzles  for  application  to  advanced  fighter  concepts.  Two-dimensional 
nozzles  are  well-suited  to  incorporating  in-flight  thrust  vectoring  and  thrust  revers¬ 
ing  for  enhancement  of  aircraft  maneuver  capabilities.  In  an  attempt  to  improve  the 
tailless  fighter  concept  previously  discussed,  the  application  of  thrust  vectoring 
pitch  control  was  investigated.  This  twin-engine  aircraft  design  has  high  thrust 
loadinu  (sea  level  static  maximum  T/W  exceeds  1.0)  and  benefits  from  a  long  moment  arm 
■'mn  exhaust  nozzles  to  cq.  For  this  configuration  the  nozzle  moment  arm  to  the  aft 
eg  limit  is  approximately  1.0  MAC.  It  therefore  derives  powerful  control  moments  from 
thrust  vectoring.  Thrust  vectoring  was  evaluated  as  a  device  to  prevent  the  angle-of- 
.ittack  departure  inherent  in  an  unstable  configuration;  this  permitted  balancing  the 
aircraft  longitudinally  unstable.  An  unstable  subsonic  balance  of  -13°  MAC  at  the  aft 
cu  limit  was  selected  to  provide  nearly  neutral  stability  over  the  operating  eg  ranqe 
at  supersonic  conditions.  This  degree  of  relaxed  static  stability  was  chosen  to 
obtain  minimum  cruise  trim  draq  and  to  ensure  that  maneuver  load  factors  would  not  be 
control  limited. 

Figure  13  summarizes  the  results  of  the  evaluation  of  thrust  vectoring  as  a  pri¬ 
mary  pitch  control  to  prevent  alpha  departures  for  the  unstable  aircraft.  The  two 
upper  Cm  versus  alpha  sketches  in  the  figure  show  the  establishment  of  the  nose-down 
pitch  control  requirements.  It  is  assumed  that  elevons  combining  pitch  and  roll  func¬ 
tions  are  not  effective  at  high  alphas.  The  -ACm  required  from  thrust  vectoring  there¬ 
fore  must  be  sufficient  to  counter  the  unstable  Cm,,  up  to  high  angles  of  attack  and 
also  must  provide  responsive  nose-down  pitch  acceleration,  0.  This  evaluation  uses  a 
••  of  -5  degree  per  second^.  A  further  increment  of  -ACm  is  also  provided  to  account 
for  uncertainties  involved  in  predicting  full-scale  aircraft  stability  and  control 
characteristics  (a  common  design  practice) .  Thus  requirements  result  for  nose-down 
thrust  vectoring  at  all  mach  numbers  to  control  instabilities  and  pitchup.  The  total 
ACm  required  for  the  angle-of-attack  limiting  system  is  plotted  versus  mach  number  in 
the  lower  graph  of  figure  13.  The  same  graph  compares  the  alpha-limiting  requirement 
with  the  pitching  moment  available  from  thrust  vectoring  that  employs  maximum  gross  dry 
thrust  for  30  and  90  deg  vector  angles.  Comparison  of  the  required  ACm  with  ACm 
developed  by  thrust  vectoring  shows  vectoring  to  be  inadequate  even  at  vector  angles 
up  to  90  deg.  The  greatest  control  deficiencies  occur  in  the  0.6  to  0.9  mach  regions. 

At  the  lower  thrust  vectoring  angles  considered  practical  by  many  of  today's  de¬ 
signers,  vectoring  is  inadequate  for  pitch-down  control  at  all  but  the  lowest  mach 
number  conditions. 
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Figure  13.  Thrust  Vectoring  Pitch  Control  for  Alpha  Departure  Prevention,  Unstable  Tailless  Aircraft 
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Thrust  vectoring  used  as  a  primary  pitch  control  device  that  is  flight  safety 
'  critical  would  impose  demanding  design  requirements  on  the  nozzle  vectoring  control 

system.  Operational  reliability  must  be  equivalent  to  that  of  primary  flight  con¬ 
trols.  Nozzle  actuation  systems  must  provide  redundancy  and  structural  integrity 
comparable  to  that  provided  in  aerodynamic  controls.  For  flight-safety-critical 
areas,  such  as  pitch  control,  it  is  relatively  straightforward  for  the  designer  to 
incorporate  aerodynamic  control  surface  redundancy  and  fail-operable,  fail-safe  actu¬ 
ation  systems  that,  in  total,  contribute  to  very  high  reliability.  The  designer  of  a 
f light-safety-critical  exhaust  nozzle  control  system  would  appear  to  have  fewer  re¬ 
dundancy  options  and  face  more  severe  design  problems. 

The  twin-engine  thrust-vectoring  design  must  also  consider  the  f ailed-engine 
problem  and  must  control  rolling  moments  produced  by  asymmetric  thrust  vectoring. 

It  is  possible  that  further  design  cycling  of  this  concept  would  develop  an 
acceptable  degree  of  pitch-down  control,  assuming  nozzle  vectoring  capabilities 
approaching  90  deg.  Reducing  instability  levels  through  rebalance  or  placement  of 
the  exhaust  nozzles  further  aft  might  develop  acceptable  control  moments.  However, 
nozzle  control  design  problems  remain  formidable. 

THRUST  VECTORING  FOR  MANEUVER  ENHANCEMENT 

Considerable  attention  is  currently  being  directed  toward  development  and  appli¬ 
cation  of  two-dimensional  thrust  vectoring  engine  exhaust  nozzles  for  advanced  fighter 
concepts.  Emphasis  is  on  employing  the  propulsion  system  for  maneuvering  lift  augmen¬ 
tation.  Many  different  concepts  are  being  evaluated.  The  most  effective  provide  sub¬ 
stantial  jet-induced  supercirculation  lift  and  direct  thrust  vectoring  in  the  lift 
direction . 

An  ideal  concept  appears  to  be  a  synergetic  arrangement  involving  thrust  vector¬ 
ing  and  a  canard  controller.  The  canard,  in  trimming  out  the  nose-down  pitching 
moments  generated  by  vectored  thrust,  adds  additional  lift  to  the  aircraft.  It  is 
perhaps  this  application  that  offers  the  major  incentive  to  develop  the  canard  into  a 
more  acceptable  pitch  controller. 

ROLL  CONTROL  FOR  HIGH  ANGLE  OF  ATTACK  MANEUVERING 

Development  of  highly  maneuverable  aircraft  tends  to  concentrate  heavily  in  areas 
involving  high  load  factor  capability  for  both  instantaneous  and  sustained  maneuver¬ 
ing.  High  maneuver  load  factor  capability,  however,  does  not  define  a  superior  ma¬ 
neuvering  aircraft  unless  this  capability  is  complemented  by  good  roll  control  at 
maneuvering  angles  of  attack.  Good  high-alpha  roll  control  is  necessary  both  for  pre¬ 
cise  bank  angle  control  at  high  load  factor  and  for  quick  heading  reversal  through 
rapid  bank-to-opposite-bank  maneuvers. 

The  problem  that  continues  to  plague  fighter  pilots  is  severe  deterioration  of 
lateral  control  effectiveness  at  high  angles  of  attack.  Typically,  the  lateral  con¬ 
trol  power  fades  to  zero  or  reverses  in  high  alpha  maneuvers,  and  the  lateral  control 
becomes  more  effective  as  a  yaw  device.  The  pilot  then  must  use  the  rudder  control 
to  roll  the  airplane  through  sideslip  and  wing  dihedral  effect.  Aircraft  that  possess 
these  characteristics  and  that  suffer  decreasing  directional  stability  at  high  alphas 
are  prone  to  departure  from  controlled  flight  through  excessive  manipulation  of 
lateral  directional  controls.  Stall  departure  and  spin  entry  are  an  all  too  common 
occurrence . 

In  recent  years,  designers  have  developed  impressive  improvements  in  high  alpha 
directional  stability  to  inhibit  stall  departure.  However,  little  progress  has  been 
made  in  developing  strong  roll  control  at  limit  angles  of  attack.  Though  detailed 
examination  of  this  area  is  beyond  the  scope  of  this  paper,  devices  that  may  signifi¬ 
cantly  improve  high-angle-of-attack  roll  control  warrant  consideration  here. 

Figure  14  shows  the  high-alpha  deterioration  in  lateral  control  effectiveness 
typical  for  low-aspect-ratio,  highly  swept  configurations  and  indicates  the  sort  of 
improvement  that  could  reasonably  be  expected  from  a  variable  wing  camber  system. 

Such  a  system  could  be  programmed  with  angle  of  attack,  mach  number,  and  roll  command 
through  an  active  flight  control  system  to  provide  substantial  rolling  moment  im¬ 
provements  at  high  alphas.  Also  shown  in  figure  14  is  an  approximation  of  rolling 
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moments  expected  from  a  vortex  lifting  device  acting  on  the  outboard  span  of  a  highly 
swept  delta  wing.  The  vortex-produced  rolling  moments  may  become  quite  significant  at  s-  i  i 
alphas  above  10  deg  and  continue  to  build  linearly  with  alpha  increase.  Recent  NASA  O' ' 

Langley  research  in  voir  tux  flow  technology  is  producing  an  interesting  and  valuable 
data  base  in  this  area. 

The  spoi ler-s lot-de f lector  lateral  control  system  is  by  no  means  a  new  device, 
but  it  has  proven  to  be  an  attractive  roll  control  in  several  supersonic  designs. 

NASA  and  others  have  develc  ad  an  ample  data  base  showing  the  effectiveness  of  this 
type  o.  roll  control  over  wide-ranging  conditions  of  mach  number  and  angle  of  attack. 

Figure  IS  shows  the  increased  effectiveness  provided  by  a  spoiler-slot-deflector 
system  over  that  offered  by  plain  spoilers;  it  also  shows  the  advantage  of  spoiler- 
slot-deflector  systems  over  conventional  ailerons  with  regard  to  aeroelastic  effec¬ 
tiveness.  The  spoiler-slot -deflector  system  characteristically  remains  effective  to 
very  high  angles  of  attack,  and  its  control  is  much  less  susceptible  to  aeroelastic 
losses  than  trailing  edge  controls.  Another  attractive  feature  is  its  ability  to 
link  spoiler  and  deflector  so  as  to  greatly  reduce  control  actuation  power  require¬ 
ments.  The  Boeing  SST  design  used  both  upright  and  inverted  spoiler-slot-def lector 
panels  working  symmetrically  for  left  and  right  wings.  This  design  approach  was 
selected  to  optimize  the  yaw  and  roll  interactions  of  the  lateral  control  system 
while  maintaining  good  roll  control  to  high  angles  of  attack. 

An  application  of  vectored  thrust  as  a  roll  control  device  is  shown  in  figure  16. 

The  aircraft  model  used  in  this  case  is  the  generalized  twin-engine  model  discussed 
previously  in  comparing  aft  tail,  canard,  and  tailless  concepts.  The  maximum  rolling 
moment  predicted  for  the  elevon  control  system  is  compared  with  that  developed  by 
deflecting  engine  exhaust  nozzles  symmetrically  -30  deg.  The  comparison  at  40,000  ft 
altitude  shows  thrust  vectoring  providing  substantial  rolling  moments  and  nearly  com¬ 
peting  with  the  elevon  system  at  higher  mach  numbers.  A  calculation  of  the  roll  rate 
capaDility  at  0.9  mach  number  shows  that  the  thrust  vectoring  roll  control  will  de¬ 
velop  70  deg  per  second  roll  rate.  This  capability  should  remain  essentially  con¬ 
stant  with  increasing  alpha  and  should  be  quite  acceptable  for  maneuvering  at  angle- 
of-attack  limit.  Aircraft  designs  with  further  outboard  engine  nacelle  placements 
will,  of  course,  provide  more  effective  deflected- thrust  roll  control  than  the  ex¬ 
ample  evaluated  here.  In  any  case,  thrust  vectoring  appears  to  offer  significant 
potential  as  a  high-alpha  roll  control  device. 


SPOILER/SLOT /DEFLECTOR  5!  >-0| 


SPOILER/SLOT/DEFLECTOR 


INBOARD  AILERON 


CONVENTIONAL 
V  SPOILER 


MAXIMUM 

ROLLING 

MOMENT 

W 

40,00011 

ALTITUDE 


MAX  ROLL  RATE 
COMPARISON  AT  09M 
310° /SEC 
70°/SEC 


FULL  ELEVON 
CONTROL  AT  LOW  ALPHA 

THRUST  VECTORING 
BOTH  ENGINES 
NOZZLES -VP 


ANGLE  OF  ATTACK.  DEGREES 


DYNAMIC  PRESSURE 


MACH  NUMBER 


Figure  15.  Spoiler  Slot/Deflector  Lateral  Control  Effectiveness 


Figure  16.  Effectiveness  of  Thrust  Vectoring  Roll  Control 


The  preceding  devices  are  cited  as  examples  of  approaches  that  offer  potential 
for  dramatic  improvements  in  roll  control.  Additional  research  in  lateral  control 
technology  is  required  to  develop  a  data  base  that  will  supply  attractive  options 
for  improved  roll  control  systems. 

CONCLUSIONS 

Development  of  advanced  tactical  aircraft  that  combine  efficient  supersonic 
cruise  capability  with  competitive  maneuver  capability  strongly  challenges  the  tech¬ 
nology  of  aircraft  stability  and  control.  The  use  of  active  control  systems  to 
replace  traditional  inherent  aerodynamic  stability  establishes  aircraft  control  as  the 
chief  design  consideration.  The  ability  to  meet  design  goals  for  supersonic  cruise 
trimmed  L/D  and  supersonic  maneuver  load  factor  capability  characteristically  hinges  on 
the  ability  to  achieve  high  levels  of  controllable  subsonic  longitudinal  instability. 
Stability  and  control  evaluations  of  competitive  aircraft  design  concepts  indicate 
that  aft-tail  configurations  will  be  superior  to  canard  or  tailless  configurations 
in  achieving  design  goals.  The  latter  concepts  experience  inherent  longitudinal  bal¬ 
ance  and  control  limitations  that  compromise  their  ability  to  compete  with  the  aft- 
tail  design  arrangement.  Additional  research  is  recommended  to  overcome  these  defi¬ 
ciencies. 


Another  fundamental  design  consideration  is  the  development  of  an  effeci ive 
lateral  control  system  that  will  ensure  good  roll  control  for  high-angle-of-attack 
maneuvering.  The  ability  to  achieve  and  sustain  high  maneuver  load  factor  must  be  com¬ 
plemented  by  the  ability  to  make  rapid  bank  angle  changes  with  precision.  Devices  such 
as  thrust  vectoring,  vortex  lift  controls,  wing  variable  camber,  and  spoiler-slot- 
deflector  systems  offer  potential  of  meeting  design  goals  for  advanced  maneuver  capa¬ 
bilities  . 


A  need  for  continuing  research  exists  in  a  wide  variety  of  stability  and  control 
areas  that  become  involved  in  design  iterations  and  trade  studies.  Development  of 
data  base  and  advances  in  the  technology  of  controlling  and  stabilizing  supersonic 
aircraft  are  fundamental  to  achieving  design  goals  for  hiqhly-maneuverable,  super¬ 
sonic-cruise  aircraft. 
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SUMMARY 

Force  measurements  were  made  in  a  low-speed  and  in  a  high-speed  wind  tunnel  with  a  1:20  scale,  35°  swept- 
wing  fighter  configuration  model.  Surfaces  which  are  deflected  for  longitudinal  trim  are:  horizontal  tail, 
leading-  and  trailing-edge  flaps,  a  strake  and  a  strake  leading-edge  flap.  For  lateral  control  the  follo¬ 
wing  surfaces  are  deflected:  ailerons,  tiperons,  flaperons  and  a  strake  leading-edge  flap.  The  main  con¬ 
clusions  from  this  study  are:  (1)  trailing  edge  flaps  are  very  useful  to  trim  an  unstable  configuration 
and  have  minimum  drag,  (2)  tiperons  are  very  effective  means  for  roll-yaw  control  up  to  very  high  angles 
of  attack,  (3)  differentially  deflected  leading  edae  flaps  and  a  vortex  fin,  positioned  on  the  wing  upper 
surface,  decrease  the  directional  instability  at  high  angles  of  attack. 

In  addition  low-speed  tests  were  made  with  a  new  wing  concept  for  a  future  fighter  configuration,  so  called 
supersonic  biplane,  to  investigate  the  effectiveness  of  the  upper-  and  lower-wing  trailing  edge  flaps. 

As  supplement  to  the  wind  tunnel  measurements  some  flight  mechanical  maneuver  calculations  were  made  to 
check  the  suitability  and  to  compare  the  effectiveness  of  the  different  controls. 
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All  aerodynamic  coefficients  shown  are  given  in  the  experimental  axis  system. 
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ABBREVIATIONS 

LEF  Leading  Edge  Flap 
SLEF  Strake  Leading  Edge  Flap 
TEF  Trailing  Edge  Flap 


1.  INTRODUCTION 

When  designing  a  new  fighter  aircraft,  the  aerodynamicist  concentrates  on  two  main  goals: 

-  Minimization  of  drag 

-  Guarantee  of  good  control  and  stability  in  all  flight  maneuvers. 

The  drag  components  which  are  influenced  by  control  surfaces  -  and  here  not  only  the  conventional  aileron 
and  rudder  is  meant  but  also  flaps  and  other  deflectable  surfaces  -  are  the  lift  dependant  drag  and  the 
trim  drag. 

Normally  the  lift/drag  ratio  of  the  wing  is  increased  by  flaps,  but  to  trim  the  aircraft  this  gain  is  re¬ 
duced  by  the  trim  los'.s.  For  an  unstable  configuration,  on  which  the  center  of  gravity  lies  at  a  certain 
point  behind  the  lev.  speed  aerodynamic  center,  the  gain  in  lift/drag  ratio  by  the  flaps  is  reached  nearly 
without  trim  losses,  because  the  flaps  produce  the  trim  moment  and  the  horizontal  tail  has  to  be  floated 
by  use  of  the  CCV  technology.  Minimization  of  trimmed  drag  by  controls  on  the  basis  of  wind  tunnel  tests 
with  a  fighter  configuration  is  the  subject  of  section  3.  The  tests  itself  are  described  in  section  2. 

The  roll  control  power  in  the  high  angle  of  attack  range  should  not  fall  much  below  the  value  for  attached 
flow  over  the  winq  at  low  angles  of  attack.  For  the  conventional  aileron  and  flaperon  this  is  not  possible, 
because  these  surfaces  lie  in  the  separated  flow  field  of  the  winq.  The  outer  part  of  the  wing  seems  to  be 
a  useful  surface  to  produce  a  rolling  moment,  since  this  surface  has  a  large  distance  from  the  center  line 
of  the  aircraft,  it  is  rotatable  up  to  i  180°  and  it  is  subject  to  the  full  ram  pressure  of  the  free  stream. 
Further  means  to  produce  a  rolling  moment  and  a  side  force  is  a  strake  leading  edge  flap.  With  the  trai¬ 
ling  edge  flaps  a  side  force  and  a  tangential  force  is  produced.  The  effectiveness  of  these  control  sur¬ 
faces  is  shown  in  section  4. 

In  spite  of  the  chance  by  using  the  CCV  technology  to  solve  stability  problems  one  has  to  strive  for  direc¬ 
tional  stability  in  the  whole  angle  of  attack  range.  The  nature  of  the  flow  field  above  and  behind  the  wing 
influences  the  directional  stability  of  the  whole  aircraft.  Having  this  in  mind  devices  have  been  investi¬ 
gated  which  influence  the  flow  field  above  the  wing  in  the  angle  of  attack  range  between  20°  and  35°. 

The  effectiveness  of  differentially  deflected  leading  edge  flaps  and  of  a  vortex  fin,  positioned  on  the 
wing  upper  surface,  on  the  directional  stability  is  described  in  section  5. 

Out  of  the  search  for  low  drag  and  high  performance  a  biplane  configuration  with  very  thin  wings  arose. 

This  wing  has  been  tested  in  the  low  and  high  speed  wind  tunnel.  Some  results  of  the  calculated  and  mea¬ 
sured  forces  and  the  effectiveness  of  the  upper  and  lower  wing  trailing  edge  flaps  at  low  speeds  are  shown 
in  section  6. 

Coming  back  to  the  above  mentioned  statement  for  good  control  in  all  flight  maneuvers  the  different  control 
concepts  are  compared  with  the  aid  of  simple  roll  control  calculations  in  6  DOF,  and  by  a  mathematical 
pilot  model,  tactical  missions  have  been  simulated.  Some  results  of  these  investigations  are  described  in 
section  7. 


2.  DESCRIPTION  OF  THE  WIND  TUNNEL  MODEL 

The  wind  tunnel  model,  shown  in  Fig.  1,  consists  of  a  trapezoidal  wing  with  aspect  ratio  of  4,  taper  ratio 
of  0,3  and  a  leading  edge  sweep  of  35°,  a  body  of  constant  cross  section  with  a  pointed  nose,  and  horizon¬ 
tal  and  vertical  tailplanes.  The  leading  edge  extension  at  the  wing  root,  called  a  strake,  has  a  gothic 
shape  and  an  area  of  11  %  of  the  reference  wing  area. 

The  following  control  surfaces  on  the  wing  are  movable: 

-  Trailing  edge  flaps:  of  30  %  chord  divided  into  3  spanwise  parts  between 
the  wing  root  (5  %  to  64  %  semispan)  and  tip.  The  inner  two  parts  are 
also  used  as  flaperons. 

-  Ailerons:  of  30  %  chord,  from  64  %  semispan  to  100  %  semispan,  divided 
at  82  %. 


-  Tiperon:  consists  of  the  outer  wing,  from  82  %  span  to  the  wing  tip 
and  can  be  deflected  about  a  lateral  axis  through  the  50  %  chord 
point  from  +  15°  to  -  75°.  The  trapezoidal  tiperon  can  be  replaced 
by  a  triangular  shape  of  the  same  area  but  larger  span. 

-  Strake:  the  strake  can  be  deflected  by  +  4°  (nose  up)  about  a 
lateral  axis  at  the  leading  edge  of  the  wing  root. 

-  Strake  leading  edge  flap:  the  curved  part  of  leading  edge  of  the 
strake  can  be  deflected  by  t  20°  about  an  80°  swept  axis  as  shown 
on  Fig.  1. 

-  Strake  vane:  this  small  triangular  plane  can  be  adjusted  relative  to 
the  front  part  of  the  strake  as  shown  on  Fig.  1.  It  has  an  area  20  l 
of  the  strake. 

The  wind  tunnel  tests  were  performed  in  the  2,6  x  3,6  a?  Low  Speed  Wind  Tunnel  and  in  the  1  x  1  m^  Tran¬ 
sonic  Wind  Tunnel,  both  of  the  DFVLR  in  Gottingen.  The  same  model  was  used  in  both  wind  tunnels  so  that  the  Low 
Speed  Tunnel  was  large  enough  for  tests  at  very  high  angles  of  attack  up  to  60°.  The  Reynolds  Number  in 
the  Low  Speed  Tunnel  was  0,59  x  10°  and  in  the  Transonic  Tunnel  1,61  x  10*>. 


3.  USE  OF  CONTROLS  TO  MINIMIZE  THE  TRIMMED  DRAG 

An  unstable  aircraft  can  partly  be  trimmed  by  trailing  edge  flaps.  The  low-speed  and  high-speed  wind  tunnel 
tests  have  been  analysed,  assuming  that  the  center  of  gravity  lies  at  the  aerodynamic  center  of  the  air¬ 
craft  without  horizontal  tail  for  a  low  supersonic  Mach  number.  In  our  case  this  is  Xc.g  =  0,4  c  for  M  = 
1.1.  Since  normally  the  pitching  moment  increases  with  increasing  Mach  number,  see  Fig!  },  the  trimmed  lift 
increases  for  a  given  flap  deflection.  Since,  on  the  other  hand,  the  lift  curve  slope  increases  with  in¬ 
creasing  Mach  number,  the  flap  schedules,  i.e.  flap  deflection  over  angle  of  attack,  for  different  Mach 
numbers  are  very  close  together  as  shown  on  Fig.  3.  The  maximum  increase  of  lift  and  pitching  moment  by  the 
plain  flaps  is  reached  with  24°  deflection  for  M  =  0,2  to  M  =  0,5  and  with  18°  for  M  =  0,8.  In  all  tests 
the  optimum  deflection  of  the  leading  edge  flaps  have  been  nearly  the  same  as  for  the  trailing  edge  flaps. 

The  large  pitch-up  moment  at  high  lift  comes  from  the  strake  when  the  flow  over  the  outer  wing  is  fully 
separated. 

The  drag  polars  of  the  low  speed  tests  are  analysed  in  more  detail.  As  shown  in  Fig.  4  for  a  lift  up  to 
cl  =  0,8  the  aircraft  is  trimmed  only  by  flaps  for  minimum  drag,  that  is  the  horizontal  tail  is  unloaded. 
The  drag  increases  nearly  linearly  with  cl  squared  which  shows  a  good  aerodynamic  efficiency  of  the  confi¬ 
guration.  If,  for  higher  Ci  ,  the  horizontal  tail  remains  unloaded,  the  drag  increases  very  rapidly  and  the 
maximum  trimmed  lift  is  below  cl  =  1.  For  that,  above  cl  =  0,8,  when  the  flap  angle  of  24°  is  reached,  the 
horizontal  tail  has  to  help  to  trim  the  aircraft. 

If  one  chooses  a  c.g.  position  of  30  %  c  the  trimmed  drag  increases  in  the  whole  lift  range.  The  reason  is 

that  in  this  case  the  c.g.  lies  nearer  to  the  a.c.  of  the  aircraft  and  the  horizontal  tail  has  to  compen¬ 

sate  the  zero  lift  moment  of  the  flaps. 

The  maximum  pitching  moment,  which  has  to  be  provided  by  the  horizontal  tail  to  trim  a  c.g.  position  of 
40  X  c,  is  large  and  means  a  relative  large  tail  plane  area  which  can  be  up  to  30  %  of  the  wing  area.  The 
maximum  pitch-up  moment  can  be  reduced  by  decreasing  the  size  of  the  strake.  To  hold  the  maximum  lift 
constant  it  is  necessary  to  increase  the  flap  effectiveness  by  using  for  example  slotted  flaps.  The  same 
results  can  be  reached  by  increasing  the  wing  area.  The  optimization  of  all  these  parameters  has  to  be 
done  by  the  designer  and  goes  beyond  this  paper. 

For  flight  at  supersonic  Mach  number  one  gets  the  lowest  drag  if  the  horizontal  tail  is  nearly  unloaded. 

For  our  aircraft  the  a.c.  lies  at  40  %  c  for  M  =  1.1  and  goes  forward  with  increasing  Mach  number  up  to 
4k  >  -  7  %  c  for  M  =  2.0.  This  shift  of  7  1  c  could  be  compensated  by  the  extension  of  the  strake  vane.  The 

strake  vane  has  3,9  %  of  the  wing  area  and  shifts  the  a.c.  forward  by  7  to  9  l  c  for  subsonic  as  well  as 

for  supersonic  flight  as  shown  in  Fig.  5. 

A  further  means  for  reducing  the  a.c.  shift  is  the  incidence  of  the  strake.  The  tests  showed,  that  a  strake 
with  an  incidence  of  4°  relative  to  the  wing  has  4  %  less  a.c.  shift  fron  subsonic  to  supersonic  Mach 
number  than  a  strake  which  lies  in  the  plane  of  the  wing. 


4.  LATERAL  AND  AXIAL  CONTROL  POWER  OF  SOME  CONTROL  SURFACES 
4.1  Tiperons 

As  described  in  section  3,  two  planforms  of  the  tiperons,  a  trapezoidal  and  a  triangular  one,  have  been 
investigated  and  compared  with  a  conventional  aileron.  The  span  of  the  trapezoidal  tiperon  is  half  that  of 
the  aileron,  which  gives,  after  a  linear  potential  theory  method  (vortex  lattice),  nearly  the  same  effecti¬ 
veness.  The  trapezoidal  and  triangular  tiperons  are  equal  in  planform  area.  Both  tiperons  can  be  deflected 
from  +  15°  to  -  75°.  From  Fig.  6  it  is  seen  that  the  rolling  moments  of  the  tiperons  for  high  angles  of 
attack  between  30°SoCi60°  are  nearly  equal.  In  the  low  angle  of  attack  range  up  tooC  =  30°,  the  triangu¬ 
lar  tiperon  is  better,  probably  because  of  its  larger  aspect  ratio.  The  triangular  tiperon  will  be  treated 
further  on.  Fig.  7  gives  a  comparison  of  the  maximum  rolling  moments  produced  by  the  conventional  aileron, 
by  the  two  inboard  flaps  used  as  flaperon  and  by  the  triangular  tiperon.  For  angle  of  attack  greater  than 
10°,  when  the  flow  on  the  upper  surface  of  the  plane,  thin  wing,  is  separated,  the  aileron  effectiveness 
falls  down  to  about  half  of  that  of  the  tiperon.  The  rolling  moment  produced  by  the  flaperon  is  only  more 
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than  half  of  that  of  the  tiperon  and  falls  down  to  zero  forot  >  40°.  The  influence  of  Mach  number  on  the 
rolling  moment  up  to  M  =  1,2  is  shown  on  Fig.  8.  With  increasing  Mach  number  the  effectiveness  of  the  aile¬ 
ron  decreases,  while  it  increases  for  the  tiperon,  presumable  because  of  the  large  leading  edge  sweep  of 
the  triangular  tiperon. 

The  direction  of  the  vector  of  rotation  of  the  aircraft  is  decisive  whether  it  turns  in  the  right  or  wrong 
way.  To  show  this  it  is  illustrative  to  work  with  a  q-cn-diagram,  in  which  the  vector  of  rolling  and 
yawing  moment  for  different  tiperon  deflections  at  constant  angle  of  attack  is  plotted.  Fig.  9  shows  the 
vector-diagram  for  d.  -  0°,  20°,  40°  and  60°  for  the  triangular  tiperon.  From  this  diagram  it  can  easily  be 
seen  whether  the  yawing  moment  goes  in  the  right  direction  for  a  certain  rolling  moment. 

For  better  interpretation  of  the  figure  the  special  cases  where  cn  =  0  is  analysed.  It  is  found,  that  the 
tiperons  of  both  sides  have  to  be  deflected  so  that  the  angle  of  attack  relative  to  the  free  stream  direc¬ 
tion  has  the  same  value  but  opposite  sign.  For  example  at  <*■  =  20°,  cn  =  0  for  T?stb  /7port  -  +  15°/-  55° 
which  gives  an  angle  of  attack  of  +  35°/-  35°.  Another  example:  for  oi  =  40°,  with^stb  /"7 port  =  ■  5°/-  75° 
gives  an  angle  of  attack  of  +  35°/-  35°.  This  means,  that  the  wing  doesn't  influence  the  flow  field  about  the 
tiperons  essentially  and  we  can  predict  the  optimum  deflection  of  the  tiperons  for  any  angle  of  attack  of 
the  aircraft.  For  example  for  ct  =  60°  with  a  deflection  of  /  ^port  =  ■  35°/-  95°  the  incidence  will  be 
+  35°/-  35°  and  the  yawing  moment  is  predicted  to  be  zero. 

The  normal  force  of  a  flat  plate  increases  with  increasing  angle  of  attack  up  to  30°  to  50°  and  remains 
constant  for  higher  angles  of  attack  up  to  90°.  This  gives  the  maximum  useful  tiperon  deflection  to  pro¬ 
duce  a  rolling  moment  without  a  yawing  moment  for  any  angle  of  attack  of  the  aircraft  as  shown  in  the  table 
below  and  it  is  seen,  that  forotx60,  the  tiperon  has  to  be  deflected  more  than  90°. 


oC 

.... 

20 0 

-  55°  to  -  70° 

O 

o 

-  75°  to  -  90° 

60° 

o 

o 

1 

o 

4-> 

o 

in 

cn 

« 

o 

o 

-  125°  to  -  140° 

The  influence  of  the  Mach  number  on  the  roll  and  yaw  moment  produced  by  the  tiperons  is  shown  in  Fig.  10 
ford  =  8°.  The  effectiveness  increases  with  increasing  Mach  number  and  the  direction  of  the  turn  vector 
remains  constant. 


4.2  Strake  Leading  Edge  Flap  (SLEF) 

The  strength  of  the  strake  vortex,  which  is  created  between  an  angle  of  attack  of  5°  to  its  total  burst  at 
40°,  can  be  controlled  by  deflecting  a  flap  at  the  strake  leading  edge.  On  the  side  of  the  wing,  on  which 
the  SLEF  is  deflected  upwards  the  vortex  strength  increases.  Since  the  strength  of  the  vortex  influences 
the  lift  on  the  wing,  this  can  be  used  to  control  lift  and  rolling  moment.  The  rolling  moment  due  to  the 
deflection  of  the  SLEF  is  shown  in  Fig.  11.  Both  deflections,  the  20°  nose  down  and  the  20°  nose  up,  give 
rise  to  a  roll  moment  of  appreciable  size  for  an  angle  of  attack  of  Z0°£  d  £40°.  At  the  same  time  a  pro- 
verse  side  force  is  produced.  Fig.  12.  This  side  force  is  highly  dependant  on  the  angle  of  attack.  For  low 
angle  of  attack  it  is  nearly  zero  and  not  useful  for  fuselage  aiming.  The  rolling  moment  of  the  SLEF  could 
be  useful  in  addition  to  the  ailerons  in  the  angle  of  attack  range  between  20°  and  40°. 


4.3  Trailing  Edge  Flaps 

The  side  force  produced  on  the  model  without  vertical  fin  by  the  deflection  of  the  two  inboard  trailing 
edge  flaps  has,  depending  on  the  angle  of  attack,  a  considerable  magnitude.  For  both,  positive  and  nega¬ 
tive  deflections  a  yawing  moment  is  produced,  Fig.  13.  To  compensate  for  the  latter  a  side  force  on  the 
vertical  fin  is  nec  :ssary  which  goes  in  the  same  direction  as  the  basic  side  force.  To  compensate  the 
rolling  moment  ailerons  have  to  be  deflected.  They  don't  produce  a  side  force. 

The  trailing  edge  flaps  are  divided  into  three  and  the  ailerons  into  two  parts  in  the  spanwise  direction. 
Each  of  them  could  be  deflected  by  t  40°.  To  produce  high  drag  the  flaps  can  be  deflected  in  two  different 
modes  as  shown  in  Fig.  14.  First,  the  two  inboard  flaps  are  deflected  down  and  the  three  outboard  flaps  are 
deflected  up.  Second  the  flap  segments  are  deflected  in  an  alternating  manner,  beginning  with  the  inboard 
flap  deflected  down  and  ending  with  the  two  outboard  flaps  deflected  up.  The  lift  and  drag  increments  are 
shown  on  Fig.  14  as  a  function  of  d  .  Both  deflection  modes  produce  nearly  the  same  drag,  but  the  lift  of 
the  alternating  mode  remains  near  zero  for  increasing  angle  of  attack  which  is  favourable.  The  pitching 
moment  without  horizontal  tail  is  nearly  zero  for  both  modes. 


5.  MEANS  TO  DECREASE  DIRECTIONAL  INSTABILITY  AT  HIGH  ANGLE  OF  ATTACK 

Directional-  and  Roll-Instability  have  been  investigated  with  a  wind  tunnel  model  similar  to  that  described 
above  but  with  a  more  realistic  fuselage  and  with  double  vertical  fins. 


Directional  stability  is  lost  at  an  angle  of  attack  between  25°  and  30°.  It  is  not  only  the  strake  vortex 
which  breaks  down  more  rapidly  on  the  upper  surface  of  the  windward  wing  than  on  the  leeward  one  but  it 
also  was  observed,  that  the  windward  outer  wing  stalled  earlier  and  more  heavy  than  the  leeward  one.  From  , 
these  observations  two  new  devices  have  been  investigated.  (c 


5.1  Differential  deflection  of  the  leading  edge  flaps 

By  deflecting  the  windward  leading  edge  flap  more  down  than  the  leeward  one,  the  stalling  behaviour  and 
the  flow  field  downstream  of  both  sides  of  the  wing  can  be  made  more  similar  than  with  symmetrically  de¬ 
flected  flaps. 

Starting  from  the  17°  flap  deflection  on  both  sides  as  a  reference  condition,  the  windward  flap  was  deflec¬ 
ted  down  29°.  A  second  test  series  has  been  done  with  the  windward  flap  deflected  29°  and  the  leeward  one 
retracted  to  0°. 

As  shown  in  Fig.  15  at  an  angle  of  sideslip  of  ft  =  +  10°  the  yawing  moment  becomes  negative  at  around 

=  20°,  for  the  differential  deflections  earlier  than  for  the  symmetrical  one.  At  </.  =  30°  however  the  ad¬ 
verse  yawing  moment  of  the  symmetrical ly  deflected  flaps  is  more  than  twice  that  of  the  differentially  de¬ 
flected  ones.  The  rolling  moment  at  /2  =  +  10°  shown  in  the  same  figure  is  always  adverse;at  high  angle  of 
attack  between  20°  and  30°  it  decreases  rapidly  for  the  symmetrical  flaps,  but  remains  roughly  constant 
for  the  differentially  deflected  ones.  The  directional  stability  at  constant  angle  of  attack  is  shown  in 
Fig.  16.  Fort/  =  20°  all  flap  deflections  give  a  proverse  yawing  moment  whereas  at«t=  30°  the  adverse 
yawing  moment  of  the  symmetrical  flaps  is  more  than  twice  that  of  the  differentially  deflected  ones. 

Tests  without  the  strake  showed  similar  results.  Proverse  yawing  moment  at  oL  -  20°  shown  on  Fig.  17  is  not 
changed  by  the  differential  flap  deflection,  whereas  at  oL  =  30°  the  symmetrically  deflected  flaps  have  an 
adverse  yawing  moment  but  it  is  proverse  with  the  differentially  deflected  flaps  up  to  c/L  =  25°.  The  rolling 
moment  is  similar  for  both  cases. 

As  a  conclusion  it  is  suggested  to  deflect  the  leading  edge  flaps  for  angle  of  attack  greater  than  25°  as 
a  function  of  /3  differentially  on  the  windward  and  leeward  wing  as  qualitatively  shown  in  Fig.  18.  For  an 
aircraft  using  the  CCV  technology  in  principle  this  can  be  realized. 


5.2  Vortex  fin  on  the  wing  upper  surface 

A  vertical  fin  is  attached  to  the  upper  surface  near  the  wing  root  on  the  leading-edge  flap.  It  has  a  shape 
of  the  half  of  a  delta  with  the  leading  edge  sweep  angle  of  50°.  This  sweep  angle  results  from  the  assump¬ 
tion,  that  for<s^=  30°  and  flap  deflection  of  17°  the  fin  leading  edge  should  be  swept  more  than  60°  to  the 
free  stream.  If  now,  the  wing  has  a  sideslip  angle,  then  at  the  leading  edge  of  the  windward  fin  a  vortex 
is  induced  which  rotates  in  the  same  sense  as  the  strake  vortex  and  so  the  latter  is  amplified.  On  the  lee¬ 
ward  wing  the  contrary  happens,  i.e.  the  vortex  of  the  fin  decreases  the  strength  of  the  strake  vortex.  As 
a  result  it  was  hoped  that  the  directional  instability  at  <£>25°  would  be  decreased.  This  is  verified  by 
the  results  of  some  wind  tunnel  tests.  Fig.  19  shows  that  the  yawing  moment  at  ci  =  20°  is  nearly  unchanged 
by  the  fin,  whereas  at  ot  =  30°  the  adverse  yawing  moment  is  reduced  by  30  %  at  fi  =  10°.  The  rolling  moment, 
shown  in  the  same  figure,  is  nearly  unchanged  for  06  =  20°  by  the  fin,  whereas  at  oi-  30°  for  small  angles 
of  sideslip  it  is  changed  by  the  vortex  fin  dramatically  by  increasing  the  lift  on  the  windward  wing.  The 
fin  pru'ides  a  stable  contribution  to  directional  stability  and  reduces  the  large  change  in  the  rolling 
moment  for  angle  of  attack  greater  than  15°;  see  Fig.  20.  In  the  last  experiment  the  fin  and  the  differen¬ 
tial  flap  deflections  have  been  added  together.  As  shown  on  Fig.  21,  the  large  adverse  yawing  moment  forf}= 
+  10°  could  be  reduced  nearly  to  zero  for  angles  of  greater  than  25°,  and  as  shown  in  the  same  figure,  the 
rapid  decrease  of  the  rolling  moment  for  ot  >  15°  is  changed  in  a  gradually  increasing  one. 


6.  SOME  RESULTS  OF  THE  BIPLANE  CONFIGURATION 

The  supersonic  biplane  configuration  arises  out  of  a  search  for  lower  drag  and  higher  performance.  By 
tying  the  wing  tips  of  a  biplane  together,  a  structural  box  is  obtained  which  enables  the  use  of  thinner 
air  foil  sections  than  on  a  conventional  design.  Fig.  22  shows  a  three  view  drawing  of  such  an  aircraft. 

The  wings  of  the  biplane  are  staggered  so  that  the  trailing  edge  of  the  upper  wing  lies  exactly  above  the 
leading  edge  of  the  lower  wing.  The  conventional  wing  beside  is  used  as  a  reference.  Fig.  23  shows  the 
discretization  of  both  wings  for  calculation  using  the  vortex  lattice  method.  In  the  same  figure  the  cal¬ 
culated  and  measured  lift  and  drag  is  shown.  The  lift  curve  slope  as  well  as  the  measured  maximum  lift  is 
greater  for  the  biplane  than  for  the  conventional  wing.  Allowing  for  full  nose  suction  the  calculated  in¬ 
duced  drag  of  the  biplane  is  12  %  less  than  that  of  the  plane  wing.  The  wind  tunnel  tests  also  indicate 
this  drag  reduction  above  cj_  =  0,8. 

The  theoretical  effectiveness  of  the  25  %  deep  trailing  edge  flaps  on  lift  and  pitching  moment  was  calcu¬ 
lated.  The  flap  on  the  lower  wing  produces  three  times  6  ci  and  4cm  than  the  upper  wing  flap.  The  flap  on 
the  upper  wing  produces  a  nose-up  moment  and  for  this,  both  flaps  together  produce  the  same  lift  as  the 
flap  on  the  plane  wing,  but  the  zero  lift  moment  is  25  %  less  on  the  biplane. 

The  structural  analysis  of  the  biplane  showed  that  the  additional  of  a  small  wing  outboard  of  the  tying 
point  decreases  the  deformation  of  the  biplane  structure  under  high  loads.  The  measured  flap  effectiveness 
on  the  modified  model  is  shown  in  Fig.  24.  The  tests  give  a  confirmation  of  the  theory.  The  upper  wing  pro¬ 
duces  a  nose-up  pitching  moment  which  is  one  third  of  that  produced  by  the  lower  wing  flap.  For  a  stable 
aircraft  configuration  a  flap  which  produces  lift  and  a  nose-up  pitching  moment  at  the  same  time  can  be 
used  to  reduce  the  trim  drag. 
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As  one  would  expect  from  the  lift  curves  the  deflected  flaps  improve  the  lift/drag  ratio  as  shown  in  the 
figure. 

The  flaps  were  deflected  on  one  side  only  as  a  flaperon.  Fig.  25  shows  measured  rolling  moments  due  to 
flaperons  for  the  biplane  and  for  the  plane  wing.  The  deflection  of  the  flaperons  have  been  chosen  for  the 
same  rolling  moment  atoC  =  0°.  For  higher  angle  of  incidence  the  flaperons  of  the  biplane  are  much  more 
effective  than  the  ones  on  the  plane  wing. 


7.  COMPARISON  OF  THE  DIFFERENT  CONTROL  CONCEPTS  WITH  THE  AID 
OF  FLIGHT  MECHANICAL  MANEUVER  CALCULATIONS 

With  a  mathematical  model  of  a  future  tactical  combat  aircraft  simple  roll  control  calculations  in  6  DOF 
and  by  an  additional  mathematical  pilot  model  also  tactical  mission  have  been  simulated  for  the  three  roll 
control  concepts:  aileron,  flaperons  and  tiperons.  The  aim  of  these  investigations  was  a  comparison  of  the 
three  concepts  as  a  main  roll  control  device  in  relation  to  practicability  and  effectiveness.  As  the  main 
aerodynamic  data  of  the  reference  aircraft  model  were  only  available  up  to  an  angle  of  attack  of  about  20°, 
the  most  favorable  angle  of  attack  region  for  the  tiperons  (very  high  angles  up  to  the  post  stall  region) 
could  not  yet  be  regarded. 

As  a  first  example.  Fig.  26  shows  a  360°  roll  maneuver  in  6  DOF.  The  maximum  deflections  used  were  i  22,5° 
for  the  ailerons  and  the  tiperons  and  -  40°  for  the  flaperons.  The  speed  was  taken  equal  to  Mach  0.6.  At 
the  low  angles  of  attack  for  this  flight  condition  the  aileron  is  the  most  effective  device  followed  by  the 
tiperon.  The  side  slip  excursions  which  can  be  used  as  an  index  for  the  perturbation  of  the  maneuver  have 
the  largest  values  for  the  ailerons  and  the  smallest  values  for  the  flaperons. 

A  comparison  of  the  flight  path  variations  during  a  roll  reversal  maneuver  is  shown  in  Fig.  27  for  two 
angles  of  attack.  The  roll  reversal  maneuver  consists  of  a  quick  change  from  +  90°  bank  angle  to  -  90° 
followed  by  a  pull-up  maneuver.  To  make  use  of  the  full  rolling  capacity  of  the  tiperons  it  was  assumed 
here  that  they  have  been  deflected  differentially  (+  22,5°/-  45°).  Especially  for  the  higher  angles  of 
attack  the  advantages  of  the  tiperons  are  obvious.  This  is  partly  due  to  the  fact,  that  the  aerodynamic 
effectiveness  is  higher  but  also  due  to  the  lower  unfavorable  aerodistorsion  effects  of  the  tiperons. 

Another  interesting  result  of  these  investigations  was  the  fact  that  it  is  possible  to  use  the  flaperons 
as  an  emergency  roll  control  device,  if  the  main  roll  controll  system  fails,  which  can  be  seen  by  these 
figures. 

The  same  figure  shows  the  different  parameters  of  the  dynamic  transfer  behaviour  for  the  reversal  maneuvers. 
Also  by  this  figure  it  can  be  seen  obviously  that  the  commanded  bank  angle  is  most  rapidly  obtained  by  the 
tiperons. 

As  a  resumee  of  these  flight  mechanical  investigations  it  can  be  said,  that  for  a  combat  aircraft  with  its 
extented  flight  and  maneuvering  regime  the  tiperons  offer  the  best  capacity  for  an  effective  roll  control. 
Whether  this  can  be  realized  taking  into  account  other  design  aspects  (i.e.  weapon  storage)  is  another 
point. 


CONCLUSIONS 

1.  The  35°  swept  wing  fighter  configuration  has  the  lowest  trimmed  drag  for  a  c.g.  position  of  40  %  c 
(which  is  the  a.c.  for  a  low  supersonic  Mach  number),  with  an  unloaded  tailplane  up  to  a  lift  coeffi¬ 
cient  of  0.8.  Above  this  lift  the  tailplane  has  to  support  the  flaps  to  trim  the  aircraft. 

2.  Tiperons  are  effective  for  roll  control  up  to  very  high  angles  of  attack.  Deflections  of  more  than 
90b  are  necessary.  The  influence  of  the  strake  leading  edge  flap  on  rolling  moment  and  side  force 
depends  very  much  on  the  angle  of  attack  and  is  not  attractive.  Differentially  deflected  trailing 
edge  flaps  produce  very  high  drag  without  great  influences  on  the  lift  and  pitching  moment. 

3.  Differential  leading  edge  flap  deflection  and  a  vortex  fin  vertically  attached  on  the  upper  surface 
at  the  root  of  the  leading  edge  flap,  considerably  decreases  the  directional  instability  of  the  air¬ 
craft  in  the  angle  of  attack  range  between  25°  and  35°. 


4. 


For  a  biplane  configuration  with  very  thin  wings,  the  lower  wing  trailing  edge  flap  produces  more 
lift  and  more  rolling  moment  at  high  angles  of  attack  than  a  flap  on  a  plain  wing. 
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SUMMARY 

To  realize  total  wing  span  flaps  for  improving  the  maneuvering  and  landing  performances  of  a  combat  air¬ 
craft,  the  roll  control  has  to  be  realized  by  spoilers.  To  overcome  the  nonlinearity  and  control  reversal 
problems  at  low  deflections  the  continuously  deflected  spoiler  is  replaced  by  a  certain  set  of  digitally 
controlled  single  spoilers,  which  provide  only  three  discrete  deflections.  It  was  found  by  simulator  tests 
that  by  a  proper  combination  of  these  segment  spoilers  it  is  possible  to  provide  a  roll  control,  which  is 
judged  as  continuous  by  the  pilot,  with  a  relatively  low  number  of  single  spoilers.  In  cooperation  between 
Dornier  and  the  DFVLR  different  windtunnel  programs  were  performed,  to  investigate  the  system-efficiency 
and  aerodynamic  effectiveness.  Several  roll  spoiler  configurations  have  been  tested  in  two  and  three- 
dimensional  configurations  with  and  without  landing  flaps  at  different  spanwise  positions,  spoiler  deflec¬ 
tions  and  -spans.  It  will  be  shown  that  the  effectiveness  related  to  the  deflection  is  linear  for  flaps- 
up  and  highly  nonlinear  for  flaps-down  configurations.  The  spoiler  span  is  of  no  more  influence  at  a  cer¬ 
tain  value  and  the  optimum  spanwise  location  is  about  0.8  of  the  semispan.  Furthermore  the  effectiveness 
and  the  influence  on  lift  and  pitching  moment  for  a  possible  test  aircraft  are  shown.  Finally  the  practi¬ 
cal  application  within  an  intended  flight  test  program  is  discussed. 


1.  INTRODUCTION 

Maximum  use  of  all  available  possibilities  to  improve  take-off-,  landing-  and  maneuvering  performance 
characteristics  of  fighter  aircraft  leads  consequently  to  full  span  flaps,  as  the  lift  gain  values  of  the 
more  usual  aileron  presetting  equipment  is  not  very  high,  fig.  J.  Making  use  of  this  possibility  the  roll 
control  has  to  be  realized  somehow  else.  The  taileron  alone  is  not  very  effective  at  landing  configuration 
where  large  amounts  of  roll  control  power  usually  are  needed.  The  other  possibility  by  spoilers  has  not 
been  used  very  often.  Though  the  roll  control  by  spoilers  is  very  effective  especially  in  the  landing  flap 
down  configuration,  there  are  usually  two  main  disadvantages: 

-  a  strong  nonlinear  behaviour 

-  reversal  problems  at  smaller  deflections. 

Fig.  2  shows  the  typical  and  wellknown  behaviour.  Due  to  these  facts  the  design  engineer  normally  hesita¬ 
tes  to  take  spoilers  as  main  roll  control  devices. 

The  basic  idea  of  a  program,  which  is  sponsored  by  the  ZTL/KEL-program  of  the  German  Ministry  of  Defense, 
is  therefore  to  overcome  these  problems  by  a  set  of  smaller  spoilers,  which  are  digitally  controlled  into 
three  positions,  avoiding  especially  the  difficult  area  between  zero  and  20  deg.  of  deflection.  In  a  joint 
program  between  Dornier  and  the  DFVLR,  Brunswick,  the  task  of  Dornier  is  mainly  to  find  out  a  proper  com¬ 
bination  of  these  segment  spoilers  in  extension  and  deflection  steps  for  a  given  test  aircraft  to  provide 
a  roll  control  by  the  smallest  possible  number  of  single  spoilers,  which  is  judged  as  continuous  by  the 
pilot,  while  the  task  of  the  DFVLR  is  mainly  to  find  out  basic  aerodynamic  data  of  spoilers,  especially 
with  low  span. 

For  these  purposes  two-  and  threedimensional  windtunnel  tests  and  simulator  studies  have  been  performed, 
the  main  results  of  which  will  be  presented  in  this  paper. 


2.  MINIMUM  STEPS  FOR  CONTINUOUS  ROLL  CONTROL 

To  answer  this  question  simulator  studies  with  the  aid  of  the  Dornier-Alpha  Jet  fixed  base  simulator  have 
been  performed.  Three  testpilots  were  involved  in  this  program,  two  of  Dornier  and  one  from  the  GAF-Flight 
Test  Center  Manching. 

The  simulation  program  included  normal  Air  to  Ground  Approaches  with  different  speeds,  landing  approaches 
and  defensive  anti-gunnery  maneuvers  with  high  roll  activity.  The  results  showed  that  a  remarkable  low 
number  of  individual  steps  already  fulfils  the  continuity-requirement,  if  the  available  stick  displacement 
is  divided  into  three  areas,  fig.  3.  For  the  larger  displacements  only  three  steps  are  necessary  indepen¬ 
dent  from  the  flight  condition.  For  the  smaller  displacement  there  was  a  difference  between  high  and  low 
speed.  For  the  low  speed  case  area  I  should  have  10  steps  whereas  for  speeds  higher  than  200  kts  6  steps 
are  sufficient.  The  time  histories  of  the  main  data  of  a  simulated  high-speed  Ground-Attack  approach  with 
a  complicated  anti-gunnery  maneuver  is  shown  on  fig.  4.  The  digitalization  of  the  rolling  control  moment 
can  be  seen  on  the  upper  trace. 


L 
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3.  SPOILER  EFFECTIVENESS 

Basic  windtunnel  research  of  the  spoiler  effectiveness  depending  on  spoiler  deflection,  span  and  spanwise 
position  was  done  by  the  DFVLR. 

The  windtunnel  tests  at  a  Reynolds-number  of  1.5  x  10®  were  realized  on  a  rectangular  wing  model  with  a 
16  %  thick  wing  equipped  with  a  fowler-flap  and  two  spoiler  configurations  (fig.  5)  for  three  different 
test  arrangements. 

-  A  Twodimensional  tests,  airfoil  and  spoiler  covering  the  whole  tunnel-width 

-  B  quasi-twodimensional  tests,  spoilers  of  finite  span  and  airfoil  covering 

the  whole  tunnel -width  and 

-  C  threedimensional  tests  with  a  half-model  of  the  wing  and  spoilers  of  finite 

span. 

Forces  and  moments  as  well  as  pressure  distributions  have  been  measured.  Some  of  the  main  results  will  be 
briefly  discussed  here. 

The  change  in  lift  coefficient  of  both  spoiler  configurations  for  the  twodimensional  case  A  is  shown  in 
fig.  6.  Obviously  it  is  seen  that  no  control -reversal  occurs.  For  the  case  of  no  fowler-flap-deflection 
the  change  in  lift  coefficient  is  nearly  linear  with  spoiler  deflection.  For  30°  fowler-flap-deflection 
the  gradient  of  lift  coefficient  change  is  increased  in  the  region  up  to  30°  spoiler  deflection.  Further¬ 
more  it  comes  out  that  the  spoiler  configurations  II  is  superior  to  spoiler  I  concerning  the  effectiveness. 

Results  for  spoilers  with  finite  span  in  the  quasi-twodimensional  test  set  up  case  B  ,  are  shown  in  fig. 

7,  presenting  the  change  in  lift  coefficient,  depending  on  spoiler-span  for  different  angles  of  attack 
and  two  spoiler  deflections.  If  the  spoiler  span  is  reduced  below  0.4  of  the  actual  wing  chord  a  signifi¬ 
cant  reduction  of  the  effectiveness  occurs.  For  the  smaller  deflections  of  20°  even  a  reversal  happens  at 

higher  angles  of  attack.  The  consequence  of  this  result  is  the  fact,  that  the  single  segments  of  the 
spoiler  control  should  not  be  reduced  below  this  value  without  effectiveness  losses. 

Results  for  the  threedimensional  case  C  are  shown  in  fig.  8  where  the  influence  of  spanwise  location  on 
spoiler  effectiveness  is  demonstrated.  The  change  in  rolling  moment  coefficient  decreases  when  the  loca¬ 
tion  of  the  spoiler  is  nearer  to  the  wing  tip.  At  higher  angles  of  attack  a  maximum  in  rolling  moment 

coefficient  change  can  be  recognized  at  0.8  of  semispan. 

The  aims  of  the  windtunnel  measurements  performed  by  Dornier  with  an  available  Alpha-Jet  model  equipped 
with  spoilers  of  type  I  of  fig.  5  were: 

-  effectiveness  of  the  provided  segment  spoiler  for  the  Alpha-Jet  as  a  possible 
test  aircraft 

-  influence  of  the  spanwise  position  and  chordwise  extension  of  the  segment 
spoilers 

-  influence  of  the  deflection  and  the  angle  of  attack 

-  order  of  magnitude  of  the  coupling  yawing  and  pitching  moment  effects. 

The  spoiler  arrangement  for  these  tests  are  shown  in  fig.  9.  This  configuration  has  been  chosen  based  on 
the  DFVLR  windtunnel  results  in  order  to  approach  the  possible  segment  spoiler  configuration,  which  would 
be  able  to  fulfil  the  required  number  of  the  digitalization  steps  of  fig.  3. 

Fig.  10  shows  the  measured  effectiveness  of  rolling  moment  of  the  different  segment  spoilers  for  flaps-up 

and  flaps-down  configuration.  The  main  results  of  the  DFVLR  tests  for  the  straight  wing  have  been  verified 
by  these  tests  also  for  the  swept  wing.  The  control  reversal  for  the  smaller  deflections  of  the  shorter 
segment  spoilers  Nr.  1,  2,  3  and  6  are  found,  too,  a  result  which  was  already  shown  by  the  DFVLR  measure¬ 
ments.  Consequently  the  first  segment  spoiler  Nr.  1  will  be  deflected  to  40°  as  the  first  step.  The  most 

effective  spoiler  is  Nr.  5  which  is  situated  between  50  "  and  60  1-  of  the  semispan.  Though  the  single 
effectiveness  of  the  small  spoilers  near  to  the  wing  tip  is  small,  they  are  nevertheless  necessary  to  rea¬ 
lize  the  required  high  number  of  small  steps  in  effectiveness  about  the  neutral  stick  position. 

Fig.  11  shows  the  influence  of  the  spanwise  position  on  the  effectiveness  of  the  spoiler  for  the  swept 
wing.  In  comparison  to  the  results  for  the  rectangular  wing  of  fig.  8  the  maximum  is  not  as  significant  at 
0.8  of  the  semispan  and  more  shifted  to  the  inner  part  of  the  wing.  This  is  caused  by  the  taper  ratio 

which  increases  the  effectiveness  at  the  inner  part  and  decreases  it  at  the  outer  part.  Due  to  the  sweep- 

back  effect  on  the  other  hand,  which  increases  the  local  lift  coefficient  at  the  outer  wing  again,  this  is 

compensated  and  leads  to  the  flatter  curve.  An  examination  of  these  results  shows  that  the  optimum  span- 

wise  position  for  the  maximum  rolling  moment  lies  between  60  %  and  80  %  of  the  semispan,  fig.  11. 

The  chordwise  extension  evaluation,  fig.  12,  showed  a  nearly  proportional  relation  to  the  chord  length 
which  proves  the  assumption,  that  the  spoiler  effectiveness  is  depending  linearly  on  the  projected  area 
vertical  to  the  direction  of  the  airflow. 

The  effectiveness  of  the  one  by  one  combined  segment  spoilers,  fig.  13,  shows  that  there  nearly  is  the  ex¬ 
pected  and  required  linearity  of  the  effectiveness  for  full  deflection  of  the  segment  spoilers.  Fig.  14 
gives  a  comparison  of  the  wellknown  theoretical  method  /3/  for  the  estimation  of  the  spoiler  effectiveness 
with  the  windtunnel  results.  Although  the  measured  effectiveness  is  lower  a  nearly  linear  relation  between 
the  rolling  moment  coefficient  and  the  projected  spoiler  area  multiplied  with  the  spoiler  location  can  be 
seen. 


A  very  important  aspect  of  the  problem  using  spoilers  as  roll  control  devices  is  illustrated  by  fig.  15, 
which  shows  the  influence  of  the  angle  of  attack  on  the  effectiveness  of  the  combined  segment  spoilers. 
Especially  at  the  flaps-down  configuration  the  effectiveness  beyond  the  angle  of  attack  for  maximum  lift 
is  decreased  suddenly  and  significantly.  As  shown  by  the  2-dimensional  WT-measurements  this  break  down  of 
the  effectiveness  in  the  wing  stall  angle  of  attack  region  is  mainly  caused  by  a  superimposed  rolling  mo¬ 
ment,  which  is  produced  by  a  spoiler  induced  unsymetrical  stall  of  both  wing  parts.  Due  to  the  spoiler 
deflection  this  part  of  the  wing  stalls  some  few  angles  of  attack  later  and  the  so  produced  rolling 
moment  is  adverse  to  the  primary  commanded  by  the  roll  control. 

The  remaining  effectiveness  can  be  increased  in  the  landing  flaps  down  configuration  by  the  use  of  a  flap- 
roof  spoiler  system  (Spoiler  type  II  of  the  DFVLR-2-dimensional  measurements),  which  was  not  used  for 
these  measurements.  The  technical  realization  of  this  spoiler  type  seems  to  be  too  complicated  for  the 
envisaged  test  aircraft. 

Nevertheless  the  clarification  of  the  high  angle  of  attack  problem  is  one  of  the  purposes  of  the  provided 
flight  test  program,  which  should  be  realized  by  a  two-seater  fighter  aircraft,  where  one  cockpit  station 
will  remain  connected  to  the  usual  aileron  roll  control  for  safety  reasons.  There  are  some  existing  air¬ 
craft  which  are  flying  by  a  pure  spoiler-roll  control.  This  fact  indicates  that  there  are  possibilities 
to  avoid  a  strong  loss  in  spoiler  effectiveness  at  high  angles  of  attack,  perhaps  by  favourable  Reynolds 
number  effects.  The  aileron  roll  control  is  also  decreased  at  high  angles  of  attack, therefore  a  comparison 
in  flight  seems  to  be  of  large  interest  and  importance. 


4.  SECONDARY  EFFECTS 

4.1  Yawing  moment 

The  proverse  yawing  moment  of  a  spoiler  roll  control  is  one  of  the  significant  advantages  of  this  control 
system.  This  tendency  remains  valid  up  to  high  angles  of  attack  where  the  aileron  type  roll  control  pro¬ 
duces  already  adverse  yaw. 

Fig.  16  shows  the  windtunnel  values  for  two  angles  of  attack  and  flap  settings.  If  this  secondary  yawing 
moment  is  not  compensated  by  an  adequate  rudder  input,  the  resulting  side  slip  angle  will  support  the  roll 
control  via  the  rolling  moment  due  to  side  slip.  But  even  if  this  yawing  moment  is  compensated  by  a  rudder- 
input,  the  rudder  rolling  moment  will  support  the  roll  control,  too. 


4.2  Pitching  moment 

The  shape  of  the  secondary  pitching  moment  which  occurs  by  deflecting  the  combined  segment  spoilers  is 
given  in  fig.  17.  As  can  be  seen,  there  is  a  significant  influence  of  the  flap  setting  and  the  reference 
lift  coefficient.  Whereas  the  outer  parts  of  the  combined  spoiler  produce  nose-up  pitching  moments  the 
inner  parts  are  giving  nose-down  contributions. 

This  can  be  explained  for  the  outer  spoilers  by  a  combined  effect  of  an  increased  down-wash,  which  increa¬ 
ses  the  nose-up  moment  of  the  horizontal  stabilizer  and  a  negative  lift  at  the  spoiler  wing  position,  which 
is  normally  and  in  this  case  aft  of  the  moment  reference  point.  In  the  case  of  the  inner  spoilers  it  is 
just  the  contrary:  the  additional  negative  lift  is  near  or  in  front  of  the  moment  reference  point  and  as 
the  main  effect  the  down-wash  at  the  horizontal  stabilizer  is  reduced,  which  both  leads  towards  an  addi¬ 
tional  nose-down  pitching  moment. 

It  was  one  of  the  aims  of  the  simulation  campaign  to  find  out  the  acceptable  values  of  these  secondary 
pitching  moments.  The  results  are  depending  on  the  flight  condition  and  the  fact,  whether  a  pitch  damper 
system  was  engaged  or  not.  The  presented  values  are  within  the  limits  without  pitch  damper.  Only  the  upper 
trace  for  a  flap  setting  of  32°  and  a  lift  coefficient  of  0.4  are  beyond  these  acceptable  values  for 
medium  segment  spoiler  deflections. 

But  even  this  doesn’t  lead  to  problems,  as  this  case  is  an  unrealistic  one  from  a  flight  mechanical  point 
of  view:  the  lift  coefficient  is  too  low  for  this  flap  setting  of  32°  landing  flaps  and  20°  aileron  pre¬ 
setting.  Furthermore  there  are  some  possibilities  to  overcome  these  problems  by  using  small  pitch  compen¬ 
sation  spoilers  at  the  inner  wing,  changing  the  spoiler  configuration  in  a  proper  manner  or  finally  using 
a  pitch  damping  system,  which  is  already  available  for  the  provided  test  aircraft  Fiat  G-91. 


4.3  Lift  and  Drag 

The  lift  losses  at  full  spoiler  deflections  are  of  course  remarkable  in  comparison  of  the  values  of  an 
aileron  type  roll  control.  Also  the  additional  drag  is  significantly  higher,  see  Tab.  1: 
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4  cl  & cd 

Aileron  j  -  0,02  0,006 

Spoiler  i  -0,26  |  0,04 


Tab.  1  Additional  lift  and  drag  at  full  aileron 
and  apoiler  roll  control  deflection 


Though  these  differences  are  high,  the  practical  consequences  are  nearly  negligible.  Full  roll  control  in¬ 
puts  are  used  only  for  very  small  time  intervals,  therefore  no  significant  changes  in  flight  path  angle 
will  occur  due  to  the  lift  losses.  The  effects  of  the  additional  drag  on  fuel  consumption  or  average  crui¬ 
sing  speed  can  also  be  neglected,  as  can  be  followed  by  a  statistical  flight  test  evaluation  of  the  ave¬ 
rage  used  aileron  deflections  during  some  typical  Alpha-Jet  test  flights.  The  values  are  0.12°  average  of 
the  used  aileron  deflection  during  a  normal  flight  with  little  maneuvering  and  0.760  f0r  a  test  flight 
where  among  other  points  the  roll  control  itself  was  tested. 


5.  PRACTICAL  APPLICATION 

The  possibilities  and  the  practicability  of  digital  roll  control  with  the  aid  of  segment  spoilers  is  pro¬ 
vided  to  be  demonstrated  in  flight  test  by  a  Fiat  G-91  T3,  two  seater  jet  aircraft.  The  arrangement  of  the 
set  of  spoilers  for  this  aircraft  is  shown  in  fig.  18. 

This  year  high  and  low  speed  windtunnel  measurements  are  done  at  the  DFVLR  Gottingen  with  a  high  speed 
model  loaned  from  Aeritalia.  By  these  tests  especially  the  secondary  effects  for  the  G-91  shall  be  examined. 
Furthermore  it  will  be  decided  from  the  measured  effectiveness  whether  the  spoiler  Nr.  6  will  be  necessary 
or  not. 

The  single  spoilers  will  be  actuated  by  a  digital  electro-hydraulic  actuator,  fig.  19.  This  device  provides 
two  intermediate  positions  between  zero  and  maximum  deflection.  One  position  is  realized  by  the  travel  of 
piston  1,  the  next  by  the  travel  of  piston  2  and  the  maximum  deflection  by  the  sum  of  travel  of  both 
pistons. 

If  the  design  studies,  which  are  performed  now,  lead  to  the  finding,  that  a  flight  test  program  can  be 
realized  with  low  technical  risk  and  a  finite  amount  of  money  there  is  the  chance  to  go  into  the  flight 
testing  in  1982. 
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THE  YC-14  UPPER  SURFACE  BLOWN  FLAP:  A  UNIQUE  CONTROL  SURFACE 


Alan  H.  Lee 

Manager,  C-14  Flight  Control  Technology 
Boeing  Aerospace  Company 
Box  3999 

Seattle,  Washington,  U.S.  A.  98124 


Several  versions  of  powered-lift  technology  have  been  applied  to  STOL  aircraft  in  the 
past  decade.  One  of  these  aircraft,  the  Boeing  YC-14,  can  be  controlled  during  STOL 
landings  using  conventional  pilot  techniques.  That  capability  stems  from  the  use  of 
its  upper  surface  blown  (USB)  flaps  as  control  surfaces.  The  USB  flaps  are  used  to 
help  control  aircraft  lift  and  airspeed.  They  are  positioned  automatically  by  the 
flight  control  system  to  eliminate  undesired  lift  changes  caused  by  thrust  changes  or 
external  disturbances  and  to  work  with  the  autothrottle  to  attain  and  hold  a  selected 
airspeed. 

USB  flaps  are  ideally  suited  as  control  surfaces.  Their  aerodynamic  characteristics  are 
orderly  and  predictable.  Actuator  sizes  are  reasonable  since  the  flaps  are  relatively 
small  and  can  be  installed  so  their  resultant  forces  act  near  the  hinge  line.  Large  lift 
increments  can  be  developed  by  efficient  engine  exhaust  turning  and  induced  super¬ 
circulation.  When  deflected  at  large  angles,  incremental  USB  flap  deflections  princi¬ 
pally  affect  drag. 

By  controlling  engine  throttles  and  USB  flaps  together  in  a  predetermined  manner,  engine 
thrust  and  USB  flap  position  changes  can  produce  forces  to  accelerate  the  aircraft 
tangential  or  normal  to  the  flight  path  as  desired.  The  result  is  a  powered-lift,  STOL 
aircraft  that  can  be  controlled  to  precise  STOL  landings  by  pilots  using  the  same  con¬ 
ventional  control  techniques  they  use  for  other  aircraft. 


NOTATION 


drag  coefficient,  D/qS 
lift  coefficient,  L/qS 
gross  thrust  coefficient,  TG/aS 


externally  blown  flap 


National  Aeronautics  and  Space  Administration 
dynamic  pressure 
wing  area 

short  takeoff  and  landing 
gross  thrust 
upper  surface  blown 
velocity,  airspeed 

acceleration  normal  to  the  flight  path 
acceleration  tangential  to  the  flight  path 
weight 

wing  angle  of  attack 
flight  path  angle 
incremental 
USB  flap  annle 
pitch  attitude 


1.0  INTRODUCTION 


The  application  of  powered-lift  technology  to  short  takeoff  and  landing  (STOL)  aircraft 
with  jet  engines  has  received  considerable  attention  daring  the  1970's.  Methods  of  pro¬ 
ducing  powered  lift  included  augmentor  wing  flaps,  externally  blown  flaps,  and  upper 
surface  blown  flaps.  Of  four  representative  STOL  aircraft,  one,  the  Boeing/USAF  YC-14, 
can  be  controlled  throughout  its  flight  envelope,  including  STOL  landings,  using  con¬ 
ventional  control  techniques. 

May  1972  saw  the  first  flight  of  a  National  Aeronautics  and  Space  Administration  (NASA) 
STOL  research  aircraft  using  augmentor  wing  flaps.  It  was  developed  for  NASA  by  Boeing 
through  modification  of  a  Canada  DHC-5  Buffalo  airplane.  The  flaps  are  blown  intern¬ 
ally  by  the  cold  bypass  flow  from  two  Rolls  Royce  Spey  engines.  The  aircraft  is  being 
used  by  NASA  in  research  on  STOL  operation. 

In  1972,  the  United  States  Air  Force  issued  a  reouest  for  proposal  for  prototypes 
of  advanced  medium  STOL  transport  (AMST)  aircraft.  The  winners  of  the  competition 
were  the  Boeing  YC-14  and  the  McDonnell  Douglas  YC-15.  The  YC-15,  using  externally 
blown  flap  (EBF)  technology  that  had  been  developed  extensively  by  NASA  during  previous 
years,  flew  first  during  August  1975.  Boeing  selected  the  newer,  upper  surface  blown 
flap  (USB1  technology.  The  additional  time  required  to  develop  it  for  aircraft  appli¬ 
cation  delayed  the  YC-14's  first  flight  until  August  1976. 

One  NASA  program  involves  research  leading  to  quiet,  jet-powered  STOL  aircraft.  As 
part  of  the  program,  another  Canada  DHC-5  Buffalo  airplane  was  modified  by  Boeing 
to  become  NASA's  Quiet  STOL  Research  Aircraft  (QSRA) .  The  QSRA  takes  advantage  of 
the  inherent  noise  reduction  of  over-the-wing  engine  installation  and  USB  flap 
powered-lift  technology.  Powered  by  four  engines,  it  first  flew  during  July  1978. 

Each  of  these  aircraft  demonstrated  the  ability  to  take  off  and  land  on  very  short 
runways.  The  two  AMST  aircraft  also  demonstrated  the  ability  to  cruise  at  the  high 
airspeeds  associated  with  jet  aircraft.  The  two  NASA  research  aircraft  were  restricted 
by  their  missions  to  low-speed  operation. 

Only  the  YC-14  allows  the  pilot  to  use  conventional  control  technicrues  during  STOL 
landings.  With  the  other  aircraft,  the  pilot  must  reverse  the  usual  roles  of  elevator 
and  engine  controls  and  use  what  is  called  "backside  control."  Instead  of  usinq  the 
elevator  to  control  glide  path  and  the  engines  to  control  airspeed,  the  pilot  uses 
the  throttles  to  control  glide  path  and  the  control  column  to  control  airspeed.  Two 
factors  are  responsible  for  this  control  technioue  reauirement: 

1.  By  intentional  design,  thrust  changes  cause  lift  changes  on  powered  lift  aircraft. 
Thrust  changes  can  cause  more  acceleration  normal  to  the  fliqht  path  than  tan¬ 
gential  to  it. 

2.  Powered  lift  STOL  aircraft  approach  at  high  lift  coefficients.  The  use  of  the 
control  column  to  control  flight  path  can  cause  an  instability  because  of  "back¬ 
side"  effects. 

With  the  mission  requirements  of  the  AMST  aircraft,  it  was  decided  at  Boeing  that  the 
pilot  should  be  able  to  use  the  same  control  technique  during  all  phases  of  the  mission. 
This  was  considered  especially  important  during  landing.  This  paper  describes  experience 
using  the  USB  flap  as  a  control  surface  to  achieve  that  objective. 

2.0  YC-14  CONFIGURATION 

The  most  notable  feature  of  the  YC-14  configuration,  shown  in  figure  1,  is  the  engine 
location  over  the  wing  and  close  to  the  fuselage.  Engine  exhaust  from  two  General 
Electric  CF-6  engines  is  turned  by  USB  flaps  to  produce  powered  lift.  The  inboard 
location  of  the  engines  minimizes  performance  losses  that  result  from  trim  draq  when 
one  engine  is  inoperative.  Double-slotted  flaps  are  used  between  the  USB  flap  and  the 
ailerons.  Variable  camber  Krueger  leading  edge  flaps  and  leading  edge  boundary  layer 
control  keep  flow  attached  to  high  angles  of  attack.  The  unswept  wing  was  selected  to 
reduce  production  costs.  Advanced  technology  airfoil  sections  enable  jet  airplane 
cruise  speeds  and  reduce  airplane  weight.  Powerful  control  surfaces  provide  desirable 
response  to  control  commands  at  the  low  airspeeds  associated  with  STOL  operation. 

Flight  control  surfaces  of  the  YC-14  are  shown  in  figure  2.  The  surfaces  are  relatively 
large  and  powerful  to  provide  prompt  aircraft  response  to  pilot  commands.  The  USB 
flap,  which  is  used  as  a  full-time  control  surface  during  STOL  landings,  is  controlled 
electrically  by  the  flight  control  system.  its  position  can  be  varied  from  retracted 
to  70  degrees  down. 

3.0  UPPER  SURFACE  BLOWN  FLAP 

A  profile  of  the  USB  flap  installation  is  shown  in  figure  3.  Flow  from  the  fan  bypass 
and  the  central  core  is  mixed  internally  and  exhausted  over  the  flap.  During  normal 
operation,  the  USB  flap  surface  is  sealed  to  prevent  leakage  from  the  upper  surface. 

Low  pressure  developed  by  the  Coanda  effect,  the  tendency  of  jet  flow  grazing  a  convex 
surface  to  remain  attached  to  the  surface,  turns  the  engine  exhaust  flow  and  produces 
lift.  The  exhaust  spreads  outward  as  shown  in  figure  4  and  entraps  additional  air 
external  to  the  engines.  This  in  turn  causes  supercirculation  on  the  wing  and  produces 
a  substantial  amount  of  lift  in  addition  to  that  gained  from  turning  engine  thrust. 
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Figure  1.  VC-14  Configuration 


Figure  2.  Flight  Control  Surfaces 


Figure  3.  Overwing  Engine  Installation  Figure  4.  Airflow  Over  USB  Flap 


One  measure  of  powered-lift  efficiency  is  its  ability  to  develop  lift  while  minimizing 
propelling  thrust  losses.  The  USB  flap  has  been  found  to  be  more  efficient  than  the 
externally  blown  flap  (EBF )  during  static  tests,  as  shown  in  figure  5.  Reasons 
suggested  for  the  USB  flap's  advantage  are  less  surface  wetted  by  the  jet,  the  absence 
of  slots,  and  elimination  of  the  underwing  reentrant  corner,  which  tends  to  cause 
unwanted  spanwise  flow.  Although  good  flow  turning  during  static  conditions  is  nec¬ 
essary  for  efficient  powered  lift,  it  is  not  sufficient.  Careful  attention  must  be 
given  to  the  engine  exhaust  nozzle  and  flap  design  to  make  the  exhaust  turn  through 
large  angles  in  the  presence  of  slipstream  effects.  Some  important  parameters  are  jet 
thickness  and  flap  radius.  The  effects  of  these  parameters  on  the  ability  of  flow  to 
remain  attached  to  the  flap  in  the  presence  of  external  flow  with  an  airspeed  similar 
to  that  of  the  YC-14  during  landing  approach  are  presented  in  figure  6.  As  shown,  a 
large  flap  radius  and  a  thin  jet  allow  the  use  of  larger  flap  angles.  The  section 
lift  coefficients  at  the  largest  effective  flap  angles  for  specified  ratios  of  flap 
radius  to  jet  thickness  are  presented  in  figure  7.  Lift  coefficients  increase  as  flap 
radius  is  increased  and  jet  thickness  is  decreased.  If  flap  deflection  is  limited, 
lift  coefficient  increases  as  the  ratio  of  flap  radius  to  jet  thickness  decreases  until 
a  limiting  condition  is  reached  where  the  flow  separates  from  the  flap.  More  informa¬ 
tion  on  this  subject  is  presented  in  reference  1. 

Flow  must  be  turned  over  the  largest  practical  angle  to  enable  landing  approach  at 
steeper  than  normal  flight  path  angles.  Lift  must  be  developed,  but  thrust  force  along 
the  drag  vector  must  be  minimized.  The  shape  of  the  nozzle  has  a  substantial  influence 
on  the  alignment  of  the  resultant  force.  Figure  8  presents  the  influence  of  nozzle 
aspect  ratio  on  lift  and  drag  forces.  Aspect  ratio  is  defined  as  the  effective  nozzle 
area  divided  by  the  souare  of  the  nozzle  centerline  height.  As  shown,  increasing 
aspect  ratio  enchances  powered-lift  production  with  little  effect  on  force  in  the  drag 
direction. 

Similar  data,  including  other  parameters,  were  used  during  the  design  of  the  YC-14  USB 
flap  and  engine  exhaust  nozzle.  If  low-speed  operation  were  the  only  consideration,  a 
high-aspect-ratio  nozzle  could  be  used  to  provide  a  thin  jet.  However,  at  cruise 
speeds,  drag  caused  by  the  large  boattail  angle  of  the  nozzle  and  scrubbing  on  the  wing 
surface  would  be  unacceptable.  A  satisfactory  compromise  was  attained  by  locating  a 
door  on  the  outboard  side  of  the  nozzle  that  opens  when  wing  flaps  are  extended. 

This  feature  helped  provide  the  thin  jet  desired  at  low  speeds  while  minimizing  the 
cruise  drag  penalty.  In  addition,  retractable  vortex  generators  were  installed  on  the 
USB  flaps,  as  shown  in  figure  9,  to  improve  'low  turning. 

Very  good  STOL  performance  with  one  engine  inoperative  was  a  Boeing- imposed  design 
requirement  for  the  YC-14.  The  USB  flap  was  built  \  two  chordwise  segments  to  help 
attain  that  requirement.  During  normal  operation,  he  flap  segments  touch  to  make  a 
smooth,  sealed  contour.  When  an  engine  is  inoperative,  the  chordwise  segments  separate 
to  open  a  slot  and  improve  performance  of  the  US  ,  flap  behind  the  inoperative  engine. 
The  other  USB  flap  continues  to  function  normally. 
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Figure  5.  Powered  Lift  Efficiency 
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Figure  7.  Lift  at  Limiting  Flap  Angie 


Figure  8.  Effect  of  Nozzle  Aspect  Ratio  on  Forces 


VORTEX  GENERATORS 


Figure  9.  USB  Flap  Vortex  Generators 


Its  size  and  the  nature  of  the  forces  acting  on  the  USB  flap  enchance  its  use  as  a 
control  surface.  Each  of  the  two  USB  flaps  on  the  YC-14  has  a  span  of  17  feet.  The 
line  oE  action  of  the  resultant  forces  acting  on  the  flap  passes  close  to  the  flap 
pivot.  As  a  result,  relatively  small  hydraulic  actuators  can  be  used  to  provide  USB 
flap  deflection  rates  that  are  compatible  with  the  control  surface  function. 

4.0  CONTROL  OF  TYPICAL  POWERED-LIFT  STOL  AIRCRAFT 

Before  describing  the  use  of  the  USB  flap  as  a  control  surface  on  the  YC-14,  flight 
path  and  airspeed  control  of  a  typical  STOL  aircraft  are  discussed.  The  YC-14  with 
its  USB  flaps  maintained  at  a  constant  position  will  be  used  as  the  example,  although 
a  fixed  USB  flap  position  is  not  typical  of  YC-14  operation. 

4.1  Lift  and  Drag  Characteristics 

Since  flight  path  angle  and  airspeed  are  the  controlled  parameters  discussed  herein, 
aerodynamic  characteristics  shown  are  limited  to  lift  and  drag.  They  are  presented 
in  figure  10  for  the  STOL  landing  configuration  with  the  USB  flaps  positioned  at  60 
degrees.  YC-14  capability  is  slightly  better  than  shown  since  the  flaps  can  be 
deflected  to  70  deqrees.  The  data  were  obtained  from  a  wind-tunnel  test  with  thrust  on 
balance.  A  drawing  of  a  model  installed  in  the  tunnel  is  shown  in  figure  11. 

Compressed  air  is  brought  into  the  model  through  the  sting  and  across  the  internal 
balance  within  the  model.  It  is  then  ducted  to  the  nacelles  and  exhausted  through  a 
series  of  choke  plates  to  duplicate  engine  thrust.  Engine  exhaust  scrubbing  drag  is 
included  in  the  data. 


Figure  to.  Aerodynamic  Characteristics  With  USB  Flap  Figure  11.  High-Lift  Powered  Model  in  Boeing-Vertol 

at  60  Degrees  20-by  20-ft  V/STOL  Wind  Tunnel 


As  shown  in  figure  10,  very  high  lift  coefficients  are  developed.  Lift  continues  to 
increase  with  the  gross  thrust  coefficient,  Cj  but  its  use  is  limited  since  the  air¬ 
craft  must  be  designed  to  operate  safely  with  one  engine  inoperative.  Much  of  the  lift 
is  induced  through  supercirculation  effects.  A  cross-plot  of  incremental  lift  and  drag 
coefficients  with  Cj  at  the  YC-14  STOL  landing  approach  angle  of  attack,  8  degrees,  is 
presented  in  figure  12. 

With  the  data  in  figure  10,  thrust  required  for  stabilized  flight  can  be  determined 
as  a  function  of  airspeed,  as  shown  in  figure  13,  for  the  YC-14  during  STOL  landing 
approach.  As  can  be  seen,  increased  thrust  is  required  for  stabilized  flight  when 
airspeed  is  decreased.  This  characteristic  is  sometimes  described  as  operation  on  the 
back  side  of  the  speed-thrust  curve. 


airefeed  (knots) 


Figure  12.  Effect  of  Thrust  on  Aerodynamic  Characteristics  Figure  13.  Thrust  Required  During  STOL  Landing  Approach 

4.2  Response  to  Pilot  Commands 

Insight  to  the  controllability  of  typical  STOL  aircraft  can  be  gained  by  observing  the 
response  of  the  YC-14  to  control  commands  .when  its  USB  flaps  are  fixed  at  60  degrees. 
Figure  14  shows  aircraft  response  to  a  control  column  force.  The  control  and  stability 
augmentation  system  (CSAS)  provides  pitch  rate  response  to  the  column  force  and  holds 
pitch  attitude  when  the  force  is  released.  As  shown  in  figure  14,  a  flight  path  angle 
increase  initially  accompanies  the  pitch  attitude  increase.  Airspeed  decreases  when 
the  flight  path  angle  increases,  and,  because  of  the  "backside"  characteristics  of  the 
aircraft,  the  flight  path  angle  subsequently  decreases.  The  aircraft  stabilizes  with  a 
pitch  attitude  increase  of  7  degrees,  an  airspeed  loss  of  13  knots,  and  a  flight  path 
decrease  of  1  degree. 


The  aircraft's  response  to  a  66%  thrust  increase  with  the  USB  flaps  fixed  at  60  degrees 
is  presented  in  figure  15.  Airspeed  increases  slowly  from  90  to  92.5  knots.  Flight 
path  increases  more  rapidly  from  -6.0  to  -1.5  degrees.  It  is  apparent  that  throttle  is 
a  much  better  controller  of  flight  path  than  of  airspeed  just  as  column  force  was  shown 
to  have  more  effect  on  airspeed  than  on  flight  path  angle.  If  pitch  attitude  had  been 
held  tighter  during  the  thrust  increase  of  figure  15,  the  effect  would  have  been  even 
more  dramatic.  The  responses  in  figures  14  and  15  demonstrate  clearly  why  a  pilot  uses 
the  unconventional  backside  control  technique  with  typical  powered-lift,  STOL  aircraft. 
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Figure  14.  Response  to  Column  Force.  ijSB  "  60  Degrees 


Figure  IS.  Response  to  Thrust  Increese,  6(jSB  “  Degrees 


5.0  THE  USB  FLAP  AS  A  CONTROL  SURFACE 


fl¬ 


ouring  STOL  landings,  the  YC-14  does  not  operate  like  the  typical  STOL  aircraft  described 
in  Section  4.  With  the  YC-14,  the  USB  flaps  function  as  full-time  control  surfaces  with 
their  positions  commanded  automatically  by  the  flight  control  system. 


5.1  Lift  and  Drag  Characteristics 


Incremental  contributions  of  USB  flap  position  and  thrust  to  lift  and  drag  are  presented 
in  figure  16  for  the  nominal  STOL  landing  approach  angle  of  attack,  8  degrees.  The  USB 
flaps  contribute  modestly  to  lift  when  thrust  is  zero.  At  an  8  degree  angle  of  attack 
and  zero  thrust,  USB  flaps  deflected  60  degrees  add  a  ACL  of  0.4  to  the  base  value  of 
CL  =  1.75  with  USB  flaps  retracted.  The  60-degree/USB  flap  deflection  adds  0.12  to 


Even  with  the  USB  flaps  retracted,  the  application  of  takeoff  rated  thrust  (Cj  =  1.75) 
during  STOL  landing  approach  adds  an  incremental  Cl  of  1.2.  That  substantial  lift  is 
developed  by  turning  the  engine  exhaust  over  the  upper  surface  contour  of  the  wing. 
With  the  USB  flaps  positioned  at  60  degrees,  takeoff  thrust  adds  a  ACl  of  2.6.  The 
lift  addition  is  6.5  times  the  incremental  lift  provided  by  the  USB  flaps  when  thrust 
is  zero. 


The  contribution  of  thrust  force  along  the  flight  path  is  indicated  by  changes  in  drag 
coefficient.  The  effect  of  thrust  on  drag  decreases  as  the  USB  flaps  are  deflected. 

At  the  trimmed  thrust  for  nominal  STOL  landing  approach,  Cj  =  0.68,  powered  lift  contri 
butes  about  2.0  to  lift  coefficient  and  very  little  to  drag. 

To  use  the  USB  flaps  as  control  surfaces,  data  similar  to  that  shown  in  figure  16  must 
be  developed  for  all  operational  angles  of  attack.  The  characteristics  remain  orderly 


even  up  to  the  angle  of  attack  for  minimum 
and  drag,  too  small  to  be  significant  with 
generators  deploy.  As  shown  in  figure  17, 
flap  angles  to  maximize  thrust  force  along 
ions,  vortex  generator  deployment  improves 
and  drag.  The  small  discontinuities  shown 

USB  fLAP  DEFLECTION 
(DEGREES) 


Figure  16.  Effect  of  USB  Flap  Deflection  on 
Aerodynamic  Characteristics 


airspeed.  A  small  discontinuity  in  lift 
the  scales  of  figure  16,  occurs  when  vortex 
vortex  generators  are  retracted  at  small  USB 
the  flight  path.  At  high  USB  flap  deflect- 
flow  turning,  as  evidenced  by  increased  lift 
not  objectionable  to  the  pilot. 

•C.-U>  USB  FLAP  DEFLECTION 
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Figure  17.  Effect  of  Vortex  Generators 
on  Lift  and  Drag 


5.2  Thrust  Force  Decoupling 

Acceleration  is  the  initial  reaction  of  the  aircraft  to  a  thrust  change  or  USB  flap 
position  change.  The  acceleration  may  be  resolved  into  components  tangential  and 
normal  to  the  flight  path  as  presented  in  figure  18.  The  flight  condition  represented 
is  the  nominal  STOL  landing  condition  of  the  YC-14.  The  data  in  figure  18  assume  that 
the  flight  control  system  holds  attitude  perfectly  as  thrust  or  USB  flap  position 
varies.  Actually,  the  pitching  moment  produced  does  change  pitch  attitude  slightly, 
as  is  shown  later. 

As  shown  in  figure  18,  the  YC-14  is  in  equilibrium  with  the  USB  flaps  at  58  degrees 
and  the  engines  at  39  percent  takeoff  rated  thrust.  If  the  USB  flaps  are  suddenly 
retracted  to  zero  degrees  with  no  change  in  thrust,  the  aircraft  accelerates  positively 
about  5.5  ft/sec2  along  the  flight  path  and  about  12  ft/sec2  downward  normal  to  the 
flight  path.  The  sudden  application  of  full  thrust  accelerates  the  aircraft  only  3 
ft/sec2  tangential  to  the  flight  path,  and  10  ft/sec2  normal  to  it. 

Pure  accelerations  tangential  or  normal  to  the  flight  path  can  be  achieved  if  thrust 
and  USB  flap  position  are  changed  together  according  to  the  schedules  indicated  along 
the  figure  axes.  A  pure  acceleration  of  11.1  ft/sec2  along  the  flight  path  can  be 
attained  by  increasing  thrust  to  100  percent  and  retracting  the  USB  flaps  to  15  degrees. 
Conversely,  a  pure  acceleration  of  7.7  ft/sec2  normal  to  the  flight  path  can  be 
attained  by  increasing  thrust  to  75  percent  and  positioning  the  USB  flap  at  70  degrees. 

Details  of  control  laws  and  of  thrust  and  lift  decoupling  are  outside  the  scope  of  this 
paper.  However,  the  parameters  and  control  system  gains  have  been  developed  for  the 
YC-14  to  allow  decoupling  and  have  been  implemented  in  the  aircraft's  triplex  digital 
computers.  With  this  implementation,  the  pilot  is  able  to  direct  the  aircraft  to  the 
desired  landing  spot  by  applying  force  to  the  control  column.  Airspeed  is  held  auto¬ 
matically.  If  the  pilot  wishes  to  change  airspeed  while  transitioning  to  a  landing, 

t 


he  selects  the  desired  airspeed  by  turning  a  knob  on  the  control  and  display  panel  as 
described  in  reference  2.  Thus  "backside”  and  thrust  and  lift  coupling  effects  are  ^ 
eliminated,  allowing  the  pilot  to  use  the  same  control  techniques  during  STOL  landings 
that  he  uses  during  other  flight  conditions  and  with  other  aircraft. 

5.3  Response  to  Pilot  Commands 

The  result  of  decoupling  thrust  and  lift  on  the  YC-14  response  to  a  control  column 
force  is  presented  in  figure  19.  As  shown,  pitch  attitude  and  flight  path  angle  respond 
promptly.  Airspeed  decreases  momentarily  from  89  to  87  knots  and  regains  its  initial 
value  within  a  few  seconds.  Thrust  increase  and  USB  flaps  retract  to  direct  increased 
force  along  the  flight  path.  Equilibrium  is  then  attained  in  the  example  shown  with  a 
flight  path  angle  increase  of  6  degrees,  a  thrust  increase  of  12,000  pounds  and  a 
reduction  in  USB  flap  angle  of  24  degrees. 
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Figure  18.  Effect  of  Thrust  and  USB  Flap  Position 
on  Airplane  Acceleration 


Figure  19.  YC- 14  Response  to  Column  Force 


Aircraft  response  to  a  selected  10-knot  increase  in  airspeed  is  presented  in  figure  20. 

As  shown,  pitch  attitude  remains  constant  at  1.5  degrees.  The  flight  path  angle,  with 
no  pitch  commands  by  the  pilot,  increases  1.5  degrees  and  then  resumes  its  initial  value. 
Airspeed  increases  smoothly  from  89  to  99  knots,  reaching  90  percent  of  its  change 
within  10  seconds.  Thrust  increases  initially,  accompanied  by  USB  flap  partial  retrac¬ 
tion,  to  direct  more  force  tangential  to  the  flight  path.  Equilibrium  is  reached  at 
the  higher  airspeed  with  a  10,000-pound  thrust  decrease  and  a  22-degree  USB  flap 
angle  decrease. 
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Figure  20.  YC- 14  Response  to  Speed  Commend 


6.0  FLIGHT  TEST  EXPERIENCE 

The  USB  flaps  functioned  as  expected  during  flight  tests.  The  aircraft  responded 
promptly  and  smoothly  to  conventional  control  commands.  The  only  aerodynamic  surprise 
was  the  equilibrium  position  of  the  USB  flap  during  a  STOL  landing  approach.  It  was 
deflected  about  10  degrees  less  than  predicted  from  wind-tunnel  data  and  flight  simula¬ 
tor  analyses.  Prototype  program  austerity  and  the  absence  of  any  effect  on  performance 
or  flying  qualities  did  not  allow  the  time  to  determine  the  cause.  Powered-lift  predic¬ 
tions  were  met  or  exceeded  as  verified  by  minimum  airspeed  tests. 

The  ability  to  control  the  aircraft  using  conventional  piloting  techniques  enabled  pre¬ 
cision  STOL  landings  even  by  pilots  without  STOL  experience.  An  example  of  that  preci¬ 
sion  is  presented  in  table  1,  a  record  of  a  flight  test  in  which  pilots  were  asxed  to 
touch  down  on  a  line  drawn  across  the  runway.  As  shown,  a  pilot  without  previous  STOL 
landing  experience  missed  the  touchdown  aim  point  by  an  average  of  only  77  feet  in  nine 
landings.  His  greatest  miss  was  only  125  feet  beyond  the  aim  point.  A  pilot  who  had 
made  several  STOL  landings  during  earlier  flights  missed  the  aim  point  by  an  average  of 
only  34.5  feet  in  eight  landings.  His  greatest  miss  distance  was  75  feet. 
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Notes: 

1.  Test  Plan  52-1.  APL  72-01873. 
8  March  1977 

2.  Touchdown  aiming  point  panels 
did  not  contrast  well  with 
surroundings 

3.  Oispersion  measured  with  a  tape 

line 


Table  1.  Small  Touchdown  Dispersions  During  Initial  STOL  Operation 


During  a  European  and  United  States  tour  of  the  YC-14  in  conjunction  with  the  Paris  Air 
Show  in  June  1977,  54  guest  pilots  flew  the  aircraft.  All  pilots  adapted  readily  to  the 
airplane  and  made  STOL  takeoffs  and  landings  during  their  first  flight. 

The  desired  good  performance  with  an  engine  inoperative  was  achieved.  Although  powered 
lift  behind  the  failed  engine  is  reduced  substantially  and  only  one  USB  flap  is  used  in 
the  control  mode,  the  pilots  reported  the  airplane  easy  to  fly  using  natural  control 
reactions.  The  aircraft  transient  following  an  engine  failure  is  very  mild.  Additional 
information  is  presented  in  references  2  and  3. 

7.0  CONCLUSIONS 

Aerodynamic  and  physical  characteristics  of  USB  flaps  make  them  excellent  control  sur¬ 
faces.  Tney  are  used  on  the  YC-14  to  decouple  thrust  and  lift  by  commanding  USB  flap 
position  automatically  by  the  flight  control  system.  Their  aerodynamic  contributions 
are  predictable  throughout  the  flight  envelope.  The  application  of  USB  flaps  in  the 
control  mode  produces  an  aircraft  that  can  be  controlled  to  precision  STOL  landings  by 
pilots  with  very  little  special  training. 
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FLAPERON  CONTROL  -  THE  VERSATILE  SURFACE 
FOR  FIGHTER  AIRCRAFT 
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NORTHROP  CORPORATION  " 

SUMMARY 

The  versatility  of  a  flaperon  is  presented  for  roll  performance  and  for  several  longitudinal  active  control  modes. 
Particular  emphasis  is  given  to  the  advantages  of  a  segmented  flaperon  over  a  full  span  flaperon  for  a  YF-17-type 
aircraft. 

The  areas  of  ride  smoothing,  direct  lift,  pitch  pointing,  vertical  flight  path  control  and  flight  control  system  reconfig¬ 
uration  are  addressed  for  the  active  longitudinal  control  modes.  The  effect  of  flaperon  pitching  moment  on  the  imple¬ 
mentation  of  these  modes  is  discussed. 

SYMBOLS 

A  -  root  mean  square  acceleration  response,  g's/feet  per  second 
ALT  -  altitude 

Cn  -  coefficient  of  drag  due  to  flaperon  deflection,  per  degree 
U4F 

CT  -  lift  curve  slope,  per  degree 

C.  -  coefficient  of  lift  due  to  flaperon  deflection,  per  degree 
L4F 

Cr  -  coefficient  of  lift  due  to  horizontal  tail  deflection,  per  degree 
L4H 

Cj  -  rolling  moment  coefficient,  nondimens Ional 

C  -  coefficient  of  pitching  moment  due  to  angle  of  attack 
mo 

C  -  coefficient  of  pitching  moment  due  to  flaperon  deflection,  per  degree 
m4F 

C  -  coefficient  of  pitching  moment  due  to  horizontal  tail  deflection,  per  degree 


C  -  yawing  moment  coefficient,  nondimensional 

^  2 
M_  -  Pitching  moment  due  to  flaperon  deflection,  per  second 

*  n 

M„  -  pitching  moment  due  to  horizontal  tail  deflection,  per  second c 
H 

Mq  -  pitching  moment  due  to  pitch  rate,  per  second 

2 

M„  -  pitching  moment  due  to  angle  of  attack,  per  second 

2 

N  -  yawing  moment,  degrees  per  second 
Q  -  arbitrary  pitch  rate,  degrees  per  second 

T .  „(  $2 )  -  Transmisslbility  of  airframe  at  pilot  station,  g-second/feet 
Ax 

V  -  total  aircraft  velocity,  feet  per  second 

Z_  -  angle  of  attack  rate  of  change  due  to  flaperon,  per  second 
F 

ZH  -  angle  of  attack  rate  of  change  due  to  horizontal  tall,  per  second 
Zq  -  angle  of  attack  rate  of  change  due  to  pitch  rate,  nondimensional 
Z0  -  angle  of  attack  rate  of  change  due  to  angle  of  attack,  per  second 

fps  -  feet  per  second  2 

g  -  acceleration  of  gravity,  lg  =  32. 2  ft/sec 

nz  -  vertical  load  factor  of  aircraft  center  of  gravity,  nz  =  1  for  level  flight,  g's 
nzp  -  vertical  load  factor  at  pilot  station,  g's 
q  -  pitch  rate,  degrees  per  second 

2 

q  -  pitch  acceleration,  degrees  per  second 

u  -  aircraft  forward  velocity  with  respect  to  body  axis,  feet  per  second 
w  -  aircraft  vertical  velocity  with  respect  to  body  axis,  feet  per  second  2 

wdot  -  aircraft  vertical  acceleration  with  respect  to  body  axis,  feet  per  second 
w  gust  -  vertical  gust  with  respect  to  aircraft's  body  axis,  feet  per  second 

2 

♦  (12)  -  power  spectral  density  of  turbulence,  (fps)  /hz 
12  -  Frequency,  hz 

-  cutoff  frequency,  (frequency  beyond  which  aeroelastlc  responses  are  no  longer  significant  in  turbulence) 

A  -  Increment  of  (used  as  prefix  for  aerodynamic  terms) 
a  -  angle  of  attack,  degrees 

o-  angle  of  attack  rate  of  change,  degrees  per  second 
4F  -  flaperon  deflection,  degrees 

4H  -  horizontal  tall  deflection,  degrees 

n  ^^ard  *  nondimension  location  of  flaperon  Inboard  edge 

°nzp  “  root  mean  83uare  )°ad  factor  at  pilot  station,  g's 

o  -  root  mean  square  turbulence  level,  feet  per  second 

w-gust 


INTRODUCTION 


With  the  advent  of  the  control  configured  vehicle,  the  early  stages  of  design  for  modern  aircraft  become 
increasingly  influenced  by  the  potential  capabilities  of  the  flight  control  system  design.  Thus,  as  this  article 
demonstrates,  today's  control  development  engineer  must  be  increasingly  aware  of  the  aerodynamic  characteristics 
of  the  aircraft  in  general,  and  control  surfaces  in  particular,  at  an  early  phase  of  development.  This  way,  the 
most  benefit  can  be  derived  from  an  integrated  flight  control  system  design. 

One  of  the  most  demanding  control  surface  design  tasks  is  to  obtain  adequate  roll  power  for  tactical  aircraft. 
Many  approaches  have  been  taken  in  this  area  Including  the  spoiler/aileron  approach  on  the  F-4,  the  elevon 
design  of  the  Swedish  Viggen,  the  full  span  flaperon  rolling  tail  of  the  F-16,  and  the  aileron/rolling  tail  concept 
of  the  YF-17. 

At  this  time,  Northrop  is  performing  an  extensive  investigation  of  flaperon  control  in  an  effort  to  maximize 
the  flaperon's  potential  beyond  the  benefit  of  Increased  roil  power  for  a  YF-17-type  aircraft 

This  paper  represents  some  of  the  preliminary  results  of  an  investigation  that  deals  with  both  the  longitudi¬ 
nal  and  lateral/directional  aspects  of  a  flaperon  system,  including  the  rationale  for  employing  a  segmented  panel 
flaperon  presented  in  Figure  1  rather  than  a  single  panel  flaperon  also  shown  in  Figure  1.  The  use  of  the  seg¬ 
mented  flaperon  is  analogous  to  the  conventional  aileron/flap  configuration  which  is  now  utilized  on  the  YF-17  to 
provide  the  functions  of  roll  and  lift  control.  The  study  presents  several  active  control  modes  which  can  be  real¬ 
ized  with  the  use  of  a  flaperon  and  it  attempts  to  give  some  insight  into  how  the  aerodynamic  characteristics  of 
the  aircraft  in  general,  and  flaperon  configuration  in  particular,  affect  the  employment  of  the  flaperon  for  these 
modes. 


FIGURE  1.  FLAPERON  CONFIGURATIONS 


FOCUS 


Analysis  for  this  study  focused  in  the  transonic  region,  typically  below  an  elevation  of  15, 000  feet.  This 
was  considered  one  of  the  most  critical  for  the  evaluation  of  flaperon  performance  and  the  earliest  available 
flaperon  aerodynamic  data  was  for  this  region.  The  study  addressed  the  potential  application  of  flaperon  control 
in  concert  with  the  horizontal  tail  for  primary  and  auxiliary  modes  of  control  in  the  lateral/directional  and  longi¬ 
tudinal  axes.  The  primary  modes  addressed  were  roll  performance,  maneuvering  flaps  and  longitudinal  ride 
smoothing.  The  auxiliary  modes  considered  were  maneuvering  enhancement,  vertical  flight  path  control,  direct 
lift,  longitudinal  fuselage  pointing  and  reconfiguration  control.  Reconfiguration  control  is  the  ability  to  reconfig¬ 
ure  the  flight  control  system  in  order  to  compensate  for  some  failure  which  has  ocurred  within  the  flight  control 
system. 

ANALYTICAL  TOOLS 


The  primary  tools  for  analysis  consisted  of  three  Continuous  System  Modeling  Program  (CSMP)  models  for 
time-domain  analysis,  where  each  model  incorporated  a  Control  Augmentation  System  (CAS).  A  Control  System 
Analysis  Program  (CSAP)  was  used  where  applicable  for  frequency  domain  analysis  of  the  CSMP  models.  The 
three  CSMP  models  represent:  a  three-degree-of-freedom  lateral/directional  airframe  model,  a  three-degree-of- 
freedom  longitudinal  airframe  model  and,  for  preliminary  analysis,  a  two-degree-of-freedom  longitudinal  model. 
The  two-degree-of-freedom  model  was  used  for  the  study  of  the  auxiliary  modes  where  the  auxiliary  mode  maneu¬ 
vers  rely  on  decoupling  the  short  period  dynamics  of  the  aircraft. 

All  three  CSMP  models  incorporated  rigid  body  aerodynamics  with  corrections  for  aeroelasticity.  The 
aerodynamic  coefficient  buildup  for  the  three  degree  of  freedom  models  utilized  linear  derivatives  for  only  the 
flaperon  data.  The  two  degree  of  freedom  model  however,  utilized  linear  derivatives  exclusively. 


FLAPERON  CONTROL  -  THE  LATERAL  DIRECTIONAL  ASPECTS 
ROLL  PERFORMANCE 


In  the  initial  study  for  increased  roll  performance,  a  single  panel,  full  span  flaperon,  depicted  In  Figure  1, 
was  chosen.  However,  early  into  the  analysis  of  the  full  span  flaperon  it  became  apparent,  as  the  following  discus¬ 
sion  indicates,  that  a  segmented  type  of  flaperon,  also  shown  in  Figure  1 ,  was  the  preferable  configuration. 


As  an  introduction  to  the  discussion  for  the  preference  of  flaperon  configuration  it  is  pertinent  to  consider 
some  of  the  aerodynamic  characteristics  associated  with  the  empennage  of  a  YF-17-type  aircraft.  In  addition  to 
the  leading  edge  extension,  which  plays  no  role  in  this  study,  a  YF-17-type  aircraft  is  typified  by  a  short  coupled 
horizontal  tail  and  toed  in,  canted  out  twin  vertical  tails,  as  indicated  in  Figure  2.  Due  to  the  close  proximity  of 
the  vertical  and  horizontal  tails  to  the  trailing  edge  of  the  wing,  flaperon  deflections  can  have  a  significant  effect 
on  the  downwash  acting  on  the  horizontal  tail  and  the  sidewash  acting  on  the  twin  vertical  tails.  It  is  these  down- 
wash  and  sidewash  effects  which  determine  the  most  effective  flaperon  design  and  in  addition  contribute  to  the 
complexity  of  the  aerodynamics. 


FIGURE  2.  YF-17-TYPE  EMPENNAGE 


SINGLE  PIECE  FLAPERONS 
ROLL  POWER 

For  the  large  span  flaperon,  at  Mach  1. 1,  10, 000  feet,  a  relatively  large  rolling  moment,  typified  by  Fig¬ 
ure  3*,  is  generated  for  a  differential  deflection  of  20  degrees. 
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4C/fo  =  roll  due  to  outboard  flaperon 
4C/V  =  roll  due  to  vertical  interference  effects 
=  roll  due  to  horizontal  interference  effects 
Kg°r  =  outboard  flaperon  flexibility  coefficient 
=  vertical  flexibility  coefficient 
K@ yf  =  horizontal  flexibility  coefficient 

FIGURE  3.  TYPICAL  FLAPERON  LATERAL/DIRECHONAL  COEFFICIENT  BUILDUP 

With  the  Incorporation  of  aeroelastic  effects,  this  value  is  changed  to  a  reversed  rolling  moment  due  to  a 
targe  opposing  rolling  moment  generated  at  the  empennage  and  worsened  by  the  significantly  higher  elastic  to  rigid 
ratios  of  the  empennage  surfaces.  The  major  portion  of  reduced  flaperon  effectiveness  in  the  high  dynamic  pres¬ 
sure  region  can  be  attributed  to  the  flexibility  of  the  wing  Itself. 

The  effect  of  moving  the  Inboard  edge  of  the  flaperon  outward  yielded  a  reduction  in  the  Interference  effects 
between  the  flaperon  and  empennage,  but  also  a  reduction  In  the  effectiveness  of  the  flaperon  so,  as  demon¬ 
strated  in  Figure  A,  there  was  no  significant  improvement  in  the  overall  roll  effectiveness. 


* 

The  coefficient  buildup  shown  in  Figure  3  for  the  outboard  flaperons  is  the  same  as  for  the  full  span  flaperons 
coefficient  buildup. 
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FIGURE  4.  RIGID  ROLLING  MOMENT  VERSUS  FLAPERON  INBOARD  EDGE  LOCATION 


YAW/ROLL  EFFECTS 


Along  with  roll  power,  the  minimization/ control  of  induced  yawing  moments  is  another  type  of  improved 
roll  performance  and  turn  coordination.  The  yaw/roll  ratios  for  the  analysis  at  Mach  0.9,  1. 1  and  1.2  revealed 
values  greater  than  unity  for  both  supersonic  cases,  shown  in  Figure  5.  Test  data  taken  with  the  vertical  tails 
removed.  Figure  6,  show  that  the  sidewash  effects  at  the  vertical  tail  are  solely  responsible  for  these  yawing 
moments.  Depicted  in  Figure  7,  as  the  right  and  left  hand  flaperons  are  differentially  deflected,  the  circulation 
about  the  wing  creates  a  sidewash.  This  sidewash  in  turn  acts  against  the  twin  vertical  tails,  resulting  in  a  yaw¬ 
ing  moment.  While  the  movement  of  inboard  edge  outboard  did  improve  the  C  ,/C.  ratio,  Figure  8,  it  resulted  in 
a  decrease  in  roll  power  as  previously  noted.  “  ‘ 

A  conventional  aileron  system,  such  as  on  the  YF-17,  induces  yawing  moments  which  are  relatively  small 
and  can  be  controllable  with  the  application  of  an  aileron  rudder  interconnect.  However,  as  a  result  of  increased 
aerodynimic  interaction  on  the  vertical  stabilizer,  the  yawing  moments  induced  by  the  full  span  flaperons  are  so 
large  that  there  is  insufficient  rudder  power  to  compensate  or  moderate  them  in  the  transonic,  high  dynamic 
pressure  flight  region. 

Therefore,  the  single  piece  flaperons  are  unacceptable  for  a  YF-17-type  aircraft  in  that  they  provide: 

1)  inadequate  rolling  moments  and  2)  induced  yawing  moments  which  cannot  be  cancelled  by  the  available  rudder 
hinge  moment  capability. 
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FIGURE  5.  YAW/ROLL  RATIO  FOR  FULL  SPAN  FLAPERONS 


FIGURE  6.  EFFECT  OF  VERTICAL  TAILS  ON  INDUCED  YAWING  MOMENTS 
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FIGURE  7.  EFFECT  OF  SIDEWASH  ON  VERTICAL  TAILS 


FIGURE  8.  YAW /ROLL  RATIO  VERSUS  FLAPERON  INBOARD  EDGE  LOCATION 


SEGMENTED  FLAPERON 
ROLL  PERFORMANCE 


Aa  a  result  of  testing  on  the  full  span  flaperons  the  decision  was  made  to  investigate  the  potential  of  seg¬ 
mented  flaperons.  With  fly-by- wire  technology,  the  inboard  panels  of  the  segmented  flaperons  can  be 
deflected  symmetrically  or  asymmetrically  with  the  outboard  panels,  Figure  9,  in  order  to  provide  the  best 
possible  roll  performance  for  a  given  flight  condition.  In  contrast  to  the  full  span  flaperons.  during  a  high 
dynamic  pressure,  transonic  flight  condition,  the  segmented  flaperons  with  the  inboard  panels  oppositely 
deflected  provide  the  capability  for  adjusting  the  level  of  induced  yawing  moment  while  having  a  favorable 
rolling  moment  interference  on  the  empennage.  In  Figure  10,  a  comparison  of  the  rigid  rolling  and  yawing 
moment  coefficients  and  the  elastic  rolling  moments  at  10,000  feet  clearly  present  the  advantages  of  the  seg¬ 
mented  flaperons  over  the  full  span  flaperon.  For  the  rigid  data  the  rolling  moment  is  up  to  50  percent 
more  and  the  yawing  moment  is  reduced  by  over  50  percent.  For  the  elastic  rolling  moment  data,  not  only 
does  the  segmented  flaperon  provide  greater  roll  power,  it  precludes  roll  reversal  at  Mach  .95. 


FIGURE  9.  SEGMENTED  FLAPERON  ROLL  CONFIGURATIONS 

Testing  during  the  study  of  the  full  span  flaperon  revealed  that  the  interference  effects  between  the  flaperon 
and  the  horizontal  tail  which  resulted  In  an  adverse  roll  Input  from  the  empennage  also  served  to  reduce  the  hinge 
moment  which  acted  upon  the  horizontal  tail.  While  the  hinge  moment  relief  provided  by  the  full  span  flaperons 
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FIGURE  10.  SEGMENTED  FLAPERON  PERFORMANCE  ADVANTAGES 


could  not  be  effectively  utilized,  the  segmented  flaperons  can  fully  exploit  this  benefit.  For  a  flight  condition  of 
Mach  1. 1  at  10, 000  feet  the  calculated  rolling  tail  deflection  is  five  degrees  without  hinge  moment  relief.  With 
the  hinge  moment  relief  from  the  deflected  flaperons,  however,  the  rolling  tail  can  obtain  its  ot  il  differential 
authority  of  20  degrees. 

On  the  basis  of  the  increased  roll  power  and  minimization  of  induced  yawing  moments,  the  segmented  flap- 
erons  are  considered  to  be  the  baseline  configuration  for  any  future  YF-17  derivatives  utilizing  flaperon 
control. 

OTHER  CONSIDERATIONS 


In  addition  to  the  tradeoff  for  increased  flight  control  system  complexity,  a  disadvantage  of  the  segmented 
flaperons  is  the  associated  increase  in  the  complexity  of  the  aerodynamics.  The  ability  to  move  the  inboard 
panels  symmetrically  or  asymmetrically  with  respect  to  the  outboard  panels  in  conjunction  with  the  flaperon 
interference  effects  at  the  empennage  makes  the  flaperon  aerodynamics  a  very  complex  problem,  typified  by  the 
rigid  data  and  buildup  equations  presented  in  Figure  3  for  the  outboard  flaperons.  The  reduction  of  the  lateral 
directional  data  for  a  particular  angle  of  attack  requires  determining  the  coefficient  contribution  from  the 
flaperon,  the  horizontal  tail  and  the  vertical  tail.  A  large  change  in  the  horizontal  tail  position  will  result 
in  a  change  in  the  coefficient.  Separate  elastic  to  rigid  ratios  must  be  applied  to  each  component  and  the 
particular  coefficient  for  a  panel  will  vary  depending  on  symmetrical  or  asymmetrical  deflection  of  the  adjoining 
panel.  Thus,  we  are  dealing  with  a  very  complex  configuration,  one  that  is  capable  of  bringing  a  grimace  to  the 
face  of  those  responsible  for  test  requirements  and  data  reduction. 


LONGITUDINAL  MODES 

For  the  study  of  the  potential  longitudinal  modes  utilizing  active  flaperon  control  there  was  no  distinction 
made  between  full  span  and  segmented  flaperons.  The  inboard/outboard  panels  are  treated  as  one  surface  with 
the  exception  of  the  maneuvering  flaps  mode. 

The  ability  to  move  all  four  panels  symmetrically  gives  the  flaperons  a  longitudinal  control  capability  com¬ 
parable  with  that  of  the  horizontal  tail.  With  the  existence  of  two  independent  longitudinal  control  surfaces,  it 
becomes  possible  to  decouple  the  two  airframe  state  variables,  angle  of  attack  and  pitch  rate  that  dominate  the 
aircraft's  short  period  frequency  characteristics. 

The  longitudinal  modes  Include  both  closed  loop  and  open  loop  modes.  The  closed  loop  modes  require  feed¬ 
ing  back  one  or  two  airframe  variables  to  achieve  the  desired  aircraft  response  in  addition  to  or  instead  of  the 
normal  feedback  variables  of  the  Control  Augmentation  System  presented  in  Figure  11.  The  open  loop  modes 
require  only  interconnected  deflections  of  the  flaperon  and  horizontal  tail  and  rely  on  the  dynamics  of  the  airframe 
to  achieve  the  desired  aircraft  response.  All  of  the  results  presented  are  for  a  flight  condition  of  Mach  0. 9  at 
either  500  or  1000  feet.  The  application  of  these  modes  for  most  other  flight  conditions  can  be  achieved  through 
gain  scheduling  as  a  function  of  Mach  and  altitude. 


For  the  preliminary  study  of  the  longitudinal  flaperon  modes,  the  derivation  of  values  for  the  longitudinal 
flaperon  derivatives  were  incomplete.  While  preliminary  analysis  indicated  the  value  of  Cljjt  was  positive  and 
at  least  0.010  per  degree  for  Mach  0.9  at  Sea  Level,  and  Cdjf  was  insignificant,  neither  the  magnitude  nor  the 
sign  of  cm$f-  was  certain.  While  in  all  likelihood  CmfiF  is  positive  for  a  short  coupled  aircraft  like  the  YF-17, 
until  the  elastic  to  rigid  increments  are  determined  there  is  some  possibility  that  the  value  may  be  negative. 
Therefore,  the  influences  of  positive,  zero  and  negative  values  of  Cm._  are  indicated  in  the  discussions  of  the 
longitudinal  modes.  °F 

MANEUVERING  FLAPS 

Before  proceeding  into  new  areas  for  the  application  of  flaperon  control,  it  is  important  to  cover  an  area 
which  was  successfully  implemented  on  the  YF-17,  maneuvering  flaps. 
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FIGURE  11.  BASIC  CONTROL  AUGMENTATION  SYSTEM  CONFIGURATION 

For  the  segmented  flaperon  design,  the  maneuvering  flaps  mode  utilizes  the  leading-edge  flaps  and  the 
inboard  flaperons  to  vary  the  effective  wing  camber  during  maneuvers.  The  surfaces  are  positioned  in  accor¬ 
dance  with  schedules  of  angle  of  attack  and  Mach  number  to  obtain  the  optimum  lift-drag  ratio  during  maneuver¬ 
ing,  as  presented  in  Figure  12.  In  addition  to  enhancing  flight  path  control  and  aircraft  agility,  the  flap  system 
is  beneficial  in  obtaining  high  resistance  to  spin,  Reference  1. 


FIGURE  12.  EFFECT  OF  MANEUVERING  FLAPS 


•  LEADING  EDGE/TRAILING  EDGE  FLAP  SCHEDULED  TO  MAXIMIZE 
LIFT  AND  MINIMIZE  DRAG 


RIDE  SMOOTHING 

In  order  to  increase  the  survivability  of  modern  fighter  aircraft,  new  emphasis  is  being  given  to  the 
capability  of  low-altitude  high-speed  penetration.  For  an  aircraft  such  as  the  YF-17,  the  low-wing  loading/ 
high-lift  curve  slope  which  maximize  turn  rate  capability  and  maneuverability  essential  for  survival  in  air 
combat  also  tend  to  deteriorate  the  ride  quality  during  high-speed  penetration,  which  can  lead  to  reduced  mis¬ 
sion  success  in  attacking  heavily  defended  ground  targets,  or  in  the  worst  case  even  mission  failure. 

For  the  evaluation  of  ride  qualitv  through  turbulence,  A  is  used.  A  is  the  rms  load  factor  at  the  pilot  sta¬ 
tion  (unless  otherwise  noted!  divided  by  the  rms  gust  level  (fps)  as  defined  in  Equation  1. 
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The  A  values  are  determined  from  the  rms  load  factor  and  turbulence  levels  which  are  computed  by 
sampling  nz  and  w-gust  during  time  domain  simulation  of  the  CSMP  models.  Each  ride  quality  run  is  simulated 
for  sixty  seconds. 

To  simulate  turbulence  the  nongaussian  Tomlinson  turbulence  model,  Reference  2,  was  used  with  an  rms 
gust  intensity  level  of  approximately  6.6-feet  per  second  as  prescribed  by  M1L-F-9490D,  Reference  3,  for  a 
10"2  probability  of  exceedance  at  an  altitude  of  500  feet.  This  turbulence  mode!  is  based  on  the  atmospheric 
turbulence  modeling  work  performed  by  J.  G.  Jones,  Reference  4.  The  Tomlinson  model  was  chosen  in  prefer¬ 
ence  to  the  Dryden  turbulence  model  because  its  velocity  increment  distribution  was  considered  more  realistic 
at  atmospheric  turbulence.  The  power  spectral  density  for  the  Tomlinson  turbulence  model  is  comparable  to 
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FIGURE  13.  POWER  SPECTRAL  DENSITY  FOR  DRYDEN  AND 
TOMLINSON  TURBULENCE  MODELS,  MACH=  0.9,500  FT 


Based  on  the  results  of  Table  1,  for  the  pitch  CAS  shown  in  Figure  11  it  is  evident  that  the  CAS  ON  condi¬ 
tion  offers  only  a  slight  improvement  over  the  CAS  OFF  condition.  Furthermore,  for  30  minutes  of  exposure 
neither  level  is  acceptable  based  on  the  chart  in  Figure  14,  from  which  an  A  greater  than  or  equal  to  0.  048  is 
intolerable  for  an  rms  intensity  level  of  6.6  fpc. 


TABLE  1 


CAS 

OFF 

CAS 

ON 

A 

0.087 

0.081 

WINGLOADING  65  LBS/FT2 
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FIGURE  14.  RIDE  QUALITY  CRITERIA,  REFERENCE  5 


To  obtain  satisfactory  ride  qualities  during  low  altitude  high  speed  flight,  extensive  effort  has  been  expended 
in  the  development  of  a  ride  improvement  mode  system,  References  6  and  7.  The  system,  presented  in  Fig¬ 
ure  15,  tries  to  maintain  a  constant  value  of  lift  for  changes  in  angle  of  attack  due  to  turbulence.  Figure  16. 

This  is  performed  by  sensing  the  load  factor  at  the  pilot  station  and  using  that  as  a  control  signal  to  command 
the  high  rate  flaperons,  so  that  the  flaperons  can  minimize  the  turbulence-induced  incremental  load  factor 
at  the  pilot  station. 

Operating  in  parallel  with  the  ride  mode  is  the  CAS  which  uses  a  blend  of  load  factor  and  pitch  rate  to  main¬ 
tain  aircraft  stability  while  trying  to  minimize  uncommanded  pitch  rate  and  load  factor. 


FIGURE  15.  CAS/RIDE  MODE  SYSTEM  CONFIGURATION 
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FIGURE  16.  RIDE  MODE  SYSTEM  CONCEPT 


As  demonstrated  in  Figure  17,  when  an  upgust  strikes  the  aircraft  in  straight  and  level  flight  it  causes  an 
increase  in  the  angle  of  attack  at  the  wing  and  therefore  an  increase  in  lift  (for  positive  C  iJfy>  and  a  nose-down 
pitching  moment  (for  negative  Cm,,).  The  resulting  positive  load  factor  causes  the  flaperons  to  be  deflected  in 
the  negative  direction  to  cancel  the  increase  in  lift.  At  the  same  time,  the  flaperon  deflection  causes  additional 
nose-down  pitching  moment  for  the  positive  Cm6F  values.  The  total  nose-down  pitching  moment  generated  by 
the  aerodynamics  of  the  wing  and  flaperon  create  a  pitch  acceleration  that  when  multiplied  by  the  distance  of  the 
pilot  station  from  the  eg  reduces  the  total  positive  load  factor  acting  at  the  pilot  station. 

The  nose  down  pitching  motion  also  drives  the  horizontal  tail  in  the  up  (or  negative)  direction  to  cancel  the 
nose-down  pitching  motion.  Because  of  the  positive  Cl^h  values  of  the  horizontal  tail  this  also  acts  to  reduce  the 
positive  lift  produced  by  the  gust.  The  effect  of  zero  or  negative  Cm^p  'rnlues  is  to  lessen  the  total  pitch¬ 
ing  moment . 

A  look  at  the  results  in  Table  2  indicates  that  the  ride  mode  in  operation  with  the  CAS  provides  a  better 
than  50-percent  reduction  in  rms  vertical  load  factor,  placing  the  nircraft  well  within  the  tolerance  limits  for 
30  minutes  of  exposure.  While  the  positive  Cm  ...  value  provides  the  best  ride  smoothing,  all  three  values 
provide  more  than  satisfactory  performance. 

TABLE  2 


CAS  ON,  RIDE  MODE  ON 

Cm6F 

-0.001 

0.0 

0.001 

A 

0.035 

. 

0.031 

0.029 

MACH  0.9  AT  500  FT 


Most  previous  work  in  the  areas  of  ride  qualities  had  implemented  a  flap  tail  Interconnect  that  would  work 
the  tail  to  cancel  the  pitching  moments  generated  by  the  deflections  of  the  flap.  Our  previous  work  in  this  area 
indicated  that  with  the  pitch  CAS  system  this  was  neither  necessary  nor  desirable. 

However,  when  it  was  realized  that  we  could  use  pitch  acceleration  to  help  minimize  load  factor  at  the  pilot 
station,  the  implementation  of  a  feed  forward  from  the  flaperon  to  the  horizontal  tail  was  examined.  In  addition 
to  normal  CAS  commands,  the  horizontal  tail  was  commanded  to  move  in  phase  with  the  flaperon.  The  result  was 
to  generate  an  increased  pitch  acceleration  that  would  offset  the  load  factor  at  the  pilot  station  resulting  from 
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FIGURE  17.  RIDE  MODE  ON  VS  RIDE  MODE  OFF  FOR  A  DISCRETE  GUST 


turbulence.  The  improvement  in  load  factor  reduction  as  compared  to  normal  ride  mode  operation  is  presented 
in  Table  3  ar.d  Figure  18.  In  spite  of  the  improved  performance  to  reduce  pilot  load  factor,  the  feed  forward 
appears  to  be  unsatisfactory,  since  the  slight  improvement  in  lo'd  factor  at  the  pilot  station  results  in  a  consider¬ 
able  increase  in  load  factor  at  the  eg.  Table  4. 


TABLE  3 


mm 

CAS  ON.  RIDE  MODE  ON 

am 

W/O  FEED 

W / FEED 

FORWARD 

FORWARD 

A 

0.023 

TABLE  4 


CAS  ON.  RIDE  MODE  ON 

W/O  FEED 

W/ FEED 

FORWARD 

FORWARD 

rms  nz 

0.20 

0.33 

MANEUVERING  ENHANCEMENT 


With  the  availability  of  the  flaperons  to  provide  additional  control  over  lift  and  pitch,  several  CCV  modes 
such  as  utilized  on  the  YF-lii  CCV  aircraft,  Reference  8,  can  be  investigated.  One  of  these,  the  maneuvering 
enhancement  mode,  is  basically  a  fallout  from  the  ride  mode.  By  creating  a  control  path  from  the  pilot  input 
command  to  sum  with  the  nz  feedback  loop  of  the  ride  mode,  Figure  19,  the  pilot  can  command  a  flaperon  deflec¬ 
tion  as  a  function  of  desired  g's.  The  command  to  the  flaperons  then  becomes  the  error  signal  between  the  com¬ 
manded  g's  and  the  actual  g's. 

As  presented  in  Figure  21,  the  function  of  the  maneuvering  enhancement  mode  is  to  increase  the  aircraft's 
resi>onse  to  pilot  commands  for  vertical  load  factor,  allowing  the  pilot  to  increase  the  initial  rate  of  climb  or 
ilescent. 

tor  variations  in  the  value  of  C’mgp,  from  0,001  to  -0.001,  the  effects  on  the  maneuvering  enhancement  mode 
•  .  ,p..nir  were  insignificant.  Although  for  large  values  on  the  order  of  0.010  there  was  some  reduction  in  damp- 
.  i  lip  raft  response  with  a  corresponding  increase  in  the  aircraft's  altitude  gain,  Figure  21. 


.  < '  i  I  0  II I  PATH  CONTROL 

P  j,*th  control,  the  ability  to  pitch  the  aircraft  with  no  change  in  angle  of  attack.  Figure  22,  is  the 

-•  omplishcd  through  the  implementation  of  open  loop  control.  It's  potential  benefit  is  improved 
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FIGURE  18.  RIDE  MODE  ON  WITH  AND  WITHOUT  FEED  FORWARD  PATH 


FIGURE  19.  MANEUVER  ENHANCEMENT  BLOCK  DIAGRAM 


To  control  the  vertical  flight  path  as  shown  In  Figure  23,  the  coordinated  deflections  of  the  horizontal  tail  and 
flaperons  command  the  desired  pitch  rate  while  maintaining  a  constant  angle  of  attack  by  cancelling  any  changes  in 
lift  due  to  pitch  rate. 

For  linear  aerodynamics,  the  relation  of  the  horizontal  tail  deflection  to  flaperon  deflection  is  independent  of 
pitch  rate  and  can  be  determined  by  solving  the  short  period  equations  of  motion.  Equation  2,  for  an  arbitrary 
pitch  rate,  Q,  where  alpha  dot  (the  angle  of  attack  rate  of  change)  and  qdot  (the  pitch  acceleration)  are  constrained 
to  zero.  Note  that  for  small  vertical  flight  path  maneuvers  the  gravity  terms  have  been  ignored. 


(2) 


Since  alpha  trim  is  equal  to  zero,  with  all  constraints  applied  the  equations  reduce  to: 


with  the  resulting  control  deflections  being  represented  by  Equations  4,  5  and  6. 
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FIGURE  22.  VERTICAL  FLIGHT  PATH  CONTROL 
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FIGURE  23.  VERTICAL  FLIGHT  PATH  CONTROL 
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Using  Cramers  Rule  to  solve  the  two  steady  state  equations  for  the  flaperon  horizontal  tall  deflections,  Equations  4 
and  5,  it  becomes  apparent  that  the  ratio  between  flaperon  deflection  and  horizontal-tall  deflection,  Equation  6,  for 
vertical  flight  path  control  1b  independent  of  Q. 

Thus,  for  a  step  command  to  the  flaperons  the  horizontal  tail  follows  according  to  the  ratio  defined  by  Equa¬ 
tion  6.  Any  changes  made  to  the  value  of  Cm{F  will  affect  the  Mp  term  and  in  turn  affect  the  interconnect  rela¬ 
tionship  between  the  flaperons  and  horizontal  tall.  However,  Its  effect  on  the  overall  aircraft  dynamics  for  this 
maneuver  are  negligible  for  reasonable  Cm jjt  values. 


DIRECT  LIFT 


Direct  lift  on  vertical  translation,  as  described  in  Figure  24,  is  the  act  of  producing  a  wdot  and  thus  w  with¬ 
out  inducing  any  pitch  rate.  In  this  manner  the  aircraft  is  capable  of  an  orthogonal  translation  at  constant  atti¬ 
tude.  This  maneuver  is  accomplished  by  commanding  the  flaperons  to  provide  the  desired  increment  of  lift  to 
translate  the  aircraft  and  controlling  the  horizontal  tail  through  the  appropriate  feedback  loops  to  cancel  any 
pitching  moments  generated  predominantly  by  the  flaperons  and  the  aircraft's  Mo  term.  For  this  investigation, 
a  feed  forward  path  from  the  flaperon  command  to  the  horizontal  tail  combined  with  a  blend  of  pitch  rate  and 
angle  of  attack  feedbacks  were  used  to  cont  rol  the  pitch  rate  to  a  zero  value. 


FIGURE  24.  DIRECT  LIFT  CONCEPT 

The  results  for  this  mode  are  presented  in  Figure  25.  While  variations  in  the  value  of  Cm<{  had  influence 

on  the  interconnect  relationship  between  the  flaperons  and  horizontal  tail,  they  had  no  effect  on  the  overall  air¬ 
craft  response.  Figure  26. 
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FIGURE  25.  DIRECT  LIFT  TIME  HISTORY 


LONGITUDINAL  FUSELAGE  POINTING 


For  improved  performance  for  the  air  to  ground  role,  a  Longitudinal  Fuselage  Pointing  mode  was 
developed.  The  purpose  of  this  mode  is  to  allow  the  pilot  to  pitch  the  aircraft  to  a  new  angle  of  attack  with  no  change 
in  altitude  or  flight  path  angle,  Figure  27.  This  allows  the  pilot  to  improve  his  air  to  ground  tracking  ability  and 
is  said  to  make  air  to  ground  tracking  runs  more  comfortable  and  easier  to  accomplish,  Reference  8. 

In  the  point-up  motion  presented  in  Figure  28  the  horizontal  tail  commands  a  transient  pitch  rate  while  the  flap¬ 
erons  spoil  the  lift  generated  by  the  increased  angle  of  attack.  The  result  is  to  create  a  new  equilibrium  condition 
where  alpha  dot  and  qdot  are  zero.  Initially,  this  mode  was  pursued  as  an  open-loop  mode  where  the  position  of  the 
flaperon  and  horizontal  tall  was  simply  a  function  of  the  desired  angle  of  attack,  however,  this  caused  a  constant 
loss  in  altitude  during  the  maneuver.  To  zero  out  this  change  in  altitude,  the  rate  of  change  in  altitude  was  fed 
back  to  the  flaperons. 

Similar  to  the  previous  auxiliary  modes,  the  effect  of  variations  in  cm  -,p  was  negligible.  Again,  the  only  signi¬ 
ficant  effect  the  value  of  cm {jr  has  is  in  the  relation  between  the  initial  flaperon  and  horizontal  tail  deflections. 


THE  RECONFIGURABLE  FLIGHT  CONTROL  SYSTEM 


Provided  an  aircraft  utilizes  a  digital  flight  control  system  and  a  flaperon  which  has  a  large  cmfiF  coefficient, 

it  could  be  viable  to  use  the  flaperons  as  the  primary  longitudinal  flight  control  surface  in  the  event  that 
longitudinal  control  of  the  horizontal  tail  is  lost.  The  control  of  the  flaperons  for  primary  longitudinal  con¬ 
trol  of  the  horizontal  tail  is  lost.  The  control  of  the  flaperons  for  primary  longitudinal  control  would  occur 
through  the  reconfiguration  of  the  flight  control  laws  which  normally  commanded  the  horizontal  tail.  Figure  29. 


FIGURE  29.  RECONFIGURATION  CONTROL  CONCEPT 


With  the  loss  of  the  horizontal  tail,  the  control  law  would  be  reconfigured  so  instead  of  commanding  a  hori¬ 
zontal-tail  deflection  it  would  command  a  flaperon  deflection.  To  provide  adequate  pitch  authority,  there  would  be 
an  increase  in  gain  from  the  normal  horizontal-tail  command  to  the  reconfigured  flaperon  command.  This  in¬ 
creased  gain  would  be  the  ratio  of  Cm^H/Cm5F< 

Based  on  YF-17  aerodynamics,  including  the  ratio  of  the  YF-17's  traillng-edge  flap  pitching  moment  versus 
horizontal  tail  pitching  moment  presented  in  Figure  30,  a  root  loci  study  was  performed.  The  two  CAS  ON  root  locus 
plots  for  Mach  0. 9  at  500  feet.  Figures  31  and  32,  compared  very  favorably  and  indicated  that  this  area  may  warrant 
future  study.  Although  the  flaperon  may  not  provide  sufficient  pitch  authority  to  land  the  aircraft,  it  could  prove 
very  effective  in  allowing  a  pilot  to  reach  a  desirable  area  for  ejection  for  increased  survivability. 
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FIGURE  30.  YF-17  TRAILING  EDGE  FLAP  /HORIZONTAL  TAIL  PITCHING  MOMENT  COMPARISON 


AREAS  FOR  ADDITIONAL  STUDY 


To  exploit  the  potential  for  these  primary  and  auxiliary  modes  to  be  implemented  on  an  aircraft  employing 
active  flaperon  control  several  areas  need  additional  study.  While  the  segmented  flaperon  roll  mode  and  the 
ride  mode  have  been  integrated  into  an  overall  flight  control  system  design,  the  auxiliary  modes  require  farther 
study  on  the  Northrop  Large  Amplitude  Simulator  to  determine  the  extent  to  which  these  modes  can  be  effective 
and  If  so,  how  they  could  best  be  Integrated  into  the  overall  flight  control  system  design. 

Other  areas  which  were  not  discussed  here  but  warrant  investigation  are  the  active  control  of  the  segmented 
flaperons  for  empennage  load  alleviation  and  the  potential  for  some  limited  direct  side  force  control. 
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FIGURE  31.  ROOT  LOCI  FOR  LONGITUDINAL  CAS,  nz  LOOP  CLOSURE 
WITH  HORIZONTAL  TAIL  CONTROL 


FIGURE  32.  ROOT  LOCI  FOR  LONGITUDINAL  CAS,  nz  LOOP  CLOSURE 
WITH  FLAPERON  CONTROL 


CONCLUSIONS 

In  terms  of  the  aerodynamic  characteristics  of  a  flaperon.  for  the  implementation  of  active  longitudinal 
control  it  appears  that  the  ability  to  predict  what  the  value  of  an  aerodynamic  coefficient  is,  is  more  impor¬ 
tant  than  the  actual  value  of  the  coefficient. 

With  the  presence  of  a  digital  flight  control  system  to  allow  for  complex  control  law  configurations  without 
hardware  modifications,  it  is  possible  through  the  choice  of  a  segmented  flaperon  configuration  to  increase  a 
YF-17-type  aircraft's  overall  performance  and  multirole  capability.  This  is  accomplished  by  increasing  both 
lateral/dlrectlonal  and  longitudinal  performance.  Lateral  directional  Improvements  include  Increased  roll  power 
and  the  minimization  of  Induced  yawing  moments.  Longitudinal  improvements  include  improved  ride  quality,  the 
decoupling  of  short  period  dynamics  to  provide  new  maneuver  capabilities  for  increased  air-to-air.  air-to-ground 
performance;  and  die  potential  for  flight  control  system  reconfiguration  for  increased  survivability. 
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SUMMARY 

This  paper  traces  the  evolution  of  active  control  technology  (ACT)  from  the  viewpoint 
of  the  Air  Force  Flight  Dynamics  Laboratory  (AFFDL) .  Emphasis  is  placed  on  the  aero¬ 
dynamic  control  forces  necessary  to  fully  exploit  ACT  and  in  describing  AFFDL  development 
programs  which  merge  these  two  disciplines  and  transition  technology  into  operational 
flight  equipment.  Specific  ACT  programs  described  are:  (1)  the  LAMS  Program,  (2)  the 
CCV  B-52  Program,  (3)  the  SFCS  F-4  Program,  (4)  the  CCV/PACT  F-4  Programs,  (5)  the  Vari¬ 
able  Stability  NT-33  Program,  (6)  the  CCV  YF-16  Program,  (7)  the  A-7D  Digital  Multimode 
Program,  (8)  the  IFFC  I/FIREFLY  III  Program,  and  (9)  the  AFTI-16  Program.  Experiences 
indicating  areas  of  need  for  extension  of  fluid  dynamics  technology  are  also  discussed. 

LIST  OF  SYMBOLS/ABBREVIATIONS/ACRONYMS 


A 

aileron 

ACT 

active  control  technology 

AFAL 

Air  Force  Avionics  Laboratory 

AFFDL 

Air  Force  Flight  Dynamics  Laboratory 

AFTI 

Advanced  Fighter  Technology  Integration 

ALDCS 

Active  Lift  Distribution  Control  System 

AS 

Augmented  Stability 

ATLIS 

Automatic  Tracking  Laser  Illumination  System 

BS 

body  station 

c 

mean  aerodynamic  chord 

C* 

longitudinal  response  parameter  (C-star) 

CAS 

Command  Augmentation  System 

CCV 

Control  Configured  Vehicle 

C.G. 

center  of  gravity 

CH 

horizontal  canard 

deg,  DEG 

degrees 

DFC 

direct  force  control 

DFCS 

Digital  Flight  Control  System 

DLC 

direct  lift  control 

DSFC 

direct  sideforce  control 

DN 

down 

EAS 

equivalent  airspeed 

FBW 

fly-by-wire 

FMC 

Flutter  Mode  Control 

FR 

Fatigue  Reduction 

ft,  FT 

feet 

g 

acceleration  of  gravity 
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GASDSAS 

H 

HC 

IPFC 

ILAF 

in,  IN 

KTS 

LAMS 

lbs,  LBS 

m 

MAC 

MM 

MLC 

NASA 

PACT 

PVI 

R 

RC 

S 

SAS 

sec 

Seg 

SFCS 

SP 

Sta 

T.E. 

TEF 

TIFS 

TWEAD 

TYP 

V 

VC 

VS,  VS 

WBL 

WL 

WRP 

a 

e 


Gust  Alleviation  and  Structural  Dynamic  Stability 
Augmentation  System 

horizontal  tail 

horizontal  canard 

Integrated  Flight  and  Fire  Control 

Identical  Location  of  Accelerometer  and  Force 

inches 

knots 

Load  Alleviation  and  Mode  Stabilization 

pounds 

meters 

mean  aerodynamic  chord 
multimode 

Maneuver  Load  Control 

National  Aeronautics  and  Space  Administration 
Precision  Aircraft  Control  Technology 
Pilot/Vehicle  Interface 
rudder 

Ride  Control 

stabilator;  surface  area 
Stability  Augmentation  System 
second 
segment 

Survivable  Flight  Control  System 

spoiler 

station 

trailing  edge 

trailing  edge  flap 

Total  In-Flight  Simulator 

Tactical  Weapon  Delivery 

typical 

velocity 

vertical  canard 

versus 

wing  buttock  line 
water  line 
wing  reference  plane 
angle  of  attack 
angle  of  sideslip 
deflection  angle 
increment  or  change 
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1 .  INTRODUCTION 


The  continuing  advancement  of  active  control  technology  (ACT)  has  given  the  aircraft 
designer  new  tools  for  the  optimization  of  performance  and  mission  effectiveness.  Applica¬ 
tion  of  advanced  flight  control  techniques  during  the  preliminary  design  stages,  on  an 
equal  basis  with  the  traditional  disciplines  of  aerodynamics,  structures,  and  propulsion, 
can  lead  to  synergistic  benefits.  The  Air  Force  Flight  Dynamics  Laboratory  (AFFDL)  has  .  o 
pioneered  in  this  area,  conducting  and  sponsoring  a  series  of  active  control  technology 
development  programs  involving  flight  test  validation.  Figure  1  depicts  the  sequence  of 
the  more  significant  of  these  AFFDL  ACT  programs,  starting  with  the  LAMS  Program  in  1966 
and  progressing  through  the  current  AFTI-16  Program.  The  following  paragraphs  present 
individual  summaries  of  the  programs,  with  emphasis  on  the  relationships  between  ACT  and 
aerodynamic  control  requirements. 
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FIG  Is  Sequence  of  AFFDL  ACT  Development  Programs 

Aircraft  active  control  technology  had  its  beginnings  in  autopilots  to  provide  pilot 
relief  functions.  Full-time  application  of  feedback  controls  for  vehicle  rigid  body 
dynamic  compensation  followed  when  it  became  apparent  that  basic  vehicles  lacked  adequate 
handling  qualities  and  dynamic  characteristics.  An  extension  beyond  rigid  body  stability 
augmentation  concepts  began  in  the  mid  1950 's  on  ballistic  missiles  to  alleviate  structural 
loads  while  accelerating  through  high  dynamic  pressure  regions.  Similar  structural  problems 
began  to  appear  in  the  early  1960 's  on  structurally  light  and  elastic  aircraft  configura¬ 
tions.  The  prominent  design  factors  causing  this  trend  were  thin  lifting  surfaces,  long 
slender  fuselages,  low  mass-fraction  structures,  high  stress  design  levels,  and  low  load 
factors.  In  light  of  advances  in  ACT,  these  facts  made  it  imperative  to  investigate  the 
potential  for  simultaneously  controlling  rigid  body  and  structural  motion.  This  was  the 
dominant  motivation  for  the  Load  Alleviation  and  Mode  Stabilization  (LAMS)  Program. 

2.  THE  LAMS  PROGRAM  (1966-1968) 

The  Load  Alleviation  and  Mode  Stabilization  (LAMS)  Program  was  conducted  on  a  B-52 
testbed  to  demonstrate  the  capabilities  of  an  advanced  flight  control  system  to  alleviate 
gust  loads  and  control  structural  modes  on  a  large  flexible  aircraft  using  existing  aero¬ 
dynamic  control  surfaces  as  force  producers  (1,  2).  Figure  2  shows  that  all  available 
control  surfaces  were  used  in  the  LAMS  system,  and  also  depicts  the  gyros  which  provided 
structural  mode  rate  signals  to  the  flight  control  system.  The  two  outboard  spoiler 
panels  were  operated  symmetrically  around  a  15°  biased  position,  the  ailerons  were  used 
both  symmetrically  and  asymmetrically,  and  the  elevator  and  rudder  were  used  in  the  normal 
manner . 

A  65  degree-of- freedom  math  model  of  the  LAMS  vehicle  was  developed  for  design  synthe¬ 
sis  and  evaluation  of  the  flight  control  system.  The  model  included  30  longitudinal  and 
35  lateral-directional  degrees  of  freedom  (including  the  Wagner  and  Kussner  lift-growth 
functions) ,  gust-penetration  lags  and  fourth  order  actuator  and  control  surface  dynamics 
(3).  Initially,  quadratic  optimization  theory  was  used  in  the  LAMS  control  law  synthesis, 
to  identify  the  critical  modes  and  the  feedbacks  to  stabilize  these  modes.  However, 
control  laws  defined  by  the  optimization  theory  were  not  usable,  since  the  computational 
capability  was  not  available  to  implement  these  in  a  practical  system.  The  optimum  control 
laws  were  reduced  to  a  successful  practical  system  using  classical  methods  which  were  later 
verified  on  the  65  degree-of -freedom  simulation.  The  complex  cause-and  effect  relationships 


that  result  from  such  a  large  matrix  of  structural  and  rigid  body  modes  presented  a  formi¬ 
dable  challenge  in  control  law  development.  New  wide  bandwidth  electro-hydraulic  servo 
actuators  were  also  required  to  provide  high  frequency  response  capability  and  acceptance 
of  both  mechanical  and  electrical  commands. 
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FIG  2:  LAMS  Control  Surfaces  and  Gyros 


The  figure  of  merit  for  the  LAMS  system  was  the  percent  reduction  in  fatigue  damage 
due  to  turbulence.  Figure  3  presents  the  reductions  in  turbulence-induced  fatigue  damage 
rates  obtained  with  the  LAMS  system.  These  data  are  based  on  test  results  at  three 
flight  conditions  and  include  effects  of  vertical,  lateral,  and  rolling  gusts.  For 
comparison  purposes,  a  conventional  baseline  SAS  (Stability  Augmentation  System)  was 
implemented  to  control  only  rigid  body  notions.  The  LAMS  system  reduced  the  basic  air¬ 
craft  wing  fatigue  damage  rate  by  about  50%  and  also  significantly  bettered  the  baseline 
SAS  fatigue  rate  reductions.  LAMS  also  demonstrated  large  improvements  in  fatigue  damage 
rates  at  the  mid-fuselage  stations.  Even  more  important  than  these  quantitative  results 
was  the  demonstration  that  a  control  system  can  be  designed  to  significantly  alter  the 
structural  response  characteristics  of  an  aircraft. 

The  LAMS  Program  indicated  a  limited  ability  to  reduce  acceleration  at  the  pilot 
station  using  only  existing  aerodynamic  control  surfaces.  However,  because  of  the  struc¬ 
tural  mode  shapes  it  was  evident  the  force  had  to  be  located  near  the  point  of  desired 
effect.  The  need  for  force  producers  at  the  site  of  desired  acceleration  reductions  was 
the  basis  of  the  Identical  Location  of  Accelerometer  and  Force  ( I LAF )  concept  (4) .  The 
ILAF  technique  was  applied  to  the  XB-70  during  the  Gust  Alleviation  and  Structural  Dynamic 
Stability  Augmentation  System  (GASDSAS)  Program,  which  used  small  horizontal  canard 
surfaces  to  obtain  significant  reductions  in  pilot-station  acceleration  (5) .  In  this 
application,  structural  vibration  caused  by  actuator  motion  fed  back  into  the  sensor 
causing  a  resonance  to  occur.  The  resonance  was  eliminated  by  proper  filtering,  but  the 
occurance  indicates  the  need  for  careful  attention  to  such  things  during  design. 

A  direct  lift  control  (DLC)  study  conducted  during  the  LAMS  Program  also  showed  the 
desirability  of  uncoupling  the  rotational  and  translational  degrees  of  aircraft  motion 
(6) .  Spoilers  and  symmetrical  ailerons  were  used  with  elevators  to  implement  DLC.  Flight 
test  results  showed  that  uncoupling  pitch  and  heave  through  DLC  greatly  simplified  the 
pre  ise  maneuvering  required  during  aerial  refueling  and  instrument  approaches.  The  B-52 
LAMS  testbed  had  no  means  of  obtaining  direct  sideforce  control  (DSFC) . 

The  potential  benefits  available  from  decoupling  the  flight  motions  and  from  having 
force  producers  at  critical  locations  led  to  a  decision  to  reconfigure  the  LAMS  B-52 
control  surface  complement  to  more  fully  explore  newly  emerging  ACT  concepts.  The  LAMS 
biased  spoilers  were  obvious  candidates  for  replacement  as  ACT  control  surfaces.  First, 


their  drag  would  be  prohibitive  in  an  operational  configuration.  Second,  during  the  LAMS 
flight  testing,  a  wing  flutter  mode  exhibited  degraded  stability  because  of  initial  failure 
to  accurately  account  for  time  phasing  between  the  spoiler  deflections  and  the  resulting 
aerodynamic  force.  This  points  out  the  necessity  for  considering  aerodynamic  lag  effects. 
Elimination  of  spoiler  segments  as  AC;  surfaces  and  other  aerodynamic  changes  was  a  part 
of  the  CCV  B-52  Program  which  was  the  next  major  AFFDL  effort  to  further  exploit  the 
lessons  learned  from  LAMS  and  related  programs. 
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FIG  3:  Fatigue  Damage  Rates 


3.  THE  CCV  B-52  PROGRAM  (1971-1974) 

The  term  Control  Configured  Vehicles  (CCV)  was  introduced  to  describe  a  design  philos¬ 
ophy  in  which  modern  control  technology  is  allowed  tc  impact  total  vehicle  design  through 
its  inclusion  early  in  the  aircraft  design  cycle.  Applying  this  philosophy  allows  control 
concepts  to  be  incorporated  which  can  potentially  give  performance  improvements  and  weight 
reductions.  Such  ACT  concepts  for  large  aircraft  include  Flutter  Mode  Control  (FMC) , 
Maneuver  Load  Control  (MLC) ,  Ride  Control  (RC) ,  Fatigue  Reduction  (FR) ,  and  Augmented 
Stability  (AS) . 

A  Fly-By-Wire  (FBW)  control  system  is  fundamental  to  implementation  of  the  above  con¬ 
cepts.  As  used  herein,  F2W  means  an  electrical  flight  control  system  employing  feedback 
such  that  the  vehicle  motion  is  the  controlled  parameter.  The  LAMS  aircraft  had  a  full 
FBW  system  for  the  left-hand  pilot,  while  the  right-hand  co-pilot  retained  the  mechanical 
system  for  backup.  The  CCV  B-52  Program  took  advantage  of  this  FBW  capability  by  using 
the  LAMS  aircraft  as  the  CCV  bomber  testbed  (7) . 

The  CCV  B-52  flight  control  surfaces  and  the  concepts  they  were  used  to  implement  are 
depicted  in  Figure  4.  Several  new  control  surfaces  were  added  to  change  from  the  LAMS  to 
the  CCV  aerodynamic  configuration.  These  include  one  vertical  and  two  horizontal  canards 
mounted  on  the  forward  fuselage  at  the  pilot  station,  three  segments  of  flaperons  on  each 
wing  replacing  the  inboard  flaps,  and  a  new  aileron  located  justjOutboarc^of  the  outboard 
flap  on  each  wing.  The  new  canard  surfaces  had  an  area  of  10  ft'  (0.93  m  )  each.  Standard 
flight  control  surfaces  retained  were  elevator,  rudder,  five  of  seven  spoiler  segments, 
and  the  original  ailerons.  Also  shown  on  Figure  4  are  the  external  fuel  tanks  which  were 
adversely  mass  balanced  to  create  a  flutter  mode  within  the  level  flight  speed  capabilities 
of  the  testbed.  This  was  necessary  to  permit  investigation  of  Flutter  Mode  Control  on  the 
normally  flutter-free  B-52. 

Of  the  five  ACT  concepts  implemented  on  the  CCV  B-52,  only  Fatigue  Reduction  was  common 
between  the  LAMS  and  CCV  Programs.  A  slightly  modified  version  of  the  LAMS  system  was 
included  on  the  CCV  B-52  to  demonstrate  compatibility  of  this  concept  with  the  other  ACT 
systems.  The  objective  of  the  Ride  Control  System  was  to  reduce  turbulence-induced 
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accelerations  at  the  pilot's  station  by  30%  without  increasing  other  fuselage  accelerations 
by  more  than  5%.  The  goal  for  Maneuver  Load  Control  was  to  reduce  wing  root  bending  moments 
by  10%  of  design  limit  during  a  Ig  incremental  load  factor  pull  up  maneuver.  The  objective 
of  the  Augmented  Stability  system  was  to  provide  adequate  aircraft  flying  qualities  at 
centers-of-gravity  as  far  aft  as  the  neutral  point.  The  goals  of  the  Flutter  Mode  Control 
System  were  to  increase  the  flutter  placard  by  at  least  30%  and  flight  demonstrate  flutter- 
free  operation  ten  knots  (18  km/hr)  above  the  unaugmented  flutter  speed.  Flight  test 
results  verified  achievement  of  the  CCV  B-52  design  goals  and  demonstrated  compatibility 
of  the  five  ACT  concepts  (8,  9).  The  flutter  suppression  testing  was  the  first  known 
instance  of  a  manned  aircraft  flying  beyond  its  flutter  speed,  depending  on  a  control 
system  to  avoid  structural  divergence. 
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FIG  4:  CCV  B-52  Flight  Control  Surfaces 


Large  aircraft  ACT  concepts  investigated  during  AFFDL  development  programs  have  found 
application  in  operational  flight  equipment.  An  Active  Lift  Distribution  Control  System 
(ALDCS)  was  designed  and  retrofitted  into  the  C-5A  fleet  to  improve  wing  fatigue  endurance 
(10) .  This  system  applies  the  MLC  and  FR  concepts  to  reduce  gust  and  maneuver  incremental 
wing  root  bending  moments  by  using  the  ailerons  as  ACT  surfaces.  Lockheed  Corporation  is 
investigating  a  MLC  system  for  the  L-1011-500  aircraft  which  uses  symmetric  active  ailerons 
to  reduce  wing  root  bending  moments  (11).  This  system  would  allow  9  feet  (2.74m)  to  be 
added  to  the  wing  span  of  L-1011-500' s  without  major  structural  redesign.  The  L-1011-500 
features  direct  lift  control  (DLC)  for  landing  approach  incorporated  through  symmetric 
spoiler  deflections. 

The  B-l  aircraft  was  designed  with  a  RCS  to  improve  crew  acceleration  environment 
during  turbulence  and  terrain  following  (12).  The  B-l  RCS  employed  the  ILAF  technique 
through  two  5.75  ft2  (0.54m2)  canard  surfaces  mounted  at  a  30°  anhedral  angle  and  capable 
of  deflecting  20°  at  a  rate  of  200  deg/sec.  These  unusually  high  deflection  requirements 
were  used  to  attempt  to  assure  adequate  force  availability  from  the  relatively  small 
canard  surfaces.  Originally  there  was  some  concern  that  the  unsteady  aerodynamics  effects 
at  these  high  rates  may  be  detrimental.  However,  the  effectiveness  of  the  B-l  RCS  has 
been  flight  demonstrated.  Application  of  ACT  during  the  B-l  preliminary  design  resulted 
in  an  estimated  structural  weight  savings  of  9000  pounds  (4090  kilograms) . 

4.  THE  SFCS  F-4  PROGRAM  (1969-1973) 

During  the  same  time  period  that  the  CCV  B-52  Program  was  underway,  another  very  signi¬ 
ficant  and  closely  related  ACT  program  was  being  pursued.  This  was  the  Survivable  Flight 
Control  System  (SFCS)  Program  which  addressed  the  development  of  fly-by-wire  technology 
using  an  F-4  aircraft  (13).  While  the  LAMS  and  CCV  B-52  Programs  addressed  ACT  concepts 
applied  to  large  flexible  aircraft,  the  SFCS  F-4  effort  began  a  series  of  AFFDL  development 
programs  aimed  at  the  fighter  class  of  aircraft. 


L _ 


The  major  objective  of  the  SFCS  F-4  Program  was  to  establish  the  practicality  of  fly¬ 
by-wire,  which  is  the  key  to  application  of  active  control  concepts  in  future  fighter 
aircraft.  The  testbed  aircraft  retained  the  F-4  aerodynamic  configuration  and  controlled 
it  by  means  of  a  quadruplex  analog  primary  flight  control  system.  In  the  design  of  the 
SFCS,  aircraft  motion,  rather  than  control  surface  deflection,  is  the  parameter  to  be  ^U' 

controlled  by  pilot  inputs.  This  was  the  first  USAF  aircraft  to  fly  with  a  totally  FBW 
system  having  no  mechanical  links  between  stick  and  surfaces.  Sidestick  controllers  were 
installed  for  evaluation  in  conjunction  with  the  improved  handling  qualities  incorporated 
through  the  FBW  system. 


The  control  laws  incorporated  in  the  SFCS  F-4  aircraft  were  based  on  those  developed 
during  an  earlier  AFFDL  effort  called  the  TWEAD  (Tactical  WEApon  Delivery)  Program.  The 
TWEAD  Program  developed  and  tested  a  high  authority,  redundant  control  augmentation  system 
(CAS)  on  an  F-4C  aircraft  (14)  .  Particular  features  implemented  on  the  TWEAD  CAS  to 
improve  controllability  were  high-gain  feedback  control  loops  which  gave  the  pilot  direct 
control  over  motion  variables,  proportional  plus  integral  control  which  eliminated  most 
of  the  required  trimming,  and  vernier  control  which  gave  the  pilot  the  ability  to  make 
small,  precise,  and  rapid  changes  to  his  flight  path.  Because  of  the  success  of  the  TWEAD 
control  laws  during  flight  evaluations,  they  were  selected  as  the  basis  for  the  control 
law  development  for  the  full  authority  FBW  system  on  the  SFCS  F-4. 

The  SFCS  was  evaluated  during  a  test  program  consisting  of  84  flights.  The  pilots 
reported  that  the  response  and  damping  of  the  aircraft  had  been  significantly  improved 
over  the  basic  F-4.  The  pitch  axis  showed  better  tracking  capability  as  a  result  of 
designing  the  pitch  system  for  compliance  with  a  C*  criteria,  as  shown  in  Figure  5.  The 
roll  rate  command  system,  for  which  criteria  also  were  developed,  gave  much  higher 
responses  than  typical  of  an  F-4.  While  the  faster  roll  response  was  rated  desirable 
for  combat  applications,  it  was  judged  to  be  too  rapid  for  conventional  flight.  This 
result  suggested  that  responses  be  task-tailored  for  each  mission  segment  through  a  multi- 
mode  control  system.  The  FBW  technology  base  developed  in  the  SFCS  Program  paved  the 
way  for  further  aircraft  design  improvements  through  exploitation  and  application  of 
other  advanced  concepts  such  as  fighter  CCV  techniques  and  multimode  controls.  It  was 
also  becoming  obvious  that  achievement  of  the  full  potential  of  such  concepts  would 
require  the  computational  power  and  flexibility  of  digital  control  systems. 
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FIG  5:  SFCS  Flight  Test  Data  -  C*  Criteria  Compliance 


5.  PACT/CCV  F-4  PROGRAMS  (1971-1974) 

The  next  major  development  effort  was  the  Precision  Aircraft  Control  Technology  (PACT) 
nrogram  (13).  This  program  started  out  as  an  AFFDL  contracted  effort  to  investigate 
fighter  CCV  concepts  using  the  SFCS  F-4  as  the  testbed.  After  one  year,  this  Fighter  CCV 
Program  was  redirected  to  the  use  of  the  YF-16  testbed  (see  Section  7) .  However,  the  F-4 
investigation  was  continued  by  McDonnell  Douglas  using  company  resources  under  the  name 
of  the  PACT  Program. 

The  PACT  Program  modified  the  SFCS  F-4  aerodynamic  configuration  by  the  addition  of 
two  close-coupled  horizontal  canard  surfaces  of  20  ft^  (1.86m2)  each.  Figure  6  shows  the 
aircraft  arrangement,  including  the  control  surface  deflection  ranges.  The  canards  moved 
the  aerodynamic  neutral  point  forward  and  caused  the  longitudinal  axis  of  the  unaugmented 
aircraft  to  be  unstable  subsonically .  This  permitted  the  investigation  of  maneuvering 
performance  improvements  achievable  through  application  of  the  Relaxed  Static  Stability 
concept.  Static  margins  as  negative  as  -7.5%  of  the  mean  aerodynamic  chord  were  obtained 
with  the  horizontal  canard  configuration.  The  canards  were  designed  so  that  their  outer 
panels  could  be  removed,  leaving  each  with  an  area  of  8.5  ft*  (0.79m2),  This  allowed 
a  two-step  build-up  to  the  maximum  level  of  instability. 


FIG  6 :  F-4  PACT  General  Arrangement 


The  horizontal  canards  were  electronically  scheduled  as  a  function  of  stabilator  posi¬ 
tion  to  provide  a  minimum  drag  combination.  Because  of  the  destabilizing  effect  of  the 
canards,  the  stabilator  travel  range  was  rotated  5°  in  the  aircraft  nose  down  direction. 

The  horizontal  stabilator  no-load  maximum  deflection  rate  of  25  deg/sec  was  marginal  for 
RSS  operation.  Only  minor  changes  were  needed  to  the  baseline  SFCS  to  enable  it  to  control 
the  unstable  PACT  airframe  and  provide  good  handling  qualities. 

The  PACT  flight  test  program  consisted  of  30  flights  which  demonstrated  maneuvering 
performance  improvements  over  the  F-4.  Fixed  leading  edge  slats  were  added  at  the  same 
time  as  the  PACT  horizontal  canards  and  these  surfaces  also  contributed  to  performance. 

The  horizontal  canards  improved  performance  through  the  addition  of  lifting  surface  area, 
through  the  RSS  concept,  and  through  an  apparent  favorable  aerodynamic  interaction  with 
the  wing.  These  effects  were  manifested  in  increased  supersonic  control  limited  load 
factors,  in  higher  subsonic  lift  limited  load  factors,  and  in  lower  landing  speeds.  Buffet 
levels  were  also  significantly  reduced,  but  most  of  this  improvement  came  from  the  slats. 

The  wind  tunnel  data  base  for  the  PACT  effort  was  established  during  the  earlier  CCV 
F-4  contracted  studies.  The  CCV  F-4  Program  was  to  have  investigated  direct  lift  and 
direct  sideforce  in  addition  to  RSS.  Therefore,  extensive  wind  tunnel  tests  were  conducted 
to  size,  locate,  and  document  the  aerodynamic  characteristics  of  surfaces  needed  to  imple¬ 
ment  direct  force  control.  A  vertical  canard  was  chosen  as  the  primary  sideforce  generator 
and  horizontal  canards  were  to  be  used  for  direct  lift  implementation  (15). 

Three  different  vertical  canard  planforms  were  wind  tunnel  tested  on  F-4  models  to 
arrive  at  the  most  effective  surface.  The  selected  vertical  canard  had  an  area  of 
9.4  ft^  (0.87m2),  a  sweep  angle  of  45°,  and  a  deflection  range  of  ±30°.  The  effective¬ 
ness  of  a  vertical  canard  as  a  sideforce  generator  is  a  function  of  both  its  sideforce 
reaction  and  its  yawing  moment,  which,  when  trimmed  out  by  the  rudder,  adds  to  the  side- 
force.  During  the  CCV  F-4  wind  tunnel  tests,  even  the  best  vertical  canard  was  found  to 
suffer  a  severe  loss  in  effectiveness  as  angle  of  attack  increased.  This  effect  is  shown 
in  Figure  7,  and  implies  that  the  vertical  canard  may  be  an  acceptable  sideforce  generator 
for  air-to-ground  operations,  but  may  be  marginal  in  sideforce  for  high  angle  of  attack 
air  combat  maneuvering. 

An  alternate  method  for  generating  direct  sideforce  was  discovered  during  CCV  F-4 
wind  tunnel  testing.  Differentially  deflected  horizontal  canard  surfaces  were  found  to 
provide  significant  levels  of  sideforce  (16).  Figure  8  shows  that,  unlike  vertical 
canards,  horizontal  canards  produce  sideforces  that  increase  in  magnitude  with  angle  of 
attack.  The  theoretical  basis  of  this  phenomenon  was  not  understood  at  that  time.  The 
use  of  horizontal  canards  for  sideforce  generation  was  explored  more  fully  during  the 
CCV  YF-16  Program  and  will  be  further  discussed  in  that  section. 

Use  of  horizontal  canards  was  found  to  be  an  effective  way  of  implementing  direct 
lift  control  on  the  F-4  configuration.  However,  the  direct  lift  capability  of  close- 
coupled  horizontal  canards  does  not  arise  from  their  effectiveness  as  lift  producers. 

Wind  tunnel  tests  showed  that  close-coupled  horizontal  canards  are  relatively  ineffective 
in  producing  net  lift  because  the  lift  generated  by  the  canards  is  offset  by  the  decrease 
in  wing  lift  resulting  from  the  downwash  induced  on  the  wing  by  the  deflected  canards. 
However,  the  canards  can  generate  a  considerable  nose-up  pitching  moment  which  may  be 
trimmed  by  a  trailing  edge  down  horizontal  stabilator  deflection.  This  positive 
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stabilator  deflection  for  trim  contributes  a  relatively  large  amount  of  incremental  lift 


which,  when  added  to  the  untrimmed  canard  increment,  gives  a  significant  level  of  direct 
lift  control.  The  CCV  F-4  would  have  supplemented  the  canard/stabilator  DLC  capability 
with  conventional  spoiler  and  flaperon  deflections. 
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Fighter  aircraft  ACT  concepts  investigated  during  the  SFCS  and  PACT/CCV  F-4  Programs 
found  application  in  the  F-16  Lightweight  Fighter.  The  F-16  employs  a  quad-redundant  FBW 
analog  flight  control  system  with  no  mechanical  links  between  cockpit  and  actuators.  It 
also  employs  the  Relaxed  Static  Stability  concept  to  achieve  improved  range  and  maneuvering 
performance  (17) . 
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FIG  7:  Vertical  Canard  Sideforce  Vs.  Angle  of  Attack 
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FIG  8:  Direct  Sideforce  From  Differentially  Deflected 
Horizontal  Canards  (CCV  F-4) 


6.  VARIABLE  STABILITY  NT-33A 

Direct  force  control  (DFC)  technology  has  matured  much  more  slowly  than  other  ACT  con¬ 
cepts.  Though  the  theory  is  straightforward,  an  operationally  suitable  DFC  implementation 
requires  unique  approaches  to  interdisciplinary  problems.  First,  standard  aerodynamic 
configurations  normally  do  not  have  the  means  to  generate  direct  sideforce  and  the  normal 
method  of  generating  direct  lift  (trailing  edge  flaps  and  stabilator)  is  somewhat  ineffi¬ 
cient  and  of  low  authority.  Thus,  non-standard  aerodynamic  configurations  and  control 


surfaces  are  indicated.  Second,  the  man  machine  interface  problem  is  of  vital  importance 
when  giving  the  pilot  additional  degrees  of  control  freedom.  The  question  of  how  the 
pilot  can  best  command  DFC  modes  has  yet  to  be  resolved.  Separate,  additional  controllers 
for  DFC  can  increase  the  workload  and  cause  cross-coupling  and  other  compatibility  problems 
(18) .  New  cockpit  displays  are  also  needed  to  allow  the  pilot  to  effectively  monitor  his 
uie  of  decoupled  control  modes.  Finally,  it  has  not  been  conclusively  demonstrated  to 
pilct3  that  DFC  will  allow  them  to  perform  combat  tasks  in  a  manner  superior  to  conventional 
maneuvering.  Some  of  the  lag  in  maturing  DFC  technology  can  be  attributed  to  the  difficulty 
in  adequately  representing  unconventional  aircraft  motions  in  ground-based  simulators. 

An  AFFDL  resource  used  for  in-flight  investigations  of  DFC  and  other  ACT  concepts  is 
the  Variable  Stability  NT-33A  aircraft.  As  shown  in  Figure  9,  the  NT-33A  obtained  its  DSFC 
by  deflecting  the  rudder  to  cancel  the  yawing  moment  resulting  from  the  asymmetric  drag  of 
wing  tip  tank  petals.  This  scheme  was  used  to  evaluate  the  usefulness  of  DSFC  in  simulated 
dive  bombing  runs  during  a  1971  flight  test  program  (19) .  Three  different  pilot  controllers 
were  investigated  for  a  flat  turn  mode  and  for  a  lateral  translation  mode.  The  drag  petal/ 
rudder  method  of  generating  DSFC  was  found  to  be  suitable  for  the  high  drag  configuration 
normally  used  in  dive  bombing.  However,  the  maximum  sideforce  available  on  the  NT-33A  was 
only  0.17g.  Sven  so,  it  was  concluded  that  DSFC  improved  the  pilot's  ability  to  acquire 
and  maintain  a  target  and  indicated  that  additional  research  at  higher  performance  would 
be  worthwhile.  A  similar  concept  for  generating  DSFC  employing  split  ailerons  and  rudder 
was  included  on  the  Northrop  A-9  configuration.  However,  the  full  benefits  were  not  realized 
due  to  a  simple  mechanical  mechanization,  which  was  in  keeping  with  the  design  philosophy 
of  the  aircraft. 

AFFDL  in-flight  simulators  continue  to  support  ACT  research  and  development.  The 
Variable  Stability  NT-33A  was  used  in  handling  qualities  development  support  for  the  F-16 
and  YF-17  and  is  involved  in  flight  control  development  work  for  the  US  Navy  F-18.  Its 
AFFDL  companion  aircraft,  the  Total-In-Flight-Simulator  (TIFS)  NC-131H,  is  used  for 
bomber/transport  research.  The  TIFS  recently  has  been  used  for  in-flight  investigations 
of  B-l  and  Space  Shuttle  Orbiter  handling  characteristics  and  in  support  of  NASA's  Super¬ 
sonic  Cruise  Aircraft  Research  Program. 


FIG  9:  NT-33A  Direct  Sideforce  Technique 


7.  THE  CCV  YF-16  PROGRAM  (1973-1977) 

The  Fighter  CCV  Program  started  with  an  F-4  testbed  but  was  redirected  after  one  year 
to  a  more  modern  testbed:  the  YF-16.  This  program  flight  demonstrated  seven  decoupled 
control  modes  attainable  through  direct  lift  control  and  direct  sideforce  control.  The 
CCV  YF-16  achieved  higher  levels  of  direct  force  control  than  had  previously  been  flight 
tested,  and  identified  many  actual  and  potential  uses  of  the  unique  maneuvering  capabili¬ 
ties  afforded  by  the  ability  to  independently  control  the  six  degrees  of  aircraft  motion. 
This  program  also  quantified  the  variation  of  maneuvering  performance  with  degree  of  longi¬ 
tudinal  aerodynamic  stability  under  an  RSS  investigation. 

The  CCV  YF-16  Program  began  with  an  extensive  wind  tunnel  effort  to  determine  the  most 
desirable  method  of  incorporating  direct  force  capability  on  the  test  aircraft.  Additional 
control  surfaces  tested  included  vertical  canards  for  DSFC  and  horizontal  canards  for  both 
DSFC  and  DLC.  A  horizontal  canard  was  attractive  because  this  single  surface  was  found  to 
be  capable  of  providing  effective  control  power  in  two  axes  (16) .  As  on  the  CCV  F-4  con¬ 
figuration,  differential  deflections  of  horizontal  canards  on  the  YF-16  were  found  to 
provide  high  levels  of  sideforce  which  increased  with  angle  of  attack.  Figure  10  compares 


the  sideforce  characteristics  of  horizontal  and  twin  vertical  canards  on  the  CCV  YF-16. 

At  low  angles  of  attack,  the  vertical  canards  are  superior  in  sideforce  generation.  How¬ 
ever,  at  angles  of  attack  above  about  5 8  the  horizontal  canards  are  more  effective.  The  , 
horizontal  canards  had  the  additional  advantages  of  large  DLC  capability  and  of  providing  l(_ 
increased  longitudinal  control  power  for  RSS  investigations.  Unfortunately,  definition  of  1 
the  complex  multi-axis  aerodynamic  coupling  effects  caused  by  horizontal  canards  would  have 
required  increased  wind  tunnel  testing  beyond  the  scope  of  the  program.  For  example,  high 
angle  of  attack  directional  stability  was  found  to  be  a  strong  function  of  canard  deflection. 
Also,  incorporating  horizontal  canards  on  the  YF-16  would  have  required  extensive  equipment 
relocations.  For  these  reasons,  it  was  decided  to  use  the  more  straightforward  vertical 
canards  for  DSFC  generation  and  trailing  edge  flaps  for  DLC. 

The  CCV  YF-16  flight  test  configuration  is  shown  in  Figure  11.  The  selected  vertical 
canards  had  an  area  of  8  ft^  each  (0.74m2)  and  could  be  deflected  through  ±25°  at  a  system 
rate  of  94  deg/sec.  Direct  sideforce  levels  up  to  0.9g  were  reached  with  the  vertical 
canard/rudder  combination.  Direct  lift  control  was  obtained  by  means  of  coordinated  deflec¬ 
tions  of  the  wing  trailing  edge  flaps  and  the  horizontal  tail.  The  flaps  could  be  deflected 
through  ±15°  at  rates  up  to  56  deg/sec  to  obtain  DLC  levels  of  up  to  ±1.2g's. 


FIG  10:  Comparison  Between  Vertical  Canard  and 
Horizontal  Canard  Sideforces  (CCV  YF-16) 
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The  manually  commanded  unconventional  control  modes  that  were  flight  tested  on  the 
CCV  YF-16  are  depicted  in  Figures  12  and  13.  In  addition,  an  automatic  DLC  mode  was 
incorporated  whereby  conventional  stick  inputs  resulted  in  momentary  direct  lift  commands 
which  quickened  the  initial  aircraft  response  and  were  then  washed  out.  A  flight  test 
program  of  87  flights  was  conducted  to  evaluate  these  modes  and  to  investigate  the  RSS 
concept  (20) .  During  flight  testing,  pilots  identified  many  beneficial  applications  for 
these  unconventional  aircraft  motions.  The  decoupled  pointing  modes  were  rated  as  having 
high  potential  for  air-to-air  tracking,  especially  when  used  in  conjunction  with  an 
Integrated  Flight  and  Fire  Control  system.  The  flat  turn  and  lateral  translation  modes 
were  found  to  be  well  suited  for  air-to-ground  operations  and  the  automatic  DLC  mode 
increased  precision  tracking  accuracy.  Valuable  design  guidance  was  also  obtained  from 
CCV  YF-16  flight  testing  in  the  areas  of  controllers,  response  characteristics,  evalua¬ 
tion  techniques,  and  aerodynamic  characteristics  (21). 


CCV  YF-16  Longitudinal  Modes 
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FIG  13:  CCV  YF-16  Directional  Modes 
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A  configuration  such  as  the  CCV  YF-16  with  nine  movable  surfaces  presents  a  formid¬ 
able  challenge  in  defining  the  aerodynamic  characteristics  to  an  acceptable  level  of 
accuracy.  An  example  where  the  CCV  YF-16  wind  tunnel  data  base  was  incomplete  was  in  the 
matrix  of  flap  and  horizontal  tail  deflections  needed  to  define  the  interaction  between 
these  surfaces.  Flight  test  results  shown  in  Figure  14  graphically  illustrate  the  import 
tance  of  defining  significant  aerodynamic  interactions  prior  to  flight.  This  plot  shotfs 
that  use  of  trailing-edge-up  flap  deflections  resulted  in  sharply  increased  trim-tail 
deflections  at  angles  of  attack  above  18°,  whereas  only  very  small  trim  changes  occurred 
with  the  flaps  undeflected.  Such  large  positive  horizontal  tail  deflection  increases 
were  indicative  of  diminishing  aircraft  nose-down  pitch  recovery  power.  On  a  statically 
unstable  aircraft  such  as  the  CCV  YF-16,  it  is  vital  that  recovery  pitching  moment  be 
available  at  all  times  to  prevent  locked-in  trim  points  at  high  angles  of  attack.  The 
effect  shown  in  Figure  14  resulted  in  a  control  system  modification  preventing  DLC  appli¬ 
cation  above  18°  angle  of  attack. 

Other  aerodynamic  interaction  effects  resulted  from  the  use  of  trailing-edge  flaps 
as  DLC  surfaces  and  from  the  use  of  vertical  canards  as  DSFC  surfaces  (22) .  DLC  opera¬ 
tion  at  elevated  angles  of  attack  was  accompanied  by  an  increase  in  buffet  level, 
although  not  severe  enough  to  impair  tracking  ability.  Energy  maneuverability  losses 
accompanied  maximum  DFC  inputs,  averaging  between  70  and  90  fps  (21  to  27  m/sec)  depend¬ 
ing  on  flight  condition  and  mode.  The  vertical  canard  surfaces  were  found  to  interact 
with  the  ailerons  and  horizontal  tail,  reducing  the  effectiveness  of  these  surfaces 
slightly.  The  aerodynamic  interferences  and  nonlinearities  noted  during  the  CCV  YF-16 
program  reinforced  the  importance  of  a  thorough  and  accurate  definition  of  bare  air¬ 
frame  aerodynamics.  Although  the  closed-loop  flight  control  system  was  generally 
effective  in  masking  undesirable  aerodynamic  characteristics,  there  are  definite  limits 
to  this  capability. 

Like  most  research  efforts,  the  CCV  YF-16  Program  surfaced  as  many  new  questions  as 
it  answered  and  indicated  appropriate  areas  for  additional  study.  Flight  testing  showed 
a  clear  need  to  specifically  tailor  the  authorities  and  response  characteristics  of  each 
control  mode  to  the  task  being  performed.  For  instance,  the  CCV  YF-16  flat-turn  mode 
was  judged  too  sensitive  for  air-to-ground  tracking,  but  more  authority  was  desired  for 
maneuvering  during  air-to-air  encounters.  The  pilots  recognized  the  great  potential  of 
the  pointing  modes,  but  their  inability  to  satisfactorily  control  them  manually  suggested 
the  desirability  of  automating  these  functions.  Because  of  funding  considerations,  the 
CCV  YF-16  Program  did  not  attempt  to  optimize  the  controllers:  this  detracted  from  the 
•valuation.  Also,  the  compatibility  of  unconventional  flight  modes  with  advanced  fire 
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control  systems  was  not  addressed.  Such  unanswered  questions  form  the  bases  of  other  AFFDL 
ACT  programs. 


RIGHT  TEST  DATA 
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FIG  14:  CCV  YF-16  Trim  Tail  Deflection  vs  Angle  of  Attack 


8.  AD-7D  DIGITAL  MULTIMODE  FLIGHT  CONTROL  SYSTEM  PROGRAM  (1973-1976) 

While  the  CCV  YF-16  Program  was  investigating  decoupled  control  modes,  an  A-7D  aircraft 
was  exploring  the  benefits  available  from  conventional  task-tailored  multimodes  incorpo¬ 
rated  through  a  digital  command  augmentation  system.  The  control  laws  were  tailored  to 
increase  pilot  effectiveness  in  accomplishing  the  z ir-to-air  and  air-to-ground  weapons 
delivery  tasks.  A  dual  redundant  digital  mechanization  was  used  to  duplicate  the  standard 
operational  A-7D  inner  loop  stability  and  control  augmentation  functions  and  outer  loop 
pilot  relief  functions,  and  also  to  incorporate  two  new  multimode  control  laws.  The  first 
of  these  new  multimodes  was  termed  the  Flight  Path  mode,  which  was  basically  a  C*  control¬ 
ler  providing  a  steady-state  stick  force  per  g  that  increased  at  low  speeds  and  approached 
a  constant  value  at  high  speeds.  The  Flight  Path  mode  also  featured  a  zero  stick  breakout 
force,  increased  normal  acceleration  response  speed,  and  a  reduction  in  stick  trim  forces 
with  changing  flight  condition.  The  second  new  multimode,  termed  the  Precision  Attitude 
mode,  was  tailored  specifically  for  making  the  small  attitude  changes  required  for  pre¬ 
cision  tracking  maneuvers.  Both  modes  featured  revised  lateral-directional  control  laws 
providing  stick  shaping  and  gain  scheduling  for  tighter  roll  control  and  improved  turn 
coordination  and  damping  based  on  a  sideslip  rate  feedback  signal. 

A  test  program,  consisting  of  56  flights,  was  conducted  to  evaluate  the  A-7D  digital 
multimode  system.  In  general,  the  results  showed  that  significant  weapon  delivery  perfor¬ 
mance  improvements  were  possible,  even  though  only  conventional  surface  motion  was 
commanded  (23) .  The  Precision  Attitude  mode  was  preferred  over  the  Flight  Path  mode  since 
the  air-to-air  tracking  and  air-to-ground  strafing  and  bombing  experiments  were  primarily 
oriented  toward  accurate  attitude  control.  Although  the  multimodes  provided  no  appreci¬ 
able  improvement  in  dive  bombing  accuracy  relative  to  the  standard  control  augmentation 
system,  the  pilots  preferred  the  multimodes  because  of  their  pseudo-neutral  speed  stability . 
There  were,  however,  measurable  benefits  from  the  multimodes  in  tracking  and  strafing 
accuracies.  The  multmodes  provided  a  38%  average  reduction  in  tracking  error  for  air-to- 
air  and  air-to-ground  tasks  with  respect  to  the  standard  control  augmentation  system. 

There  was  a  corresponding  27%  improvement  in  strafing  scores. 

The  results  of  the  A-7D  flight  test  program  showed  that  digital  flight  control  systems 
can  effectively  provide  task-oriented  control  laws.  The  flexibility  afforded  by  alterable 
core  memory  of  the  digital  system  proved  to  be  a  large  asset  in  the  optimization  of  the 
control  law:  during  development  flight  testing.  The  variation  in  control  laws  needed  to 
establish  :  full-up  mission-tailored  multimode  control  system,  incorporating  decoupled 
maneuverability,  requires  even  more  complex  inner  loop  functions  to  provide  the  necessary 
mode  switching  logic,  feedback  blending,  signal  shaping,  gain  schedules,  filters,  compen¬ 
sation  networks,  etc.  The  simplified  lateral-directional  axis  block  diagram  of  Figure  15 
illustrates  an  example  of  the  level  of  switching  required  to  alter  a  basic,  normal  mode 
to  a  specialized  air  combat  mode  (24) . 
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FIG  15:  Multimode  Lateral-Directional  Block  Diagram 

Digital  flight  control  technology  has  found  application  on  the  F-18,  which  employs 
a  three-axis  quadruplex  DFCS  with  full  analog  backup  and  mechanical  backup  in  pitch  and 
yaw. 


9.  THE  IFFC-I/FI REFLY  III  PROGRAM  (1978-1981) 

The  concept  of  Integrated  Flight  and  Fire  Control  (IFFC)  provides  the  opportunity 
to  demonstrate  a  technology  which  can  potentially  improve  the  combat  effectiveness  of  all 
tactical  aircraft.  IFFC  design  involves  the  blending  of  flight  control,  director  fire 
control,  and  weapons  system  technologies  together  with  the  pilot's  abilities  to  enhance 
weapon  delivery  accuracy  and  survivability.  Accurate  delivery  of  air-to-ground  ordnance 
during  evasive  maneuvering  and  pilot-aided  air-to-air  tracking  are  the  cornerstones  of 
the  IFFC  concept. 

The  IFFC-I/FIREFLY  III  Program  is  the  culmination  of  a  series  of  joint  AFFDL  and  AFAL 
(Air  Force  Avionics  Laboratory)  programs  to  mature  the  interdisciplinary  technologies  to 
the  extent  necessary  to  effectively  blend  them  into  a  total  weapon  system.  The  program 
is  being  conducted  under  coordinated  AFFDL/AFAL  contracts  and  will  result  in  flight  vali¬ 
dation  of  the  IFFC  concept  using  a  production  F-15  testbed.  In  this  IFFC-I/FIREFLY  III 
effort,  no  attempt  is  being  made  to  completely  redesign  the  flight  or  fire  control  system, 
or  to  initiate  large  component  development  efforts.  The  IFFC  configurations  are  to  be 
designed  to  minimize  the  configuration  impact  on  our  latest  operational  fighters,  consis¬ 
tent  with  achieving  the  program  objectives.  Under  this  philosophy,  only  conventional  flight 
control  maneuvers  will  be  exploited.  It  is  believed  that  this  effort  has  significant 
short-term  potential,  therefore  emphasis  is  placed  on  living  within  the  physical  and 
functional  limitations  of  the  F-15  baseline  systems,  if  feasible. 

The  F-15  IFFC  system  will  be  designed  to  accommodate  varying  levels  of  pilot  partici¬ 
pation  in  the  control  tasks,  ranging  from  full  manual  control  to  pilot-aided  automatic 
control.  Also,  the  pilot  will  be  able  to  designate  certain  axes  for  automatic  control 
while  retaining  manual  control  of  the  remaining  axes  of  motion.  Emphasis  will  be  placed 
on  assisting  the  pilot  in  the  terminal  phase  of  attack  where  precision  control  is 
critical,  after  the  pilot  has  accomplished  the  necessary  air  combat  maneuvering  to  acquire 
the  target. 

In  air-to-air  gunnery,  delegation  of  control  authority  to  an  automatic  system  results 
in  the  "big  pipper"  concept.  Under  this  scheme,  the  pilot's  control  task  is  simply  to 
move  the  target  within  the  confines  of  a  sighting  rectangle  whose  dimensions  correspond  to 
the  authority  limits  of  the  automatic  system.  The  IFFC  system  will  then  achieve  the  fir¬ 
ing  solution. 

In  air-to-ground  operations,  the  IFFC  system  will  be  designed  for  ordnance  delivery 
during  turning  maneuvers,  as  depicted  in  Figure  16.  The  traditional  technique  of  rolling 
out  to  a  wings  level  attitude  before  weapons  release  is  not  only  unnecessary  but  also 
undesirable.  Returning  the  advantages  of  speed  and  maneuverability  to  the  attacker  has 
obvious  survivability  benefits. 
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FIG  16 :  IFFC  Turning  Attack  Maneuvers 


The  success  of  the  IFFC  concept  is  critically  dependent  on  the  ability  of  the  sensors 
and  trackers  to  provide  accurate  target  state  information.  The  F-15  IFFC  configuration 
will  use  a  Martin-Marietta  ATLIS  II  (Automatic  Tracking  Laser  Illumination  System)  as  the 
primary  sensor/tracker.  Air-to-air  range  information  will  be  obtained  from  the  radar. 

The  ultimate  success  of  the  F-15  IFFC  system  design  will  be  determined  by  scoring 
live  gunnery  and  inert  bombing  against  realistic  targets.  Simulation  results  were  used 
to  set  the  IFFC  flight  test  performance  goals  (25).  For  air-to-air  gunnery,  these  goals 
are  a  3:1  increase  in  expected  hits,  a  2:1  reduction  in  time  to  first  firing  opportunity, 
a  4:1  increase  in  number  and  duration  of  firing  opportunities,  and  the  demonstration  of 
a  greatly  increased  employment  envelope  in  high  angle-off  and  high  line-of-sight  rate 
encounters.  The  goals  for  air-to-ground  gunnery  and  bombing  are  a  10:1  increase  in 
survivability  against  linear  predictor  anti-aircraft  artillery,  a  2:1  increase  in  weapon 
delivery  accuracy  of  the  IFFC  system  over  a  similar  non-wings-level  manual  maneuver  for 
the  baseline  F-15,  and  retention  of  present  weapon  delivery  accuracy  while  releasing  in 
maneuvers.  IFFC  system  performance  versus  the  goals  will  be  determined  during  a  test 
program  of  about  200  flights.  The  progress  and  results  of  this  program  will  also 
directly  support  the  advanced  IFFC  task  of  the  AFTI-16  program  discussed  below. 


10.  THE  AFTI-16  PROGRAM  (1978-1983) 

The  AFTI-16  Program  will  extend  and  integrate  into  a  single  F-16  test  aircraft  most 
of  the  fighter  technologies  that  were  investigated  individually  under  the  previously 
described  AFFDL  ACT  programs.  The  AFTI-16  aircraft  will  tie  together  the  decoupled  con¬ 
trol  capability  provided  by  direct  force  control  with  an  integrated  flight/fire  control 
system,  all  implemented  through  a  task-tailored  multimode  digital  flight  control  system. 
Pilot/Vehicle  Interface  (PVI)  advancements  necessary  to  permit  complete  evaluation  of 
the  technologies  will  also  be  implemented,  including  a  wide  f ield-of-view  head-up-display, 
a  helment-mounted  sight,  new  controllers,  and  multifunction  displays.  The  approach  of 
integrating  several  ACT  concepts  on  a  modified  aircraft  was  the  culmination  of  several 
years  of  studies  and  proposals. 

Initial  design  studies  conducted  under  the  Advanced  Fighter  Technology  Integration 
(AFTI)  effort  were  directed  at  identifying  the  configuration  of  a  small  new  demonstra¬ 
tor  vehicle  on  which  ACT  concepts  could  be  validated  (26).  Figure  17  shows  one  innova¬ 
tive  configuration  that  evolved  from  these  studies.  This  design  uses  just  six  control 
surfaces  to  provide  control  of  all  six  independent  degrees  of  flight  freedom.  By 
contrast,  recent  operational  fighters  require  coordination  of  nine  to  eleven  surfaces 
to  provide  control  in  the  conventional  four  degrees  of  flight  freedom.  Other  configu¬ 
rations  proposed  during  the  early  AFTI  studies  featured  advanced  aerodynamics  such  as 
close-coupled  horizontal  canards  and  supercirculation  through  jet  flaps.  The  new 
demonstrator  concept  was  appealing  because  it  would  avoid  some  of  the  compromises 
necessary  when  integrating  technologies  on  a  modified  vehicle.  However,  the  costs  asso¬ 
ciated  with  building  a  new  aircraft  for  technology  demonstration  purposes  was  a  drawback. 
It  was  decided  that  ACT  concepts  could  be  effectively  integrated  and  demonstrated  on  a 
modified  existing  aircraft,  and  this  is  the  approach  being  pursued  on  the  AFTI-16  Program. 


YAW  ATTITUDE 


)V  (  ( 


FIG  17:  Early  AFTI  Configuration 


The  AFTI-16  test  aircraft  is  depicted  in  Figure  18.  It  is  a  modified  F-16  Full  Scale 
Development  aircraft.  An  added  dorsal  fairing  is  used  to  accommodate  flight  test  instru¬ 
mentation.  The  vertical  canards  used  for  direct  sideforce  control  are  the  same  surfaces 
that  were  used  during  the  CCV  YF-16  Program.  The  AFTI-16  method  of  obtaining  direct  lift 
control  with  the  trailing-edge  flaps  and  horizontal  tail  is  also  the  same  as  on  the  CCV 
airplane.  Overall,  the  configurations  are  similar  enough  that  the  CCV  Yf-16  aerodynamic 
data  base  can  be  used  to  reduce  the  risk  and  cost  to  the  AFTI-16  Program.  A  major 
aerodynamic  challenge  during  the  AFTI  Program  will  be  in  clearing  the  aircraft  to  drop 
bombs  during  non-wings  level  and  unconventional  IFFC  maneuvering. 


FIG  18:  AFTI-16  Test  Aircraft 


The  AFTI-16  triplex  Digital  Flight  Control  System  (DFCS)  should  be  well  suited  for 
implementing  the  higher  order  control  loop  functions,  logic  schemes,  and  complex  inter¬ 
faces  with  cont rol s, d isp lays ,  and  other  AFTI  subsystems.  The  task  oriented  multimode 
control  law  implementation  and  selection  capability  will  go  beyond  concept  demonstration 
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to  provide  an  operationally  suitable  configuration.  Digital  technology  offers  flexi¬ 
bility  and  growth  potential  for  system  changes  through  software  rather  than  hardware 
modifications.  A  good  test  of  the  AFTI-16  Digital  Flight  Control  System  will  be  its 
capability  to  compensate  for  the  many  aerodynamic  nonlinearities  and  interference 
effects  expected  as  a  result  of  CCV  YF-16  findings. 

The  IFFC  task  of  the  AFTI-16  Program  will  expand  the  scope  of  the  F-15  IFFC  Program 
by  incorporating  decoupled  maneuvering  capability  and  other  advanced  features.  As 
mentioned  previously,  automatic  command  of  aircraft  pointing  independent  of  flight  path 
is  expected  to  show  big  payoffs  in  IFFC  gunnery  operations.  The  advanced  IFFC  system 
on  the  AFTI-16  is  expected  to  produce  mission  effectiveness  improvements  even  more 
impressive  than  those  being  sought  for  the  conventional  IFFC  system  on  the  F-15  testbed. 

A  test  program  consisting  of  approximately  250  flights  is  planned  to  validate  the 
integrated  AFTI-16  technologies.  Although  the  AFTI  vehicle  will  not  be  able  to  fully 
exploit  the  design  versatility  available  from  a  new  configuration,  it  should  provide  a 
viable  and  cost  effective  alternative  for  providing  proven  technology  for  transition  to 
systems  application.  The  AFTI-16  Program  will  also  mature  the  techniques  for  merging 
ACT  with  novel  aerodynamic  control  concepts. 


11.  CONCLUSIONS 

Over  the  past  decade,  the  AFFDL  has  pursued  a  systematic  approach  to  the  advancement 
of  Active  Control  Technology  through  a  series  of  flight  test  development  programs.  The 
AFFDL  programs  were  concurrent  with  other  highly  signficant  ACT  research  efforts  accom¬ 
plished  in  the  United  States  and  throughout  the  international  aerospace  community.  The 
overall  effect  has  been  to  mature  aspects  of  the  technology  to  the  point  where  they  have 
been  accepted  and  incorporated  into  production  weapon  systems. 

Flight  control  and  aerodynamics  are  highly  interdependent  on  ACT  aircraft  which 
require  localised  force  and  moment  producers  for  structural  mode  control  or  unconventional 
maneuverability.  One  aspect  of  ACT  that  has  not  yet  been  fully  exploited  is  the  applica¬ 
tion  of  direct  force  control  for  improving  mission  effectiveness.  To  take  full  advantage 
of  decoupled  maneuver  modes,  aerodynamic  control  surfaces  are  needed  which  provide  high 
levels  of  effectiveness  over  a  wide  range  of  flight  conditions,  with  acceptable  drag  and 
buffet  penalties,  minimum  interference  and  cross-coupling  effects,  and  benign  non- 
linearities.  The  advent  of  ACT  design  techniques,  rather  than  reducing  the  importance  of 
bare  airframe  aerodynamics,  has  resulted  in  an  increased  requirement  for  a  thorough  and 
accurate  definition  of  aerodynamic  characteristics. 

The  AFFDL  ACT  programs  progressed  from  a  test  aircraft  using  existing  aerodynamic  con¬ 
trol  surfaces  and  a  single  thread  analog  fly-by-wire  system  up  to  an  aircraft  having  new 
surfaces  for  unconventional  task-tailored  multimode  control  implemented  with  a  full  digital 
flight  control  system.  ACT  concepts  have  been  developed  for  both  the  bomber  and  fighter 
classes  of  aircraft.  Perhaps  the  most  significant  finding  in  all  this  activity  was  that 
the  effectiveness  of  employing  all  these  new  flight  and  control  modes  cannot  be  fully 
assessed  by  the  traditional  analysis  and  performance  methods.  Hence,  intensive  research 
efforts  are  required  to  further  develop  the  mathematical  analysis  and  design  techniques 
to  fully  exploit  the  capabilities  and  the  tactical  utility  of  the  many  benefits  that  are 
available. 
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SUMMARY 

Wind  tunnel  and  piloted  simulation  studies  were  conducted  to  investigate  the  potential  high  angle  of 
attack  control  problems  that  are  introduced  by  the  use  of  the  CCV  concept  of  relaxed  static  pitch  stability 
(RSS)  on  fighter  aircraft.  The  configurations  investigated  were  a  conventional  wing/aft  tail  design  incor¬ 
porating  modest  levels  of  static  instability  and  a  close-coupled  canard/wing  design  exhibiting  very  high 
levels  of  instability.  The  results  of  the  studies  indicate  that  two  types  of  high  angle  of  attack  control 
problems  can  result  from  the  use  of  RSS:  (l)  pitch  departures  caused  by  coupling;  and  (2)  deep  stall  trim. 
Avoidance  of  these  problems  requires  that  the  airplane  have  sufficient  nose-down  pitch  control  at  high  angles 
of  attack.  With  regard  to  this  requirement,  the  effectiveness  of  several  pitch  control  configurations  were 
investigated  including  conventional  aft-mounted  stabilators,  wing-mounted  elevators,  canard-mounted  flaps, 
and  all-moveable  canards.  Varying  the  incidence  of  the  canards  was  found  to  be  the  most  effective  scheme; 
however,  very  large  deflections  may  be  required  on  highly  unstable  configurations  to  prevent  pitch  departure 
without  sacrificing  roll  performance  and  to  avoid  deep  stall  trim.  For  situations  where  the  high  angle  of 
attack  pitch  control  requirement  is  not  met,  control  laws  were  developed  to  inhibit  the  departure  and  to 
allow  deep  stall  recovery.  However,  these  schemes  involve  limiting  airplane  roll  capability  and  therefore 
can  potentially  compromise  maneuverability. 


INTRODUCTION 

Rapid  advances  in  aircraft  avionic  technology  in  recent  years  have  made  possible  the  application  of 
control-configured-vehicle  (CCV)  concepts  to  fighter  aircraft.  In  particular  considerable  interest  has 
arisen  regarding  the  principle  of  relaxed  static  stability  (RSS)  in  which  the  airframe  is  designed  to  have 
low  or  negative  inherent  static  longitudinal  stability  at  subsonic  speeds.  The  potential  performance 
benefits  of  this  concept  are  well  known  and  fighter  designs  incorporating  very  high  levels  of  inherent 
longitudinal  instability  are  now  being  considered. 

Obviously,  in  RSS  designs  the  reliance  on  the  control  system  to  provide  satisfactory  stability  and 
control  characteristics  is  quite  high.  Fundamentally,  the  control  system  must  provide  artificial  stability 
such  that  the  airframe/control  system  combination  has  static  stability  throughout  the  flight  envelope.  The 
use  of  RSS,  however,  can  also  introduce  potential  stability  and  control  problems  at  high  angles  of  attack 
which  impose  severe  requirements  on  the  design  of  the  control  system  in  order  that  the  desired  characteris¬ 
tics  of  maximum  maneuverability  and  departure /spin  resistance  can  be  attained.  It  should  be  noted  that 
these  problems  exist  in  addition  to  the  more  familiar  lateral/directional  problems  that  generally  occur 
near  maximum  lift.  This  paper  will  concentrate  on  some  of  the  inherent  high  angle  of  attack  problems 
resulting  frcm  the  use  of  RSS,  the  design  requirements  on  the  flight  control  system  for  such  conditions, 
and  some  airframe  and  control  system  concepts  which  can  be  used  to  satisfy  these  requirements.  In  addition 
the  limitations  of  such  concepts  and  the  subsequent  effects  on  aircraft  maneuverability  and  departure/spin 
resistance  will  also  be  reviewed.  The  foregoing  points  are  discussed  for  two  specific  airplane  configura¬ 
tions,  one  of  which -utilizes  a  conventional  aft  tail,  and  the  other  a  canard. 


SYMBOLS 


M 


M 


ic 


P 

Ps 


q 


normal  acceleration,  g  units 
pitching  moment  coefficient 

p 

moments  of  inertia  about  X,  Y,  and  Z  body  axes,  kg-m 
Mach  number 

pitching  moment  due  to  inertia  coupling  (1^  -  I  )  pr,  N-m 

airplane  body  axis  roll  rate,  deg/sec  or  rad/sec 
airplane  stability  axis  roll  rate,  deg/sec  or  rad/sec 

airplane  body  axis  pitch  rate,  deg/sec  or  rad/sec 

2 

free-stream  dynamic  pressure,  N/m 


r 


airplane  body  axis  yaw  rate,  deg/sec  or  rad/sec 


r 


i 
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t 

V 

X,  Y,  Z 
a 
6 
6 

a 

6 

c 


0,  4>,  ¥ 
S2 


time,  sec 

airplane  resultant  velocity,  m/sec 
airplane  body  axes 
angle  of  attack,  deg 
angle  of  sideslip,  deg 

aileron  deflection,  positive  for  left  roll,  deg 

canard  deflection,  positive  for  trailing-edge  down,  deg 

canard  flap  deflection,  positive  for  trailing-edge  down,  deg 

elevator  deflection,  positive  for  trailing-edge  down,  deg 

horizontal  stabilator  deflection,  positive  for  trailing-edge  down,  deg 

rudder  deflection,  positive  for  left  yaw,  deg 

Euler  angles ,  deg 

total  angular  rate,  deg/sec 


BACKGROUND 


The  fundamental  aerodynamic  characteristics  of  RSS  configurations  which  can  result  in  the  high  angle  cf 
attack  control  problems  discussed  herein  are  illustrated  in  figure  1  which  shows  an  idealized  plot  of  aero¬ 
dynamic  pitching  moment  coefficient  C  versus  angle  of  attack  which  might  be  expected  for  a  statically 
unstable  configuration.  Data  are  shown  for  neutral,  full  nose-up  and  full  nose-down  pitch  control  deflec¬ 
tions.  The  two  main  potential  problem  areas  are  indicated  by  the  shaded  regions  as  an  indication  of  where 
they  are  likely  to  occur.  The  lower  a  region  below  maximum  lift  represents  an  area  of  susceptibility  to 
uncontrollable  pitch  departures  due  to  lack  of  sufficient  aerodynamic  nose-down  control  moment.  As  indicated, 
if  the  angle  of  attack  exceeds  a  .  ,  additional  nose-down  moment  cannot  be  generated  and  the  airplane  will 
pitch  up  into  an  out-of-control  situation.  Thus,  a  critical  requirement  of  the  control  system  in  this  case 
is  to  limit  the  maximum  angle  of  attack  to  values  where  control  can  be  maintained.  Note,  however,  that  in 


the  a  region  immediately  below  a 


there  is  very  little  nose-down  moment  available  to  prevent 


-rit 

excursions  above  cicrit-  F°r  angles  of  attack  higher  than  Ocrit.  it  is  seen  that  the  Cm  curves  change 
slope  due  to  increasing  breakdown  of  the  flow  over  the  entire  configuration  which  causes  the  aerodynamic 
center  to  move  aft,  resulting  in  stable  deep  stall  trim  points  at  very  high  angles  of  attack.  If  the 
airplane  enters  these  deep  stall-trim  points,  recovery  may  be  very  difficult  since  aerodynamic  controls  for 
most  fighter  configurations  are  generally  not  very  effective  at  these  extreme  angles  of  attack. 


With  these  aerodynamic  characteristics  in  mind,  it  is  appropriate  to  examine  how  control  saturation  and 
departure  may  be  encountered  during  maneuvering  at  high  angles  of  attack.  Towards  this  end,  it  is  useful 
to  review  several  kinematic  and  inertia-coupling  phenomena  which  can  significantly  influence  the  high  angle 
of  attack  flight  dynamics  of  RSS  configurations.  One  important  effect  is  the  kinematic  coupling  between 
angle  of  attack  and  sideslip  that  occurs  when  an  airplane  is  rolled  about  its  X-axis  at  high  angles  of 
attack  as  illustrated  in  figure  2.  If  the  airplane  is  flying  at  angle  of  attack  with  the  wings  level 
[figure  2(a)]  and  the  pilot  generates  a  pure  rolling  motion  about  the  airplane  X  axis  [figure  2(b)],  after 
90°  of  roll  all  of  the  initial  angle  of  attack  will  have  been  converted  into  sideslip.  Because  it  is 
undesirable  to  generate  large  amounts  of  sideslip  at  high  angles  of  attack  from  a  roll  performance  and 
lateral-directional  departure  susceptibility  viewpoint,  most  current  fighters  are  designed  to  roll  about 
the  velocity  vector  rather  than  the  body  axis.  It.  is  obvious  that  this  conical  rotational  motion  (indicated 
by  Ps )  eliminates  the  coupling  between  ot  and  6  .  Resolving  ps  into  the  body  axis  system  shows  that 
this  motion  involves  body  axis  yaw  rate  as  well  as  roll  rate  and  that  these  rates  are  related  by  the 
expression 

r  =  ptan  a 

If  the^above  equality  is  not  satisfied  during  a  roll,  sideslip  will  be  generated  due  to  kinematic  coupling 
with  8  varying  as:  6  -  psim  -  r  -vs  a  Modern  fighter  control  systems  generally  incorporate  roll/yaw 
control  interconnects  and  stability  axis  yaw  dampers  which  attempt  to  make  the  airplane  roll  about  its 
velocity  vector  at  high  angles  of  attack. 


Turning  to  the  case  of  rolling  with  an  initial  sideslip,  it  is  seen  from  figure  2(b)  that  body  axis 
rolling  will  result  in  the  initial  8  being  converted  into  a  after  90°  of  roll  with  a  varying  as 

ot  -  q  -  p  count  tan8 


The  second  term  in  the  above  expression  indicates  that  rolling  with  adverse  sideslip  (p  and  8  having 
the  same  signs)  tends  to  reduce  a  whereas  rolling  with  proverse  sideslip  (p  and  8  having  opposite 
signs)  tends  to  increase  a  .  This  latter  effect  can  be  important  in  RSS  configurations  requiring  an 
angle  of  attack  limit  because  substantial  increases  in  h  can  be  generated  due  to  kinematic  coupling  if 
the  airplane  is  rolled  with  proverse  8  (using  excessive  rudder  for  example).  This  increase  in  a  could 
overpower  the  available  nose  down  control  and  result  in  a  pitch  departure. 


The  second  form  of  coupling  important  to  the  high  angle  of  attach  dynamics  of  RSS  configurations  is 
due  to  inertial  effects.  Figure  3(a)  illustrates  the  inertial  pitching  moment  that  is  produced  when  a 
typically  fuselage-heavy  fighter  airplane  is  rolled  about  its  velocity  vector  at  high  angles  of  attack. 

The  desirability  of  this  type  of  roll  from  a  kinematic  coupling  viewpoint  was  previously  discussed; 
unfortunately,  the  resulting  nose-up  pitching  moment  caused  by  inertia  coupling  can  be  a  problem  for  RSS 
configurations.  As  an  aid  in  visualizing  this  effect,  the  fuselage-heavy  mass  distribution  of  the  airplane 
is  represented  as  a  dumbbell  with  the  mass  concentrated  at  the  two  ends.  If  the  airplane  rolls  about  its 
velocity  vector,  the  dumbbell  will  tend  to  pitch  up  to  align  itself  perpendicular  to  the  rotation  vector 
ps.  This  nose-up  pitching  moment  due  to  inertial  coupling,  Mic ,  can  be  expressed  as; 

Mic  =  (Iz  -  I*)  pr 

substituting  P  =  Pg  cos  o  and  r  =  p^  sin  a 

M.  =  (I  -  I  )  p  ^  cos  a  sin  a  =  1/2  (I  -  I  )  p  ^  sin  2a 
ic  z  x  *s  z  x  *s 

The  above  expression  shows  that  the  pitch  inertia  coupling  moment  resulting  from  stability  axis  rolling  is 
always  positive  (nose  up)  for  positive  a,  increases  with  increasing  a  ,  and  varies  as  the  square  of  the 
roll  rate.  For  RSS  configurations,  this  nose-up  inertial  moment  must  be  opposed  by  the  available  nose-down 
aerodynamic  moment.  If  the  control  moment  is  less  than  the  inertia  coupling  moment,  the  airplane  may  pitch 
up  beyond  the  critical  a  boundary  (illustrated  in  figure  l)  resulting  in  loss  of  control. 

The  inertia  coupling  yawing  moment  which  results  from  the  combination  of  roll  and  pitch  rates  is 
illustrated  in  figure  3(b).  The  airplane  mass  distribution  is  represented  by  the  dumbbell  and  the  airplane 
is  shown  rolling  to  the  right  and  pitching  up.  As  can  be  seen,  the  dumbbell  will  tend  to  yaw  nose-left  to 
align  itself  perpendicular  to  the  rotation  vector  ft  .  Thus,  the  airplane  would  be  rolling  and  yawing  in 
opposite  directions.  Recalling  that  to  minimize  adverse  sideslip  due  to  kinematic  coupling  r  must  be 
equal  to  ptan  a  ,  it  is  seen  that  this  form  of  coupling  can  contribute  to  the  build-up  of  large  amounts 
of  adverse  8  which  in  turn  can  result  in  loss  of  lateral-directional  control  at  high  angles  of  attack. 

In  summary,  RSS  configurations  can  be  susceptible  to  pitch  departures  at  high  angles  of  attack  when  there 
is  insufficient  nose-down  aerodynamic  moment  to  prevent  angle  of  attack  from  increasing  above  some  critical 
limit  beyond  which  the  airplane  cannot  be  controlled  in  pitch.  Two  dynamic  phenomea  which  can  generate 
large  angle  of  attack  excursions  during  high-a  maneuvering  are  kinematic  coupling  and  inertia  coupling. 
Kinematically,  substantial  increases  in  angle  of  attack  can  be  generated  by  rolling  with  proverse  sideslip; 
in  addition,  large  a  excursions  can  also  occur  during  push-over  recoveries  from  steep  attitude  climbs  to 
very  low  airspeed.  Inertially,  significant  nose-up  moments  are  generated  during  stability  axis  rolling  at 
high  angles  of  attack.  If  these  moments  are  greater  than  the  available  nose-down  aerodynamic  moment,  a 
pitch  departure  is  likely  to  occur.  This  problem  is  further  illustrated  in  figure  k.  Shown  is  the  varia¬ 
tion  of  the  nose-up  inertia  coupling  moment  caused  by  stability  axis  rolling  with  roll  rate;  as  noted 
earlier  the  moment  varies  with  p  2  so  that  very  substantial  moments  can  be  produced  at  high  roll  rates. 

Also  shown  are  representations  oi  the  available  nose  down  control  moment  for  a  specified  a  at  two  values 
of  dynamic  pressure,  qq  and  q2  (qi  <  q2)-  The  points  of  intersection  with  the  coupling  moment  curve 
indicate  the  highest  roll  rates  (psp*  and  ps2*)  at  which  sufficient  control  moment  exists  to  counter  the 
nose-up  coupling  moment.  If  the  roll  rate  should  increase  and  be  sustained  above  these  values,  then  it 
is  very  likely  that  a  pitch  departure  will  occur.  Note  that  psi*  <  Ps2*>  indicating  that  the  susceptibility 
to  this  type  of  departure  becomes  more  acute  as  airspeed  decreases.  Once  a  departure  beyond  the  critical  a 
limit  occurs,  the  airplane  is  likely  to  continue  to  pitch  up  to  very  high  angles  of  attack  and  potentially 
restabilize  in  a  deep  stall  trim  point  as  indicated  earlier  in  figure  1.  Furthermore,  the  results  of  figure 
4  point  out  a  rather  unique  characteristic  of  RSS  configurations  —  that  the  maximum  sustainable  roll  rates 
that  can  be  controlled  at  high  angles  of  attack  are  a  direct  function  of  the  effectiveness  of  the  nose-down 
pitch  control. 

The  remainder  of  this  paper  will  discuss  the  problems  of  pitch  departure  and  deep  stall  trim  as  studied 
during  investigations  recently  conducted  at  the  NASA  Langley  Research  Center  of  two  representative  fighter 
configurations.  The  studies  included  low  speed  wind  tunnel  tests  and  real  time  piloted  simulator  studies. 

The  first  fighter  configuration  studied  (referred  to  herein  as  configuration  A)  was  designed  to 
operate  at  very  moderate  inherent  levels  of  pitch  instability  [static  margin  (S.M.)  =  -  .04]  and  incorporated 
a  conventional  aft-mounted  all-moveable  horizontal  stabilator  for  pitch  control.  The  configuration  had  a 
moderately-swept  wing  and  a  highly-swept  wing-body  strake  to  enhance  lift  and  maneuverability  at  high 
angles  of  attack.  The  second  configuration  (referred  to  herein  as  configuration  B)  was  a  close-coupled 
canard  design  operated  at  relatively  high  levels  of  pitch  instability  (S.M.  =  -  .20).  Wing  trailing-edge 
elevators,  canard-mounted  trailing-edge  flaps,  and  an  all  moveable  canard  were  available  for  pitch  control. 

Shown  in  figure  5  are  the  neutral-control  pitching  moment  coefficient  variations  with  angle  of  attack 
for  the  two  configurations  investigated.  The  data  show  the  modest  level  of  instability  exhibited  by 
configuration  A  in  the  low  to  moderate  angle  of  attack  range  (a  <  20°)  and  the  very  high  level  of 
instability  for  configuration  B.  The  pitchup  exhibited  by  configuration  A  between  40°  and  50°  was 
caused  by  the  highly-swept  wing  body  strake.  Above  a  =  50°,  the  pitching  moment  broke  stable  and  exhibited 
a  deep  stall  trim  point  at  about  a  =  62°.  The  close-coupled  canard  configuration  also  had  a  deep  stall 
trim  point,  however  it  occurred  at  an  angle  of  attack  10°  higher  than  that  of  configuration  A. 

The  simulator  studies  were  conducted  on  the  Langley  differential  maneuvering  simulator  (EMS)  facility 
shown  in  figure  6  and  input  data  were  based  on  results  of  wind  tunnel  force  tests  in  several  facilities. 

The  capabilities  of  the  DMS  allow  thorough  evaluation  of  departure/spin  susceptibility  characteristics 
with  a  pilot  in  the  loop  performing  maneuvers  representative  of  air  combat.  A  detailed  discussion  of  the 
techniques  used  in  DMS  simulations  to  assess  fighter  high-a  flight  characteristics  is  given  in  reference  1. 
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Results  for  Configuration  A 
Pitch  Departure 

As  discussed  earlier,  the  susceptibility  of  RSS  configurations  to  pitch  departures  at  high  angles  of 
attack  is  a  function  of  the  available  nose-down  moment.  Figure  7  shows  the  increment  in  pitching  moment 
coefficient  produced  by  full  nose-down  deflection  of  the  stabilators  (6h  =  +25°)  for  configuration  A. 

The  data  indicate  that  a  nearly  constant  level  of  control  effectiveness  was  maintained  up  to  a  =  25°. 

However,  above  25°  there  was  a  marked  loss  in  nose-down  stabilator  effectiveness  due  to  stall  of  these 
surfaces.  These  results  highlight  a  basic  disadvantage  of  using  aft-mounted  pitch  controls  on  RSS  con¬ 
figurations  in  that  the  critical  nose-down  control  moment  required  at  high  angles  of  attack  must  be 
generated  by  increasing  the  flow  incidence  on  the  surface  in  attempting  to  get  more  lift  from  the  control. 
Obviously,  as  a  increases  the  surfaces  will  stall  and  nose  down  control  effectiveness  is  lost  at  the 
higher  angles  of  attack  where  it  is  most  needed. 

The  control  system  of  configuration  A  incorporated  an  angle  of  attack  limiter  that  attempted  to  limit 
the  angle  of  attack  to  below  a  =  25°.  However,  if  an  angle  of  attack  increase  above  25°  was  generated 
by  one  or  more  of  the  coupling  phenomena  discussed  earlier,  figure  7  shows  that  the  amount  of  nose  down 
control  moment  available  to  counteract  the  nose-up  disturbance  decreases  rapidly  so  that  a  departure  in 
pitch  would  likely  ensue.  Figure  8  shows  an  example  of  such  a  loss  of  control  situation  encountered 
during  the  simulation  study  of  configuration  A.  Shown  is  an  attempted  360°  roll  using  full  lateral  stick 
input  applied  at  a  =  25°  in  an  accelerated  turn.  In  addition  to  maximum  roll  control  deflections, 
maximum  coordinating  rudder  was  also  obtained  to  make  the  airplane  roll  about  the  velocity  vector.  As  a 
result,  the  body  axis  roll  and  yaw  rates  began  to  build  up  rapidly  in  the  direction  of  the  stick  input. 
Initially,  a  dropped  slightly  due  to  kinematic  coupling;  however  as  p  and  r  increased  the  inertia 
coupling  moment  caused  a  significant  nose-up  pitch  rate  to  build  up  and  a  began  to  increase.  At  this 
point,  q  coupled  with  p  to  create  a  yaw  coupling  moment  which  opposed  the  yaw  rate  and  halted  its 
growth  (t  =  lk  sec.);  on  the  other  hand,  p  was  still  increasing  and  thus  resulted  in  the  kinematic 
generation  of  a  large  amount  of  adverse  8  (t  =  15  sec).  By  this  time,  a  had  increased  to  above  30° 
despite  the  angle  of  attack  limiter  system  applying  full  nose  down  stabilator  deflection  (+25°).  The 
nose-up  inertia  coupling  moment  was  much  greater  than  the  nose-down  aerodynamic  moment  produced  by 
6h  -  +25°;  as  a  result,  a  pitch  departure  occurred  as  the  airplane  completed  about  270°  of  the  roll. 

During  the  ensuing  loss  of  control  period,  a  reached  a  maximum  of  68°  while  8  oscillated  between  +26°. 

The  foregoing  results  showed  that  the  airplane  roll  rate  capability  at  high  angles  of  attack  was  too 
high  to  prevent  pitch  departures  with  the  available  pitch  control  and  it  was  clear  that  the  only  means  of 
alleviating  the  pitch  departure  problem  (other  than  resizing  the  control  surfaces  or  farmer  limiting  a)  was 
to  limit  the  maximum  obtainable  roll  rates.  The  degree  of  limiting  required  would  of  course  vary  with  the  level 
of  pitch  instability.  The  motions  shown  in  figure  8  were  obtained  for  a  nominal  c.g.  location  which  resulted 
in  a  static  margin  of  -.01*.  The  c.g.  position  was  moved  fore  and  aft  from  this  point  to  determine  the 
effect  of  pitch  stability  level  on  the  degree  of  roll  rate  limiting  required  to  prevent  the  inertia 
coupling  pitch  departure.  The  results  obtained  are  summarized  in  figure  9. 

Shown  in  figure  9  are  data  for  c.g.  locations  resulting  in  static  margins  of  .02,  -.Ok,  and  -.10. 

As  expected,  the  conventional  S.M.  =  .02  configuration  did  not  have  an  inertia-coupling  pitchout  problem, 
and  maximum  roll  rate  was  limited  only  by  the  available  roll  control.  Avoidance  of  coupled  departures  for 
S.M.  =  -,0k  required  that  the  roll  rate  above  a  =  20°  be  restricted  to  values  below  those  which  could  be 
produced  by  the  roll  control.  Comparison  to  the  results  obtained  for  S.M.  =  .02  indicate  about  a  30% 
penalty  in  maximum  roll  rate  was  incurred  at  a  =  25°  for  a  static  margin  of  -.0k.  The  roll  performance 
penalty  rapidly  became  more  severe  as  the  level  of  instability  was  increased  as  indicated  by  the  S.M.  - 
-.10  data.  At  this  level  of  instability,  the  roll  rate  had  to  be  restricted  above  13°  angle  of  attack 
such  that  at  a  =  25°  the  maximum  allowable  roll  rate  was  only  about  30%  of  the  value  provided  by  the  roll 
control . 

Having  documented  the  susceptibility  of  configuration  A  to  pitch  departures  at  high  angles  of  attack, 
an  attempt  was  made  to  modify  the  control  system  to  inhibit  these  departures.  The  features  developed  to 
achieve  this  goal  are  summarized  conceptually  in  figure  10.  Obviously,  an  essential  element  is  a  roll 
rate  limiter  system  which  inhibits  the  roll  rate  from  exceeding  the  critical  values  indicated  in  figure  9- 
Four  parameters  were  used  to  evaluate  what  the  roll  rate  limit  should  be  at  any  instant  in  time  —  dynamic 
pressure,  angle  of  attack,  symmetric  stabilator  deflection,  and  roll  rate  magnitude.  Angle  of  attack  was 
chosen  for  two  reasons:  (l)  the  nose-up  inertia  coupling  moment  varies  with  sin  2a;  and  (2)  the  amount  of 
nose-down  control  moment  available  to  counter  the  nose-up  coupling  moment  decreases  as  angle  of  attack 
increases.  Similar  reasoning  was  used  in  choosing  q.  As  illustrated  in  figure  k,  the  nose-down  control 
moment  decreases  with  q  resulting  in  lower  rates  of  roll  that  can  be  sustained  before  a  pitch  departure 
occurs.  Symmetric  stabilator  deflection  was  chosen  because  it  directly  indicates  the  pitch  control  remaining 
to  oppose  the  inertia  coupling  moment.  Finally,  roll  rate  magnitude  was  used  to  schedule  the  total  level 
of  limiting  imposed.  For  low  roll  rates,  where  coupling  is  not  a  factor,  no  limiting  was  imposed  regardless 
of  the  values  of  the  other  scheduling  parameters.  The  limiting  scheduling  was  used  only  when  the  roll  rate 
magnitude  approached  significant  magnitudes.  With  this  scheme,  the  initial  roll  response  degradation  was 
minimized  and  roll  performance  was  compromised  only  where  it  was  essential  to  prevent  occurrence  of  the 
pitch  departure. 

A  second  feature  was  incorporated  to  minimize  the  generation  of  proverse  sideslip  during  rolls  at  high 
angles  of  attack.  As  discussed  earlier,  rolling  with  proverse  6  will  increase  angle  of  attack  through 
kinematic  coupling  and  therefore  it  is  not  desirable  for  RSS  configurations  for  which  there  is  a  require¬ 
ment  to  maintain  the  angle  of  attack  below  some  critical  value.  Proverse  8  minimization  was  accomplished 
by  scheduling  the  maximum  rudder  deflection  that  the  pilot  could  command  through  his  pedals  as  a  function 
of  angle  of  attack  and  roll  rate  magnitude  such  that  at  high  values  of  a  and  |p|,  no  deflection  could 
be  commanded.  In  this  situation,  the  only  direct  rudder  response  to  pilot  inputs  came  from  coordinating 
rudder  commanded  by  the  roll  control  input  and  hence  no  over-coordination  of  high  a  rolls  was  possible. 


The  linal  feature  incorporated  in  the  control  system  to  inhibit  the  pitch  departure  was  an  inertia¬ 
coupling  compensator  for  the  pitch  axis  to  assure  proper  stabilator  response  during  high  a  rolling 
maneuvers.  The  system  used  angle  of  attack  and  roll  rate  magnitude  to  drive  the  pitch  control  in  the  nose- 
down  direction  to  oppose  the  nose-up  coupling  moment. 

The  effectiveness  of  the  above  control  system  design  in  preventing  inertia  coupling  departures  is 
illustrated  in  figure  11  which  shows  a  360°  roll  using  full  lateral  stick  applied  at  a  =  25°  in  an 
accelerated  turn.  As  discussed  earlier,  this  maneuver  performed  with  the  basic  airplane  resulted  in  loss 
of  control  (see  figure  8).  However  with  the  modified  control  system,  the  maneuver  could  be  completed. 
Although  the  pilot  applied  and  held  full  roll  command,  the  system  began  to  decrease  the  roll  control 
deflection  as  the  roll  rate  approached  critical  values  above  which  there  would  not  be  sufficient  nose-down 
control  to  oppose  the  coupling  moment.  Note  that  near  the  completion  of  the  maneuver,  only  about  25?  of 
maximum  roll  control  deflection  was  used.  Because  roll  rate  was  properly  limited,  the  stabilator  never 
reached  its  maximum  deflection  and  consequently  no  departure  occurred.  Angle  of  attack  did  not  exceed  the 
25°  limit  value  and  the  maximum  8  generated  was  only  3°. 

The  question  naturally  arises  as  to  whether  the  scheme  of  limiting  roll  rate  to  prevent  the  pitch 
departure  degrades  air  combat  capability.  This  issue  was  investigated  during  the  simulation  study  by 
flying  the  basic  and  modified  airplanes  against  the  same  adversary  performing  recorded  maneuvers  that 
were  exactly  repeatable  from  run  to  run.  Three  separate  tracking  tasks  were  used:  (l)  a  steady  wind-up 
turn  for  assessment  of  fine  tracking  ability;  (2)  a  bank-to-bank  maneuvering  task  to  assess  roll  response 
and  controllability;  and  (3)  a  complex,  vigorous  air-combat  maneuvering  task.  Results  of  this  study 
determined  that  the  roll  rate  limiting  scheme  used  in  the  modified  airplane  flown  at  the  nominal  c.g. 
location  resulted  in  no  degradation  in  air  combat  effectiveness.  On  the  contrary,  the  higher  level  of 
departure  resistance  provided  by  the  modifications  was  found  to  provide  slightly  improved  tracking  while 
reducing  pilot  workload  and  increasing  pilot  confidence.  It  should  be  emphasized,  however,  that  only 
very  moderate  reductions  in  roll  rate  capability  were  required  at  the  instability  level  associated  with 
this  c.g.  location  (see  figure  9).  Operation  at  higher  levels  of  instability  requiring  more  drastic 
roll  performace  penalties  could  significantly  compromise  tactical  effectiveness. 


Deep  Stall 

As  discussed  earlier,  the  second  major  high  angle  of  attack  control  problem  introduced  by  use  of  the 
RSS  concept  is  the  potential  for  deep  stall  trim.  Figure  12  summarizes  the  neutral  control  pitching 
moment  variation  with  angle  of  attack  for  -80°  £  a  £  8o°  for  the  two  configurations  studied.  As  shown 
previously  in  figure  5,  configuration  A  exhibited  a  weak  but  stable  deep  stall  trim  point  at  a  =  62° 
while  configuration  B  showed  a  very  strong,  stable  trim  at  a  ~  72°  •  Furthermore,  examination  of  the 
negative  a  data  indicates  that  stable  trim  points  also  existed  at  a  =  -52°  and  o  -*62°  for  configura¬ 
tion  A  and  B  respectively.  Thus,  the  deep  stall  problem  existed  for  inverted  as  well  as  erect  flight  and 
the  severity  of  the  problem  increased  with  Increasing  levels  of  static  pitch  instability. 

Because  the  erect  deep  stall  trim  point  exhibited  by  configuration  A  was  comparatively  weak,  an 
investigation  was  conducted  during  the  simulation  study  to  determine  if  it  was  possible  to  fly  into  a 
stabilized  deep  stall.  With  the  basic  airplane,  two  techniques  were  found  for  generating  a  pitch  departure 
which  would  result  in  angle-of-attack  excursions  into  the  deep  stall  trim  region.  The  first  technique  was 
the  coupling  departure  discussed  in  the  preceding  section  of  this  paper.  It  was  found  that  these  departures 
did  not  often  result  in  stabilization  in  the  deep  stall  trim  point  due  to  the  fact  that  the  motions  were 
violent  about  all  three  axes,  so  that  although  the  trim  point  was  traversed  during  the  out-of-control 
motions,  the  angular  momentum  was  enough  to  overpower  the  weak  static  equilibrium.  Furthermore,  the  inertia 
coupling  departures  could  essentially  be  eliminated  by  the  control  system  design  discussed  earlier.  However, 
a  second  deep  stall  entry  technique  was  found  which  the  control  system  was  unable  to  prevent.  The  maneuver 
involved  putting  the  airplane  into  a  steep  nose-up  attitude,  decelerating  climb  with  0  reaching  a  maximum 
of  about  70°  and  allowing  airspeed  to  bleed  off  to  about  35  KIAS  at  the  top  of  the  climb.  The  airplane  was 
then  allowed  to  fall  through  at  essentially  Og.  The  resulting  kinematic  generation  of  a  large  angle-of- 
attack  excursion  could  not  be  effectively  opposed  by  the  pitch  control  due  to  lack  of  control  effectiveness 
at  the  very  low  levels  of  dynamic  pressure  involved.  An  example  of  such  a  maneuver  is  shown  in  figure  13. 

The  data  of  figure  13  show  that,  at  the  top  of  the  maneuver,  the  airspeed  and  normal  acceleration 
decreased  to  M  =  0.1  and  O.lg,  respectively.  As  the  airplane  fell  through,  the  angle  of  attack 
increased  to  70°,  despite  the  application  of  full  nose-down  control.  After  several  cycles  of  oscillation, 
the  airplane  stabilized  in  a  deep  stall  with  a  -  58°,  <f>  =  0  ,  and  an  -  lg.  The  milder  motions  (low 
angular  rates)  obtained  with  this  technique  resulted  in  many  more  departures  locking  into  the  deep  stall 
trim  point. 

Once  it  was  determine  a  that  the  airplane  could  be  flown  into  the  deep  stall,  techniques  were  developed 
for  recovery.  Several  schemes  were  investigated  for  obtaining  the  needed  nose-down  pitching  moment, 
involving  such  procedures  as  using  flap  reconfiguration  and  speedbrake  extension.  These  techniques 
generated  only  very  small  nose-down  pitching-moment  increments  at  the  deep  stall  angles  of  attack  and 
therefore  were  not  consistently  effective  in  providing  recovery. 

Examination  of  the  pitch  control  effectiveness  in  the  deep  stall  region  prompted  an  investigation  into 
an  additional  recovery  technique.  The  data  showed  that  at  the  deep  stall  trim  point  (a  =  60°),  a  compara¬ 
tively  large  pitching-moment  increment  (ACm  -  0.1)  resulted  from  full  nose-down  to  full  nose-up  control 
deflection.  Thus,  a  possibility  existed  to  use  this  available  control  moment  to  initiate  and  buildup  a 
pitch  oscillation  by  moving  the  control  stick  in  phase  with  the  airplane  motions  with  the  hope  that 
sufficient  angular  momentum  in  pitch  would  be  created  during  a  downswing  cycle  to  drive  the  airplane  angle  of 
attack  down  to  the  normal  a  envelope  of  the  airplane. 

A  recovery  attempt  using  this  technique  is  shown  in  figure  lU.  Starting  from  a  stabilized  deep  stall 
at  a  -  62°,  the  pilot  applied  full  aft  stick  at  t  =  71.3  sec.  The  resulting  nose-up  moment  caused  n 
to  increase  to  75°  at  which  point  the  pilot  reversed  his  controls  and  applied  full  forward  stick.  About 
lU0/ sec  nose-down  pitch  rate  resulted  and  the  associated  angular  momentum  was  sufficient  to  cause  the 


airplane  to  continue  to  pitch  downward  until  a  recovery  was  obtained  at  t  =  78  sec.  It  should  be  noted 
that  in  this  particular  case,  the  pilot  very  accurately  kept  his  inputs  in  phase  with  the  motions  and 
therefore  obtained  a  recovery  within  one  oscillation  cycle.  However,  it  was  found  that  in  situations  where 
the  pilot  was  somewhat  out  of  phase  with  the  oscillation,  recoveries  were  delayed  significantly.  Neverthe¬ 
less  this  technique  was  found  to  be  consistently  effective  in  providing  recoveries  from  the  erect  deep  stall 
trim  exhibited  by  configuration  A. 


Results  for  Configuration  B 
Pitch  Departure 

The  high  a  pitch  control  problems  discussed  for  configuration  A  would  be  expected  to  be  more  severe 
for  configuration  B  due  to  the  much  higher  level  of  pitch  instability  involved  (Figure  5).  As  discussed 
earlier,  three  pitch  control  devices  were  wind-tunnel  tested  on  this  configuration:  wing-mounted  elevators, 
canard-mounted  trailing-edge  flaps,  and  a  variable-incidence  canard.  Figure  15  shows  the  nose-down  effec¬ 
tiveness  of  these  controls  in  terms  of  the  variation  of  pitching-moment  increment  with  angle  of  attack. 

Data  for  the  wing-mounted  elevators  deflected  full  nose-down  (+30°)  indicate  a  steady  decline  in  effective¬ 
ness  with  increasing  angle  of  attack  such  that  the  effectiveness  is  zero  at  a  =  39°  and  actually 
reverses  at  higher  a  .  The  canard-mounted’  flaps  deflected  to  -40°  are  seen  to  be  less  effective  than  the 
elevator  below  10°  angle  of  attack.  Their  effectiveness  are  about  equal  in  the  10°  <_  a  <_  25°  range; 
however,  above  a  ■  25°  the  data  show  that  the  canard  flaps  maintain  their  effectiveness  to  about  10° 
higher  angle  of  attack  than  the  elevators.  Referring  back  to  the  neutral  control  data  for  configuration  B 
shown  in  figure  5»  it  is  seen  that  the  moment  increments  provided  by  either  the  elevators  or  canard  flaps 
are  clearly  inadequate  to  allow  controlled  flight  at  high  angles  of  attack;  no  net  nose-down  aerodynamic 
moment  can  be  generated  by  either  control  for  a  >  12°. 

Because  the  pitch  instability  of  this  canard  configuration  is  caused  by  the  lift  produced  by  the  canard 
far  forward  of  the  c.g.,  it  is  obvious  that  an  effective  means  of  obtaining  nose-down  moments  is  to  unload 
the  canard  itself.  The  question  remains,  however,  as  to  how  much  canard  deflection  is  required  to  provide 
sufficient  pitch  control  to  allow  safe  and  effective  maneuvering  at  high  angles  of  attack.  Data  are  shown  in 
figure  15  for  deflections  of  -15°  and  -45°.  The  <5C  =-15°  data  show  a  near  constant  effectiveness  up  to 
a  =  20°.  There  is  a  steady  decline  in  effectiveness  at  higher  a,  particularly  above  a  =  35°  such  that 
no  nose-down  increment  is  produced  for  a  >  60°.  The  6C  =  -45°  data  indicate  a  very  high  level  of 
effectiveness  up  to  a  =  35°  followed  by  a  steady  decline  with  further  increases  in  angle  of  attack.  Note, 
however,  that  some  nose-down  moment  increment  is  produced,  even  at  a  =  80°.  Again,  referring  back  to  the 
neutral  control  data  shown  in  figure  5,  it  is  seen  that  -15°  of  canard  deflection  allows  controlled  flight 
up  to  at  most  ot  =  20°  above  which  no  net  nose-down  static  moment  can  be  generated.  On  the  other  hand,, 
the  data  indicate  that  -45°  of  canard  deflection  should  be  sufficient  to  allow  controlled  flight  up  to 
very  high  angles  of  attack  in  that  net  nose-down  static  moments  can  be  generated  with  6C  =  -U50  up  to 
a  =  30°  and  higher. 

The  high  angle-of-attack  pitch-departure  resistance  provided  by  the  three  pitch  control  schemes 
discussed  above  are  summarized  in  figure  l6  in  terms  of  the  maximum  roll  rate  that  can  be  sustained  before 
the  inertia-coupling  pitching  moment  exceeds  the  available  nose-down  aerodynamic  moment.  The  calculations 
were  made  based  on  the  assumption  of  lg  level  flight.  As  expected,  the  data  for  canard  flap  and  elevator 
show  that  use  of  either  of  these  surfaces  alone  did  not  allow  any  maneuvering  at  all  above  about  12°  angle 
of  attack.  The  situation  was  improved  somewhat  if  -15°  of  canard  deflection  was  used  in  that  some  roll 
rate  capability  was  available  up  to  a  =  20°.  It  should  be  noted,  however,  that  limiting  the  airplane  to 
20°  angle  of  attack  was  rather  restrictive  from  a  performance  viewpoint  in  that  maximum  lift  occurred  near 
a  =  35° •  Only  with  the  very  large  canard  deflection  of  -45°  did  the  data  indicate  that  the  airplane  could 
be  maneuvered  effectively  at  angles  of  attack  up  to  and  beyond  maximum  lift. 

Although  a  detailed  simulator  study  of  configuration  B  was  not  conducted,  it  is  apparent  that  the  unique 
canard  arrangement  offers  high  potential  for  pitch  departure  resistance  as  a  result  of  high  levels  of 
available  aerodynamic  pitch  control  if  the  canard  is  of  the  variable  incidence  type  with  large  travel  and 
high  angular  rate  capability. 


Deep  Ft gt  11 

The  pitch  oscillation  deep  stall  recovery  technique  discussed  for  configuration  A  would  not  be  expected 
to  be  as  effective  for  configuration  B  lue  to  t.he  much  stronger  deer,  stall  trim  point  (figure  12)  and  the 
fact  that  it  occurre  i  at  a  higher  angle  ■->r  attack  (-72°)  where  aerodynamic  control  effectiveness  would  be 
further  degraded. 

Thus,  the  approach  followed  was  tc  letermine  if  any  of t  he  available  pitch  controls  could  provide 
sufficient  nose-down  moment  for  recovery.  It  is  clear  from  the  previous  discussion  of  the  characteristics 
of  the  elevator  and  canard  flap  that  their  usefulness  in  the  leep  stall  region  would  be  minimal  in  that 
their  effectiveness  degrade  to  essentially  zer^  in  the  35°  to  45°  angle-of-attack  range.  Again,  unloading 
the  canard  was  clearly  the  most  effective  technique.  Figure  17  indicates  the  magnitude  of  canard  deflection 
required  to  recover  from  both  the  erect  and  inverted  deep  stall  trim  points.  Plotted  are  the  variations 
of  Cm  with  ct  for  +  30°  and  +45°  canard  deflections.  The  data  show  that  +_30°  of  deflection  is  not 
sufficient  to  eliminate  either  the  erect  o"  t.he  inverted  trim  points.  Only  with  canard  deflections  of  +45° 
can  recovery  from  the  deep  stall  be  achieved.  It  is  interesting  to  note  that  in  the  earlier  assessment  of 
departure  susceptibility,  it  war,  found  that  canard  deflections  on  the  order  of  '*5°  were  also  needed  to  '..How 
effective  high  a  maneuvering.  It  should  be  noted,  however,  tho.t  the  requirement  for  such  large  canard 
deflections  may  present  severe  implementation  problems  from  an  actuation  viewpoint  in  terms  of  control 
travel  and  rates. 


SUMMARY 


The  use  of  the  CCV  concept  of  relaxed  static  pitch  stability  on  fighter  configurat ions  can  result  in 
rather  demanding  stability  and  control  problems  at  high  angles  of  attack.  The  two  major  problems  are:  J  | 

(l)  pitch  departure  susceptibility  caused  by  inertia  and/or  kinematic  coupling,  and  (2)  deep  stall  trim.  ' 

To  address  these  problems,  the  pitch  control  system  for  such  configurations  must  have  sufficient  control 
for;  (l)  prevention  of  pitch  departures  due  to  coupling  to  avoid  roll  performance  penalties,  and  (2)  deep 
stall  trim  prevention  or  recovery  capability.  With  regard  to  these  requirements,  the  effectiveness  of  aft- 
mounted  controls  are  limited  in  that  the  critical  nose-down  moment  required  at  high  angles  of  attack  must 
be  generated  by  increasing  the  angle  of  attack  on  the  surface  in  attempting  to  get  more  lift  from  the 
control.  As  a  increases  the  surfaces  will  stall  prematurely  and  nose-down  control  effectiveness  is  lost 
at  the  higher  angles  of  attack  where  it  is  most  needed.  Similar  disadvantages  are  encountered  with  trailing- 
edge  surfaces  such  as  canard-mounted  flaps  or  wing-mounted  elevators.  A  variable  incidence  canard  with  a 
large  travel  range  is  an  effective  means  of  obtaining  the  needed  level  of  high  a  pitch  control  since  nose- 
down  moments  can  be  generated  by  unloading  the  canard. 

For  situations  where  it  is  not  feasible  to  obtain  sufficient  control  to  prevent  pitch  departures  and 
deep  stall  trim  under  all  conditions,  the  control  system  can  be  designed  to  alleviate  these  problems.  Roll 
rate  limiting  control  laws  are  effective  in  inhibiting  departures  caused  by  inertia  coupling;  however, 
excessive  limiting  will  degrade  maneuverability.  Other  features  that  enhance  resistance  to  pitch  departure 
include  minimization  of  proverse  $  during  high  a  rolls  and  pitch  axis  roll-coupling  compensation.  With 
regard  to  the  deep  stall  trim  problem,  the  control  system  should  be  designed  to  allow  the  pilot  to  most 
effectively  use  the  oscillation  technique  to  obtain  recovery.  The  effectiveness  of  this  technique,  however, 
is  a  direct  function  of  proper  input  timing  by  the  pilot;  furthermore,  the  technique  may  not  be  successful 
even  with  optimum  pilot  inputs  for  configurations  which  exhibit  strong  trim  points  or  which  have  ineffective 
pitch  control  at  the  deep  stall  angle  of  attack. 
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Figure  1.-  Pitching  moment  variation  with  a  for 

idealized  RSS  configuration.  (a)  pitching  moment  created  by  roll  and  yaw  rates. 


Figure  2.-  Illustration  of  kinematic  coupling  of 
angle  of  attack  and  sideslip. 


stability  axis  roll  rate  deflection  on  configuration  A. 

Figure  4.-  Comparison  of  inertia  coupling  moment 
for  increasing  roll  rate  with 
available  aerodynamic  pitch  control 
moment  at  two  values  of  dynamic 
pressure. 
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Figure  5-  Variation  of  neutral  control  pitching 
moments  with  a  for  the  two  study 
configurations. 


Figure  6.-  General  arrangement  of  the  Langley 
differential  maneuvering  simulator 
(DMS)  facility. 
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Figure  8.-  Pitch  departure  for  configuration  A 
during  360°  roll  attempt. 
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Figure  9.-  Variation  with  a  of  maximum  sustain' 
able  roll  rates  during  lg,  360°  rolls 
for  various  levels  of  static  margin 
(Configuration  A). 
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Figure  10.-  Conceptual  schematic  of  control 

system  features  designed  to  inhibit 
high-a  pitch  departures  for 
configuration  A. 
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Figure  11.-  360°  roll  using  full  lateral  stick 
input  applied  in  an  accelerated  turn 
at  o=25°  (Configuration  A,  modified 
control  system). 
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Figure  12.-  Variation  of  neutral  control  pitching 
moments  with  o  for  the  two  study 
configurations. 
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Figure  13.-  Time  histories  of  deep  stall  entry 
(Configuration  A). 
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Figure  14.-  Time  histories  of  deep  stall  recovery 
using  pitch  oscillation  technique 
(Configuration  A). 
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Figure  15.-  Incremental  nose-down  pitching 

moments  obtained  with  elevator,  canard 
flaps,  and  total  canard  deflections 
(Configuration  B). 


Figure  16.-  Variation  with  a  of  maximum  roll 
rates  that  can  be  sustained  during 
Ig  rolls  for  various  pitch  control 
schemes  (Configuration  B). 
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Figure  17.-  Variation  of  pitching  moment  with  a 
for  various  total  canard  deflections 
(Configuration  B). 


FIN  OESIGN  WITH  A.C.T.  IN  THE  PRESENCE  OF  STRIKES 


by  D.  J.  Walker,  British  Aerospace,  Brough 
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1 .  SUMMARY 


Aerodynamic  behaviour  of  the  fin  can  limit  the  high  incidence  capability  of  an  aircraft, 
especially,  so  with  the  development  of  straked  wings  capable  of  producing  useful  lift  at  very  high 
incidences.  Wind  tunnel  tests  on  a  combat  aircraft  model  are  reported  in  which  the  effect  of  fin 
size  and  various  types  of  fin  controls  were  investigated.  The  results  indicate  that  a  rudder 
(rather  than  an  all  moving  fin)  using  A.C.T.  is  probably  the  best  solution  for  incidences  of  up  to 
about  50°.  Also  the  use  of  such  a  system  would  allow  a  20"  reduction  in  the  size  of  the  basic  fin 

2.  INTRODUCTION 


It  is  probably  true  to  say  that  the  fin  has  not  received  the  (research)  attention  it  deserves 
when  one  considers  the  numerous  development  problems  and  accidents  that  have  occurred  as  a  result  of 
inadequate  initial  design.  It  can  be  argued  that  the  fin  is  a  relatively  easy  surface  to  modify  as 
a  result  of  initial  flight  trials  -  this  has  happened  on  many  occasions  -  but  this  can  be  costly  and 
may  involve  the  loss  of  an  aircraft. 

Traditionally  fins  were  designed  to  give  adequate  directional  stiffness  and  damping  up  to,  by 
todays  standards,  only  moderate  incidences.  The  loss  of  fin  effectiveness  at  supersonic  speeds 
dominated  the  fin  design  for  that  class  of  aircraft.  However,  the  aspect  designing  the  fin  of  today's 
fighter  is  the  ability  to  provide  sufficient  stability  and  control  during  the  high  incidence  manoeuvres 
of  which  the  aircraft  is  potentially  capable  (see  Fig.  1).  The  trend  towards  more  "g"  and  more  S.E.P. 
means  that  these  incidences  can  be  generated  at  high  subsonic  Mach  Nos.  What  then,  could  be  a  more 
difficult  design  case  -  transonic  Mach  No.  and  separated  flow! 

A  large  body  contributions  to  lift  has  been  a  feature  of  existing  aircraft  capable  of  very  high 
incidences  and  this  same  wide  body  has  in  some  cases  allowed  a  twin  fin  solution.  There  is  today  a 
trend  towards  the  light-weight  fighter  relying  on  its  strake  and  variable  camber  wing  to  provide  the 
lift  at  high  incidence  (and  maybe  strong  vortices  impinging  on  the  fin!).  It  is  this  type  of 
aircraft  which  is  considered  in  this  paper  -  there  is  no  sensible  twin  fin  solution  (even  if  one  were 
desirable)  and  thus  only  the  single  fin  has  been  considered  here. 

To  gain  the  most  out  of  an  engine  the  aircraft's  weight  and  wetted  area  must  be  kept  as  low  as 
possible  -  extra  fin  area  and  weight  is  most  undesirable.  Careful  design  and  active  control 
technology  (A.C.T.)  are  seen  as  ways  of  achieving  this  objective. 

This  paper  presents  the  results  from  a  series  of  wind  tunnel  tests  of  fin  (and  rudder) 
effectiveness  on  an  aircraft  with  strakes,  and  indicates  the  way  in  which  A.C.T.  can  assist. 

3.  WIND  TUNNEL  TESTS 

3.1  The  Model 

B.Ae.  Brough  has  been  responsible  for  the  manufacture  and  testing  of  a  1 /28th  scale 
S.M.A.R.M.  (Small  Military  Aircraft  Research  Model)  -  Figs.  2  and  3  refer  -  primarily  to 
support  advanced  wing  design  but  also  for  a  variety  of  stability  and  control  tests. 

The  tests  reported  here  are  for  an  early  standard  of  wing  design  but  incorporating  up  to 
15°  of  leading  edge  flap,  and  a  symmetric  (as  opposed  to  cambered)  strake.  The  Reynolds  number 
is  1.3  x  10"  based  on  wing  S.M.C.,  with  a  Mach  No.  of  0.85  limited  to  0.6  at  the  higher 
incidences. 

3.2  Longitudinal  Results 

The  lift  and  pitching  moment  results  shown  in  Fig.  4  suffice  to  show  the  potential  beneficial 
effect  of  strakes.  Although  there  is  a  relatively  large  change  in  stability  with  strakes  at  high 
incidence,  there  are  no  violent  discontinuities.  Given  the  tail  power,  these  high  incidences 
should  be  within  the  capabilities  of  an  A.C.T.  system. 

3.3  Dynamic  Pressure  Study 

A  rake  with  a  total  of  48  holes,  each  able  to  provide  a  measurement  of  the  dynamic  pressure 
in  a  predominantly  fore  and  aft  direction  was  attached  to  the  rear  of  the  model  immediately 
behind  the  fin  location. 

These  pressure  measurements,  originally  intended  to  provide  a  guide  to  the  dynamic  pressure 
in  the  region  of  the  fin,  also  clearly  identify  the  position  of  the  strake  vortices.  Fig.  5  shows 
the  growth  of  the  strake  vortices  with  incidence  and  at  an  incidence  of  35°  the  effect  of 
increasing  sideslip  is  shown,  (without  the  fin)in  Fig.  6.  Fig.  7  shows  the  effect  of  the  fin  at 
15°  sideslip  for  21°  and  35°  of  incidence.  The  fin  has  apparently  little  effect  on  the  vortex 
at  35°  but  at  21°  there  is  a  marked  change  in  the  vortex  pattern. 

Correlation  with  overall  forces  will  be  discussed  below. 
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3.4  Fixed  Fin  Results 


Two  sizes  of  fins  were  tested  and  the  overall  forces  and  moment  derivatives  due  to  sideslip 
1  _  are  shown  in  Fig.  8.  Note  that  the  larger  fin  produces,  of  course,  a  significantly  larger  Nv 

than  the  smaller  fin.  At  low  incidences  the  47%  increase  in  fin  effectiveness  is  consistent 
with  a  40%  greater  area  and  a  larger  aspect  ratio  -  and  even  without  A.C.T.  is  probably  too 
large  for  this  aircraft.  However,  its  benefit  emerges  at  high  incidence  where  the  increase 
in  fin  effectiveness  is  100%  greater  than  for  the  smaller  fin  ensuring  a  positive  Nv  up  to 
37°,  compared  with  about  27°  for  the  smaller  fin.  Similar  benefits  are  shown  in  Fig.  9  at 
sideslip  angles  of  about  15°,  but  as  expected  Nv  is  considerably  smaller  than  at  low  sideslip 
angles. 

The  effectiveness  of  the  top  of  the  fin  can  also  be  seen  by  examining  the  results  of  the 
dynamic  pressure  survey.  Fig.  10  shows  (though  not  as  positively  as  expected)  that  the  top  of 
the  fin  is  the  last  to  lose  effectiveness. 

It  should  be  noted  that  fin-off,  zero  sideslip  pressure  surveys  can  give  a  good 
indication  of  fin  behaviour  with  incidence. 

3.5  Moving  Surfaces  Results 

These  cover  rudder,  all  moving  fin  and  differential  tailplane.  The  tests  were  devised 
with  a  view  to  assessing  their  relevance  to  the  design  philosophy  of  the  fin.  The  scarcity 
of  published  data  on  such  tests  has  been  noted. 

Physical  restraints  on  the  model  permitted  only  small  control  angles  on  the  fin  and 
differential  tailplane  but  angles  of  up  to  30°  were  tested  for  the  rudder. 

Figure  11(a)  compares  their  effectiveness  at  zero  sideslip  and  for  small  displacements. 

The  results  are  as  may  be  anticipated  with  the  fin  half  as  powerful  again  as  the  rudder  until 
they  both  lose  their  effectiveness  completely  at  about  50°  of  incidence.  Also  shown  is  the 
yawing  moment  due  to  differential  tailplane.  Although  primarily  considered  to  be  a  roll 
producer  at  transonic  speeds,  there  is  a  potentially  useful  but  small  source  of  yawing  moment 
at  very  high  incidence.  Body  axis  results  are  also  shown  since  these  give  a  better  indication 
of  its  use  as  a  control  device.  Fig.  11(b)  gives  a  more  detailed  look  at  the  behaviour  of 
the  rudder  over  the  range  of  incidence  and  control  angles  tested.  Note  the  usefulness  of  the 
rudder  at  CLMAX  but  following  the  trend  indicated  in  the  previous  figure,  this  is  greatly 
diminished  at  52°  of  incidence. 

4.  IMPLICATIONS  OF  ACTIVE  CONTROLS 

4.1  Conventional  Stability  Criteria 

This  report  is  constrained  to  consider  only  a  simplistic  view  of  stability  since  tests 
have  not  been  carried  out  to  determine  damping  derivatives.  However  one  apparently  suitable 
criterion  that  can  be  applied  is  to  determine  when  the  "dynamic  Nv"  (=  Nvcosot  -  |£  Lv  sinoc) 
tends  to  become  negative,  indicating  a  tendency  to  departure  in  yaw.  ' 

Fig.  12  compares  dynamic  Nv  for  the  two  fins  at  both  low  and  high  sideslip  values.  The 
curve  follows  the  same  shape  as  those  for  the  basic  Nv  but  the  difference  between  the  two 
fins  in  terms  of  achievable  incidence  is  more  than  halved  at  low  sideslip.  This  is  due  to 
the  magnitude  of  Lv  being  largely  determined  by  the  wing  at  high  incidence. 

4.2  The  Effect  of  Active  Tail  Surfaces 


An  A.C.T.  system  can  fairly  easily  give  additional  stability  and  control  provided  that: 

(a)  Sufficient  aerodynamic  control  power  exists 

(b)  There  is  no  major  discontinuity  in  the  aerodynamics  of  the  control  surface 

Regarding  (a),  Fig.  13  shows  how  much  sideslip  can  be  trimmed  in  wings  level  flight 
(maybe  this  is  slightly  unrealistic  but  it  is  a  guide  and  offers  a  ready  comparison  of 
the  control  surface  powers).  It  is  assumed  that  the  rudder  can  deflect  30°  but  the  fin  to 
only  15°  because  of  design  and  structural  problems.  The  rudder  can  accommodate  half  as  much 
sideslip  again  as  the  fin  throughout  the  incidence  range,  with  both  losing  their  effectiveness 
at  45°-50®  of  incidence. 

Although  aerodynamic  forces  always  lose  their  linearity  at  large  incidences  or  control 
deflections  no  unmanageable  discontinuities  were  discovered  during  these  tests.  However 
it  is  quite  conceivable  that  if  smaller  sideslip  increments  had  been  tested  then  some 
discontinuities  would  emerge.  From  the  flow  survey  tests  reported  earlier  the  sideslip  angle 
at  which  the  strake  vortex  is  likely  to  unfavourably  interfere  with  the  fin  has  been  deduced 
and  superimposed  on  Fig.  13.  There  still  remains  available  a  generous  sideslip  range  in 
which  to  manoeuvre.  That  this  itself  varies  with  incidence  -  and  indeed  will  vary  with  Mach. 
No.  -  presents  no  major  problem  since  the  A.C.T.  system  can  provide  a  scheduled  boundary 
beyond  which  the  aircraft  will  not  be  expected  to  fly  in  a  controlled  manner. 

5.  FINAL  COMMENTS 


The  object  of  these  tests  was  to  provide  aerodynamic  data  for  the  design  of  the  lightest. 


smallest  and  cheapest  fin  capable  of  providing  sufficient  stability  and  control  over  the  whole 
flight  envelope.  (Although  take  off  and  landing  is  another  important  area  -  it  is  the  subject 
of  current  tests  -  the  incidences  reached  are  not  expected  to  be  as  high  as  during  combat). 

The  results  suggest  the  following  conclusions: 

(a)  If  directional  stability  and  control  is  required  at  and  beyond  C. Mflx  the  fin  has  to 

be  sized  for  this  condition.  L 

(b)  A  high  fin  is  essential  because  the  root  is  likely  to  be  in  an  area  of  low  dynamic 
pressure. 

(c)  To  operate  at  these  high  incidences  A.C.T.  can  allow  a  reduction  in  fin  size, 
typically  by  20%  (Fig.  14  refers). 

(d)  A  fixed  fin  with  rudder  is  considered  to  be  a  'better  solution  than  an  all 
moving  fin  because  it  not  only  offers  more  aerodynamic  control  but  is  simpler 
and  less  weighty  to  engineer. 

(e)  Although  the  strake  vortex  may  produce  some  undesirable  discontinuities  in  control 
effectiveness  at  high  incidence  and  sideslip,  there  is  considered  to  be  adequate 
sideslip  in  which  to  manoeuvre,  particularly  if  assisted  by  an  A.C.T.  manoeuvre 
limiting  system. 


INCIDENCE  CAPABILITY 


I.  FIN  GROWTH  WITH  INCIDENCE  CAPABILITY  Fig. 2.  SMARM  H  WIND  TUNNEL  MODEL 


Fig. 3.  SMARM  a  HIGH  INCIDENCE  TESTING 
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CONTROL  INTEGRATION  TECHNOLOGY  IMPACT 
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SUMMARY 


This  paper  presents  some  of  the  essential  elements  of  an  integrated  technology 
development  program.  The  integrated  flight  and  fire  control  system  programs,  called 
IFFC  I/FIREFLY  III  (or  IFFC  as  a  shorter  acronym) ,  is  used  as  an  example.  The  opera¬ 
tional  relevance  of  the  example  will  be  discussed  briefly.  The  major  problems  in  air- 
to-ground  attack,  and  the  introduction  of  maneuvering  weapon  delivery  (with  IFFC 
mechanization  required  to  achieve  bombing  solutions) ,  are  covered.  The  impact  of  this 
IFFC  technology,  and  its  extension  on  other  areas  of  technology,  such  as  aerodynamics, 
is  indicated. 

LIST  OF  SYMBOLS/ABBREVIATIONS/ACRONYMS 

AFAL  Air  Force  Avionics  Laboratory 

AFFDL  Air  Force  Flight  Dynamics  Laboratory 

B  Baseline  (subscript) 

CCV  Control  Configured  Vehicle 


Circle  Error  Probable 


FIREFLY  III  Fire/Flight  Control  Phase  III 

h  Altitude 

IFFC  Integrated  Flight  and  Fire  Control 

IFFC  I  Integrated  Flight  and  Fire  Control  Phase  I 

LOS  Line  of  Sight 

M  Mode  (Bombing)  (subscript) 

N  North 

PACT  Precision  Aircraft  Control  Technology 

Ps  Probability  of  Survival 

SFCS  Survivable  Flight  Control  System 

WL  Pilot  Workload 


1.  INTRODUCTION 

Operational  requirements  provide  the  importance  and  basis  necessary  to  define, 
develop,  and  demonstrate  fighter  or  attack  aircraft  technology  concepts.  The  technolog¬ 
ical  concept  to  be  pursued,  on  the  other  hand,  must  be  based  on  such  factors  as  relative 
performance  improvements,  technological  timeliness,  and  feasibility  (including  afford¬ 
ability).  Therefore,  whether  the  technology  concept  involves  a  single  discipline 
technology,  or  a  combination  of  technologies  to  form  a  technology  set,  the  reason  for 
its  importance  and  subsequent  execution  must  be  fundamentally  based  on  operational 
need  and  technological  opportunity. 

The  AGARD  paper  by  Johannes  and  Whitmoyer  (1)  provides  some  specific  cases 
which  emphasize  the  merging  of  flight  control  and  aerodynamic  disciplines  and  esta¬ 
blish  the  fundamental  interdependent  relationships.  Using  the  case  for  integration 
of  flight  and  fire  control  (IFFC)  systems,  for  example,  the  technologies  primarily 
involved  are  flight  control  and  avionics.  The  operational  need  is  established  on  the 
basis  of  improving  "the  combat  effectiveness  of  all  tactical  aircraft"  (1). 

2.  OPERATIONAL  RELEVANCE 

The  IFFC  program  is  a  partial  answer  to  an  operational  need  for  tactical  air  war¬ 
fare.  Major  General  Maxson  (2)  presents  a  mission  analysis  for  air-to-ground  attack 
which  provides  an  excellent  beginning  point  for  establishing  the  operational  need  for 

i&is  ftr/elo— nt  of  the  I»TC  program.  Mission  area  analysis  and  planning  formalizes 


with  air-to-surface  (air-to-ground)  attack  missions.  The  tasks  in  air-to-ground 
attack  missions  in  Reference  2  were  weighted  sequentially  with  respect  to  each  mission 
^  segment,  beginning  with  availability  of,  and  ending  with  the  landing  of,  the  attack 
aircraft. 

If  the  assumption  is  made  that  the  necessary  equipment;  personnel;  munitions;  POL; 
navigation;  command,  control,  and  communications;  and  take-off  and  landing  require¬ 
ments  are  met  and  performed  successfully,  then  the  remaining  major  combat  tasks  can 
be  re-grouped  and  residually  weighted  as  shown  in  Figure  1.  While  IFFC  has  a  key  role 
in  all  three  of  the  remaining  major  combat  tasks,  the  primary  discussion  that  follows 
will  focus  on  two  of  these  tasks;  namely,  survivability  (in  the  target  area)  and  ef¬ 
fective  ordnance  delivery  on  the  target  (weapon  delivery  accuracy) . 


MAJOR  COMBAT  TASK 

RESIDUAL 

WEIGHTING 

SURVIVABILITY 

0.42 

TARGET  ACQUISITION. 

CLASSIFICATION, 

AND  IDENTIFICATION 

0.23 

EFFECTIVE  ORDNANCE 
DELIVERY  ON  TARGET 

0.35 

TOTAL 

1.00 

FIGURE  1 

AIR-TO-GROUND  ATTACK 
MISSION  MAJOR  COMBAT  TASKS 


Cost  is  a  prime  factor,  whether  in  terms  of  integrated  logistics  (acquisition 
cost,  training  cost,  life  cycle  cost)  or  combat  cost  effectiveness.  Conventional 
ordnance  weapon  delivery  cost  factors  can  be  summarized  for  the  air-to-ground  attack 
mission  for  a  medium  to  high  threat  environment  as  shown  in  Figure  2. 


ORDNANCE 

LOGISTICS 

COST 

TRAINING 

COST 

UNGUIOED 

LOW 

LOW 

GUIDED 

HIGH 

HIGH 

FIGURE  2 

RELATIVE  COST  FACTOR  RELATIONSHIPS  , 


Combat  cost  effectiveness  includes  such  factors  as:  the  ability  to  deliver  ord¬ 
nance  accurately  on  the  target;  and  survivability,  in  a  medium  to  high  threat  environ¬ 
ment.  In  all  cases,  it  is  assumed  that  equal  countermeasures  are  employed.  The  low 
combat  cost  effectiveness  of  unguided  conventional  ordnance  is  primarily  associated 
with  lower  than  acceptable  levels  of  survivability.  The  main  advocacy  argument  for 
guided  ordnance  (3)  is  weapon  delivery  accuracy  with  survivability. 

With  unguided  ordnance,  operational  tactics  are  needed  to  reduce  the  vulnera¬ 
bility  of  the  attacking  aircraft  in  the  target  area.  Even  though  attacking  aircraft 
may  have  an  inherently  high  accuracy  for  delivering  conventional  unguided  ordnance, 
tactical  procedures  are  tailored  to  minimize  or  prohibit  unwarranted  time  exposure 
to  the  ground-to-air  threat  in  the  target  area.  While  reduction  in  exposure  time  in¬ 
creases  the  probability  of  survival,  it  also  decreases  the  probability  of  target 
damage  or  kill. 

The  criterion  then  is  to  search  for  a  lower  cost  solution  which  provides  combat 
cost  effectiveness.  Air-to-ground  attack  missions  combat  cost  effectiveness  factors 
of  high  value  include,  but  are  not  limited  to: 


o  Ordnance  delivered  on  targets  accurately; 
o  Highly  survivable  weapon  delivery  modes; 

o  Minimum  number  of  aircraft,  equipment,  and  personnel;  and 
o  Lowest  possible  cost. 


While  bullets,  bombs,  and  rockets  are  included  in  the  general  listing  of  unguided 
conventional  ordnance,  for  this  paper  the  discussion  is  limited  to  bombing  missions 
in  a  high  threat  environment.  Some  of  the  important  criticisms  that  have  been  r 

made  against  the  delivery  of  unguided  bombs  on  targets  in  a  high  threat  environment  j  J 
are  as  follows: 

o  Takes  too  much  time  to  achieve  solutions; 

o  Long  exposure  increases  vulnerability  to  unacceptable  levels; 

o  The  accuracy  after  a  short-time  solution  is  too  low;  and 

o  The  missions  can  only  be  successfully  accomplished  by  a  small  fraction 
of  the  attacking  force  because  of  the  high  skill  levels  required  in  this 
high  workload  condition. 

The  problem  then  is  to  identify  the  cause  and  effect  of  each  criticism  and  to 
derive  means  for  improving  or  minimizing  these  critical  elements,  as  appropriate, 
for  effective  delivery  of  bombs.  If  the  means  and  improvements  are  successful,  the 
solution  raises  the  combat  cost  effectiveness  of  delivering  unguided  bombs  to  a 
level  competitive  with  guided  weapons  and  lower  in  overall  cost  since  unguided  ord¬ 
nance  has  lower  logistics  and  training  costs. 

3.  IFFC  I/FIREFLY  III  PROGRAM 

The  precursor  programs  noted  in  Reference  1  (such  as  the  SFCS  F-4  program,  the 
CCV/PACT  F-4  program,  and  the  A-7D  Digital  Multimode  Program)  provide  much  of  the 
basis  for  the  technological  feasibility  and  opportunity  to  exploit  the  IFFC  techno¬ 
logy.  The  explicit  extension  of  this  IFFC  example  into  the  elements  of  the  opera¬ 
tional  requirements  and  the  case  for  IFFC  on  conventional  tactical  aircraft  has 
surfaced  some  yet  to  be  resolved  problems  identified  for  the  field  of  aerodynamics. 

One  of  the  major  thrusts  of  the  AFFDL  and  AFAL  IFFC  I/FIREFLY  III  program  (1) 
is  to  flight  demonstrate  accurate  bombing  using  maneuver inq-aircraf t/weapon-del i very 
profiles  for  increased  survivability.  The  pilot  workload  is  reduced  and  accuracy 
and  survivability  are  improved  by  using  a  coupled  flight  and  fire  control  system. 

The  accuracy  is  improved  by  using  an  electro-optical  sensor/tracker  from  the  FIREFLY- 
III  program,  The  sensor/tracker  produces  a  continuously  updated  flow  of  data  for 
the  target  state  and  relative  position  with  respect  to  the  attack  aircraft.  In  turn, 
the  inherent  capabilities  of  fighter  aircraft  to  perform  high  g  maneuvers  at  high 
speed  is  exploited  to  provide  improved  survivability.  Figure  3  briefly  summarizes 
the  IFFC  system  features  along  with  a  brief  rationale  for  each  key  element.  The 
pilot  is  provided  with  the  means  to  select  the  weapon  delivery  option  that  best  fits 
the  mission  requirements,  and  the  bombing  pattern  needed  to  inflict  greatest 
damage  to  the  target. 


KEY  ELEMENTS 

ROLE 

FUNCTION 

SENSOR/TRACKER 

DIRECTOR  FIRE 
CONTROL  INPUT 

CONTINUOUS  TARGET 
STATE  ESTIMATION 

COUPLED  FLIGHT/ 
FIRE  CONTROL 

BLENDS  INPUTS 
PILOT  AND 

FIRE  CONTROL 

MANUAL  TO  FULLY 
AUTOMATIC  OPTIONS 

AIRCRAFT  AGILITY 

HIGH  g  MANEUVERING 
WEAPON  DELIVERY 

SURVIVABILITY 

PILOT 

SELECTS  OPTIONS 

WORKLOAD  TAILORING 

FIGURE  3 
IFFC  SYSTEM 

GFTf-MMI 


Figure  4  depicts  a  typical  maneuver ing-aircraf t/weapon-delivery  profile  for 
bombing.  The  actual  profiles  can  be  adjusted  throughout  giving  the  pilot  the  ability 
to  continuously  maneuver  and  to  adjust  the  range  of  release.  Just  prior  to  release 
(about  2  or  3  seconds)  the  acceleration  is  "frozen"  to  provide  for  maximum  accuracy. 
The  sensor/tracker  is  continuously  updating  the  fire  control  computations  and  elimi¬ 
nating  error  build-ups.  (In  addition,  after  bomb  release,  the  sensor/tracker  can 
be  used  to  monitor  the  target  and  record  the  bomb  point  of  impact  for  quick-look 
damage  assessment.)  Figure  5  depicts  and  compares  the  relative  performance  of  five 
bombing  modes  in  terms  of  relative  accuracy,  survivability,  and  pilot  workload. 

The  baseline  is  used  as  a  point  of  reference  for  each  mode.  The  general  objectives 
of  improved  accuracy,  increased  survivability,  and  reduced  pilot  workload  are 
achievable  with  a  coupled  flight  and  fire  control  system  and  maneuvering-aircraf t/ 
weapon  delivery. 


I  3-M 


1.  AIRCRAFT  ACQUIRE  SENSOR/TRACKER  LOCK-ON 
Z  BEGINS  MANEUVERING  TOWARDS  TARGET 


3.  PILOT  ENGAGES  COUPLED  FLIGHT  AND  FIRE 
CONTROL  SYSTEMS 

^  4.  WEAPON  RELEASE  OCCURS  2  3  SECONDS  AFTER 
ACCELERATION  IS  "FROZEN" 

5.  START  OF  THREE  DIMENSIONAL  DIVE  TO  LOW  ALTITUDE 
(STARTS  IMMEDIATELY  AFTER  BOMB  RELEASE,  IF  POSSIBLE) 

6.  AIRCRAFT  RETURNS  TO  LOW  ALTITUDE 


FIGURE  4 

MANEUVERING  -  AIRCRAFT /WEAPON  -  DELIVERY 


PARAMETER 

BOMBING  MODE  (M) 

BASELINE 

WINGS 

LEVEL 

BASELINE 
MANEUVERING  - 
AIRCRAFT/ 
WEAPON 
DELIVERY 

IFFC 

WINGS 

LEVEL 

IFFC 

MANEUVERING  - 
AIRCRAFT/ 
WEAPON 
DELIVERY 
UNCOUPLED 

IFFC 

MANEUVERING  - 
AIRCRAFT/ 
WEAPON 
DELIVERY 
COUPLED 

RELATIVE 

ACCURACY 

<CEPM/CEPB) 

- 

MUCH 

GREATER 

ERROR 

BETTER 

THAN 

BASELINE 

EQUAL  OR 
BETTER  THAN 
BASELINE 

BETTER  THAN 
BASELINE 

RELATIVE 

SURVIVABILITY 

(PSM/PSB' 

- 

MUCH 

BETTER 

THAN 

BASELINE 

SLIGHTLY 

BETTER 

THAN 

BASELINE 

MUCH  BETTER 
THAN 
BASELINE 

MUCH  BETTER 
THAN 
BASELINE 

RELATIVE  PILOT 
WORKLOAD 
(Wlm/WLb) 

MUCH 

GREATER 

WORKLOAD 

LESS 

WORKLOAD 

THAN 

BASELINE 

EQUAL  OR 
LESS  THAN 
BASELINE 

MUCH  LESS 
THAN 
BASELINE 

FIGURE  6 

BOMBING  MODE  COMPARISONS 


There  are  several  other  related  features  and  benefits  that  can  be  derived  from 
the  IFFC  system  using  a  sensor/tracker  and  control  coupling.  These  are  listed  below 
without  comment  since  their  relative  importance  is  yet  to  be  determined: 

o  Longer  range  target  acquisition/classification/identification; 

o  Longer  range  weapon  release  with  equivalent  baseline  accuracy; 

o  Target  coordinates  and  rates  stored  in  computer  with  continuously  computed 
target  location  prediction; 


o  Pilot  freed  to  keep  head  out  of  cockpit; 
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o  Profile  changes  to  match  changing  situations; 

o  Degree  of  automation  selectable; 

o  Adaptable  to  all  weather  conditions; 

o  Bombing  patterns  can  be  tailored  to  the  target  geometry  to  maximize  target 
damage;  and 

o  Target  feinting  and  surprise  tactics  can  be  employed. 

4.  TECHNOLOGY  IMPACT 

The  introduction  of  maneuvering  weapon  delivery  profiles  for  bombing,  through 
the  implementation  described  in  the  IFFC  program,  has  identified  areas  of  aerodynamics 
data  deficiencies.  The  maneuvering  weapon  delivery  profiles  are  essentially  high  g 
maneuvers  with  high  bank  angles,  high  angles  of  attack,  and  possibly  high  sideslip 
angles.  Aircraft  aerodynamic  problems  are  primarily  associated  with  these  flight 
conditions.  Normal  store  clearances  are  based  on  wings-level  flight  attitudes. 

The  local  flow  conditions  are  important  (5)  for  positive  separation  and  clearance 
from  the  aircraft  and  for  ultimate  accuracy  of  the  weapon  delivered.  The  pressure 
distribution  and  flow  fields  need  to  be  accurately  known  so  that  weapon  delivery 
computations  can  be  made  to  compensate  for  station,  position,  and  release  sequences. 
The  local  flow  fields  are  also  important  in  determining  the  attitude  of  each  weapon 
released.  In  turn,  the  aerodynamic  characteristics  of  the  ordnance,  before  and 
after  release,  needs  to  be  known  to  a  greater  degree  of  accuracy  since  the  aircraft 
attitude  in  some  profiles  may  be  such  that  the  weapon  may  be  released  upward  (bank 
angles  greater  than  90°).  Interference  effects,  both  with  respect  to  the  aircraft 
on  the  weapon,  and  between  weapons,  also  take  on  a  new  importance.  These  are  the 
more  easily  identifiable  problems  that  need  attention. 

The  aircraft  aerodynamics  areas  take  on  a  new  importance  from  the  design  point- 
of-view,  when  the  IFFC  technology  is  incorporated.  Some  design  features  which  are  of 
immediate  importance  are  gust  sensitivity,  precise  force  control,  drag  build-up  rates, 
buffet,  wing  rock,  and  departure  control  (6,  7) .  These  problems  are  yet  to  be 
quantitized  for  relative  importance. 

Also,  as  the  development  or  feasibility  demonstration  program  progresses,  new 
problems  can  be  expected  and  anticipated  which  will  require,  and  in  turn  justify, 
developments  in  other  technology  fields. 

The  extension  of  IFFC,  using  Advanced  Control  Concepts  such  as  direct  force  con¬ 
trol,  will  further  compound  these  investigations.  Independent  fuselage  aiming 
achieved  with  direct  force  control  introduces  new  variations  in  the  aerodynamic 
data  needed  to  fully  understand  all  of  the  aspects  available  for  determining  the 
most  combat  cost  effective  weapon  delivery  options. 

5.  CONCLUSION 

Mission-analysis  provides  a  means  for  assessing  the  importance  of  these  types  of 
R  &  D  efforts,  and  in  particular,  R  &  D  efforts  pertinent  to  tactical  mission  defici¬ 
encies.  The  opportunity  to  formulate  and  execute  a  technology  demonstration  concept 
is  dependent  upon  a  well  established  technology  base  and  a  recognized  operational  need 
or  deficiency.  The  IFFC  system  is  such  a  program  aimed  at  achieving  a  lower  cost 
alternative  solution  to  the  problem  of  combat  cost  effectiveness  of  conventional 
unguided  ordnance.  The  aim  is  to  provide  a  capability  in  attack  missions  which  over¬ 
comes  important  tactical  deficiencies.  Near-term  solutions,  with  high  payoffs  are 
desired.  The  implementation  of  coupled  flight  and  fire  control  systems,  which  is 
potentially  applicable  to  many  tactical  aircraft,  allows  for  the  introduction  and  ex¬ 
ploitation  of  maneuvering  weapon  delivery  with  accuracy  and  survivability. 

The  IFFC  system  investigation  has  surfaced  new  problems  in  related  areas  of 
technology,  such  as  aerodynamics .  The  extension  of  IFFC  in  the  future  on  unconven¬ 
tional  force  control  aircraft  further  magnifies  this  interdependent  relationship  and 
the  need  to  initiate  and  solve  the  problems  expected. 

Further,  when  the  improvements  for  IFFC  conventional  unguided  ordnance  delivery 
are  established  the  opportunity  will  exist  to  exploit  these  results  to  benefit  guided 
ordnance. 
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SUMMARY 

To  demonstrate  the  possibilities  of  a  direct  sideforce  and  drag  control  for  a  simple 
combat  aircraft  small  pylrn  split  flaps  will  be  used  at  an  Alpha  Jet  aircraft  as  a  test 
vehicle.  The  pylon  split  flaps  have  been  chosen  as  control  force  generators  to  avoid 
drag  and  stability  penalties  in  the  nonoperating  position  and  to  reduce  the  necessary 
compensation  effort  for  unwanted  cross  coupling  effects  to  a  minimum,  as  the  control 
forces  are  occurring  about  the  center  of  gravity.  Operating  the  DSFC  one  flap  on  each 
pylon  is  driven  electrohydraul ical ly  and  generates  the  required  side  force.  Symmetrical 
simultaneous  use  of  all  pylon  split  flaps  provides  a  rapid  acting  drag  control. 

Two  configurations  of  split  flaps  have  been  examined,  a  long  one  with  small  deflections 
and  a  short  one  with  large  deflections.  The  short  one  led  to  the  same  effectiveness  at 
reduced  values  of  hinge  moments  and  cross  coupling  effects.  Due  to  high  interference 
effects  it  was  not  possible  to  get  the  effects  of  all  flaps  by  superposition  of  the 
single  flap  results.  The  angle  of  attack,  the  landing  flap  setting  and  the  lateral  pro¬ 
jection  area  of  the  external  stores  have  a  significant  influence  on  the  effectiveness 
whereas  the  Mach  number  is  less  important.  The  examination  of  the  wind  tunnel  results 
led  to  the  necessary  control  laws  for  the  operation  of  the  flaps  and  the  compensation 
equipment.  The  flight  test  program  with  an  Alpha  Jet  preproduction  aircraft  will  start 
at  1980. 


1.  INTRODUCTION 

Combat  aircraft  of  the  next  generation  will  be  provided  with  direct  force  control  equip¬ 
ment,  if  the  requirements  to  be  met  include  a  supreme  maneuverability.  These  possibili¬ 
ties  known  under  the  terms  "direct  lift",  "direct  side  force",  and  “drag  control"  allow 
the  control  of  the  translatory  degrees  of  freedom  of  an  aircraft. 

Beside  a  general  theoretical  and  experimental  investigation  for  the  effectiveness  of 
different  technical  solutions,  a  study  for  the  direct  side  force  control  performed  by 
Dornier  and  supported  by  the  Ministry  of  Defence  aimed  at  finding  out  those  configura¬ 
tions  for  the  Alpha  Jet  aircraft  enabling  a  realization  with  fewest  possible  modifica¬ 
tions  at  the  aircraft  and  without  a  complex  control  system. 

Three  different  possible  applications  resulted  from  the  general  investigations  for 
DSFC: 

-  side-slip-free  change  of  course  with  constant  bank  angle  (ny-mode) 

-  lateral  displacement  with  constant  attitude  (B  -mode) 

-  deceleration  flight  (nx-mode) 

An  ideal  n  -mode  allows  a  side-slip-free  course  correction  with  constant  roll  and  pitch 
attitude,  while,  for  conventional  aircraft,  lateral  corrections  in  ground  attack  approach 
are  performed  via  roll  maneuvers  (see  fig.  1)  by  turning  the  lift  vector  so  that  it  causes 
a  change  of  course.  This  requires  a  certain  time  and  moreover  disturbs  the  moments  equili¬ 
brium. 


The  application  of  an  ideal  B-mode  on  the  contrary  allows  a  lateral  displacement  of  the 
aircraft  without  a  change  of  course  also  with  constant  roll  and  pitch  attitude.  The  B- 
mode  suggests  itself  for  corrections  in  ground  attack  approach  with  a  crosswind  compo¬ 
nent  above  all  however  for  corrections  in  formation  flight  and  as  an  aid  for  landing 
approaches  with  crosswind. 

The  maneuverabi 1 i ty  of  combat  aircraft  can  also  be  improved  by  drag  control.  The  so-called 
nx-mode  does  not  suggest  itself  only  for  sudden  decelerations  in  air  combat  but  it  enables 
also  steeper  approaches  at  a  sufficient  engine  thrust  level,  a  quicker  deceleration  from 
cruising  to  approach  speed  and  a  glide-path  control. 


Fig.  1:  Operational  Possibilities  by  DSFC-Modes 


Different  configurations  of  DSFC  control  surfaces  were  analysed  in  the  theoretical  and 
experimental  study 

-  special  control  surfaces  under  the  wing 

-  use  of  the  pylons  as  control  surfaces 

-  attach  of  split  flaps 

and  spoilers  at  the  pylons 

-  control  surfaces  at  the  fuselage  nose  section 

Fig.  2  shows  the  effectiveness  measured  in  the  wind  tunnel  of  the  different  configurations. 

The  criterium  to  achieve  an  effectiveness  as  great  as  possible  with  small  coupling  moments 
and  low  technical  complexity  finally  led  to  the  decision  to  pursue  the  configuration  with 
split  flaps  at  the  four  external  store  pylons  for  later  realization  at  an  Alpha  Jet  test 
aircraft. 

Since  the  center  of  pressure  of  the  pylon  split  flaps  is  situated  near  the  aircraft  center 
of  gravity  with  respect  to  the  z  and  x-direction,  it  could  be  expected  that  with  DSFC  flap 
deflection  no  or  only  inconsiderable  coupling  moments  will  occur  so  that  a  coupling  between 
OSFC  and  the  conventional  control  surfaces  is  not  necessary  for  the  compensation  of  these 
moments . 

Fig.  3  shows  the  forces  and  moments  acting  at  the  aircraft  when  applying  the  B-  and  n^-modes. 
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When  the  DSFC  control  surface  center  of  pressure  is  situated  within  the  aircraft  center 
of  gravity,  it  depends  on  the  sign  of  the  remaining  interference  yawing  moment,  whether 
the  rudder  must  be  deflected  so  that  the  available  Cy  will  be  increased  or  decreased.  • 
Fig.  3  shows  that  the  effectiveness  will  be  increased  with  positive  interference  moments 


Already  the  first  wind  tunnel  tests  within  the  low- 
speed  range  which  served  for  the  configuration  selec¬ 
tion  showed  that  a  purely  theoretical  consideration 
does  not  suffice  to  determine  with  the  required 
accuracy  all  aerodynamic  forces  and  moments  arising 
by  the  DSFC  flap  deflection  as  the  interference 
effects  were  considerable  and  could  not  be  estimated. 

A  support  of  the  theoretical  considerations  by  experi¬ 
ments  proved  to  be  of  pressing  necessity. 

The  first  test  series  with  a  1:5  low-speed  wind  tunnel 
model  of  the  Alpha  Jet  provided  with  the  DSFC  control 
surface  configuration  represented  in  fig.  4  and  selected 
from  the  pretest  results  served  to  answer  three  important 
questions 

-  effectiveness  of  the  single  control  surfaces 
as  a  function  of  the  flap  deflection 

-  quantity  of  the  coupling  moments  arising 

-  quantity  of  the  hinge  moments  to  be  expected 


Fiq.  2:  The  Effectiveness  of 
Different  Methods  to 
Generate  Direct  Side 
Force 


Particularly  the  question  for  the  quantity  of  the  coupling  moments  is  of  high  importance 
for  the  realization  of  as  simple  control  laws  as  possible.  It  should  be  aimed  by  selecting 
a  proper  combination  of  the  single  split  flap  deflections  so  that  with  greatest  possible 
effectiveness  no  or  only  very  small  proverse  yaw  or  roll  coupling  moments  will  occur. 
Moreover,  the  secondary  effects,  such  as  the  lift,  drag,  and  yaw  influences  should  be 
ascertained . 


Fig.  5  shows  the  1:5  Alpha  Jet  model  in  the  wind 
tunnel.  The  pylon  split  flaps  extended  to  the  star¬ 
board  can  be  clearly  recognized,  in  this  picture 
however  only  on  the  aircraft  port. 


The  analysis  of  the  first  wind  tunnel  results  led 
to  the  conclusion  that  it  must  be  possible  to  achieve 
an  almost  equal  effectiveness  using  smaller  how¬ 
ever  more  extended  flaps  located  more  in  the  back 
part  of  the  pylon.  In  this  connection,  the  inter¬ 
ference  effects  would  be  smaller  and  the  hinge 
moments  required  for  flap  deflection  and  which 
would  have  demanded  a  high  hydraulic  driving  force 
would  be  less  considerable. 

Using  the  flap  1  and  2  as  ex. -pie,  the  fig.  6  and  7 
show  that  the  shorter  DSFC  pylon  flaps  reduced  by 
abt.  50t  with  respect  to  the  surface  actually  pro¬ 
duce  considerably  smaller  coupling  and  hinge  moments 
however  with  a  slight  loss  of  side  force  effectiveness. 
Oue  to  the  smaller  unfavourable  coupling  moments  the 
total  effectiveness  was  about  in  the  same  range  as 
with  the  longer  flaps. 

Extensive  i nves t i ga ti ons wi th  the  new  defined  flap 
configuration  cover  the  following  main  points: 

-  optimization  of  deflection  of  the  single 
flaps  with  respect  to  side  force  effec¬ 
tiveness 

-  influence  of  external  stores  attached  to 
the  pylon 

-  optimization  of  combined  flap  deflections 
with  respect  to  side  force  effectiveness 
and  coupling  moments 

-  influence  of  landing  flap  deflections  and 
angle  of  attack 


ny  -  mode 


■’tit; 


EFFECTIVE  SIDEFORCE 
Cy  ■  Cysr -  Cy;  £ 

YAWING  MOMENT 

CNsf  •  Cns  E  •  C(|S  5  =  0 

ROLLING  MOMENT 
ClsfClvE‘Cn'E-0 
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POSSIBLE  SIDESLIP  ANGLE 
Cy;  CHw  -  Cyst  Ck; 
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Cyp  CN;  -  Cy;  CNp 


Fig.  3:  DSFC  -  Mathematical  Relations 


-  high-speed  tests  to  determine  the  com¬ 
pressibility  effect 

-  investigation  for  the  use  of  DSFC  flaps 
as  speed  brakes  (nx-mode) 


,1 l.  1  .  J _ I  J _ 1 _ 1  _ I  -J _ I _ i _ I  pi9-  7:  Comparison  between  Long 

o  »  *o  so  o  »  «  so  o  »  « 6I.,  «  and  Short  Flap  Configura 

tion 

Hinge  Moments 

Fig.  6:  Effectiveness  and  Coupling  Moments  Comparison  between 
Long  and  Short  Flap  Configuration 
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Fig.  8:  Effectiveness  and  Lateral  Coupling  Effects  of  the  Single  Flaps 


Fig.  9:  Longitudinal  Coupling  Effects  of  the  Single  Flaps 
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Fig.  11:  Difference  between  Super¬ 
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Fig.  10:  Effectiveness  of  Flap  1 
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Fig.  12:  Difference  between  Superposed  and 
Measured  Flap  Combinations 
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2.  OPTIMIZATION  OF  THE  SINGLE  FLAP  DEFLECTIONS 

Fig.  8  represents  the  effectivenesses  of  the  single  flaps.  Although  flap  1  and  flap  2  are 
almost  of  the  same  size,  the  measurements  show  a  surprisingly  widely  differing  side  force 
effectiveness.  This  phenomenon  can  only  be  explained  by  extremely  great  interference 
effects.  Detailed  aerodynamic  investigations  proved  that  due  to  the  interference  effects 
changes  arise  in  the  effective  direction  of  air  flow  of  the  pylon  flap  combination.  These 
changes  cause  for  instance  in  case  of  flap  1  an  increase  of  the  effective  angle  of  attack 
and  thus  a  greater  acy  due  to  the  stagnation  of  air  between  flap  and  fuselage,  whereas  a 
decrease  of  the  effective  angle  of  attack  and  thus  a  considerable  less  dcy  occurs  at  the 
pylon  with  extended  flap  2  due  to  the  air-flow  deflected  to  the  outside. 

The  lift  variations  represented  in  fig.  9  are  also  to  be  attributed  to  a  stagnation  of  air 
below  the  wing.  While  the  drag  change  shows  no  unusual  effects,  there  is  in  pitch  a  con¬ 
siderable  change  of  moments  acting  nose-up  with  the  deflection  of  flap  1  and  nose-down  with 
the  deflection  of  flap  2  and  4. 

This  varying  effect  of  flap  1  compared  to  the  three  other  flaps  can  be  explained  by  the 
fact  that  the  air-flow  at  flap  1  is  deflected  in  direction  of  the  horizontal  stabilizer 
and  thus  causes  an  increased  effectiveness  of  the  nose-up  trimmed  horizontal  stabilizer. 
With  respect  to  the  other  flaps  the  horizontal  stabilizer  is  not  considerably  affected 
so  that  the  additional  lift  of  the  split  flaps  behind  the  center  of  gravity  produces  an 
expected  nose-down  moment.  The  differences  in  the  order  of  the  nose-down  pitching  moment 
with  flap  2  and  3  can  be  explained  by  the  fact  that  the  air-flow  deflection  caused  by  flap 
3  can  still  cause  a  certain  influence  on  the  horizontal  stabilizer. 


3.  INFLUENCE  OF  EXTERNAL  STORES  ATTACHED  TO  THE  PYLON 

Measurements  without  external  stores  showed  a  considerable  decrease  of  the  split  flap 
effectiveness.  As  the  missing  end  plate  effectiveness  of  the  external  stores  was  to  be 
blamed  for  this,  extensive  detailed  experimental  investigations  were  performed  using  end 
plates  of  the  most  different  geometry  and  position.  Fig.  10  shows  only  a  few  results, 
namely  by  the  example  of  flap  1 

-  pylon  with  external  stores 

-  pylon  without  external  stores 

-  pylon  with  large  end  plate 

-  pylon  with  a  pylon  extension  in 
z-direction 


None  of  the  tested  end  plate  configurations  produced  the  desired  result  of  an  increased 
effectiveness.  An  extension  of  the  pylon  was,  however,  successful,  as  a  duplication  of 
the  surface  was  achieved  by  an  extension  which  was  provisionally  realised  by  metal  sheet. 
The  drastic  reduction  of  the  effectiveness  of  the  DSFC  flaps  in  the  aircraft  configuration 
without  external  stores  cannot  be  ascribed  to  the  missing  end  plate  effect  of  the  external 
store  but  rather  to  the  reduction  of  the  surface. 


4.  OPTIMIZATION  OF  COMBINED  FLAP  DEFLECTIONS 

The  already  mentioned  considerable  interference  effects  which  are  hardly  ascertainable  do 
not  allow  to  draw  conclusions  from  the  effectiveness  of  single  flap  deflections  on  the 
effectiveness  of  flap  combinations;  it  is  true  that  measurements  of  single  deflections 
are  important  for  the  determination  of  tendencies,  but  the  real  optimization  with  respect 
to  a  maximum  side  force  effectiveness  with  simultaneous  lowest  possible  coupling  moments 
requires  extensive  measurements  with  the  most  different  combined  DSFC  flap  deflections 
that  are  feasible. 


The  fig.  11  and  12  show  that  a  simple  addition  of  the  forces  and  moments  ascertained  with 
the  single  deflection  leads  to  different  results  as  they  were  measured  with  combined  de¬ 
flections  . 
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The  side  force  effectiveness  with  the  combined  DSFC  flap  deflection  exceeds  that  resulting 
from  the  sum  of  the  single  flap  effectivenesses.  The  differences  with  respect  to  the  aero¬ 
dynamic  forces  are  particularly  serious;  but  exactly  these  moments  are  required  for  the 
establishment  of  control  laws,  as  it  depends  on  them,  if  a  coupling  of  DSFC  flaps  with  the 
conventional  control  surfaces  is  required  for  the  compensation  of  the  arising  coupling 
moments . 

These  investigations  established  control  laws  which  vary  according  to  the  configuration  and 
the  mode. 

Since  the  feasibility  of  DSFC  equipment  shall  be  sub¬ 
mitted  to  flight  tests  using  the  Alpha  Jet  as  test 
vehicle  which  has  no  stability  augmentation  and  since 
as  few  modifications  as  possible  are  to  be  carried 
out  at  the  aircraft  itself  for  time  and  cost  reasons, 
it  is  necessary  to  realize  as  simple  control  laws  as 
possible . 

Simulation  tests  established  that  the  pilots  desire  a 
control  of  the  DSFC  flaps  by  the  rudder  pedals. 

Fig.  13  demonstrates  by  an  example  a  control  law  pos¬ 
sible  for  the  ny-mode  having  the  considerable  advan¬ 
tage  that  it  is  not  necessary  to  change  the  primary 
control  of  the  pedal  rudder  assignment  of  the  Alpha 
Jet.  Within  a  certain  pedal  and  rudder  deflection 
automatically  connected  with  it  ,  the  DSFC  flaps  are 
extended  to  the  respective  angles  considered  as  being 
optimal;  only  the  rudder  reacts  on  a  further  extension 
of  the  pedal,  while  the  DSFC  flaps  keep  the  maximum 
values . 

From  the  assignment  rudder  deflection  to  DSFC  flap 
deflection  selected  in  this  control  law  result  the 
low  pitching  moments  and  even  low  proverse  roll  coup¬ 
ling  moments,  which  should  be  controllable  by  the 
pilot  or  a  simple  automatic  compensation  equipment 
with  low  authority. 

Fig.  13:  Possible  Control  Law 


5.  INFLUENCE  OF  LANDING  FLAP  DEFLECTION  AND  ANGLE  OF  ATTACK 

Fig.  14  demonstrates  by  the  example  of  flaps  I  and  2  -  flap  1  is  extended  to  the  angle  of 
60° ,  flap  2  to  40°,  angles  which  are  optimal  for  the  application  of  the  ny-mode  -  how  the 
side  force  effectiveness  is  changed  when  the  trailing  edges  of  the  aircraft  are  extended. 
In  case  of  flap  1  small  landing  flap  deflections  produce  no  loss  of  effectiveness,  while 
high  deflections  even  result  in  a  -  though  sma 1 1- oppos i te  side  force. 


Fig.  14:  Influence  of  Landing  Flap 
Deflection  on  Effective 
Side  Force 


Fig.  15:  Influence  of  Angle  of 
Attack  on  Effective 
Side  Force 
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Flap  2  shows  a  completely  different  behaviour.  Its  effectiveness  permanently  increases 
with  increasing  landing  flap  deflection  in  the  investigated  range.  There  are  also  similar 
phenomena  with  an  increase  of  the  angle  of  attack  (see  fig.  15).  As  from  a  =  6°,  a  clear 
reduction  of  the  effectiveness  of  flap  1  can  be  recognized,  which  is  extended  to  60°  also 
in  this  example,  while  flap  2  shows  a  cy  gain  with  increasing  angle  of  attack. 

For  the  understanding  of  this  phenomenon  it  must  be  looked  at  the  sweep  angle  of  the  wing 
trailing  edge  towards  the  aircraft  longitudinal  axis.  By  the  pylon  split  flap  deflection 
the  airflow  is  locally  accelerated  and  the  reaction  force  acting  on  the  trailing  edge  flap 
or  on  the  trailing  edge  of  the  wing  with  angle  of  attack  causes  only  due  to  the  geometry  a 
side  force  reduction  in  case  of  flap  1  and  3  and  a  side  force  increase  in  case  of  flap  2 
and  4 . 


6.  INFLUENCE  OF  COMPRESSIBILITY 


Fig.  16  shows  the  Mach  number  influence  achieved  with  a  1:10  Alpha  Jet  model  in  high-speed 
tests  with  maximum  deflection  of  the  pylon  split  flaps.  The  Mach  number  effects  are  sur¬ 
prisingly  low,  although  considerable  effects  had  to  be  expected  due  to  the  relatively  great 
blocking  occurring  with  the  flap  deflection. 


Fig.  16:  Influence  of  Mach  Number  on  Effectiveness  and  Coupling  Effects 


7.  INVESTIGATION  WITH  RESPECT  TO  AN  APPLICATION  OF  THE  OSFC  FLAPS 

AS  SPEED  BRAKES 


A  considerable  increase  of  the  drag  coefficient  which  is  practically  independent  on  the 
Mach  number  is  achieved  by  a  symmetrical  deflection  of  all  pylon  split  flaps.  A  DSFC  flap 
deflection  of  30°  already  produces  the  drag  increase  which  is  achieved  with  the  speed 
brakes  extending  from  the  fuselage  back  of  the  Alpha  Jet  (fig.  17) 


Fig.  17:  Effectiveness  of  Drag  Modulation  by  the  Pylon  Split  Flaps 


A  maximum  deflection  of  all  flaps  to  60°  leads  to  a  pitch-up  moment  which  must  be  trimmed 
by  an  elevator  deflection  of  abt.  1.5°  only  at  low  Mach  numbers.  In  case  of  greater  Mach 
numbers  moment  changes  are  to  be  expected  in  the  same  order  of  magnitude  as  they  occur 
with  the  original  speed  brakes. 


8.  ACTUAL  STAGE  OF  THE  EXPERIMENTAL  PROGRAM 


The  hardware-phase  of  the  program  has  already  begun.  All  specifications  have  been  defined 
and  the  fabrication  of  the  split  flaps  and  the  modification  of  the  pylons  have  started. 
The  functional  tests  are  provided  for  the  end  of  this  year,  whereas  the  flight  test  pro¬ 
gram  which  will  be  performed  as  a  joint  program  of  Dornier  and  the  "Luftwaffe"  -  Flight 
Test  Center  at  Manching  ist  planned  for  1980. 
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SUMMARY 

Some  experiments  involving  the  development  of  the  turbulent  symmetric  and  asymmetric  vortex  flow  about 
the  lee  side  of  a  5°  semiangle  (Or)  conical  forebody  at  high  relative  incidence  (u/ec)  are  discussed.  The 
cone  was  immersed  in  a  Mach  0.6  airstream  at  a  Reynolds  number  of  13.5  *  10f  based  on  the  1.4-m  (54-in.)  axial 
length  of  the  cone.  ( 

Novel  means  of  controlling  the  degree  of  asymmetry  using  blowing  very  close  to  the  nose  were  investi¬ 
gated.  Small  amounts  of  air  injected  normally  or  tangentially  to  the  cone  surface,  but  on  one  side  of  the 
leeward  meridian  and  beneath  the  vortex  farthest  from  the  wall,  were  effective  in  biasing  the  asymmetry. 

With  this  reorientation  of  the  forebody  vortices,  the  amplitude  of  the  side  force  could  be  reduced  to  the 
point  where  its  direction  was  reversed.  This  phenomenon  could  be  obtained  either  by  changing  the  blowing 
rate  at  constant  incidence  or  by  changing  incidence  at  constant  blowing  rate.  Normal  injection  apneared 
more  effective  than  tangential  injection.  The  contrarotating  vortices  in  the  penetrating  jet  flow  were  of 
opposite  hand  to  the  rotational  directions  of  the  forebody  vortices.  A  distinctively  organized  and  stable 
flow  structure  emerged  with  the  jet  vortices  positioned  above  the  forebody  vortices. 

SYMBOLS 

Note:  All  force  coefficients  are  referenced  to  cone  base  area  =  449.6  cm7  (69.7  in.7)  and  free-stream 
dynamic  pressure. 

A  cone  base  area 

CN’CNB  normal-force  coefficient  from  balance 

p  -  p 

Cp  =  — - — -  local  static  pressure  coefficient 


C 


PP  = 


local  pitot  pressure  coefficient 


CY’CYB 


side-force  coefficient  from  balance 


C 


YP 
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vertical  velocity  normal  to  tunnel  axis 
vertical  velocity  normal  to  model  axis 
distance  along  tunnel  axis 

distance  along  model  axis,  origin  at  pointed  apex  of  cone 

lateral  distance  from  tunnel  (or  model  axis) 

nondimensional  lateral  distance 

vertical  distance,  normal  to  tunnel  axis 

vertical  distance,  normal  to  model  axis 

nondimensional  vertical  distance 

angle  of  incidence 
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circumferential  angle  around  cone  surface,  measured  from  windward  generator,  negative  on 
port  side  and  positive  on  starboard  side  (pilot's  view  from  base  of  cone) 

free-stream  mean  flow  conditions 
primary  separation  line 
secondary  separation  line 


1.  INTRODUCTION 

1.1  Flow  Asymmetry  in  the  Lee-Side  Vortex  Flow  Field  at  High  Angles  of  Incidence 

A  present-day  missile  or  military  fighter  aircraft  must  perform  and  be  controllable  up  to  high  angles 
of  incidence,  where  complex  vortical  flow  fields  exist  about  the  leeward  side  of  the  vehicle.  These  vor¬ 
tices  are  generated  at  relatively  sharp  leading-edge  extensions,  wing  leading-edges,  and  on  the  forebody. 

Once  a  given  ratio  of  incidence  a  to  seminose  angle  ec  (the  relative  incidence)  is  exceeded,  usually 
between  1  and  2  for  a  slender  conical  or  tangent-ogive  nose  shape  attached  to  a  fuselage  or  cylindrical 
body,  the  orientation  of  the  forebody  vortices  becomes  asymmetrical  with  respect  to  the  meridional  plane 
(Refs.  1-5).  (For  the  cone  or  tangent-ogive  alone,  the  relative  incidence  at  which  the  onset  of  asymmetry 
occurs  is  closer  to  3.)  Substantial  side  forces  and  yawing  moments  then  develop  to  affect  the  stability  of 
the  vehicle.  In  addition,  these  forebody  vortices,  perhaps  in  conjunction  with  the  vortical  flows  from  the 
wings,  may  interfere  with  downstream  control  surfaces  to  provide  significant  nonlinearities  that  are 
unpredictable.  Depending  on  the  strengths,  locations,  and  breakdown  of  these  vortices,  an  aircraft  may  be 
departure-prone  or  departure- resistant  to  spinning  (Ref.  5). 

The  onset  of  asymmetry  and  the  initial  direction  of  the  side  force  are  responsive  to  small  changes  in 
geometry  at  the  nose,  Reynolds  number,  and  Mach  number,  up  to  incidences  where  conditions  in  the  lee-side 
crossflow  become  transonic.  As  speed  increases  further,  the  significant  side  forces  disappear  (Ref.  2). 

The  asymmetries  occur  in  both  laminar  and  turbulent  flows  so  that  transition  is  presumably  not  an  essential 
ingredient  causing  asymmetry.  Notwithstanding,  the  implication  from  recent  tests  by  Lamont  (Ref.  6)  with  a 
tangent-ogive  cylinder  at  incidence,  at  Reynolds  numbers  encompassing  laminar,  transitional,  and  turbulent 
boundary-layer  separation,  is  that  the  vortex  wake  is  less  structured  in  the  transition  domain  leading  to 
reduced  side  and  normal  forces  at  a  given  subsonic  Mach  number.  In  the  fully  laminar  or  turbulent  regions, 
on  the  other  hand,  where  the  organization  of  the  flow  field  is  well  defined,  the  respective  magnitudes  of 
the  side  force  are  larger  and  are  closely  matched.  It  is  likely  that  the  levels  of  vorticity  and  acoustic 
disturbance  in  most  wind  tunnels  will  also  affect  the  initial  occurrence  of  asyitmetries  (Ref.  7).  A 
rational  explanation  for  the  development  of  asymmetry  in  the  flow  may  be  related  to  the  stability  of  the 
velocity  profiles  in  the  vicinity  of  the  saddle  singular  point  that  exists  in  the  stream  above  the  body 
vortices  (see  Fig.  1).  In  the  example  of  the  flow  about  a  circular  cylinder  situated  perpendicularly  to  an 
oncoming  stream,  Nishioka  and  Sato  (Ref.  8)  determined  instabilities  to  amplify  initially  in  the  region  of 
the  saddle  point,  to  herald  the  conjnencement  of  asymmetric  but  well -structured  wake  flow.  Thus,  for  a  body 
of  general  shape  at  high  incidence,  we  may  conjecture  that  flow  perturbations  will  impose  fluctuations  on 
the  saddle  point  flow  that  will  accentuate  the  instability  mechanism.  Evidence  points  to  extremely  small 
surface  irregularities  in  the  surface  curvature  at  the  nose  as  governing  the  initial  direction  of  the 
asymmetry  in  the  vortex  flow  field.  This  is  understandable  from  the  fact  that  a  given  body  at  incidence, 
under  identical  flow  conditions,  will  provide  a  repeatable  side  force  direction  at  a  prescribed  roll  orien¬ 
tation;  and  near-mirror  Images  of  the  side-force/incidence  performance  for  roll  angles  ±90°,  as  we  show  in 
Fig.  2.  Despite  this  knowledge,  production  tolerances  on  a  typical  fighter  aircraft  may  alter  the  asymmetric 
vortex  flow  development  sufficiently  to  provide  unpredictable  stability  problems  (Ref.  5).  We  do  not  yet 
understand  the  influence  of  geometrical  imperfections  on  the  fluid  mechanics,  nor  how  the  nominally  small 
disturbances  of  the  fluid  flow  at  these  imperfections  can  amplify  so  considerably.  A  small  flat,  for 
Instance,  machined  in  turn  on  each  side  of  the  nose  of  a  fighter/bomber  swing-wing  aircraft  model  was  effec¬ 
tive  in  completely  switching  the  sign  and  amplitude  of  the  yawing  moment  (Ref.  9). 


k 


1.2  Control  of  Asymmetries  in  the  Forebody  Vortex  Flow  Field 

As  the  development  of  the  asymmetry  is  particularly  sensitive  to  surface  curvature  or  roughness  at  the 
nose,  it  is  conceivable  that  the  degree  of  asymmetry  in  the  forebody  flow  field  could  be  controlled  by  ^ 

deploying  a  single  small  strake  or  by  spinning  the  nose  (Ref.  10).  The  permanent  installation  of  synmetri-  \C>~ 
cal  nose  strakes  at  the  90°  circumferential  angle  station  (Refs.  3,  11)  or  ’n  helical  form  from  the  leeward 
meridian  to  the  windward  meridian  (Ref.  12),  have  been  shown  to  be  effective  at  suppressing  the  onset  of 
asymmetry,  and  roughness  has  been  demonstrated  to  provide  a  similar  benefit  (Ref.  3).  Unfortunately,  the 
fixing  of  “add-on"  large  excrescences  to  the  airframe  is  usually  detrimental  to  the  cruise-drag  performance, 
and  strakes  that  transform  the  symmetry  of  the  cross  section  of  the  nose  are  accepted  less  than  enthusiasti¬ 
cally  by  radar  designers. 

It  would  appear  that  at  forebody  relative  incidences  (incidence  to  seminose  angle,  a/ec),  where  asym¬ 
metry  of  the  vortex  wake  commences,  we  are  always  dealing  not  only  with  separation  of  the  primary  boundary 
layers  that  develop  on  each  side  from  the  windward  generator,  but  with  secondary  separations  of  the  lee-side 
boundary  layer  in  addition  (see  Fig.  1).  The  onset  of  asymmetry  would  seem  to  be  characterized  initially  by 
a  rapid,  local  movement  circumferentially  of  one  (or  both)  secondary  separation  lines  followed,  as  incidence 
is  increased  further,  by  circumferential  movement  of  the  primary  separation  lines  (Refs.  1  and  2).  The 
asymmetric  skin  friction  line  pattern  on  the  conical  surface  development  shown  on  Fig.  3  illustrates  this 
latter  flow  situation,  with  "wobbly"  primary  and  secondary  separation  line  traces  existing  all  along  the 
cone  (Ref.  13).  Here,  the  free-stream  Mach  number  is  2.94  and  the  relative  incidence  is  4.5. 

The  asymmetric  vortex  wake  usually  develops  from  asymmetric  separation  line  positions  on  the  body,  but 
the  latter  does  not  appear  to  be  a  necessary  condition  for  the  former  to  occur.  An  appraisal  (Ref.  14)  of 
some  earlier,  low-subsonic  speed  tests  of  Shanks  (Ref.  15)  where  forces  and  moments  were  measured  on  very 
slender,  flat-plate,  delta  wings  (sweep  angles  from  70°  to  84°)  at  incidence,  indicates  that  even  though  the 
separation  lines  were  fixed  at  the  sharp  leading-edges,  asymmetry  in  the  leading-edge  vortices,  as  deter¬ 
mined  by  the  onset  of  significant  rolling  moment,  occurred  when  the  angle  of  incidence  was  about  3  to  4  times 
the  wing  seminose  angle.  This  incidence  for  asymmetry  is  splendidly  illustrated,  on  the  vapor  screen  pic¬ 
tures  (Fig.  4),  about  another  very  slender  delta  wing  immersed  in  a  Mach  2.8  flow  (Ref.  16).  Nonetheless, 
the  sharp  edges  have  a  beneficial  effect  in  delaying  the  onset  of  asyrmietry  to  higher  relative  incidences 
than  those  obtained  with  smooth  pointed  forebodies  cr  forebody/cylinder  configurations  (Refs.  2-4). 

Hence,  have  the  scenarios  of  (1)  leeward  asymmetries  in  primary  and  secondary  separation  line  posi¬ 
tions  coupled  with  asymmetric  vortex  flow  (Fig.  3,  for  example),  or  (2)  symmetric  fixed  primary  separation 
line  positions  (but  asymmetries  no  doubt,  in  secondary  separation  position)  in  Fig.  4,  still  yielding 
asymmetric  vortex  flow  at  suitably  high  angles  of  attack.  The  reasons  for  such  flow  behavior  are  evidently 
complex  and  perplexing.  Nevertheless,  the  amplification  of  perturbations  to  produce  an  instability  at  the 
saddle  point  (Ref.  8)  (and  to  which  we  alluded  previously)  would  seem  to  cover  the  scenarios  presented. 

Thus,  the  objective  of  the  present  investigation  is  to  understand  the  fluid  mechanics  and  to  assess 
the  efficacy  of  making  small  changes  to  the  nose  geometry  by  novel  active  or  passive  means  to  alter  asym¬ 
metries  in  the  lee-side  flow  field  about  a  typical  conical  forebody.  This  takes  the  form  of  symmetrically 
and  asymmetrically  disposed  blowing  from,  respectively,  an  external  compressed  air  source,  or  from  a  com¬ 
bined  passive  suction/blowing  scheme  from  the  windward  side  to  the  leeward.  Some  recent  results  of  Sharir, 
Portnoy,  and  Rom  (Ref.  17),  for  instance,  have  demonstrated  the  potential  for  control  by  symmetrical  blowing 
normal  to  the  surface.  They  offered  the  surprising  result  that  blowing  symmetrically  from  jets  on  the  wind¬ 
ward  side  of  the  nose  of  a  missile  configuration  provided  the  most  effectiveness  in  diminishing  the  side 
force.  We  conjecture  that  blowing  from  the  lee  side,  in  the  vicinity  of  the  separation  lines,  should  pro¬ 
duce  an  even  greater  impression  on  the  asymmetric  flow  development. 

It  will  be  noted  that  in  its  offering  of  some  comprehension  of  the  fluid  mechanics  of  pneumatically 
perturbing  the  asymmetric  vortex  flow  on  a  typical  forebody,  this  paper  is  a  companion  to  the  paper  pre¬ 
sented  at  this  meeting  by  Skow,  Moore,  and  Lorincz  (Ref.  18)  which  discusses  the  recovery  of  control  and 
the  enhanced  stability  afforded  by  nose  blowing  on  a  fighter  aircraft  configuration. 

2.  MODEL  AND  EXPERIMENTAL  METHOD 

A  circular  cone  is  the  basic  nose  shape  of  many  flight  vehicles.  At  relative  incidences  typically  less 
than  3,  it  provides  a  useful  configuration  on  which  to  develop  symmetrical  three-dimensional  separated 
boundary  layers  growing,  respectively,  on  the  port  and  starboard  sides  from  the  windward  meridian  to  the 
leeward  meridian.  Because  of  the  near  conicity  of  the  separation  lines  and  vortex  development  in  both  sub¬ 
sonic  and  supersonic  turbulent  flows  (that  is,  neglecting  the  effects  of  transition),  the  cone  also  provides 
a  convenient  experimental  model  to  explore  three-dimensional  separations  from  detailed  measurements  at  only 
one  axial  station.  In  so  doing,  a  quantitative  understanding  of  three-dimensional  separation  can  be  obtained 
that  may  be  applicable  to  many  other  complex  flow  regimes.  Above  a  relative  incidence  of  3  for  the  circular 
cone,  however,  the  lee-side  separations  become  asymmetric  in  subsonic  flow. 

Recent  measurements  have  been  made  of  the  symmetric  and  asymmetric  flow  regimes  on  a  1.4-m  (54-in.)  long, 

5°  semiangle  cone,  sting-mounted  on  a  roll-gear  in  the  Ames  1.8-  by  1.8-m  (6-  by  6-ft)  closed  circuit  wind 
tunnel  (Fig.  5)  at  a  Mach  number  of  0.6.  Stagnation  pressures  were  subambient,  yielding  a  typical  Reynolds 
number  of  13.5  *  10s  based  on  the  cone  length  with  nominally  zero  heat  transfer  conditions  at  the  cone  sur¬ 
face.  No  artificial  tripping  of  the  laminar  boundary  layer  was  employed  in  the  nose  region.  Transition 

was  considered  to  occur  along  the  initial  20*  of  the  cone  length  in  this  wind  tunnel  at  Mach  0.6  where  the 
relatively  high  acoustic  disturbance  level  equalled  3*  of  the  free-stream  dynamic  pressure.  (Unpublished 
data  by  0.  Buell  and  K.  Raman,  NASA-Ames  Research  Center.)  The  cone  model  was  fitted  with  a  slightly  blunted 

tip  with  a  radius  of  4*  of  the  base  radius. 

All  detailed  measurements  on  the  cone  surface  (O’  <  »  s  -180°)  and  in  the  lee-side  flow  field  were  made 
at  an  axial  station  0.87  of  the  cone  length  aft  of  the  (pointed)  apex.  Circumferential  mean  pressure  dis¬ 
tributions  were  obtained  with  0.51-nw  (0.020-1n.)  diameter  static  holes  spaced  at  2-1/2°  Intervals  for 
0  <  f  s  t90°  and  at  1°  intervals  for  angles  90°  <  *  s  ‘180°.  These  orifices,  as  well  as  others  along  a 
cone  generator  and  at  the  0.85  and  0.95  axial  length  stations,  were  connected  via  "scanivalves"  to  unbonded 


15-4 


strain-gage  pressure  transducers.  We  note  that  "port"  and  "starboard"  refer  to  the  left-hand  and  right- 
hand  sides  of  the  cone  as  a  pilot  would  view  them.  The  positive  $  direction  is  on  the  starboard  side. 

At  a  relative  incidence  of  2.5,  where  symmetrical  separated  flow  conditions  still  prevailed,  pitot 
pressures  were  measured  in  the  lee-side  vortex  wake  with  an  array  of  77  pitot  tubes.  Supportive  three- 
dimensional  laser  velocimeter  measurements  of  mean  and  root-mean-square  velocities  were  obtained  at  the  same 
relative  incidence  at  the  0.87  axial  station.  The  velocity  field  in  the  wake  at  points  in  the  crossflow 
plane  (perpendicular  to  the  model  axis)  was  measured  with  a  two-color,  forward-scatter,  frequency-offset 
laser  velocimeter,  allowing  two  velocity  components  to  be  obtained  simultaneously.  A  line  diagram  of  the 
layout  of  the  velocimeter  is  shown  on  Fig.  6(a)  and  a  photograph  of  the  sending  optics  in  Fiq.  6(b).  With 

this  system,  the  two  primary  laser  lines,  namely  4880  and  5145  A,  were  separated  by  means  of  a  prism,  P. 

These  primary  beams  were  each  split  by  the  Bragg  cells  B,  and  B2  to  obtain  two  pairs  of  divergent, 

frequency-offset  beams.  Each  pair  of  beams  then  passed  through  a  "cube"  (Cj  and  C2)  that  was  ground  to  be 

slightly  "off-square"  to  rectify  the  divergence.  The  four  resultant  parallel  beams  proceeded  through  the 
sending  optics  and  were  focused  at  the  same  point  within  the  flow  test  region.  Collecting  optics  on  the 
far  side  of  the  wind-tunnel  test  section  re-focused  the  scattered  light  onto  a  pair  of  photomultiplier 
tubes.  The  signals  from  those  tubes  were  then  processed  to  obtain  two  components  of  velocity  of  particles 
passing  through  the  focal  volume.  Since  we  were  seeking  three  velocity  components,  two  sets  of  measurements 
were  taken.  In  the  first  set,  the  laser  beams  were  set  normal  to  the  tunnel  axis  so  that  the  axial  (u)  and 
vertical  (w)  velocity  components  were  found.  From  these  two  components  the  axial  and  vertical  velocities 
in  the  crossflow  plane  perpendicular  to  the  body  axis  could  be  resolved  (see  Fig.  6(c)).  For  the  second  set, 
the  transmitting  optics  were  rotated  21°  about  the  z-axis  and  the  measurements  repeated.  Now,  one  velocity 
component  measured  was  again  the  vertical  velocity  whereas  the  second  was  a  combination  of  the  axial  velocity 
(u)  and  the  lateral  velocity  (v)  in  wind-tunnel  coordinates.  Thus,  since  the  axial  velocity  had  already  been 
measured,  the  lateral  velocity  could  then  be  calculated.  In  other  words,  the  lateral  velocity  in  the  cross- 
flow  plane  is  obtained,  since  it  is  the  same  in  both  wind-tunnel  and  body  coordinates. 

The  Bragg  cells,  which  produce  zero-velocity  frequency  offsets  in  both  color  systems,  were  incorporated 
to  remove  directional  ambiguity  from  the  measurements.  Without  this  capability,  Owen  and  Johnson  (Ref.  19) 
have  cautioned  against  believing  any  measurements  in  flows  that  are  unsteady  or  possess  a  high  degree  of 
turbulence. 

Prior  to  obtaining  the  pitot  and  laser  velocimeter  measurements  at  the  relative  incidence  of  2.5,  the 
position  of  the  lee-side  vortices  adjacent  to  the  cone  surface  was  established  under  symmetrical  and  asym¬ 
metrical  wake  conditions  utilizing  a  vapor-screen  technique.  Water  was  introduced  into  the  tunnel  flow  and 
a  thin  cross  section  of  the  flow,  about  2  nwn  (0.1  in.)  thick  was  illuminated.  This  was  accomolished  by 
passing  either  the  green  beam  or  the  blue  beam  of  the  laser  through  a  cylindrical  lens  (Fig.  7).  By  changing 
the  location  of  the  beam  focus,  a  light  sheet  of  variable  divergence  angle  could  be  produced  to  illuminate 
the  crossflow.  The  lens  could  be  rotated  manually  about  the  y-axis  and  longitudinally  and  vertically  using 
the  velocimeter  traverse  gear  such  that  any  cross-sectional  plane  in  the  flow  within  the  field  of  view  cir¬ 
cumscribed  by  the  tunnel  window  could  be  observed  (see  Figs.  5  and  7).  Photographs  of  the  scattered  light 
were  taken  with  a  camera  mounted  on  the  sting/strut  support,  the  camera  axis  being  set  nominally  parallel 
with  the  cone  surface.  Prior  to  each  test  run  a  grid,  placed  at  the  axial  test  station,  was  photographed; 
the  dimensions  of  the  separated  shear  layers  could  then  be  compared  against  the  grid.  This  flow  visualiza¬ 
tion  experiment  was  clearly  important  to  determine  a  suitable  mesh  area  over  which  to  scan  the  focused  laser 
beams  to  obtain  the  flow  velocities. 

Once  the  synmetrical  separated  flow  field  had  been  investigated,  small  amounts  of  blowinq  near  the  nose 
were  introduced  in  an  attempt  to  control  the  gross  asymmetries  in  the  lee-side  flow  that  develop  above  a 

relative  incidence  of  3.  The  frustum  at  the  front  of  the  cone  model  is  detachable,  as  shown  in  Fig.  8(a). 

Several  new  frustra  of  identical  external  shape  were  machined  to  include  blowing  holes  at  various  circum¬ 
ferential  stations  (0°,  ±60°,  ±120°,  and  tl50°)  and  two  orifice  diameters,  2.4  mm  (0.096  in.)  and  3.6  mm 

(0.140  in.)  (Fig.  8(b)).  The  holes  were  drilled  normal  to  the  cone  surface  at  the  12%  axial  station  (from 

a  pointed  apex).  As  well  as  providing  for  blowing  normal  to  the  surface,  sets  of  right-angle  tubes  were 
constructed  that  could  be  inserted  and  glued  into  one  or  more  of  the  surface  holes  to  direct  the  air 
upstream  or  downstream  along  the  local  cone  generator.  The  air  passed  to  the  plenum  chamber  in  the  nose 
frustum  via  a  steel  and  flexible  pipe  within  the  cone  model  that  was  supplied  with  compressed  air  from  an 
external  source.  '  A  sensitive  throttle  valve  outside  the  tunnel  permitted  control  of  the  blowing  pressure 
up  to  a  maximum  of  8  atm  in  the  blowing  plenum,  corresponding  with  a  maximum  rate  flow  m  of  about  0.023  kg 
mass/sec  (0.0016  slugs/sec).  The  jet  momentum  flux  was  calculated  assuming  sonic  conditions  at  the  jet 
orifice  and  a  discharge  coefficient  of  0.8.  The  thrust  coefficient,  Cu,  was  referenced  to  the  base  area  of 
the  cone.  Note  that  if  the  cone  length  is  considered  representative  of  an  airplane  nose  as  far  back  as  the 
cockpit  and  the  airplane  is  akin  to  a  F-5  fighter,  say,  an  equivalent  thrust  coefficient  based  on  wing  area 
is  0.05  times  CM. 

Overall  force  and  moment  measurements  were  obtained  with  an  internal  strain-gage  balance.  Mean  and 
root-mean-square  forces  were  measured.  (Prior  to  the  test  runs,  the  natural  resonances  in  the  cone/sting 
strut  support  system  were  determined  by  shaking  the  model  in  the  normal-force  and  side-force  directions.) 
Initially  all  blowing  ports  were  blocked  with  epoxy  sealer.  Once  the  no-blowing  side-force  direction  versus 
incidence  performance  was  ascertained,  the  appropriate  side  on  which  to  eject  the  blowing  air  was  conjec¬ 
tured  as  that  opposite  to  the  direction  of  the  side  force.  In  other  words,  if  the  pilot's  view  were  side 
force  to  starboard,  the  starboard  vortex  would  be  closer  to  the  surface,  and  opening  a  blowing  port  beneath 
the  port-side  vortex  would  reduce  the  asymmetry  from  the  jet  sink  and  entrainment  effect  (see  Ref.  18).  In 
a  practical  aircraft  installation,  yaw  rate  as  measured  on  a  yaw  accelerometer  would  indicate  the  appropriate 
side  from  which  to  Inject  air  (or  other  suitable  gas).  The  degree  to  which  this  philosophy  was  successful 
and  the  rationalization  for  the  choice  of  the  circumferential  blowing  location(s)  are  presented  in  the 
following  sections.  Typical  results  are  also  shown  In  the  form  of  the  effect  of  incidence  on  side  force 
development  at  a  constant  blowing  rate;  and  the  effect  of  blowina  rate  on  side  force  at  a  constant  incidence. 
The  effectiveness  of  symmetrical  blowing  versus  asymmetric  blowing  is  also  discussed. 


i 


3.  RESULTS 


3.1  Symmetric  Separation  of  the  Lee-Side  Cone  Flow 

The  physical  characteristics  of  the  symmetric  mean  flow  field  about  the  5°  semiangle  cone  immersed  in 
a  Mach  0.6  stream  at  a  relative  incidence  of  2.5  were  discussed  in  Ref.  20.  Salient  features  of  those 
results,  however,  are  included  to  support  the  present  laser  velocimeter  measurements.  Figure  9  displays 
circumferential  pressure  distributions  at  the  0.87  length  station  for  a  relative  incidence  of  2.5.  We  note 
good  agreement  between  the  two  scans  of  data  shown  on  the  respective  Dort  and  starboard  sides.  However, 
between  the  two  sides  there  is  a  discrepancy  in  pressure  level  which  may  be  attributable  to  a  slightly 
yawed  condition  of  the  model  relative  to  the  oncoming  free  stream. 

As  the  three-dimensional  boundary  layer  develops  from  the  windward  attachment  line  region  U  =  0°) 
toward  the  minimum  pressure  point  at  *  ~  100°,  the  crossflow  grows  rapidly.  Figure  10  is  a  representative 
sketch  of  a  typical  skin  friction  line  trajectory  corresDonding  with  this  accelerating  flow  field.  Once 
past  the  flank,  the  boundary  layer  proceeds  around  the  lee  side  of  the  cone  and  encounters  a  stiffening 
adverse  pressure  gradient  (Fig.  9).  It  thickens  rapidly  as  we  see  in  the  laser  vaoor  screen  flow  visualiza¬ 
tion  photograph  on  Fig.  11.  The  angle  between  the  skin  friction  line  and  a  cone  generator  gradually  reduces 
to  zero  (Fig.  10)  at  which  point  the  skin  friction  line  runs  parallel  to  a  generator,  the  primary  seoaration 
line,  tsl  =  145°.  The  boundary  layer  detaches  from  the  surface  to  form  a  tightly  coiled  vortex  shown  in 
Fig.  11.  Contours  of  constant  pitot  pressure  deficit  in  the  vortical  flow  field  are  plotted  in  Fiq.  12.  The 
vortex  core  location  is  close  to  <p  =  170°  above  the  surface,  further  evidence  of  which  is  shown  on  the 
pressure  distribution  of  Fig.  9.  At  this  same  circumferential  angle,  we  detect  a  substantial  suction  Deak 
on  either  side  of  the  leeward  meridian.  This  roll-up  of  the  primary  boundary  layer  scavenges  fluid  from  the 
region  of  the  leeward  meridian  encouraging  a  new  boundary-layer  growth  outward  and  beneath  the  primary 
vortex  structure.  This  new  boundary  layer,  after  initially  accelerating,  then  meets  its  own  adverse  pressure 
gradient  and  separates  at  ♦$?.  =  160°  as  a  small  secondary  vortex  tucked  beneath  the  Drimary.  The  secondary 
vortex  is  within  the  small  lobular  region  shown  on  the  pitot  contours  of  Fig.  12. 

The  rotational  sense  of  the  secondary  flow  (see  Fiq.  1)  could  also  be  seen  when  viewing  the  laser  vapor 
screen  through  the  tunnel  window,  but  is  not  resolvable  from  the  photographs  of  the  flow.  The  tynical  con¬ 
verging  skin  friction  line  directions  close  to  the  primary  and  secondary  separation  lines  are  drawn  on 
Fig.  10.  At  the  locations  of  the  separation  lines,  the  root-mean-square  voltages  (normalized  bv  the  voltage 
of  the  onset  mean  flow)  measured  by  a  buried  wire  in  the  cone  surface  as  the  cone  was  rolled  -tout  its  pitch 
axis  indicated  substantial  amplification  of  fluctuation  levels.  (This  can  be  done,  as  there  is  virtually  no 
sensitivity  of  the  symnetrical  separated  flow  to  roll  orientation,  in  distinct  contrast  to  the  asymmetric 
flow.)  Correspondingly,  when  the  root-mean-square  pressure  fluctuation  at  the  surface  was  normalized  with 
respect  to  the  value  of  the  local  resultant  shear  stress,  large  increases  in  signal  level  were  also 
obtained  at  the  separation  line  positions.  These  and  additional  details  are  explained  fully  in  Ref.  20. 

Preliminary  assessments  of  the  distributions  of  axial  and  vertical  velocities  in  the  crossflow  plane 
obtained  by  the  laser  velocimeter  and  shown  on  Figs.  13  and  14  appear  to  confirm  the  dispositions  of  the 
primary  and  secondary  vortices  in  relation  to  the  pitot  and  vapor  screen  results.  Figure  13,  for  examole, 
at  z  =  0.3,  shows  that  the  axial  velocity  grows  from  a  minimum  value  at  the  inboard  extremity  of  the 
primary  vortex  (nearest  to  the  meridian  plane)  to  a  maximum  at  the  outboard  extremity.  Maximum  values  of 
root-mean-square  velocity  fluctuations  occurred  in  the  vicinity  of  the  core  positions  (see  also  Ref.  20). 

The  vertical  velocities  are  shown  on  Fig.  14.  The  plot  on  Fig.  15,  obtained  from  Fig.  14,  illustrates  the 
vertical  velocity  in  the  meridian  plane  and  indicates  the  position  of  the  saddle  singular  ooint  that  we  drew 
on  Fig.  1.  Comparing  this  result  at  z  =  0.43  with  the  region  of  measured  pitot  contours  shown  on  Fig.  12, 
we  observe  this  saddle-point  location  to  be  above  the  extremity  of  the  vortex,  in  accordance  with  the  flow 
model  postulated  on  Fig.  1.  We  note  further  that  in  the  conjectured  crossflow  projection  (not  a  conical 
projection)  of  the  streamlines  about  the  cone  cross  section  in  Fig.  1,  that  the  sum  of  the  number  of  half¬ 
saddle  singular  points  at  the  surface,  nodes  (foci)  and  saddle  point  in  the  stream,  satisfy  the  appropriate 
topology  law  (see  Refs.  21  and  22).  Hence,  this  flow  topology,  verified  in  most  respects  by  the  measure¬ 
ments,  appears  to  be  a  rational  model  of  the  flow. 

The  lateral  velocities,  to  be  obtained  from  the  inclined  optics  measurements,  have  not  yet  been  reduced 
from  the  data.  Sample  checks,  however,  indicate  peak  values  to  exist  above  and  below  the  vortex  centers, 
in  accordance  with  intuitive  reasoning. 

3.2  Asymmetric  Separation  of  the  Lee-Side  Cone  Flow 

Figure  16  is  a  laser  vapor-screen  crossflow  picture  of  the  Mach  0.6  lee-side  separated  flow  about  the 
cone  at  a  relative  Incidence  of  2.9,  once  asymmetry  has  commenced.  As  incidence  is  raised  further,  the 
secondary  vortices  (see  Fig.  1)  become  agitated,  increasing  in  unsteadiness  to  the  point  of  imposing  motion 
on  the  primary  vortices  and  their  associated  feeding  shear  layers.  At  this  particular  combination  of  Mach 
number,  Reynolds  number,  and  cone  configuration  with  4"  nose  bluntness,  the  starboard  vortex  moved  away  from 
the  cone  surface,  tending  to  roll  over  on  top  of  the  port-side  vortex.  This  event  is  shown  on  Fig.  17  as  an 
oblique  pilot's  view  from  the  port  side.  The  vortices  appear  more  diffuse  than  in  the  symmetrical  separated 
flow,  but  there  is  no  evidence  of  shedding. 

Along  with  this  movement  in  the  lee-side  flow  structure,  we  would  expect  the  resultant  force  vector  to 
move  toward  the  side  of  the  cone  against  which  one  vortex  is  closest  (the  port  side  in  this  case).  Figure  18 
demonstrates  that  the  initial  direction  of  side  force  is  indeed  toward  the  port  side  (i.e.,  a  negative  side- 
force  coefficient,  Cyg)  in  the  free-stream  Mach  number  range  0.6  <  M„  <  0.95  at  RL  =  13.5  <  10*.  A  switch 

in  side-force  direction  will  occur  if  the  vortices  reverse  their  disposition  so  that  the  starboard  vortex  is 
now  closest  to  the  surface.  Figure  18  Illustrates  that  at  Mach  0.6  the  reversal  is  imminent  at  a  relative 
Incidence  of  about  4.4.  At  all  Mach  numbers,  we  should  point  out  that  a  small  positive  offset  in  Cyg  exists 

at  low  incidences  systematic  with  the  discrepancy  between  the  port  and  starboard  pressure  distributions  dis¬ 
played  on  Fig.  9. 


As  Mach  number  increases  to  supersonic,  the  commencement  in  divergence  of  the  side  force  is  less  pre¬ 
cise  and  is  delayed  to  higher  relative  incidences.  For  purposes  of  comparison,  Fig.  19  presents  side  force 
,  versus  incidence  data  taken  with  the  same  cone  body  as  used  herein  but  fitted  with  a  sharp  apex,  in  the 

U  NAE  Ottawa  1.5-  by  1.5-m  (5-  by  5-ft)  blowdown  wind  tunnel  at  elevated  Reynolds  numbers,  R[_  ~  35  *  10f. 

In  subsonic  flow,  the  onset  of  asymmetry  occurs  at  a  lower  relative  incidence  with  the  sharp  tip  than  with 
the  blunt  tip.  The  substantial  attenuation  of  side-force  amplitude  with  increase  of  Mach  number,  hinted  at 
in  Fig.  18,  is  demonstrated  impressively  on  Fig.  19.  At  Mach  4.27,  there  is  no  side-force  development  up 
to  relative  incidences  of  at  least  5,  under  which  conditions  Rainbird  (Ref.  23)  has  demonstrated  the  exis¬ 
tence  of  strong  embedded  shock  waves  in  the  lee-side  crossflow.  These  shocks  certainly  apoear  to  encourage 
a  return  to  flow  symmetry  close  to  the  body  as  we  may  infer  from  the  highest  incidence  case  shown  for  the 
delta-wing  flow  on  Fig.  4. 

There  is  evidently  a  dependency  of  onset  of  asymmetry  on  cone  tip  condition  (and  shaoe)  as  well  as 
Reynolds  number  and  Mach  number,  as  we  present  in  summary  form  on  Fig.  20.  The  critical  angle  of  incidence 
for  the  onset  of  side  force  is  here  expressed  as  the  incidence  where  the  side  force  reaches  5"  of  the  normal 
force.  We  note  that  the  onset  angle  of  incidence  varies  between  2.5  and  4.5  times  the  cone  seminose  angle, 
a  range  somewhat  higher  than  the  nominal  value  of  2  reported  for  sharp  cones  and  tangent-ogives  by  Keener 
and  Chapman  (Ref.  3)  for  Mach  numbers  less  than  0.6.  Their  onset  condition,  however,  was  taken  as  the 
incidence  where  the  divergence  in  side  force  commenced,  and  so  will  always  be  less  than  the  criterion  used 
above. 

3.3  Control  by  Blowing  of  the  Asymmetry  in  the  Lee-Side  Cone  Flow 

3.3.1  Side  Force/Incidence  Performance  with  a  Constant  Rate  of  Normal  or  Tangential  Blowing 

We  speculated  in  section  2  (and  see  Ref.  18)  that  the  injection  of  a  small  quantity  of  air  from  one 
side  beneath  the  vortex  farthest  from  the  surface  would  tend  to  reduce  the  asymmetry  in  the  lee-side  vortex 
pair,  the  turning  and  penetrating  jet  flow  providing  an  entrainment  effect  on  the  vortex.  In  section  3.2, 
we  learned  that  the  secondary  vortices  became  violently  unsteady  once  asymmetry  began  and  incidence  con¬ 
tinued  to  increase.  Consequently,  the  first  blowing  position  tried  was  a  single  orifice  at  *  =  150°  and 
was  situated  nominally  between  the  locations  of  the  primary  and  secondary  separation  lines  (see  Fig,  10). 
Before  opening  a  blowing  hole,  however,  the  development  of  the  side  force  with  incidence  was  measured;  the 
test  was  then  repeated  with  the  epoxy  sealer  removed  from  the  blowing  hole,  but  with  no  air  injection,  to 
determine  whether  the  roughness  of  the  hole  itself  had  an  influence.  The  usual  result  was  that  hole  rough¬ 
ness  introduced  on  the  lee-side  of  the  cone  made  negligible  change  to  the  relative  incidence  at  which 

significant  side  force  developed. 

The  effect  of  blowing  normally  to  the  cone  surface  from  a  single  2.4-mm  (0.096-in.)  diameter  hole  at 
:  =  150°  is  shown  as  Configuration  3  in  Fig.  21.  In  contrast  with  the  original  cone  nose  labeled  Config¬ 
uration  1,  whose  initial  side-force  tendency  was  illustrated  in  Fiq.  18  to  be  to  port  (negative  CYB)  this 

replacement  nose  (Configuration  2)  developed  side  force  to  the  starboard  side.  Hence  the  blowinq  hole  was 
opened  at  L  =  -150°  beneath  the  high  vortex  situated  on  the  port  side.  The  introduction  of  the  jet  air 
with  Cu  '  0.003  at  relative  incidences  up  to  2.5  exacerbated  the  no-blow  Cyg  magnitudes  by  many  times 

C u .  Once  a  relative  incidence  of  3  was  reached,  however,  the  jet  became  highly  interactive  with  the  lee- 
side  vortices  to  cause  a  complete  reversal  in  the  trend  of  side-force  development.  In  Fig.  21,  we  see  that 
the  side- force  coefficient  reduces  rapidly  to  zero  and  increases  in  the  opposite  direction  to  that  of  the 
no-blowing  case.  Figure  21  also  displays  that  the  root-mean-square  amplitude  of  the  side-force  fluctuation 
(obtained  from  the  balance)  is  attenuated  at  high  incidence  once  the  blowing  is  activated. 

If  the  one  blowing  orifice  between  the  primary  and  secondary  separations  can  exercise  such  powerful 

control  by  fluid  amplification,  what  would  be  the  effect  of  two  jets?  A  second  orifice  of  the  same  size  of 

2.4  rr*n  (0.096  in.)  was  then  opened  at  i  =  -120°.  This  orifice  was  situated  on  the  windward  side  of  the 
primary  separation  line  and  is  denoted  as  Configuration  4.  In  Fig.  21,  we  demonstrate  no  additional  improve¬ 
ment  with  two  holes  blowing  over  the  performance  with  the  single  orifice.  The  significant  controlling 
influence  is  exerted,  evidently,  inboard  of  the  primary  separation  line.  Hence  the  windward  position  of 
blowing  chosen  as  optimum  by  Sharir,  Portnoy,  and  Rom  (Ref.  17)  on  a  missile  configuration  would  not 
necessarily  seem  to  be  the  most  applicable. 

A  test  with  a  larger  blowing  orifice  was  then  attempted.  Another  conical  nose  frustum  was  attached  to 
the  cone  body  in  which  3.6-mm  (0.140-in.)  diameter  blowing  orifices  had  been  machined,  Configuration  5. 

Figure  22  shows  that  the  no-blowing  side- force/incidence  characteristic  for  Configuration  5  is  once  again 
different  than  the  two  previous  no-blowing  cases  (Configurations  1  and  2).  The  initial  direction  of  the 
side  force  is  toward  the  port  side  but  reverses  at  a  relative  incidence  of  3.6.  To  control  the  initial 
direction  of  side-force,  a  blowing  orifice  was  opened  at  :  =  150°  on  the  starboard  side.  Configuration  6. 
Figure  22  shows  that  blowing  at  C„  =  0.006  provided  a  positive  reversal  in  the  initial  trend  of  side- 
force  development,  which  with  increasing  incidence,  continued  to  generate  ever-increasing  positive  CYg. 

Figure  22  also  demonstrates  the  acceptable  repeatability  obtainable  for  the  given  nose  over  a  spread  of  days 
between  tests. 

Next,  a  passive  suction/blowing  scheme  was  tried  by  opening  another  3.6-mm  (0.140-in.)  diameter  hole  at 
•  -  ®  windward  ray.  This  is  called  Configuration  7.  With  the  external  supply  of  compressed  air 

closed  off,  air  from  the  approaching  windward  flow  could  enter  the  plenum  within  the  frustum  and  exhaust 
out  of  the  j  =  150°  hole  on  the  leeward  side.  The  inflow  through  the  ■*  =  0"  hole  was  smoothed  by  means 
a  countersunk  bell-mouth  entry.  Figure  22  shows  that  no  alleviation  in  side-force  divergence  occurred 
when  comparing  the  results  with  the  no-blowing  case.  A  partial  explanation  for  the  failure  may  be  attributed 
to  a  significant  flow  loss  in  the  windward  hole  leaving  only  a  marginal  pressure  difference  to  drive  any 
"injected"  air  through  the  second  orifice  on  the  leeward  side. 

Does  a  symmetrical  blowing  geometry  offer  an  improvement  over  the  asymmetric  schemes  looked  at  so  far? 
Retaining  the  two  open  orifices  at  {  =  0°,  150"  as  in  Configuration  7,  the  t  -  -150"  orifice  on  the  oort 
side  was  also  unplugged  (Configuration  8),  allowing  air  to  issue  symmetrically  about  the  cone.  The  side- 
force/incidence  performance  for  this  latter  blowing  arrangement  is  also  displayed  in  Fig.  22.  We  detect  that 


the  symmetrical  blowing  rate  of  Cu  ~  0.010  delays  the  onset  of  asymmetry  up  to  a  relative  incidence  of  at 
least  3.4,  but  loses  its  effectiveness  at  higher  incidences.  In  terms  of  degree  of  side-force  control  per 
unit  blowing  mass  or  momentum  flux,  we  might  infer,  from  comparing  Figs.  21  and  22,  that  the  asymmetric 
single  hole  blowing  scheme  at  ;  =  150°  is  the  most  effective. 

The  windward  hole  at  i  =  0°  was  plugged.  The  result  of  inserting  one  right-angle  tube  in  the  3.6  rrm 
(0.140-in.)  diameter  hole  at  *  =  150°  with  the  blowing  exit  directed  along  a  booy  generator  towards 
upstream,  is  shown  in  Fig.  23.  We  see  that  the  initial  divergence  in  side  force  without  blowing  (Configura¬ 
tion  9)  is  erased  when  the  injected  air  issues  at  C,,  ~  0.005  (Configuration  10).  Blowing  in  the  downstream 
direction  provides  a  similar,  favorable  result  (Configuration  12  and  see  Ref.  18). 

It  is  remarkable,  perhaps,  that  the  direction  of  blowing,  whether  normal,  or  tangential  upstream  or 
tangential  downstream,  makes  negligibly  small  difference  to  the  degree  of  control  available  (compare  Figs.  22 
and  23).  It  is  as  though  the  asymmetric  jet,  in  terms  of  its  effect  on  the  forebody  flow,  may  be  thought 
of  as  a  "controllable  roughness  element."  Notwithstanding,  the  role  of  the  jet  in  the  development  of  the 
lee-side  flow  field  is  evidently  more  complex  and  striking  than  this  analogy  might  allow,  as  we  see  on  the 
sequence  of  laser  vapor  screen  pictures  demonstrated  in  the  next  section. 

3.3.2  Cone  Surface  Pressures  and  Laser  Vapor  Screen  Flow  Visualization  during  an  Incidence  Sweep  with  a 
Constant  Rate  of  Normal  Blowing,  Configuration  6 

In  Fig.  24,  we  view  selected  laser  vapor  screen  pictures  and  circumferential  distributions  of  surface 
pressure  at  the  0.87  axial  station  for  Configuration  6  with  a  constant  blowing  rate,  Cp  '  0.006.  These 
results  correspond  with  the  side- force/incidence  performance  illustrated  in  Fig.  22,  at  relative  incidences 
of  0.43,  1.26,  2.08,  2.48,  2.9,  and  3.72.  The  flow  visual ization  pictures  are  views  from  the  Dilot's  posi¬ 
tion,  behind  the  cone  base.  The  bright  appearance  of  the  jet/vortex  flow,  in  contrast  with  the  shadowy 
nature  of  the  vortices  with  no  jet  flow  shown  on  Figs.  11  and  16,  is  thought  to  be  associated  with  intense 
scattering  of  laser  light  from  additional  condensation  occurring  in  the  jet-vortex  flow  due  to  a  low  stag¬ 
nation  temperature  in  the  jet  air. 

At  low  incidences.  Figs.  24(a)  and  (b)  illustrate  that  the  under-expanded  jet  penetrates  into  the  stream 
from  the  $  =  150°  orifice,  turning  rapidly  as  it  plumes  outwards.  The  contra-rotating  vortices  of  the  jet 
flow  itself  are  of  opposite  sign  to  those  on  the  cone  (with  eventual  separation)  and  are  contained  within 
the  mushroom-shaped  top  of  the  vapor  cloud.  The  pressure  distributions  on  the  same  figures  indicate  no 
clearly  determinable  perturbations  resulting  from  the  jet  flow.  At  relative  incidences  of  2  and  above  on 
Figs.  24(c)-(f),  the  flow  visualization  shows  the  jet  as  a  separate  snake-like  entity  existing  above  the  body 
vortices.  The  flow  visualization  records  at  relative  incidences  of  2.08  and  2.48,  and  the  pressures  in 
Figs.  24(c)  and  (d),  both  correspond  with  overall  side-force  magnitudes  near  zero.  Further  increase  in 
relative  incidence  in  Figs.  24(e)  and  (f)  shows  a  striking  difference  between  the  size  of  the  port  and  star¬ 
board  vortices,  with  the  starboard  vortex,  as  it  is  closer  to  the  surface,  providing  noticeable  peaks  in 
suction  pressure  and  hence  side  force  to  the  right.  The  mushroom  cap  to  the  vapor  cloud  becomes  kidney¬ 
shaped  concomitant  with  a  counterclockwise  rotation  of  the  jet  vortices  as  we  see  in  the  hypothesized  flow 
structures  in  Fig.  25.  We  note  that  at  the  highest  relative  incidence  of  3.7  shown  in  Fig.  24(f),  the  jet 
flow  has  appeared  to  ally  itself  with  the  (weaker)  port-side  vortex.  The  equivalent  pressure  distribution 
in  Fig.  24(f)  displays  a  complete  asyrrmetry  at  all  circumferential  locations. 

The  essential  difference  between  the  alternative  flow  structures  shown  on  Fig.  25  is  the  saddle-point 
formation  above  the  body  vortices.  If  any  magnification  of  instabilities  in  the  region  of  the  enclosing 
saddle  point  (see  Fig.  1)  is  the  governing  flow  mechanism  promoting  vortex  asymmetry  (roughness  and  waviness 
at  the  nose  simply  providing  the  initial  direction  that  the  side  force  should  take)  then  Fig.  25(a)  allows 
that  the  movement  of  the  saddle  point  of  Fig.  1  to  a  location  well  away  from  the  body,  above  the  forebody 
vortices  plus  jet,  should  reduce  the  influence  of  the  saddle  point.  The  sketch  in  Fig.  25(b),  on  the  other 
hand,  still  permits  the  enclosing  saddle  point  on  Fig.  1  to  be  positioned  close  to  the  body  surface  where 
its  influence  on  the  adjacent  flow  field  would  still  be  dominant.  Summing  uo  this  conjectural  discussion, 
we  might  imply  that  Fig.  25(a)  is  a  more  credible  flow  topology,  therefore,  than  that  shown  on  Fig.  25(b), 
and  .an  perhaps  be  better  fitted  within  the  vapor  screen  boundary  on  Fig.  24(f). 

3.3.3  Effect  of  Changing  Blowing  Rate  on  Side-Force  Magnitude  at  Constant  Incidence 

Figure  26  presents  the  control  of  the  asymmetric  side  forces  exercised  by  changing  the  blowing  rate  for 
those  configurations  (2,  4,  6,  and  8)  that  utilize  normal  jets.  In  all  cases,  a  relative  incidence  of  3  or 
greater  was  chosen  for  the  comparison  corresponding  with  the  A,  B,  and  C  positions  on  the  (no-blowing)  side- 
force/  incidence  plots  of  Figs.  21  and  22. 

As  blowing  rate  is  increased.  Configurations  2  and  4  utilizing  the  2.4-mm  (0.096-in.)  asymmetrically 
disposed  blowing  orifices  do  not  demonstrate  a  capacity  to  reverse  the  direction  of  the  side  force.  The 
maximum  change  in  amplitude  is  about  a  50S  reduction.  On  the  other  hand.  Configuration  6  with  the  3.6-mm 
(0.140-in.)  diameter  blowing  orifice  demonstrates  powerful  control  over  side-force  development.  Dependinq 
on  blowing  rate,  Cyg  can  be  set  at  a  positive  or  negative  value,  with  good  repeatability.  The  usefulness 
of  symmetrical  normal  blowing  with  Configuration  8  (at  *=il50°  and  0°,  it  will  be  remembered)  is  also 
recognizable.  It  would  appear  from  Fig.  26  that  symmetrical  blowing  is  not  as  powerful  as  the  asymmetric 
jet,  but  can  nevertheless  keep  the  side  force  within  acceptable  limits. 

Figures  27(a)- (g)  show  laser  vapor  screen  flow  visualization  results  and  corresponding  circumferential 
wall  static  pressure  distributions  for  Configuration  6  at  a  fixed  relative  incidence  of  3.3  and  a  varying 
Cu.  These  examples  relate  to  the  curve  of  side  force  with  change  of  normal  blowing  rate  on  Fig.  26  which 
exhibited  the  most  powerful  control  and  reversal  of  side-force  direction. 

The  selection  of  Figs.  27(a)-(c)  demonstrates  flow  features  where  there  is  a  trickle  of  blowing  air  and 
the  stronger  port-side  vortex  generates  a  negative  CVB.  The  jet  flow  appears  "attached"  to  the  weaker  star¬ 
board  vortex.  Figure  27(d)  displays  the  flow  field,  close  to  zero  side  force,  where  the  body  vortices  are 
virtually  symmetrically  displaced  and  the  port  and  starboard  pressure  distributions  show  little  disagreement. 


Increasing  Cp  above  0.004  in  Figs.  27(e)- (g)  now  drives  the  side  force  to  an  ever-increasing  positive 
value,  clearly  demonstrated  by  the  lengthening  distance  displayed  between  the  port-side  vortex  and  the  cone 
surface.  Note  again  that  the  jet  flow  becomes  inseparable  from  the  weaker  vortex. 

Clearly  the  symmetry  of  the  body  vortices  can  be  controlled  by  the  jet  momentum  rate,  and  this  symmetry 
reflects  immediately  on  to  the  body  pressure  field.  The  asyrrmetry  in  the  jet  flow  "suspended  above"  the 
body  vortices  appears  to  be  of  lesser  importance.  Because  the  rotation  of  the  vortices  in  the  jet  flow  is 
of  opposite  hand  to  the  body  vortices,  the  jet  flow  cannot  engulf  them,  nor  can  the  jet  be  entrained  into 
them.  The  speculative  jet  sink  effect  introduced  earlier  is  presumably  inadmissible.  The  jet  flow  will 
exist  as  a  discrete  entity  in  analogy,  perhaps,  with  the  spiral  vortices  emanating  from  foci  on  the  nose 
region  of  a  blunt  body  (Refs.  21  and  22).  The  rotational  direction  of  these  nose  vortices  is  replicated  in 
the  jet  flow.  We  postulate  that  these  spiral  vortices  on  the  blunt  body  have  a  stabilizing  effect  on  the 
lee-side  flow  field  to  provide  a  delayed  onset  of  side  force.  The  characteristic  mechanism  of  the  jet  flow 
is  to  give  a  new  structure  or  topology  to  the  overall  flow  field  (jet  vortices  plus  body  vortices)  which  at 
a  suitable  blowing  rate  offers  a  not  dissimilar  flow  to  that  about  the  blunt  body. 

Finally,  Fig.  28,  for  the  same  chosen  incidence  as  in  Fig.  27,  compares  the  effectiveness  of  blowing 
tangentially  upstream  or  downstream  (Configurations  10  and  12,  respectively)  with  that  of  normal  blowing 
(Configuration  6).  All  blowing  geometries  possess  the  capability  to  reverse  the  direction  of  the  side-force 
development,  but  the  normal  blowing  has  a  wider  range  of  applicable  Cw.  The  effectiveness  of  the  tangen¬ 
tial  blowing  at  altering  side-force  magnitude  diminishes  at  the  higher  blowing  rates.  Mote,  however,  that 
for  very  small  Cy  values  typically  less  than  0.0015,  the  trend  of  changing  side  force  with  CM  is  of 
opposite  hand  to  the  trend  when  Cu  >  0.0015. 

4.  CONCLUSIONS 

Based  on  the  pressures,  forces,  and  laser  vapor  screen  measurements  about  a  5°  semiangle  cone  in  a 
Mach  0.6  flow  under  turbulent  conditions,  we  may  offer  the  following  conclusions  on  the  continuing  explora¬ 
tion  of  the  symmetrical  separated  flow  zones  at  moderate  relative  incidence  (i/ec  ~  2.5)  and  the  effective¬ 
ness  of  nose  blowing  to  control  asymmetry  of  the  lee-side  vortex  flow  field  at  high  relative  incidences 
(o./0c  ~  4): 

1.  The  capability  of  a  new  dual-beam  laser  velocimeter  has  been  exploited  to  measure  the  mean  veloci¬ 
ties  in  the  symmetrically  separated  flow  field  and  to  determine  the  location  of  the  saddle  point  above  the 
body  vortices  in  the  plane  of  the  leeward  meridian.  Together  with  pitot  measurements  and  dimensioning  of 
the  boundary  of  the  rolled-up  shear  layer  from  the  laser  flow  visualization  records,  wall  pressures,  wall 
shear  stresses  and  directions,  plus  previously  obtained  dynamic  measurements  at  the  surface  (see  Ref.  20), 
a  panorama  of  three-dimensional  flow  separation  is  gradually  being  assembled.  The  importance  of  amplifica¬ 
tion  of  instabilities  at  the  saddle  point,  in  promoting  forebody  vortex  asymmetry  is  mooted  but  has  not  yet 
been  established;  nor  whether  such  amplification  by  close  association  with  flow  near  the  surface,  causes 
the  (eventual  massive)  unsteadiness  of  the  secondary  separations  at  high  relative  incidences.  Hence,  the 
initial  attempt  was  made  to  control  the  asymmetry  by  injecting  air  close  to  one  or  both  of  the  secondary 
vortices,  and  by  implication,  the  region  in  the  vicinity  of  the  saddle  point. 

2.  Blowing  on  one  side  of  the  leeward  meridian,  from  a  single  ci rcumferential  hole  situated  between 
the  primary  and  secondary  separation  lines,  but  beneath  the  (weaker)  vortex  that  is  farthest  from  the  sur¬ 
face,  offers  an  effective  means  to  reduce  to  zero  (and  to  subsequently  reverse)  the  direction  of  the  side 
force. 

3.  Blowing  normal  to  the  surface  as  a  jet  spoiler  appears  to  be  more  effective  than  either  upstream  or 
downstream  directed  tangential  blowing. 

4.  In  contrast  to  the  asymmetric  blowing  principle,  syrrmetrically  disposed  blowing  nozzles  appear  less 
effective  at  corresponding  momentum  rates. 

5.  The  blowing  rates  required  are  very  small,  there  being  a  large  "fluid  amplification"  of  the  jet 
effect.  A  typical  C„  required  for  an  aircraft  could  be  as  low  as  0.001  for  an  equivalent  blowing  location. 

6.  The  jet  does  not  engulf  the  forebody  vortices  in  either  the  normal  or  tangential  blowing  arrange¬ 
ments.  Its  counter-rotating  pair  of  vortices  "float  above"  the  forebody  vortices  forming  a  wel 1 -organized 
and  recognizable  topology.  This  is  so  for  all  blowing  geometries,  but  with  the  tangential  blowing,  the 
structure  is  less  well  defined. 
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Fig.  19.  Side  forces  on  sharp  cone,  0.5  <  <  4.3,  at  elevated  Reynolds 
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SUMMARY 

The  implementation  of  direct  lift  control  in  the  aircraft  flight  control  system  can 
improve  pilot-vehicle  performance  and  handling  qualities  for  a  given  requirement.  Pere- 
quisite  for  the  control  system  design  is  the  knowledge  of  the  aerodynamic  characteristics 
of  direct  lift  controls.  The  influence  of  direct  lift  control  on  longitudinal  aircraft 
dynamics  and  the  requirements  for  the  characteristics  of  direct  lift  controls  for  large 
transport  aircraft  in  the  landing  approach  phase  are  discussed.  Further,  the  different 
characteristics  of  flaps,  spoilers  and  influence  of  surface  rate  on  aircraft  behaviour 
are  dealt  with.  A  flight  test  investigation  was  carried  out  to  determine  in-flight  flap 
and  spoiler  characteristics  and,  in  addition,  the  characteristics  of  simultaneously 
deflected  flaps  and  spoilers  as  a  DLC  device.  The  flight  tests  are  undertaken  with  the 
DFVLR  HFB  320  In-Flight  Simulator.  The  fly-by-wire  control  system  of  this  aircraft  is 
ideally  suited  for  electrically  applied  input  signals  for  system  identification.  The 
results  show,  that  flap  and  spoiler  characteristics  can  be  described  by  linear  models, 
this  is  valid  for  flap  and  spoiler  inputs  up  to  +  10  deg  and  +  30  deg  respectively  and 
relatively  high  surface  rates  of  10  deg/sec  and  62  deg/sec.  In  addition,  combined 
flap-spoiler  deflections  show  no  nonlinear  or  instationary  effects.  The  aircraft  response 
can  be  described  by  simple  linear  modelling.  The  spoiler  control  derivatives  are 
influenced  by  flap  deflection.  In  this  case,  the  spoiler  derivatives  valid  for  combined 
flap-spoiler  deflections  are  identified. 

The  in-flight  measured  flap  and  spoiler  characteristics  are  compared  with  windtunnel 
data  showing  good  correlation  with  flap  data.  In  contrary  discrepancies  for  spoiler 
control  derivatives  are  possibly  due  to  different  separated  flow  characteristics  between 
low  Re-number  windtunnel  measurements  and  higher  Re-number  full  scale  flight  tests. 
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1 .  INTRODUCTION 

Advancements  in  fly-by-wire  technology  have  impacted  aircraft  design  by  allowing  the 
optimization  of  both  aircraft  performance  and  handling  qualities  for  a  given  requirement. 
In  particular  the  application  of  direct  force  control  results  in  new  and  unconventional 
aircraft  control  behaviour. 

Perequisites  for  the  design  of  direct  force  control  modes  are  a  proper  definition 
of  mission  oriented  handling  qualities  including  the  knowledge  of  direct  force  control 
device  dynamic  characteristics.  Aerodynamic  interference  problems  may  arise  using 
simultaneously  several  direct  force  control  surfaces.  For  control  system  design,  simple 
models  describing  control  surface  characteristics  are  desirable.  Within  the  DFVLR 
research  program  [1]  to  investigate  the  influence  of  direct  lift  control  on  handling 
qualities  using  the  DFVLR  HFB  320  variable  stability  aircraft  separate  flight  tests  were 
made  to  identify  the  flap  and  spoiler  control  characteristics  using  modern  parameter 
identification  techniques. 


2.  INFLUENCE  OF  DLC  ON  AIRCRAFT  DYNAMICS 

Compared  with  conventional  elevator  moment  control,  direct  lift  control  represents 
a  force  control  where  the  lift  force  can  be  varied  directly  by  flaps  or  spoilers  on  the 
wing.  Using  an  additional  direct  lift  control  surface  in  combination  with  the  elevator, 
two  degrees  of  freedom  of  the  longitudinal  motion,  are  influenced  by  two  independent 
control  inputs  -  pitch  moments  by  the  elevator  and  Z-motion  by  the  direct  lift  device. 
The  direct  lift  control  system  can  be  designed  to  couple  or  decouple  the  two  degrees  of 
freedom  independent  of  aircraft  inherent  pitch/heave  motion  coupling  caused  by  Z  and  M 
derivatives.  a  01 
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There  are  three  principle  DLC  application  possibilities  to  give  an  aircraft  the 
mission  optimized  control  behaviour  shown  in  figure  2.1  [2], 

Firstly  a  longitudinal  control  system  decoupling  pitch  and  flight  path  response  with 

-  Decoupled  Pitch  Control  with  constant  flight  path  (DPC)  and 

-  Decoupled  Flight  Path  Control  with  constant  pitch  attitude  (DFPC) 

and  secondly  a  longitudinal  control  system  coupling  pitch  and  flight  path 

-  Coupled  Flight  Path  Control  (CFPC) . 

Figure  2.2  illustrates  how  the  lift  curve  slope  can  be  varied  by  DLC  application  due 
to  control  input.  Further,  this  figure  shows  how  the  lift  curve  slope  should  be  realized 
for  different  control  system  applications. 

The  aircraft  time  response  due  to  step  stick  input  for  a  DLC  system  with  coupled 
elevator  and  flap  is  shown  in  figure  2.3. 

For  elevator  control  time  histories  of  pitch  rate  and  vertical  acceleration  response 
show  the  known  relatively  poor  vertical  acceleration  response  compared  with  pitch  rate. 
With  increasing  DLC  effectiveness  the  response  of  vertical  acceleration  is  quickend  on 
the  other  hand  the  pitch  rate  response  is  slowed  down. 


3.  REQUIREMENTS  OF  DIRECT  LIFT  CONTROLS 

The  ideal  direct  lift  device  would  be  a  control  surface  with  pure  lift  force 
capability  producing  no  change  in  drag  or  moment. 

In  this  case  the  pitch  and  heave  motion  of  the  aircraft  could  be  influenced  by  a 
proper  combination  of  the  pure  lift  force  device  and  the  pure  moment  control  device 
(elevator  or  canards)  with  low  design  constraints. 

In  addition,  the  lift  device  should  have  sufficient  control  power  and  sufficient 
high  lift  variation  rate. 


In  the  past,  flaps  and  spoilers  are  proposed  and  used  as  direct  lift  device  having 
the  following  advantages  and  disadvantages. 


1.  Flaps 


Advantages : 
Disadvantages: 


Very  effective,  therefore  low  control  amplitudes  necessary. 

Large  adverse  pitching  moments  and  positive  drag  in  the 
case  of  lift  increase. 


2.  spoilers  Advantages:  Negative  drag  in  the  case  of  lift  increase. 

Disadvantages:  Not  so  effective,  therefore  high  control  amplitudes 
necessary. 

Large  proverse  pitching  moments. 

Buffeting  due  to  large  deflections. 


A  very  important  parameter  is  the  rate  of  lift  increase  which  depends  on  control 
surface  effectiveness  and  on  the  maximum  surface  rates  (as  follows) . 

neglecting  lift  lag  effects  (-^-  mO) 
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This  means  the  requirement  of  DLC  had  to  be  the  lift  change  per  time  and  not  only 
the  maximum  surface  rate.  Comparing  two  different  DLC  devices  like  flaps  and  spoilers, 
with  the  demand  of  equal  lift  change  per  time  then  the  required  spoiler  rate  is 
(HFB  320  data) : 
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The  surface  rates  are  reciprocal  to  control  effectiveness  of  both  control  surfaces. 
Now,  how  great  the  change  in  lift  per  time  should  be? 


Previous  investigations  [1]  show  that  too  fast  lift  change  results  in  handling 
quality  problems  for  flight  path  tracking  in  the  landing  approach.  The  lift  change  per 
time  or  the  vertical  acceleration  response  should  be  adapted  to  the  short  period  eigen- 
motion  of  the  aircraft. 


In  the  case  that  the  angle  of  attack  should  be  nearly  constant  during  a  control 
input,  the  first  order  time  constant  of  the  DLC  surface  transfer  function  is  dependent 
on  the  following  aircraft  derivatives  [2] 
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A  typical  value  for  transport  aircraft  in  landing  approach  is 

TDLC  “  °-4  sec  • 

Required  vertical  acceleration  variation  of  n  =  +  0.2  g  for  the  landing  approach 
results  in  maximum  direct  lift  surface  rates  from  10  to  20  deg/sec  shown  as  follows 
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4.  FLIGHT  TEST  SITUATION 

The  main  purpose  of  the  in-flight  investigation  was  to  refine  the  mathematical  model 
describing  the  longitudinal  motion  of  the  HFB  320  research  aircraft  with  particular 
emphasis  on  the  determination  of  control  surface  derivatives.  The  HFB  32o  is  used  as  a 
variable  stability  aircraft  with  5  degrees  of  freedom  simulation  capability  [3] 

(figure  4.1).  To  improve  the  simulation  capability  the  aircraft  was  equipped  with 
electrically  controlled  spoilers  with  enlarged  panels  [4],  The  arrangement  of  flap  and 
spoiler  surfaces  on  the  aircraft  is  shown  in  figure  4.2.  The  maximum  spoiler  rate  is 
62  deg/sec  and  the  maximum  flap  rate  is  10  deg/sec. 

The  aircraft  equipment  includes 

•  primary  flight  control  system,  fully  fly-by-wire 

•  electrically  controlled  flaps  and  spoilers 

•  electrically  controlled  thrust 

•  on  board  digital  computer 

•  artificial  feel  system 

•  electrically  controlled  flight  instruments 

•  on  board  data  acquisition  system,  data  recording  and  telemetry  system 

•  safety  equipment. 

All  these  features  could  be  used  for  parameter  identification  flight  tests.  The 
control  surface  deflections  were  commanded  by  a  program  running  on  the  on  board  digital 
computer . 

Thus  the  control  inputs  could  be  reproduced  with  extreme  accuracy  in  "successive" 
runs,  a  most  important  advantage  for  parameter  identification.  All  the  state  variables 
were  digitally  recorded  on  board  with  10  Hz  sample  rate  and  18  selected  variables  were 
transmitted  via  telemetry  to  the  ground  station  to  monitor  the  flight  tests. 

Two  flight  missions  with  20  separate  runs  were  executed  using  the  following 
reference  flight  conditions: 
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As  previously  mentioned  the  objective  of  the  tests  was  to  identify  the  longitudinal 
control  derivatives  from  flight  tests.  There  are  essentially  four  controls  involved 
namely  elevator,  spoilers,  flaps  and  spoiler-flap  combinations.  In  the  latter  case 
spoilers  and  flaps  are  simultaneously  deflected.  As  the  flaps  are  extended  the  spoilers  j (p 
are  retracted  and  vice  versa.  By  this  maximum  change  in  lift  is  created  with  minimum 
change  in  drag  and  pitching  moments. 


5.  PARAMETER  IDENTIFICATION  METHOD 

Numerical  values  of  the  aerodynamic  characteristics  of  the  controls  were  obtained 
by  means  of  a  parameter  identification  method  which  utilizes  measured  flight  test  data 
together  with  appropriate  mathematical  algorithms.  An  important  advantage  of  using  flight 
test  data  is  that  all  possible  effects  of  the  actual  flight  environment  are  included  in 
the  measured  data,  in  this  program  the  parameter  identification  was  performed  by  an 
output  error  method,  that  is,  a  mathematical  method  in  which  we  try  to  fit  the  output  of 
a  mathematical  model  to  the  flight  motions  of  the  aircraft  [5,  6,  ?].  The  cost  function 
which  measures  the  fit  between  the  motions  produced  by  the  mathematical  model  and  the 
flight  is  called  likelihood-function 
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where  Z  is  the  system  output,  Y  the  model  output,  N  the  number  of  data  points  and  R  the 
covariance  matrix  of  the  measurement  noise. 

This  function  has  to  be  minimized  with  respect  to  R  and  to  h  -  the  vector  of  unknown 
parameters.  The  minimization  technique  used  is  a  modified  Newton- Raphson  algorithm  which 
requires  only  the  first  derivative  of  y  with  respect  to  * .  The  result  of  each  iteration 
is  an  improvement  in  x .  In  general  the  search  can  be  finished  after  about  ten  to  fifteen 
iterations.  The  program  used  was  able  to  estimate  not  only  coefficients  of  the  linear 
system  but  also  initial  values  of  the  state  variables  and  input  and  output  measurement 
biases.  For  these  identifications,  the  following  linearized  model  was  used 
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with  the  observation  equations 
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An  important  factor  for  parameter  estimation  techniques  is  the  proper  design  of 
system  input  signals. 


In  selecting  the  input,  it  should  be  appreciated  that  the  eigenmotion  of  the  airplane 
/  must  be  excited  since  the  process  of  identifying  the  control  derivatives  involves  identi- 
^  fication  of  the  parameters  related  to  the  eigenmotion  as  well.  Moreover,  a  poor  identifi¬ 
cation  of  the  eigenmotion  could  adversely  affect  the  identification  of  the  control  deriva¬ 
tives.  This  problem  does  indeed  arise  in  this  program  where  the  control  derivatives  of  a 
spoiler,  flap,  or  spoiler-flap  combination  should  be  defined.  The  following  approach  was 
undertaken. 

The  first  step  was  to  identify  the  eigenmotion  parameters  by  means  of  the  elevator. 
The  inputs  selected  are  shown  in  figure  5.1.  First  the  short  period  motion  is  excited  by 
a  so  called  3-2-1 -1  signal  [8]  followed  by  a  step  elevator  input  to  excite  the  phugoid 
motion  (Signal  1 ) .  Using  Signal  2  first  the  phugoid  was  excited  by  a  step  input  followed 
by  t-he  3  — 2  —  1  —  1  signal  to  excite  the  short  period  motion.  Cara  was  taken  in  Signal  2  to 
excite  the  short  period  motion  at  such  a  time  when  the  deviation  from  reference  airspeed 
caused  by  the  phugoid  was  minimal. 

The  eigenmotion  investigation  was  followed  by  the  determination  of  the  spoiler-, 
flap-  and  combined  flap-spoiler  characteristics.  Two  basic  signals  are  used  as  shown  in 
figure  5.2.  Signal  3  is  a  combination  of  two  signals  with  the  initial  input  consisting 
of  an  elevator  input  which  excites  the  phugoid  and  short  period  motions.  Later  in  time 
an  input  of  either  the  spoiler,  flap  or  flap-spoiler  is  introduced  as  required  in  the 
analysis.  Also,  Signal  4  has  an  input  of  either  spoiler,  flap  or  flap-spoiler  as  re¬ 
quired.  This  signal  should  excite  the  eigenmotion  of  the  airplane  and  provide  sufficient 
information  to  identify  the  control  parameters. 


6.  IN-FLIGHT  MEASURED  FLAP-SPOILER  CHARACTERISTICS 

The  first  step  in  the  identification  process  was  to  identify  the  parameters  related 
to  the  airplane's  eigenmotion.  Figures  6.1  and  6.2  compare  the  results  of  the  identifi¬ 
cation  runs  with  the  flight  test  data  obtained  from  inputs  of  Signal  1  and  2,  respectively. 
Note  in  the  figures  a  clear  separation  between  the  short  period  and  phugoid  motions.  The 
good  curve  fits  of  model  responses  to  in-flight  measured  time  histories  over  the  long 
time  period  of  180  seconds  indicates  that  the  estimated  parameters  are  representative. 

Now  that  the  airplane's  eigenmotion  can  be  described  by  a  linear  model,  one  can 
approach  the  problem  of  identifying  the  additional  control  derivatives.  Identification 
of  the  control  derivatives,  for  a  particular  control  surface,  is  done  together  with  the 
eigenmotion  identification  so  that  one  obtains  a  mathematical  model  which  includes  the 
eigenmotion  derivatives  and  the  control  derivatives.  Since  the  eigenmotion  model  was 
already  established  from  tests  with  the  elevator  input,  one  can  check  the  results  of  the 
model  with  the  additional  control  surface  to  determine  the  validity  of  this  result.  The 
parameter  identification  of  the  additional  controls  was  done  with  inputs  Signal  3  and 
Signal  4.  From  an  examination  of  these  results  it  was  clear  that  the  results  obtained  by 
using  Signal  4  are  not  valid.  In  the  case  of  the  spoiler,  Signal  4  does  not  introduce 
sufficiently  large  changes  in  the  airplane's  speed  to  determine  accurately  the  speed 
derivatives,  but  the  spoiler  control  derivatives  appear  reasonable.  In  the  case  of  the 
flaps,  the  inaccuracy  of  that  section  of  the  model  describing  the  eigenmotion  causes 
inaccuracy  in  identifying  the  flap  derivatives.  The  case  of  the  spoiler-flap  combination 
with  Signal  4  failed.  It  became  clear  that  to  identify  the  additional  control  derivatives 
one  should  utilize  the  elevator  plus  the  additional  control  surface  on  interest. 

Figure  6.3  presents  the  results  of  identifying  the  spoiler  derivatives.  In  the 
steady  state  condition  the  spoiler  is  at  45  deg.  The  fact  that  when  the  spoiler  is 
deflected,  the  time  histories  are  in  good  agreement  (especially  in  longitudinal  and 
vertical  acceleration)  suggests  that  the  identification  of  the  spoiler  derivatives  is 
very  good.  The  logical  explanation  is  as  follows:  Excellent  agreement  of  the  time 
histories  are  obtained  when  rapid  elevator  motion  is  introduced  thereby  indicating  that 
the  mathematical  model  is  correct.  Thus  when  the  spoiler  is  introduced  and  the  time 
histories  continue  to  be  in  good  agreement,  one  may  conclude  that  the  identification  of 
the  spoiler  derivatives  are  accurate. 

The  numerical  results  of  the  spoiler  nondimensional  derivatives  as  function  of  flap 
deflection  compared  with  windtunnel  data  are  given  in  figure  6.4. 

The  windtunnel  measurements  are  carried  out  with  a  1  :  7.5  scale  model  in  the  DFVLR 
2.8  m  x  3.6  m  low  speed  windtunnel  (9]  with  an  effective  Reynold snumber  of  1.64  •  10” 
compared  with  11.14  •  106  in-flight. 

Flight  test  results  show  higher  lift  control  effectiveness  CA6  ,  lower  drag  control 
effectiveness  CW6  and  higher  moment  control  effectiveness  CM6  SP  compared  with  wind- 
tunnel  data.  The  SP  general  influence  of  flap  deflection  on  SP  spoiler  control 
effectiveness  obtained  from  windtunnel  measurements  agree  with  in-flight  measured  data. 

The  quality  of  the  results  obtained  from  the  identification  of  the  flap  derivatives 
(figure  6.5)  are  similar  to  the  quality  of  the  spoiler  results. 

The  numerical  results  of  flap  nondimensional  derivatives  as  a  function  of  spoiler 
deflection  compared  with  windtunnel  data  are  shown  in  figure  6.6.  For  the  one  reference 
flight  condition  investigated  with  6sp  =  0  deg  the  lift  control  effectiveness  and  the 
drag  control  effectiveness  of  flaps  are  very  close  to  the  windtunnel  measured  data.  A 
difference  occured  for  the  moment  control  derivative. 


The  results  show  that  the  control  characteristics  of  the  flap  and  spoiler  direct  lift 
devices  can  be  described  by  a  linear  model  with  constant  derivatives.  This  is  valid  for 
relatively  large  deflections  up  to  +  10  deg  flap  deflection  and  up  to  +  30  deg  spoiler 
deflection  and  relatively  high  surface  rate  of  10  deg/sec  and  62  deg/sec  respectively. 


For  control  system  design  using  a  combination  of  control  surfaces  like  flaps  and 
spoilers  simultaneously  deflected  it  is  very  important  to  know  the  significance  of  aero¬ 
dynamic  interference  effects  between  the  control  surfaces.  Are  there  nonlinearities, 
instationary  or  aerodynamic  interference  effects  in  such  a  way  that  the  resulting  control 
characteristics  will  be  completely  changed,  or  are  the  effects  negligible  so  that  the 
separated  control  derivatives  can  be  added  in  a  linear  way? 


To  answer  these  questions,  in  addition  to  separate  control  surface  identification, 
tests  were  conducted  with  spoiler-flap  combinations  as  mentioned  earlier.  The  combi¬ 
nations  of  amplitude  ratios  between  flap  and  spoiler  used  are  as  follows 


Flap  deflection  6_,  deg 
r 

+  5.0 

±  10 

Spoiler 

deflection 

6sp'  deg 

+  15 

+  30 

To  identify  the  characteristics  obtained  from  combined  flap-spoiler  deflections 
three  different  approaches  are  used: 

1 .  The  identification  is  made  with  one  input  (flap  or  spoiler)  resulting  in  equivalent 
control  derivatives. 

2.  The  identification  is  made  with  fixed  flap  and  spoiler  derivatives  obtained  from 
previous  'flap  only'  and  'spoiler  only*  identification  runs. 

3.  The  identification  is  made  with  flap  and  spoiler  inputs  resulting  in  flap  and  spoiler 
derivatives  valid  for  combined  flap-spoiler  deflections. 

To  avoid  computer  time  consuming  identification,  the  combined  flap-spoiler  identi¬ 
fication  was  not  carried  out  over  the  full  180  sec  measuring  time.  The  identification 
'run'  was  composed  by  the  elevator  input  and  the  flap-spoiler  input  to  identify  both  the 
aircraft  short  period  eigenmotion  and  the  control  derivatives.1') 

The  first  approach  is  possible  if  both  surfaces  move  closely  together.  A  time  delay 
of  about  0.2  seconds  in  the  flap  actuator  system  of  the  HFB  320  results  in  a  nonlinear 
coupling  of  both  surfaces  as  shown  in  figure  6.7.  This  fact  disqualifies  the  first 
approach. 

For  the  second  approach  the  flap  and  spoiler  derivatives  obtained  from  the  separate 
control  derivative  identification  runs  (figure  6.4  and  6.6)  are  used.  Because  of  the  fact 
that  no  in-flight  measured  flap  data  for  the  6SC  =  45  deg  reference  condition  are 
available,  the  flap  data  for  the  6__  =  0  deg  reference  condition  are  used.  These  data 
are  reduced  by  the  same  amount  as  C^a  and  being  identified  for  the  6sp  =  45  deg 
reference  condition.  y 

If  there  are  no  differences  between  measured  and  computed  time  histories  using 
fixed  flap  and  spoiler  derivatives  any  interference  effects  can  be  excluded.  But  if  there 
are  differences,  flap-spoiler  interference  for  combined  deflection  exists. 

As  illustrated  in  figure  6.8  the  time  response  due  to  combined  flap-spoiler 
deflection  can  be  matched  with  relatively  good  results.  Comparing  the  vertical  and 
longitudinal  acceleration  response  with  flap  and  spoiler  input,  it  can  be  seen,  that  the 
measured  variables  follow  mainly  the  flap  movement.  The  error  in  vertical  acceleration 
response  is  caused  by  a  too  large  spoiler  effectiveness.  Due  to  this  and  other  flap- 
spoiler  effects,  especially  the  vertical  speed  and  pitch  rate  response  cannot  be  matched. 
This  indicates  that  flap-spoiler  interference  effects  exist. 

In  figure  6.9  the  measured  data  for  the  same  input  as  shown  in  figure  6.8  are 
compared  with  model  response  using  new  flap  and  spoiler  identified  derivatives.  As  shown 
in  this  figure  an  excellent  match  of  all  variables  is  obtained.  This  means  that  the 
flap-spoiler  or  spoiler-flap  interference  can  be  described  by  changed  control  effective¬ 
ness  and,  what  is  very  important,  the  effects  can  be  described  in  a  linear  way. 

To  look  for  the  influence  of  the  amplitudes  of  control  surface  deflections 
(figure  6.10)  test  runs  with  higher  amplitudes  are  made  resulting  in  the  same  matching 
accuracy  obtained  before. 


*) 
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Looking  at  the  identified  flap  and  spoiler  derivatives  valid  for  combined  flap- 
spoiler  deflections  as  shown  in  the  following  table,  it  can  be  found  that  the  flap 
//  SL  derivatives  remain  nearly  constant  for  both  the  low  amplitude  and  for  the  high  amplitude 
I W  v  input . 


FLAP 

DERIVATIVES 


SPOILER 

DERIVATIVES 


LOW  AMPLITUDE 

INPUT 

HIGH  AMPLITUDE 

INPUT 

( 

standard 

)  relative 
deviation,  percent 

(  )  relative 

standard  deviation,  percent 

CA6f 

0.75 

(2.18) 

0.7? 

(1  .73) 

0.12? 

(2.53) 

0.11 

(2.01  ) 

Cm6F(19.5) 

-  0.036 

(7.71  ) 

-  0.032 

(6.36) 

°A6 

sp 

-  0.13 

(4.42) 

-  0.15 

(2.78) 

CW6 

sp 

0.023 

(4.29) 

0.022 

(3.12) 

CM6sp(19.5) 

-  0.029 

(17.33) 

-  0.007 

(5.04) 

The  same  tendency  is  seen  for  the  spoiler  derivatives  with  one  exception,  the 
spoiler  moment  control  derivative  CM5  .  There  is  a  large  difference  between  the  low  and 
high  amplitude  case.  sp 


Looking  at  the  relative  standard  deviation  of  Cw 


it  can  be  seen  that  for  the  low 


amplitude  input  the  relative  standard  deviation  is  SP  high  (17.33),  that  means  that 
the  spoiler  moment  influence  is  low,  so  that  the  identification  of  this  value  is 
difficult.- 


Comparing  these  data  with  the  wind tunnel  data  shown  in  figure  6.4  and  6.6  it  is 
seen  that  the  flap  control  effectiveness  CA6  and  the  moment  control  effectiveness  CM6 
correlate  very  well  with  windtunnel  data  forF  the  45  deg  reference  spoiler  deflection. F 
A  large  difference  occur  for  the  in-flight  measured  drag  derivative  CW6  which  is  much 
lower  compared  with  windtunnel  measured  value.  F 

This  results  show  that  the  aircraft  response  is  mainly  influenced  by  the  flaps  due 
to  higher  control  effectiveness  compared  to  the  spoiler.  So  that  the  flap  effectiveness 
is  only  slightly  influenced  by  spoiler  deflections,  this  is  judicious  comparing  the  flap 
area  behind  the  spoiler. 

The  spoiler  control  effectiveness  CA6  is  decreased,  the  drag  control  coefficient 
Cm i  is  increased  compared  with  the  SP  'spoiler  only’  identified  values, 

sp 

The  spoiler  moment  control  derivative  is  amplitude  dependent  and  is  more  negative 
with  regard  to  windtunnel  data. 


7.  CONCLUSIONS 

The  following  conclusion  can  be  drawn  from  the  in-flight  measured  characteristics  of 

combined  flap-spoiler  direct  lift  controls: 

1 .  Parameter  identification  technique  is  a  valuable  tool  to  identify  both  aircraft 
stability  parameters  and  direct  lift  control  parameters. 

2.  The  results  show,  that  the  perequisite  for  control  parameter  identification  is  the 
identification  of  aircraft  stability  parameters  using  an  optimized  input  to  excite 
the  aircraft. 

3.  In-flight  measured  data  show,  that  both  the  flap  and  spoiler  direct  lift  controls  can 
be  identified  with  sufficient  accuracy.  The  control  behaviour  can  be  described  by  a 
linear  model  although  relatively  high  amplitudes  and  surface  rates  are  used.  Possible 
lift  lag  effects  are  so  low  that  they  can  be  neglected. 

4.  In  addition  the  characteristics  produced  by  combined  flap-spoiler  inputs  can  be 
described  by  a  linear  model.  The  interference  effects  result  mainly  in  varied  spoiler 
derivatives.  Flap  derivatives  remain  nearly  unchanged. 

5.  Comparing  in-flight  measured  flap  data  with  windtunnel  data  it  is  shown  that  lift, 
drag  and  moment  derivatives  correlate  well  with  flight  test  data  for  the  clean 
spoiler  configuration. 

6.  Comparing  in-flight  measured  spoiler  data  with  windtunnel  data  it  is  shown  that  large 
differences  occur.  Only  the  general  trend  due  to  steady  state  flap  deflection  is 

apparent. 
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7.  The  discrepancies  obtained  from  in-flight  and  windtunnel  spoiler  measurements  show 

that  separated  flow  measurements  in  windtunnel  cannot  be  applied  to  the  real  aircraft. 
It  is  assumed  that  the  spoiler  measurements  are  sensitive  to  Reynoldnumber  variation. 

From  this  the  question  arises  how  separated  flow  effects  on  aircraft  control  deri¬ 
vatives  can  be  simulated  in  windtunnel  and  how  the  results  have  to  be  scaled  for  in¬ 
flight  application? 
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FIG.  4.1 


DFVLR-HFB  320  IN-FLIGHT  SIMULATOR 


FIG.  4.2 


AIRCRAFT  FLAP- SPOILER  ARRANGEMENT 
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FIG.  6.5  TIME  HISTORIES  OF  FLAP  CHARACTERISTIC  EVALUATION 
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FIG.  6.7 


FLAP -SPOILER  DEFLECTION  COMPARISON 


FIG.  6.8  COMBINED  FLAP -SPOILER  CHARACTERISTIC  EVALUATION 
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SUMMARY 


In  1977*  a  Joint  investigation  (MBB-DFVLH )  has  been  conducted  in  order  to 
study  stability  and  control  characteristics  of  a  fighter-type  model  at  incidences  up  to 
hO  degrees. 


Primary  emphasis  of  the  study  was  directed  towards  the  stability  and  control 
contributions  of 

A  different  control  shapes  (vertical  canards  -  single,  double, 
vertical  tail,  winglets) 

B  control  surfaces  in  different  positions  (vertical  canard  at 
body  nose,  at  body  below  wing....) 


Isolated  and  combined  effects  of 
of  higher  angles  of  attack. 


LIST  OK  ABBREVIATIONS 

cL  Lift  coefficient 

Cj  Rolling  moment  coefficient 

c *  Rate  of  charge  of  rolling  moment 

*vc  with  vertical  canard  deflection 

c,.  Rate  of  change  of  rolling  moment 

®  with  aileron  deflection 

c..  Rate  of  change  of  rolling  moment 

0  with  rudder  deflection 

Rate  of  change  of  rolling  moment 
with  yawing  angle 

C  .  Pitching  eminent  coefficient 

* **  referred  to  .3  MAC 

cn  Tawing  sosent  coefficient 

c  -  Rate  of  change  of  yawing  moment 
with  angle  of  yaw 

«  6vc  change  of  yawing  moment 

with  vertical  canard  deflection 

e  «  Rate  of  change  of  yawing  moment 
Q  with  rudder  deflection 


devices  A,  B  are  demonstrated  in  the  regime 

Cy  Sideforce  coefficient 

c  _  Rate  of  change  of  sideforce 

y  with  yawing  angle 

c  *  Rate  of  change  of  sideforce 

y  with  vertical  canard  deflec¬ 

tion 

c  g  Rate  of  change  of  sideforce 

y  with  rudder  deflection 

<X  Angle  of  Incidence 

ft  Angle  of  yaw 

ft  Vertical  canard  deflection 

C  angle 

6r  *£  Rudder  deflection  angle 

ft  Increment  of  coefficient 


1.  INTRODUCTION 


A  requirement  of  good  supersonic  aircraft  performance  results  in  wing-de¬ 
signs  of  high  leading  edge  sweep,  low  aspect  ratio  combined  with  small  camber  and  twist 
and  thin  airfoils  having  nearly  sharp  leading  edges.  At  Increasing  sngles  of  incidence 
(tt  >  10°)  the  flow  field  of  this  type  of  wings  is  dominated  by  concentrated  separated 
vortex  systems  originating  at  the  inboard  leading  edge.  Due  to  this  vortices  lateral 
stability  is  lost  before  reaching  maximum  lift.  So  modern  fighter  aircraft  with  high 
thrust  to  weight  ratio  is  limited  not  only  by  available  control  power,  but  also  by  loss 
of  stability. 

*n  [5]  *  [6]  significant  parameters  for  directional  stability  and  lateral 
control  departure  are 
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1.1  Model  Geometry 


Seeking  a  solution  for  stability  and  control  requirements  which  arise  main¬ 
ly  at  lower  speeds  (depending  on  wing  loading)/ a  wind  tunnel  study  was  started,  fig,  1. 
together  with  the  DFVLR  Gottingen  £l]  [2],  The  devices  and  their  location  have  practical 
configurational  constraints  like  pilot's  view,  undisturbed  intake  flow,  ground-clearance 
minimum  wetted  surface  and  so  on.  However,  seeking  some  insight  in  aerodynamics,  the 
control  surfaces  shown  in  fig.  2.  3.  4,  5  were  positioned  looking  for  undisturbed  flow 
and  high  dynamic  pressure  at  higher  incidences,  disregarding  the  above-mentioned  con¬ 
straints.  Due  to  the  shortness  of  time.,  the  results  to  be  presented  are  confined  on  the 
vertical  canards  and  vertical  stabilizer  modifications  shown  in  fig.  2.  4.  More  practi¬ 
cal  configurations  like  fig.  5  are  treated  in  [4]. 


1.2  Flow  Field 

For  interpretation  of  the  test  results  we  should  have  a  short  look  at  the 
aforementioned  flow  field  which  is  roughly  sketched  in  fig.  6.  A  survey  about  these 
effects  and  extensive  references  are  given  by  £3]  as  a  result  of  several  yeara  research 
on  these  problems.  The  essential  feature  are  the  stable  vortices,  which  are  produced 
by  flow  separation  at  the  highly  swept  wing  leading  edge  and  the  body  nose.  At  angles 
of  incidence  a  increasing  above  10°  the  vortices  are  moving  further  upward  and  inboard. 
At  yawing  conditions, they  are  shifted  to  insymmetrical  positions  with  respect  to  the 
vertical  stabilizer  producing  an  induced  sidewash  and  downwash.  At  higher  angles  of 
attack,  the  windward  vortex  is  bursting  earlier  producing  a  dynamic  pressure  reduction 
at  the  tail  giving  destabilizing  roll-and  yawing  moment.  It  should  be  mentioned  that 
the  flow  conditions  at  the  tail  are  influenced  too  by  the  trim  position  of  the  horizon¬ 
tal  stabilizer,  thus  by  stability  margin. 

The  single  vertical  canard  in  the  plane  of  symmetry  has  nearly  no  influence 
on  the  flow  passing  the  body,  whereas  the  double  surfaces  change  the  flow  direction  a- 
long  body  axis, thus  producing  a  high  presaure  field  in  between  them. 


2.  STABILITY  AND  CONTROL 

2.1  Stability  and  Control  of  Clean  Configuration 

Due  to  the  law  of  momentum  conservation, flow  field  curvature  must  be  found 
in  force  and  momentum  coefficients,  in  fig.  7  the  roll  and  yawing  moments  versus  a  are 
shown  for  the  clean  configuration  wing,  stroke  on  and  off.  According  to  the  aforemen¬ 
tioned  flow  field  conaiderationa,  we  find  beginning  stability  problems  at  the  same  a 
when  the  strake-off  wing  reaches  its  maximum  lift. 


2.2  Tail  Modifications 

In  order  to  find  the  decrease  of  stability  independent  of  dynamic  pressure 
due  to  separation  effects  an  additional  tail  surface  was  placed  below  the  horizontal 
tail  at  the  body.  The  results  in  fig.  8  show  for  sideforce  and  yawing  moment  an  analog 
behaviour  to  sheared  wing  theory. 

A  study  concerned  with  rudder  efficiency  due  to  tail  size  and  shape  shows 
in  fig.  9  not  only  the  effects  of  increased  size,  but  also  the  influence  of  changes  in 
dynamic  pressure  due  to  vortex  system  inductions.  Again  rudder  efficiency  is  lost  at 
angles  of  incidence  higher  than  acL*ax  of  the  *ow  ,wePt  outboard  wing.  This  can  be  under 

stood  in  the  following  way.  At  angles  of  incidence  lower  than  outboard  cjJBax  the  vortex 

develops  in  a  low  pressure  field,  which  means  by  Bernoulli's  law,  higher  vortex  velocity 
due  to  lower  vortex  core  pressure  causing  higher  vortex  circulation  and  induction  velo¬ 
cities. 


At  angles  of  incidence  above  aCLmax  of  outboard  wing  the  vortex  is  no  longer 

driven  by  the  outboard  suction  field, but  is  decelerated  until  final  vortex  core  bursting 
by  the  increasing  outboard  pressure  field.  The  vortex  just  transports  energy  from  its 
generating  region  by  inertial  forces  to  the. other  regions  of  flow  field.  So  the  tail 
flow  field  works  in  decreasing  induced  velocities  and  their  corresponding  dynamic  press¬ 
ures.  This  is  found  in  the  tail  stability  and  control  efficiency  curves. 

2.3  Vertical  Canard  Lateral  Stability  Contributions 

In  fig,  10  a  comparison  is  shown  of  single  vertical  canard  surfacea  in 
different  positions.  It  should  be  noticed,  that  in  all  positions  the  same  shape  and 
size  was  used.  The  surface  above  the  body  nose  is  seen  to  diverge  without  any  limit. 
First  the  slope  in  Ac.  up  to  a  =  10°  is  due  to  increasing  aspect  ratio  with  a ,  then  a 
reduction  is  due  to  the  suction  field  produced  by  wing  and  body-nose  vortices  up  to 
a  " 28°  and  after  that,  with  bursting  wing-vortices  but  full  dynamic  pressure  due  to 
body-nose  vortices,  further  divergence  takes  place.  The  side  force  shows  the  usual 
''canard  effect'',  which  means  that  the  larger  aft  surface  (vert,  tall)  compensates  the 
flow  field  curvature  produced  by  the  smaller  forward  canard.  Thus  due  to  the  momentum 
conservation  law  the  side  force  vanishes  until  the  tail  surface  is  sufficiently  swept 
out  of  the  coaord  influence. 
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The  surfaces  mounted  below  the  body  show  decreasing  sideforce  and  yawing 
moment  increments  with  increasing  angle  of  incidence.  This  shows,  analog  to  sheared 
wing  concept,  a  decreasing  aspect  ratio  of  this  vertical  canards.  Additional  to  this 
effect  an  increasing  high  pressure  field  ("stagnation  point  flow  analogy ") inf luence 
the  vertical  canard  root  section. 

The  surface  mounted  near  an  intake  position  below  the  wing  stroke  shows  in 
the  yawing  moment  the  influence  of  distance  from  moment  reference  point  as  well  as  the 
straightening  influence  of  the  wing. 

In  fig.  11  similar  effects  for  the  double  surfaces  are  shown.  In  contrary 
to  the  single  surface,  the  double  surface  above  the  body  was  mounted  in  the  wing-strake 
apex  region.  Hence  it  shows  the  severe  influence  of  the  stroke  vortices. 

In  fig,  12  a  comparison  with  the  single  surface  at  the  same  position  does 
not  show  twice  the  sideforce  and  yawing  moment  as  we  would  expect  from  the  fact  that 
two  surfaces  were  used.  But  remembering  the  laws  of  biplanes  it  is  clear  that  a  rela¬ 
tively  close  second  parallel-surface  in  the  curved  flow  field  of  the  first  one  will  not 
develop  the  same  force.  Furthermore  we  note  that  the  first  breaks  in  the  curves  corres¬ 
pond  to  a  of  the  outboard  wing  panel. 

Lmax 

2.4  Vertical  Canard  Control  Efficiency 

In  fig.  13  a  comparison  of  single  vertical  canards  in  different  positions, 
but  with  same  size  and  deflection  is  shown.  The  results  are  basically  similar  to  the 
stability  considerations,  but  are  smaller  in  absolute  value.  This  is  due  to  the  fact, 
that  for  stability  considerations  the  complete  configuration  was  in  a  yawing  position, 
whereas  here  the  vertical  canard  only  is  deflected. 

The  comparison  of  the  double  control  surfaces  in  fig.  l4  again  shows  simi¬ 
lar  effects  compared  with  the  above  mentioned  stability  considerations.  It  should  be 
mentioned  that  for  stability,  the  increments  were  taken  against  clean  configuration 
(vertical  canards  off)  whereas  for  control  efficiency  increments  were  taken  against 
symmetric  position. 

The  comparison  of  double  surfaces  with  single  surface  in  fig.  15  shows  a 
steeper  loss  of  efficiency.  The  wiggles,  shown  by  all  the  increment  curves,  should  not 
be  taken  too  serious  because  one  canard  surface  was  about  5X  wing  reference  area.  That 
means  increments  are  differences  of  nearly  equal  numbers  with  respect  to  the  balance 
accuracy, thus  posing  a  numerically  "ill  conditioned"  problem. 

2.5  Influence  of  Vertical  Canards  on  Horizontal  Stability 

At  the  first  glance,  the  pitching  moment  curves  in  fig.  l6  are  a  surprising 
result.  But  this  strong  influence  of  double  vertical  canard  surfaces  on  longitudinal 
stability  can  be  explained  with  the  high  pressure  field  between  the  nearly  parallel  ca¬ 
nard  surfaces  mentioned  above  in  the  flow  field  considerations.  This  is  clarified  by 
comparing  the  increments  for  single  vertical  canard  surfaces  with  those  of  double  sur¬ 
faces  as  shown  in  fig.  17  and  fig,  18. 


3.  CONCLUDING  REMARKS 

a  Looking  at  fig.  19  we  find  a  nearly  linear  dependence  of  yawing  moment  increment 
up  to  a  for  nearly  all  positions. 

Lmax 

Ac  (a)  =  Ac  (a  =  o) 

n  n 


The  positional  influence  is  mainly  accounted  for  in  the  Acn  (a  =  0)  term.  In  a 
(induction  term)  and  acLmax  confiSurational  influences  like  wing  shape,  position,  flap 

setting,  horizontal  canards  may  be  accounted  for.  A  comparison  with  literature  and  la¬ 
ter  experiments  on  other  configurations  show  thst  such  a  relation  holds  for  all  verti¬ 
cal  canards  mounted  under  the  body. 

•  A  similar  relation  may  be  constructed  for  the  side  force  increment  dependence,  but 

only  up  to  a of  the  outboard  wing.  Later  on  it  is  nearly  constant.  This  o  _ 
vumx  max 

of  the  outboard  wing  which  may  be  interpreted  as  an  for  the  vortex  circu¬ 

lation  seems  to  be  an  universal  feature  found  for  several  very  different  confi¬ 
gurations  . 


J 


For  the  rolling  moment  increment  contribution  no  euch  approximations  hold,  but  due 
to  the  eaiell  distance  of  sideforce  producing  the  rolling  moment  from  the  center  of 
gravity,  this  is  of  lowest  importance. 

All  these  statements  apply  for  increments  due  to  vertical  canard  deflection  as  well 
as  for  the  increments  of  yawing  angle. 

Considering  lateral  trim  for  certain,  sideforce  accelerations  we  find  from  moment 
balance  the  largest  vertical  canard  size  for  positions  closest  to  the  center  of 
gravity,  but  also  the  lowest  efficiency  reduction  according  to  a. 

Double  V.C.  surfaces  also  influence  longitudinal  stability. 

Vertical  canard  surfaces  above  the  body  are  not  usable  for  several  reasons  already 
mentioned. 
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PROBLEMES  U ' AERODYNAMIQUE  INSTATIONNAIRE  POSES  PAR 
L’ UTILISATION  DES  GOUVERNES  DANS  LE  CONTROLE  ACTIF 

par  Roger  DESTUYNDER 

Office  National  d'Etudes  et  de  Recherches  Adrospatiales  (ONERA) 

92320  Chfttillon  (France) 


RESUME 

Le  deve loppement  des  techniques  de  contrOle  actif  a  l'aide  de  gouvernes,  de  spoilers  ou  de 
surfaces  auxiliaires  necessite  une  con naissance  de  plus  en  plus  approfondie  des  forces  adrodynamiques 
instationnaires  crdees  par  ces  surfaces. 

Differents  cas  se  pro  sen  te  n  t  selon  les  phdnomenes  que  l'on  veut  contrOler.  De  plus  la  nature  de 
l'ecoulement  subcritique  ou  supercritique  permet  soit  d'aborder  le  problems  du  contrOle  par  une  voie 
purement  theorique  ou  au  contraire  necessite  une  methode  s'appuyant  sur  des  valeurs  theoriques  corrlgdes 
par  des  essals.  Des  surfaces  speciales  de  contrOle  sont  aussi  considdrees  qui  permettent  des  simplifi¬ 
cations  thdoriques  dans  certains  cas  (Canard-Vane).  Les  questions  de  marge  de  security  sont  dvoqudes. 

PROBLEMS  OF  UNSTEADY  AERODYNAMICS  RAISED 
BY  THE  USE  OF  CONTROL  SURFACES  AS  ACTIVE  CONTROLS 

SUMMARY 

The  development  of  active  control  techniques  using  conventional  surfaces,  spoilers  or  auxiliary 
surfaces  requires  an  ever  deeper  knowledge  of  the  unsteady  aerodynamic  forces  created  by  these  surfaces. 
The  manoeuvre  load  control  for  military  aircraft  or  the  lift  control  for  civil  aircraft,  involve  control 
laws  acting  in  quasi  steady  conditions.  Another  field  concerning  turbulence,  gust  control  and  flutter 
phenomenon  calls  upon  a  broader  frequency  range  and  the  pertaining  control  problems  have  to  take  complex 
forces  into  account.  Subcrltical  and  supercritical  flows  are  considered.  Theoritlcal  and  mixed  methods 
based  on  corrections  defined  after  wind  tunnel  tests  are  applied. 

INTRODUCTION 

Un  avion  equipd  de  contrOles  actifs  est  un  appareil  qui  utilise  les  forces  et  moments  adrodyna- 
mlques,  cr66s  par  sea  surfaces  de  contrOle  et  mis  en  aouvement  par  des  vdrlns  hydrauliques ,  Ces  instruc¬ 
tions  sont  fournles  par  des  capteurs  A  travers  une  loi  de  contrOle,  dans  le  but  de  modifier  la  distribu¬ 
tion  des  forces  adrodynamiques  agissant  sur  la  structure. 

Trois  facteurs  intervlennent  dans  tout  contrOle  actif  : 

a)  Le  choix  des  surfaces  de  contrOle  (aileron,  dlevon,  canard,  spoilers,  volet  etc.,.)  et  les  forces 
adrodynamiques  qu’elles  peuvent  crder. 

b)  Le  choix  du  ou  des  capteurs  de  detection  du  mouvement  ou  des  efforts  A  contrOler  (gyroscope,  gyrometre, 
accdlerometre,  girouette,  strain-gauges  etc,..). 

c)  La  ddtermination  de  la  loi  de  contrOle  que  l'on  veut  faire  intervenir. 

En  parallcle  avec  ces  diffdrents  termes  deux  grandes  categories  de  contrOle  gdndralisd  peuvent 
Otre  dlstingudes  : 

A  -  Les  contrOles  correspondant  A  des  dvolutions  lentes  des  parametres  et  pouvant  Otre  traitds  A  partir 
de  theories  adrodynamiques  stationnaires  ou  quasi-stationnalres .  Les  forces  et  les  moments  crdds  par 
les  surfaces  de  contrOle  sont  en  phase  avec  le  mouvement  de  ces  surfaces.  Tel  est  le  cas  des  probldmes 
de  stabilitd  longitudinals  ndgative,  de  contrOle  de  portance  par  rdduction  des  charges  etc... 

B  -  Les  contrOles  exigeant une  connaissance  des  forces  adrodynamiques  Instationnaires  qui  intervlennent 
dans  les  problemes  de  turbulence  ou  de  rafales  ainsi  que  dans  le  contrOle  du  flottement.  Dans  ce 
dernier  cas  les  frdquences  A  contrOler  impliquent  non  seulement  les  modes  d'ensemble  de  1 'avion, 
mais  encore  les  modes  de  ddformations  de  la  structure  dont  la  gamme  de  frdquende  utile  peut  Otre 
dtendue . 

Dans  la  suite  de  ce  papier  nous  ne  nous  lntdresserons  qu'aux  .phdnomenes  instationnaires  qui 
peuvent  toutefois  dans  certains  cas  Otre  traitds  avec  des  forces  quasl-stationnaires ,  Deux  classes  de 
problemes  sont  A  considdrer  sulvant  que  le  rdgime  de  l'dcoulement  sur  les  profils  est  du  type  subcritique 
ou  supercritique.  Les  diffdrentes  thdorles  modernes  permettent  dans  le  domains  subcritique  de  faire  des 
prdvisions  raisonnables,  compte-tenu  de  l'dpaisseur  du  profil  et  des  effets  de  couche  limite. 

Dans  le  domalne  supercritique  en  prdsence  de  choc  et  de  ddcollement  il  n'exlste  actuellement  que  quel- 
ques  approches  qui  permettent  de  donner  une  solution  au  probleme. 


i  so 

I  .  SURFACE  DE  CONTROLE  EN  ECOULEMENT  SUBCRITIQUE 

Dans  le  domaine  subcritique,  pour  des  profils  minces  avec  gouverne  totale  ou  partielle  et 
avec  ou  sans  fleche  de  bord  d’attaque  on  peut  estimer  que  les  calculs  developpds  actuel lement  par 
les  methodes  de  doublets  ou  de  l’ecoulement  inverse  donnent  une  bonne  approximation. 

Les  travaux  de  Tijdeman  au  N.L.R,  (rdf.  1)  sur  aile  bidimensionnel le  avec  profil  NACA 
64  A  006,  A  faible  incidence,  montrent  une  bonne  concordance  entre  theorie  et  essais  en  ce  qui 
concerne  la  distribution  des  coefficients  de  pression  complexe  indults  par  1 ' osci 1 lation  harmonlque 
d'une  gouverne  de  profondeur  relative  T  =25  %. 

La  comparison  est  valable  jusqu'A  M  =  0,80  c’est  A  dire  tant  que  l’ecoulement  reste  sub- 

critique  . 


Les  frequences  reduites  considerdes,  de  U^=  0,25  k  M  =  0,80,  correspondent  en  ordre  de 
grandeur  aux  frequences  reduites  utllisees  pour  les  premiers  modes  des  avions  civils  modernes. 

D'autre  part  la  continuity  entre  la  distribution  quasi-stationnaire  et  instationnaire  est 
bonne  (figure  1,  2  et  3). 

Dos  que  le  profil  devient  localement  supercritique  la  comparison  est  mauvaise  et  se  degrade 
tres  vite  avec  le  nombre  de  Mach.  Les  perturbations  dues  k  1 ' oscillation  de  la  gouverne  ne  remontent 
pratiquement  pas  par  la  couche  limite  A  travers  le  choc  (figure  4). 

Dans  un  trvail  recent  Lamboume  (ref.  2)  a  etudie  les  termes  globaux  instationnaires  dus 
A  la  rotation  d'une  gouverne  partielle  sur  une  aile  mince  A  forte  fleche  (figure  5,  figure  6). 

Les  comparisons  ont  ete  faites  avec  la  theorie  linearisee  de  Davies  jusqu'A  M  =  0,92. 

A  -  Quelques  remarques  ressortent  de  ces  comparaisons  : 

a)  Tout  d'abord  les  parties  imaginaires  des  coefficients  de  portance  et  de  moment  sont  faibles,  les 
dephasages  des  coefficients  de  portance  ou  de  moment  induit  par  rapport  au  mouvement  d'oscillation 
restent  de  l'ordre  de  quelques  degres.  Ceci  peut  6tre  observd  dans  les  rdsultats  de  calcul  et 
d'essais  de  M  =  0,60  A  M  =  0,92.  (La  frequence  reduite  de  Ur  =  0,13  correspond  A  des  frequences 
avions  de  7  Hz  pour  une  corde  moyenne  de  reference  de  2  m  A  M  =  0,92,  ce  qui  est  conforme  aux  ordres 
de  grandeur  attendus  sur  avion). 

b)  La  thdorle  lindarisde  prdvoit  correctement  la  position  du  foyer  secondaire  (c'est  A  dire  le  foyer 
de  la  partie  de  la  portance  en  phase  avec  le  mouvement). 

Cette  remarque  est  tres  gdneraleeta  etd  observde  dans  un  grand  nombre  de  cas  pour  dlffdrents 
types  d’aile  en  fleche,  d'ailerons  ou  de  nombre  de  Mach. 

Ceci  est  sans  doute  dfl  au  fait  que  la  concentrtion  des  termes  portant  dus  au  braquage  de 
gouverne  est  toujours  localisee  au  voisinage  de  la  charniere  qu'  reprdsente  la  plus  grande  partie  de 
la  contribution  A  la  portance  induite  (figures7  et  8). 

La  discontinuity  de  pression  au  niveau  de  la  charniere  se  produit  pratiquement  sans  dephasage. 

c)  La  theorie  surestime,  pour  des  profils  minces  les  termes  de  portance  d'autant  plus  que  le  nombre  de 
Mach  est  plus  dlevd, 

11  en  resulte  que  les  lois  de  contrOle  basdes  sur  des  forces  theorlques  induites  sur  l'aile 
par  la  rotation  d'une  gouverne  surestiment  de  plus  en  plus  avec  le  nombre  de  Mach,  1 'action  du  contrble 
ce  qui  peut  0tre  dangereux.  1 1  en  est  de  mfime  du  moment  de  charniere  instationnaire. 

Toutefois  les  valeurs  experimentales  montrent  que  la  correction  A  apporter  aux  valeurs  thdo- 
riques  se  tradult  essential lement  par  une  diminution  du  gain  rdel  global  incorpord  dans  la  boucle  de 
contrOle,  ce  qui  peut  0tre  Indus  dans  les  marges  de  sdcuritd  A  donner  au  gain  du  contrOle. 

Certains  auteurs  (rdf.  I  et  3)  ont  tentd  de  rdduire  ces  hearts  en  incorporant  les  effets 
d'epaisseur  et  de  couche  limite  dans  les  Equations  tout  en  gardant  un  schdma  lindaire. 

Les  deux  effets  vont  en  sens  contralre,  Si  l’on  compare  avec  les  rdsultats  du  profil  mince, 
l'adjonction  de  l'dpalsseur  augments  les  presslons  en  amont  de  l'axe  de  rotation  de  la  gouverne  tandls 
que  les  presslons  sur  l'aileron  lui-mOme  sont  tres  peu  modifides  ;  l’adjonction  de  la  couche  limite 
A  un  effet  tres  slgnlficatif  qui  compense  et  blen  au-delA  la  contribution  de  l'dpalsseur.  Enfln  si 
les  valeurs  expdrlmentales  sont  corrigdes  de  1 'effet  de  parol  dO  A  la  soufflerle  on  peut  considdrer 
que  les  calculs  fournissent  correctement  les  champs  de  pression  indults  par  les  gouvernes  en  dcoulement 
subcritique  (figures  9  et  10). 

Dans  la  rdfdrence  3  (figure  9)  on  fait  intervenir  la  vitesse  locale  u sur  le  profil,  calculde 
par  une  mdthode  de  transformation  conforme  classlque.  Pour  passer  aux  presslons  sur  le  profil,  le  champ 
de  pression  de  la  plaque  mince  est  ensuite  simplement  multiplid  par  le  rapport  des  carrds  des  vitesses 
des  deux  cas,  solt  /  U  \ 2 
'V.' 
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La  couche  limite  est  schEmatisEe  k  partir  d * une  hvpothese  sur  la  forme  du  profil  des  vitesses 

dans  cette  couche  limite.  Cette  loi  est  de  la  forme  ^JL*(*r)r5  -  avec  Up  vitesse  du  fiuide  k  une 

distance  g  du  profil  et  Vp  vitesse  limite  k  la  distance  Odu  profil  ;  n  est  un  coefficient  de 
forme  qui  a  etE  determine  de  fa^on  semi-empirique  et  k  une  valeur  Egale  k  n  =  9. 

B  -  Influence  des  paramctres  d' incidence  statique  de  l'aile  ou  de  la  gouverne  sur  les  pressions 

instationnaires . 

Jusqu'E  des  nombres  de  Mach  M  =  0,80  et  pour  des  incidences  de  gouverne  jusqu'E  3C,  malgre 
la  difference  de  vitesse  locale  sur  l'intrados  et  lfextrados  il  n'y  a  pas  ou  peu  de  repercussion  sur 
les  pressions  instationnaires  k  l'intrados  ou  a  l'extrados. 

Par  contre  des  qu'un  regime  supercritique  apparait  sur  l'une  des  surfaces  la  difference  devient 
tres  importante  et  on  retrouve  deux  types  de  distribution  :  l'une  (cftte  supercritique  qui  est  liEe  au 
nombre  de  Mach  local  M>|  ),  1 'autre  qui  se  comporte  comme  un  Ecoulement  subsonique.  II  est  IntEressant 
de  noter  le  peu  d ’ interaction  qui  existe  entre  intrados  et  extrados  lorsque  l'une  des  surfaces  et  super¬ 
critique  (figure  11). 

La  mEme  observation  avait  Ete  faite  dans  un  cas  tres  different  ou  l'on  voulait  juger  de  1' inter¬ 
action  stationnaire  et  instationnaire  entre  un  reacteur  remonte  sur  un  pylEne  et  une  aile  (rEf.  4, 
figures  12,  13). 

A  partir  d'un  certain  nombre  de  Mach  la  presence  du  reacteur  rend  localement  l'intrados  de 
l’aile  supercritique  tandis  qu'aucune  influence  n'est  visible  k  l’extrados.  Tout  se  passe  comme  si  le 
terme  de  circulation  n’etait  pas  modifie  k  l'extrados  et  cela  mEme  lorsqu'une  grande  partie  de  l'intrados 
devient  supersonique . 

II  -  PROFIL  AVEC  ECOULEMENT  SUPERCRITIQUE 

Les  differences  entre  la  thEorie  lineaire  et  1 'experience  deviennent  tres  importantes  sur 
tous  les  termes  (portance  ou  moment)  mais  alors  que  pour  des  profils  minces  les  valeurs  calculEes 
Etaient  surestimEes,  ces  demieres  sont  maintenant  sous-estimees .  En  Ecoulement  incompressible  bidimen- 
sionnel  stationnaire,  la  rEfErence  5  donne  un  exemple  de  correction  de  l'effet  d'Epaisseur  et  de  la 
couche  limite  (figure  14). 

Les  "corrections”  k  introduire  sont  de  l'ordre  de  50  %  sur  la  portance,  la  part  principale 
etant  due  k  la  correction  d'epaisseur  du  profil.  Correction  due  au  tres  fort  gradient  de  distribution 
de  vitesse  sur  le  profil. 

Une  approche  en  bidimensionnel  instationnaire  transsonique  est  aussi  presentee  dans  la 
rEfErence  6. 

La  comparaison,  *  M  =  0,854  et  =  0,358  faite  sur  le  profil  NACA  64  A  006,  avec  la  thEorie 

de  Magnus -Yoshihara  (rEf.  7)  est  excellente  aussi  bien  sur  la  position  du  choc  que  sur  les  valeurs 
absolues  des  coefficients  de  pression  ou  sur  la  phase  (figure  15). 

Afin  de  valider  les  nouvelles  theories  en  Ecoulement  supercritique» dif ferents  types  d'essai 
se  sont  dEveloppEs. 

Les  uns  portent  sur  la  mesure  locale  des  pressions  instationnaires  sur  aile  supercritique  en 
bi  ou  tridime ns ionnel ,  d'autres  portent  sur  la  mesure  globale  des  forces  aerodynamiques  crEEes  par  la 
rotation  d'une  gouverne. 

Enfin  une  troisieme  sorte  de  tests  developpable  en  soufflerie  et  en  vol  a  vu  le  jour  plus 
rEc eminent  : 

II  s'agit  de  dEterminer  la  fonction  de  transfert  complete  entre  une  entrEe  constituEe  par 
exemple  par  1 'excitation  en  bruit  blanc  d'une  gouverne  et  la  sortie  mesurEe  par  un  certain  nombre 
d'accElErometres  ou  de  ponts  de  jauges  incorporEs  dans  la  structure. 

Nous  donnerons  un  exemple  relatif  k  ce  dernier  cas  pour  montrer  la  complexitE  du  probleme, 

L'essai  a  etE  fait  en  soufflerie  k  basse  vitesse  sur  une  aile  droite  Equipee  d'une  gouverne  (figure  16). 

La  bande  de  frEquence  couverte  par  le  bruit  blanc  Etait  de  0  k  150  Hz,  dans  cette  bande  de  frEquence 
5  frequences  etaient  remarquables .  Le  niveau  du  bruit  blanc  sur  la  gouverne  Etait  suffisament  grand 
pour  que  l'on  puisse  Etre  assure  d* avoir  affaire  k  un  systeme  ne  comportant  qu'une  entrEe  et  une  sortie. 
Autrement  dit  la  turbulence  de  la  soufflerie  Etait  nEgligeable  dans  son  action  sur  l'aile  ou  la  gouverne. 

La  fonction  de  transfert  H  (  l  (a)  )  mesurEe  en  boucle  ouverte  est  comparEe  k  la  fonction  de 
transfert  calculEe  au  mEme  point  de  l'aile.  H  (  i  (a)  )  est  ensuite  mis  sous  forme  d'une  fraction  rationel- 
le  (ref.  8)qui  est  dEcomposEe  en  ElEments  simples,  ce  qui  permet  trEs  simplement  de  sEparer  les  pbles  et 
les  rEsidus  des  diffErents  modes. 

Cette  mEthode  fournit  avec  prEclsion  les  valeurs  complexes  des  pEles  qui  sont  en  bon  accord 
avec  les  racines  de  1 'Equation  gEnErale  de  1 'aErodynamique  instationnaire  du  systEme  : 

( iu).q  -Q 
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oc,  Z  =-(J2  V-  +  *P  +  pv2(A  +  iB)  dans  la  representation  modales. 

h  est  la  matrice  diagonale  des  masses  genera lisees 
est  la  matrice  diagonale  des  rigidites  generalisees 
A  et  B  sont  les  matrices  des  coefficients  aerodynamiques 
q  est  la  matrice  colonne  des  coordonnees  generalisees 
Q  represente  une  excitation  sinusoldale  quelconque 

Le  systeme  est  tronque  dans  la  base  des  modes  propres  et  est  represente  par  5  modes. 

On  peut  noter  que  dans  cette  methode  la  connaissance  des  pGles  de  H  (  l  (i)  )  suffit  pour  traduire 
1' action  globale  des  forces  aerodynamiques  ins tationna ires  (en  supposant  connie  les  modes  propres  de  la 
structure) . 

II  n'en  est  pas  de  mfime  si  l’on  veut  remonter  a  chacun  des  termes  de  la  matrice  aerodynamique. 
Une  connaissance  complete  de  la  fonction  de  transfert  est  necessaire  en  autant  de  points  que  le  nombre 
de  modes  dans  lequel  le  systeme  aura  ete  discr6tise,  c’est  k  dire  qu'il  faudra  connaltre  chacun  des 
residus  complexes  de  H  (  IG)).  L' identification  qui  a  ete  tentee  sur  la  figure  16  a  montre  des  diffe¬ 
rences  de  l’ordre  de  30  a  40  sur  certains  termes  aerodynamiques  malgre  une  bonne  approximation  des 
pOles.  Cette  m^thode  ne  peut  done  Gtre  utilisee  qu’avec  circonspection. 

Ill  -  APPLICATIONS 


ContrGle  par  une  gouverne  d'un  cas  de  flottement  transsonique  sur  une  aile  de  similitude 
dynamique  de  1  *  avion  flmontee  k  la  paroi,  equipee  de  trois  charges  en  dessous  et  en  bout  de  voilure. 

On  a  realise  un  cas  de  flottement  par  couplage  des  modes  de  flexion  et  de  tangage  de  l'engin  externe 
(ref.  9»  figure  17). 

Le  point  de  similitude  choisi  etait  de  M  -  0,80  pour  une  altitude  en  atmosphere  standard 
de  5000  pieds.  Le  flottement  avait  4te  obtenu  en  lestant  convenablement  l'engin  d* extremity.  La 
maquette  poss£dalt,  outre  ses  modes  de  deformations  s *4chelonnant  de  20  k  45  Hz,  pour  les  modes 
concernes  par  le  flottement,  un  degre  de  liberty  d' ensemble  en  roulis  k  une  frequence  de  3,8  Hz, 

Deux  lois  de  contrGle  ont  ete  superposees  sur  la  m©me  gouverne,  l'une  en  quasi  stationnaire 
maintenait  l'aile  k  calage  de  roulis  constant  quel  que  soit  le  nombre  de  Mach  ou  la  pression  dynamique 
en  agissant  sur  le  braquage  statique  de  la  surface  de  contrGle  j  1T autre,  travaillant  en  instationnaire 
contr&lait  le  flottement. 

La  figure  18  indique  la  comparaison  calcul-essais  sans  contrdle  et  donne  1 'evolution  des  para- 
metres  de  frequence  et  d* amort issement  des  modes  critiques  en  fonction  de  la  pression  generatrice  de 
la  soufflerie.  La  prediction  est  correcte  quant  k  la  pression  critique.  Le  contrble  a  ete  realise  sous 
la  forme  d'une  reinjection  sur  l'aile  de  forces  aerodynamiques  de  rigidite  en  phase  avec  le  mouvement 
de  l'aile,  ce  qui  a  pour  but  de  faire  croiser  tres  rapidement  les  frequences  des  modes  critiques. 

La  figure  19  montre  1 'action  de  cette  loi  de  contr&le  en  calcul  et  en  essais  k  Mach  constant 
M  =  0,80. 

La  mflme  tendance  k  la  suppression  du  flottement  est  bien  observee  sur  les  courbes  theoriques 
et  experiment a les,  tendance  qui  autorise  un  gain  tres  important  sur  la  pression  dynamique  critique. 


Du  point  de  vue  du  calcul,  les  forces  aerodynamiques  instationnaires  engendrees  par  1 'aileron 
sur  l'aile  ont  ete  determinees  par  une  methode  mixte.  Les  valeurs  de  force  et  de  moment  theorique  ont 
ete  corrigees  k  partir  de  la  mesure  des  champs  de  pression  instationnaire  induits  par  une  rotation 
harmonique  de  la  gouverne.  Un  exemple  de  la  comparaison  calcul  (methode  des  doublets)  essais  des  pressions 
lndultes  est  donne  sur  la  figure  8. 

On  retrouve  en  haut  subsonlque  les  resultats  enonces  dans  la  reference  2,  k  savoir  : 

Surestimation  par  le  calcul,  pour  un  profil  mince  des  coefficients  aerodynamiques  instationnaires 
induits  par  la  gouverne,  foyer  secondaire  correctenent  pr£vu  et  tres  faible  valeur,  pour  une  aile 
k  forte  fieche,  des  parties  lmaglnalres. 

IV  -  CONTROLE  A  PARTIR  DE  SURFACES  SPECIALES 

a)  Canard  ou  Vane 


II  est  possible,  k  partir  de  surfaces  de  contrfile  de  faible  encombrement ,  (tel  un  empennage 
canard  ou  un  volet  oscillant  ext4rleur  k  la  voilure)  de  ramener  le  probleme  des  forces  de  contrGle 
instationnaire  k  un  probleme  de  forces  r£elles  quasi-constantes  avec  la  frequence  r£duite. 

Cette  solution  a  6t6  d^velopp^e  par  Rockwell  avec  ks  petite  empennages  canards  du  Bj  places 
sur  Le  fuselage  et  caUs  avec  un  dledre  de  30°  (r^f.  10,  figure  20),  l' application  6tant  faite  sur  un 
probleme  de  turbulence 
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Les  dimensions  de  la  surface  de  c^ntrOle  et  les  frequences  des  modes  de  fuselage  4  contrftler 
(flexion  longitudina le  et  laterale  du  fuselage  k  3  et  5  Hz)  conduisent  k  des  frequences  r£duites  tres 
faibles  de  l'ordre  de  Dp  =  0,07  a  M  =  0,70,  ce  qui  rend  les  parties  imaginaires  des  forces  nulles, 
la  forte  flee he  de  l'ailette  (60°)  fait  que  le  foyer  evolue  peu  dans  une  large  gamme  de  nombre  de  Mach. 

De  m6me  la  force  et  le  moment  instationnaire  recueillis  sur  l'axe  de  rotation  du  "canard”  ne  dependent 
pratiq uement  pas  de  la  frequence  dans  la  gamme  consideree  (0  k  10  Hz).  L' identification  des  forces 
creees  par  la  rotation  de  la  palette  en  vrale grandeur  se  fait  tres  aisement  en  soufflerie  (avec  le  mfime 
nombre  de  Reynolds  qu'en  vol)  et  permet  une  bonne  prevision  de  1 'amortissement  que  I'on  peut  r^introduire 
dans  une  structure  k  partir  d'un  systtme  l.L.A.F.  (Identical  Location  Accelerometer  and  Force). 

La  figure  21  donne  un  exemple  de  l'efficacite  du  systeme  sous  la  forme  du  spectre  de  la  den- 
site  spectrale,  le  systeme  de  contrfile  ctant  ou  non  engage.  La  m£me  idee  de  ereer  un  contrftle  par  in- 
t reduction  d'un  amortissement  c re?  par  une  palette  a  etc  appliquee  a  un  phenomene  de  flottement 
( ref .  II,  figure  22  )  . 

Ici  encore  les  faibles  frequences  reduites  de  la  palette  permettent, tenant  compte  de  la  fonc- 
tion  de  transfert  de  l'ensemble  servo-valve  servo-commande,  d'introduire  une  force  d' amortissement  pure 
au  point  oti  1' amplitude  de  la  vibration  a  contrbler  est  mesuree.  Cette  methode  tres  simple  et  tres  sure 
s'adapte  bien  aux  previsions  de  calcul  du  fait  du  petit  nombre  de  parametres  a  introduire  dans  la  loi 
de  contrOle  utilis^e,  figure  23. 

Le  probleme  de  1  *  identification  des  forces  aerodynamiques  instationnaires  peut  fitre  resolu  une 
fois  pour  toute  mfime  en  haut  subsonique  etant  donne  la  faible  evolution  des  coefficients  et  du  foyer 
avec  le  nombre  de  Mach.  Le  profil  de  la  palette  reste  pratiquement  tou jours  subcritique. 

b)  Spoiler 


Plusieurs  etudes  tant  th^oriques  qu'experimentales  ont  commence  a  se  developper  concernant 
1 ’utilisation  des  forces  aerodynamiques  stationnaires  ou  instationnaires  cre6es  par  un  spoiler  en  vue 
du  contrdle  actif  (r£f.  12  ,  13  ,  14  ). 

Excepte  pour  un  spoiler  de  tres  faible  envergure  relativement  k  la  corde  de  l’aile  celui-ci 
est  toujours  deportant.  Mais  alors  que  pour  un  spoiler  dont  l'axe  de  rotation  serait  sur  l'extrados 
du  profil  et  sans  fente,  le  terme  lAC^Jcroit  avec  l’angie  de  braquage,  on  observe  le  phenomene 
inverse  pour  un  spoiler  k  fente  croissante  avec  le  braquage  e’est  k  dire  dont  l'axe  de  rotation  est 
situe,  k  l'interieur  du  profil.  Les  figures  24  et  25  illustrent  ces  deux  cas, 

Les  tendances  li6es  k  quelques  parametres  ont  pu  6tre  degagees  des  premieres  Etudes  connues . 

Ainsi  en  instationnaire  l'efficacite  du  module  de  la  portance  induite  par  le  spoiler  d6croit  tres  vite 
avec  la  frequence  reduite  Up 

=  zT 

D' autre  part  on  constate  la  tres  forte  influence  du  braquage  d'un  volet  en  arribre  du  spoiler 

qui  permet  de  multiplier  son  efficacite  par  deux  ou  trois.  II  faut  aussi  noter  le  tres  fort  d^phasage 

existant  entre  le  mouvement  du  spoiler  et  la  phase  du  module  de  la  r^ponse  en  portance. 

Tres  rapidement  la  force  de  deportance  tend  k  §tre  en  quadrature  avec  le  mouvement  du  spoiler 
pour  de  grandes  frequences  reduites,  le  recui  du  spoiler  le  long  de  la  corde  accroit  son  efficacite 
pour  un  braquage  donne  d'un  volet  place  en  arricre.  L'effet  de  fente  entre  spoiler  et  aile  est  tres 
important.  Pour  de  petits  angles  de  braquage  statique  (8°)  la  fente  reste  faible  et  noyee  dans  la 
couche  llmite,  le  bord  d'attaque  du  spoiler  cret  (comme  pour  une  gouveme)  une  discontinuity  de  pression 
en  phase  avec  le  mouvement  du  spoiler  (figure  26).  Pour  un  angle  plus  grand  (17°),  ckxic  une  fente  plus 

grande  (cas  d'un  axe  de  rotation  dans  le  profil^ la  nature  de  1 'ecculement  est  chang^e  au  droit  du  bord 

d’attaque  du  spoiler.  Une  circulation  est  introduite  entre  spoiler  et  aile  et  la  condition  de  decollement 
theorlque  en  arriere  du  spoiler  n’est  plus  respectee.  Le  phenomene  est  tres  comparable  k  celui  qui  existe 
avec  une  gouveme  pour  laquelle  on  ferait  varier  la  fente  avec  l'aile.  Enfin  une  derniere  propriety  remar- 
quable  apparait  dans  les  calculs  :  l'efficacity  maximum  de  deportance  en  fonction  de  1 'envergure  du 
spoiler  est  tres  vite  atteinte  des  que  cette  envergure  represente  30  ou  40  de  la  profondeur  de  la  corde. 
Les  resultats  theoriques  de  la  figure  27  correspondent  k  un  ecoulement  incompressible. 

La  figure  28  montre  la  distribution  en  envergure  des  coefficients  de  pression  instationnaire 
pour  quelques  pourcentages  en  corde.  On  note  un  effet  de  plateau  au  droit  du  spoiler  puis  une  chute  brutale 
de  part  et  d’autre.  En  conclusion  il  semble  difficile  d'utiliser  un  ou  des  spoilers  k  grand  nombre  de 
Mach  en  instationnaire  pour  des  frequences  elevees  (flottement  par  exemple;.  La  pert©  d'efficacite  avec 
la  frequence  reduite  rendrait  tout  contrdle  inoperant.  Par  contre  1' usage  en  reducteur  de  charge  de  portance 
k  1’aide  de  plusieurs  spoilers  paralt  possible,  ce  qui  permet  de  reduire  le  moment  flechissant  k  l’emplan- 
ture  de  l'aile. 

V  -  PENALITES  ET  MARGE  DE  5ECURITE  A  INTRODUIRE  DANS  L' USAGE  DES  CONTROLES  ACTIFS 

Dans  le  cas  ou  les  surfaces  tel les  que  ailerons,  volets,  spoilers  etc...,  sont  utilisees  pour 
des  contrOles  actif s,  les  debasements  qui  leur  sont  affectes  reduisent  d'autant  les  marges  de  manoeuvre 
du  pilote.  On  peut  aussi  considyrer,  pour  des  commandes  hydrauliques ,  la  place  qu'occupe  une  loi  de  contrOle 
sur  le  debit  maximum  de  la  servo-valve. 

Dans  des  essais  recents  en  soufflerie  on  a  procede  k  la  superposition  d'une  loi  de  contrftle  en 
pilotage  en  roulis  k  une  loi  de  contrOle  d'un  phynom. ne  de  flottement  sur  le  m£me  aileron.  3°  ytaient 
consacres  k  Mach  0,85  au  contrOle  du  roulis  (le  crit<,  re  etait  de  malntenir  la  demi-maquette  h  incidence 
de  roulis  constaaunent  nulle  quel  que  soit  le  nombre  de  Mach  et  la  pression  dynamique). 


Le  contrftle  du  flottement  n’exige  un  debattement  que  dans  la  mesure  o u  il  existe  dans 
le  fluide  des  perturbations  du  type  turbulence  ou  rafales  (qui  donnent  naissance  aux  conditions  ini¬ 
tiates  du  phenomcne  d 1 instabi lite) . 

En  pointe  et  en  valeur  instantanee  on  a  releve  un  angle  de  contrOle  de  +  2°.  Dans  ce  cas  precis 
la  marge  de  manoeuvre  du  pilot*.'  en  transsonique  aurait  ete  tres  faible. 

II  faut  noter  que  ce  type  de  restriction  n'existe  pas  avec  des  surfaces  auxiliaires  de  contrOle 
actif  du  type  "vane"  ou  "canards"  construit  uniquement  pour  le  contrftle,  Un  autre  parametre  k  consid£- 
rer  dans  1 ' utilisation  des  lois  de  contr&le  consiste  dans  les  marges  en  gain  et  en  phase  qu'il  faut 
attribuer  au  contr&le  pour  pouvoir  considerer  qu'il  reste  fiable.  Ce  problems  tres  difficile  k  d^finir 
clairement  n'est  actuellement  explicite ,  dans  les  "Milspecs"  (specifications  militaires  am^ricaines) 
que  de  fagon  arbitraire  et  sans  fondement  mathematique . 

Un  example  emprunte  k  la  litterature  americaine  montre  1* influence  que  peuvent  avoir  les 
tolerances  d'usinage  et  le  vieillissement  d'une  piece  au  cours  du  temps. 

Pour  une  servo-commande  moderne  les  variations  dues  4  ces  pa ramet res  ont  et6  les  suivantes  : 

Variations  de  16°  sur  la  phase  et  de  1,3  db  sur  l’ amplitude  de  la  fonction  de  transfert  de  la  seule 

servo-commande  dues  au  vieillissement  (a  la  frequence  de  10  Hz). 

Variations  de  8°  sur  la  phase  et  de  0,2  db  sur  1 'amplitude  dues  aux  variations  de  temperature  que 
subit  un  avion  au  cours  d'une  mission. 

Cet  exemple  montre  la  necessite  de  couvrir  Les  lois  de  contrftle  par  de  larges  facteurs  de 
securite  tant  sur  la  phase  ou  le  module  du  contrftle  que  sur  les  amplitudes  admissibles  intervenant 
dans  les  contr&les  actif s. 

Les  "Milspecs"  demandent,  actuellement,  pour  les  lois  de  contrOle  de  flottement  des  marges  de 
+  6  db  sur  le  gain  du  contrOle  et  +  60°  sur  la  phase  pour  une  loi,  qui  k  Mach  constant,  augmenterait 

la  vitesse  de  flottement  de  30  %.  II  semble  qu'une  etude  tres  poussee  sera  necessaire  dans  un  proche 

avenir  pour  valider  ou  inf inner  ces  marges. 

CONCLUSION 

De  1 'ensemble  de  I'analyse  ci-dessus,  quelques  points  saillants  ressortent, 

Des  lois  de  contrOle  instationnaires  appliqu6es  k  des  gouvernes  existantes  peuvent  Otre  etablies  avec 
une  fiabilite  raisonnable  en  ce  qui  concerne  le  domaine  subcritique,  domaine  qui  s'etendra  d'autant 
plus  loin  que  l’on  aura  des  profils  minces  ou  des  profils  pour  lesquels  les  corrections  d'£paisseur  et 
de  couche  limite  sont  passibles  de  theories  lineaires. 

Dans  le  domaine  supercritique  malgre  des  premiers  r^sultats  encourageants  il  est  encore  neces¬ 
saire  de  faire  appel  le  plus  souvent  k  des  valeurs  experimentales  obtenues  au  cours  d'essai  en  souffle- 
rie  si  lron  veut  bfttir  des  lois  de  contrOle. 

Enfin  certaines  surfaces  de  contrOle  k  usage  particulier  ("Vane"  ou  "Canard"  pour  le  contrOle 
en  turbulence  des  modes  souples  d'une  structure)  auront  sans  doute  des  d6bouch4s  dans  un  avenir  proche 
etant  donne  les  simplifications  theoriques  qu'elles  apportent. 

D'autres  systemes,  tels  les  spoilers,  demandent  des  Etudes  plus  poussees  avant  de  pouvoir 
fit re  utilises  de  fagon  Industrie  lie. 

Enfin  il  faut  constamment  garder  presented  1 'esprit  la  notion  de  marge  de  s6curit6  k  dtablir 
dans  les  lois  de  contrOle.  Pour  certains  phenomcnes  comme  le  contrOle  de  la  turbulence,  la  stability 
negative  ou  le  flottement,  le  problcme  de  la  marge  sur  le  gain  ou  la  phase  du  contrOle  revet  une  impor¬ 
tance  considerable.  Dans  le  contrOle  du  flottement,  par  exemple, ces  marges  doivent  couvrir  les  varia¬ 
tions  produites  par  les  non  lin£arit£s  ou  les  dephasages  aleatoires  si  l'on  ne  veut  pas  courir  le 
risque  d' instabi lites . 
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23  -  Action  du  suppresseur  de  flottement  par 
une  palette  agissant  en  bout  d'aile.  [11] 


Fig.  24  -  Effet  de  spoiler  pour  deux  configurations 
selon  la  corde.  a  =  4°  ;  h/c  =  0,1  [13] 
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RESUME  - 


la  conception  des  avions  actuels  evolue  de  plus  en  plus  vers  1  emploi  des 
techniques  de  contrdle  actif  generalise  (CAG  ou  CCV)  qui  requierent  1' utilisation 
de  gouvemes  rapides.  Dans  cette  optique ,  l'ONERA  a  entrepris  une  etude  experimentale 
approfondie  des  effets  instationnaires  d'une  gouveme  oscillante. 

On  rappelle  d'abord  les  principaux  resultats  expe rimentaux  des  mesures  de  pression 
stationnalre  et  instationnaire  effectuees  en  ecoulement  subsonique  et  transsonique 
sur  un  profil  supercritique  de  1 6$  d'epaisseur  relative  equipe  d'tin  volet  de  bord 
de  fuite  de  25$  de  profondeur  pouvant  etre  anime  d'un  mouvernent  sinusoidal. 

On  compare  ensuite  ces  resultats  expe rimentaux  a  ceux  obtenus  a  l'aide  de  diverses 
methodes  de  calcul  d’ecoulements  stationnaires  et  instationnaires  de  fluide  parfait. 
On  presente  egalement  quelques  resultats  de  calculs  pour  lesquels  on  a  tente  de 
tenir  compte  des  effets  visqueux. 


UNSTEADY  EFFECTS  OF  A  CONTROL  SURFACE  IN  TWO-DIMENSIONAL.  SUBSONIC  AND  TRANSONIC  FLOW 


SUMMARY  - 

The  design  of  present-day  aircraft  is  more  and  more  governed  by  the  use  of  Control 
Configured  Vehicle  (CCV)  techniques  which  require  the  utilization  of  fast  moving 
control  surfaces.  With  this  in  view,  ONERA  undertook  an  in-depth  study  of  the 
unsteady  effects  of  an  oscillating  surface. 

We  first  recall  the  main  experimental  results  of  steady  and  unsteady  pressure 
measurements,  carried  out  in  subsonic  and  transonic  flow  on  a  16$  relative  thickness 
supercritical  aerofoil,  equipped  with  a  trailing  edge  flap,  interesting  2 5#  of 
the  chord,  in  a  sinusoidal  motion. 

Then  we  compare  these  experimental  results  with  those  obtained  by  various  methods 
of  steady  and  unsteady  inviscid  flow  calculations.  We  also  present  some  calculation 
results  in  which  viscous  effects  have  been  taken  into  account,  for  both  steady  and 


unsteady  flows. 

NOTATIONS 

1/  —  P  —  Pc© 

t\p  —  - — - — ; — 2 

coefficient  de  pression 

€oo  Voo 

instantanee  (ou  stationnalre) 

a 

e 

:  vitesse  du  son 

:  masse  volumique 

Cp=  AP  , 

*2  eeX  Sv 

coefficient  de  pression 
instationnaire 

V 

:  vitesse  de  l' ecoulement 

Kp*  •• 

valeur  de  Kp  lorsque  Mg  =  1 

M 

:  nombre  de  Mach 

C2  « 

coefficient  de  portance  stationnalre 

c 

<X 

s 

:  corde 

:  incidence  du  profil 

:  braquage  du  volet,  positif  vers  le  bas 

Cz6  •' 

coefficient  de  portance  instationnaire 

coefficient  de  moment  de  tangage 
instationnaire 

8  nn 

:  braquage  moyen  du  volet 

C  me,  • 

coefficient  de  moment  de  charniere 

Si 

:  amplitude  des  oscillations 

du  volet 

© 

<p 

instationnaire 

angle  de  phase 

t 

:  temps 

Pi 

pression  generatrice 

to 

:  frequence  circulaire 

Re  : 

nombre  de  Reynolds 

f  = 

CO  :  frequence  des  oscillations 

(Hz) 

INDICES 

valeurs  moyenne s  ($  ,  p  ) 

valeurs  locales (  Q.  ,  V  ,  M  ) 

kr 

2n 

CO  C  _  K  £  C.  :  frequence  reduite 

m  : 

e 

P 

2.  Voo  ~  Voo 

:  pression  instantanee 

00 

A 

valeurs  a  l'infini  amont  (  a.  ,  V  ,  M  ) 

indice  affecte  au  module  et  a  la  phase 

Pm 

AP 

:  pression  moyenne 

:  fluctuation  de  pression 

du  ler  harmonique  de  Cp 

Etud«  effective  »v®c  le  soutien  financier  de  la  DRET  et  du  ST  A*. 

1  -  INTRODUCTION  - 


pression  instationnaire  Kulite  a  court 
temps  de  reponse. 


a 


La  conception  des  avions  actuels  evolue  de 
plus  en  plus  vers  l'emploi  des  techniques  de 
controle  automatique  generalise  (C.A.G.  ou 
C.C.V  en  anglais)  qui  requierent  l'utilisa- 
tion  de  gouvemes  a  court  temps  de  reponse . 
Dans  cette  optique,  l'ONERA  a  entrepris  une 
etude  experimentale  approfondie  des  effets 
instationnaires  d'une  gouverne  oscillante. 


Cette  communication  coneeme  plus  particu- 
lierement  les  resultats  acquis  en  ecoulement 
bidimens ionnel  subsonique  et  transsonique 
sur  un  profil  equipe  d'une  gouverne  de  bord 
de  fuite  de  2  5$  de  profondeur  pouvant  etre 
animee  d'un  mouvement  sinusoidal. 


On  rappelle  d'abord  rapidement  les  principaux 
resultats  experimentaux  des  mesures  de  pression 
stationnaire  et  instationnaire  effectuees  sur 
ce  profil  dans  la  souf flerie  S3  de  Modane .  Ces 
resultats  ont  deja  fait  l'objet  d'une  communica¬ 
tion  a  une  reunion  AGARD  en  1977  [1]. 

Puis,  on  compare  ces  resultats  experimentaux  a 
ceux  obtenus  a  l'aide  de  diverses  methodes  de 
calcul  d'ecoulements  stationnaires  et  instation¬ 
naires  de  fluide  parfait.  On  presente  enfin  les 
resultats  des  premieres  tentaiives  de  prise  en 
compte  des  effets  visqueux  en  ecoulement  insta¬ 
tionnaire  . 


2  -  RAPPEL  DES  PRINCIPAUX  RESULTATS  EXPERIMEN¬ 
TAUX  - 


Les  essais  ont  eu  lieu  dans  la  r;  ,uf  flerie  a 
rafales  S3  de  Modane,  a  des  nor::. res  de  Mach 
compris  entre  0,3  et  0,8.  Le  programme 
d'essai  realise  comprend  une  partie  station¬ 
naire  et  une  partie  instationnaire,  avec 
etude  de  l' influence  de  nombreux  parametres. 
Le  traitement  du  signal  recueilli  par  les 
capteurs  Kulite  lors  des  essais  dynamiques 
est  precise  figure  2. 
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Fig.  2  -  Chaine  de  mesures  instationnaires. 


Enfin,  un  banc  de  strioscopie  a  permis  de 
filmer  le  mouvement  de  l'onde  de  choc 
d'extrados  dans  le  domaine  transsonique. 


2.1  -  Presentation  du  materiel  d'essai  - 

Pour  cette  etude,  menee  en  etroite  collabo¬ 
ration  par  les  directions  de  l'Aerodynamique 
et  de  la  Resistance  des  Structures  de 
l'ONERA,  le  profil  retenu  est  un  profil 
supercritique  de  1 6#  d'epaisseur  relative 
developpe  par  la  Societe  Aerospatiale 
(profil  RA  16  SC  l). 

La  maquette  bidlmensionnelle  a  une  conde 
de  180  mm.  La  gouverne  de  bord  de  fuite,  de 
25  %  de  profondeur,  est  actionnee  par  deux 
petits  verins  hydrauliques  rotatifs  com- 
mandes  par  des  servo-valves  synchronisees 
et  pilotees  par  un  generateur  de  signaux 
sinusoldaux.  Ce  systeme  permet  d'obtenir  des 
oscillations  de  la  gouverne  de  +  1°  a 
100  Hz,  l'amplitude  pouvant  atteindre  +  5° 
a  20  Hz  [ fig.l] . 


cvUu r»  dupnMon 
«  court  tampu  du  noon** 


Fig.  7  -  Montage  d’un  aileron  osciiiant  sur  profit  supercri¬ 
tique  fpais. 


2.2  -  Caracteristiques  stationnaires  du  pr.  ‘‘11 

A  incidence  nulle  et  pour  un  braquage  nul 
de  la  gouverne,  une  zone  supersonique  ap- 
parait  au  bord  d'attaque  extrados  vers 
M®  =  0,7  (fig.3) .  Lorsque  le  nombre  de  Mach 
croit,  cette  zone  supersonique  s'^tend 
rapidement  vers  l'aval  en  dormant  une  repar¬ 
tition  de  pression  en  forme  de  plateau  avec 
un  choc  assez  falble,  et  l'intrados  devient 
a  son  tour  supersonique. 


La  maquette  est  equipee  de  73  prises  de 
pression  statique  et  de  32  capteurs  de 


Fig.  3  -  Profit  SKI  AS  I6SCI  -  a  0"  .  f>  ^  0°  -  Reparti¬ 
tions  de  pression  en  Ecoulement  stationnaire. 


L* aspect  des  zones  supersonique s  est  profon- 
dement  modi fie  par  le  braquage  de  la  gou- 
veme  (fig.  4  ),  mais  le  prof  11  etant  for- 

tement  charge  a  l'arriere  de  par  sa  concep¬ 
tion  (fig.  J>) ,  la  gouveme  reste  chargee 
posit! vement  dans  la  plupart  des  cas,  la 
charge  sur  la  gouveme  ne  s'annulant  que 
pour  un  braquage  voisin  de  S  =-10°. 


- Exlrados 


Fig.  4  -  Efficacite  de  la  gouverne  en  ecoulement  stationnai- 
re.  a  =  0° 


2 .3  -  Caracteristlques  instationnalres  du 
prof 11  - 

Les  divers  coefficients  de  press ion,  de 
portance,  de  moment  de  tangage  et  de  moment 
de  chamiere  instationnalres  sont  presentes 
sous  forme  de  module  et  phase  du  premier 
harmonique  (terme  en  CO  de  la  s^rle  de 
Fourier) .  Ce  mode  de  presentation  est  jus- 
tlfie  par  1' experience,  les  harmoniques 
d'ordre  superleur  etant  negligeables  sauf 
tres  localement  pour  les  signaux  de  pression 
dans  les  etroltes  zones  balayees  par  les 
chocs.  Les  phases  sont  determinees  par  rap¬ 
port  cl  la  position  de  la  gouveme  et  les 
phases  de  presslons  d'extrados  sont  portees 
avec  un  decalage  de  180°  ;  ceci  pennettrait 
d'obtenir  la  meme  courbe  de  phase  a  l'intra- 
dos  et  a  l'extrados  dans  le  cas  d'un  profil 
symetrique  k  1' Incidence  nulle  avec  une  gou¬ 
veme  oscillant  autour  du  braquage  nuljici 
oela  mettra  en  evidence  l'effet  de  la  dlssy- 
metrie  du  profil  utilise. 


-  Influence  du  nombre  de  Mach. 

Cn  remarque  d'abord  1' importance  de  1' influ¬ 
ence  du  nombre  de  Mach  sur  la  repartition  des 
coefficients  de  pression  instationnaire  pour 
une  m@me  frequence  reduite(fig.5) .En  regime 
subcritique  la  courbe  des  modules  Cp  1  presente 
1' allure  classique  prevue  par  la  th^orie  de 
la  plaque  plane  (maxima  au  bord  d'attaque  et 
a  la  chamiere  correspondant  aux  infinis  de 
la  theorie),  la  phase  ^voluant  presque  lin^ai- 
rement  d'un  retard  au  bord  d'attaque  a  une 
avance  sur  le  volet. 


Fig.  S  -  Influence  du  nombre  de  Mach  sur  les  pressions  ins- 
tationnaires. 


de  ce  choc  se  traduisent  sur  la  courbe  des 
modules  par  un  pic  dont  l'intensite  depend 
de  celle  du  choc.  Le  niveau  des  fluctuations 
de  pression  en  amont  du  choc,  c'est-a-dire 
dans  la  zone  d 'ecoulement  supersonique , 
diminue  lorsque  le  nombre  de  Mach  augmente . 

Le  dephasage  crolt  avec  le  nombre  de  Mach 
au  bord  d'attaque,  mais  il  garde  un  niveau 
pratiquement  constant  dans  la  zone  super¬ 
sonique  et  presente  un  saut  brutal  au  niveau 
du  choc. 

L'allure  des  repartitions  de  pression  insta¬ 
tionnaire  est  done  tres  differente  selon  que 
l'on  se  trouve  en  regime  subcritique  sans 
choc  ou  en  regime  supercritique  avec  chocs. 


-  Influence  de  la  frequence  redul te. 

L' influence  de  la  frequence  reduite  se  tra- 
duit  d'ailleurs  de  maniere  legerement 
differente  dans  les  deux  cas.  En  regime 
subcritique  le  module  des  pressions  diminue 
et  le  retard  de  phase  au  bord  d'attaque 
crolt  lorsque  la  frequence  reduite  augmente, 
le  point  a  phase  nulle  se  depiagant  vers 
1 'amont  (fig. 6).  En  regime  supercritique,  si 
le  retard  de  phase  dans  la  zone  supersonique 
crolt  avec  la  frequence  reduite,  les  modules 
des  pressions  instationnalres  ^voluent  par 
contre  en  sens  contraire  de  part  et  d'autre 
du  choc  (fig .7)  . 


Lorsque  le  nombre  de  Mach  crolt,  il  se 
forme  une  zone  supersonique  termin^e  par  un 
choc  plus  ou  moins  intense.  Les  oscillations 


Fig.  6  -  Influence  de  la  frequence  riduite  sur  les  pressions 
instationnalres. 


Fig.  7  -  Influence  de  la  frequence  rtduite  sur  les  pressions 
instationnalres. 


-  Interactions  stationnaire-lnstatlonnalre . 

Contrairement  &  ce  que  p revolt  la  th^orie  llnea- 
ris^e,  11  exlste  une  interaction  non  neglige able 
des  caract4ristiques  moyennes  de  l'^couleroent 
sur  ses  caract^ristiques  Instationnalres.  Cette 
Interaction  est  bien  illustree  par  l'effet  du 
braquage  moyen  de  la  gouveme  sur  les  pressions 
instationnalres  (fig.  8  et  9),  Lorsque  le 
braquage  moyen  de  la  gouveme  augmente, 
accroissant  ainsl  la  charge  moyenne  sur  l'alle 
et  sur  la  gouveme,  les  modules  des  pressions 


instationnalres  diminuent,  et  les  phases 
evoluent  legerement  dans  le  sens  d'une  avanee 
de  phase.  Cependant  une  forte  augmentation  des 
pressions  instationnalres  au  bord  de  fuite 
apparalt  lorsque  le  volet  oscllle  de  plus  en  plus 
pres  du  decollement  (6m  =  2,5  dans  le  cas 
present).  En  regime  supercritique  (fig. 9),  on 
observe  en  plus  une  translation  du  pic  de  la 
courbe  des  modules  et  du  saut  de  la  courbe  des 
phases  correspondent  au  deplacement  de  la  posi¬ 
tion  moyenne  du  choc. 


Fig.  8  -  Influence  du  braquage  moyen  6 m  sur  les  pressions 
instationnalres 


Fig.  9  -  Influence  du  braquage  moyen  hm  sur  les  pressions 
instationnalres. 
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3  -  CQMPARAISQNS  ENTRE  RESULTATS  EXPERIMENTAUX 
ET  RESULTATS  DE  CALCUL  - 

3.1  -  Presentation  des  methodes  de  calcul  - 

Chacime  des  methodes  de  calcul  utilisees 
sera  brievement  presentee.  Pour  plus  de 
details,  on  se  reportera  aux  ouv rages  cites 
en  reference. 

a)  Methodes  basees  sur  l'hypothese  des  ecoule- 
ments  potentiels 

-  Ecoulements  stationnaires  : 

Les  programmes  dont  on  dispose  utilisent  la 
methode  de  G-ARABEDIAN  et  KORN  pour  prevoir  les 
dcoulements  stationnaires  de  fluide  parfait  en 
regime  supercritique.  Les  effets  visqueux  oont 
pris  en  compte  en  faisant  un  couplage  avec  un 
calcul  de  couche  limit e,  la  technique  de 
couplage  consist ant  a  calculer  1* ecoulement  de 
fluide  parfait  autour  du  profil  engraisse  de 
l'epaisseur  de  deplacement  de  la  couche  limite 

[2,  3]. 

-  Ecoulements  instationnaires  de  fluide  parfait. 
regime  subcritique  : 

Pour  traiter  les  ecoulements  instationnaires  dans 
tout  le  domaine  subcritique,  on  peut  utiliser  la 
theorie  linearisee  de  la  plaque  plane.  Cette 
methode,  cm  imminent  utilisee  pour  les  calculs 
de  structures  a  l'ONERA,  est  une  methode  de 
doublets  [4]  :  le  profil  est  assimile  a  une  ligne 
sans  epaisseur  ni  cambrure  et  decompose  en  une 
vingtaine  d'elements  comportant  chaeun  un  doublet 
de  potentiel  d' acceleration  au  l/4  avant.  Les  condi¬ 
tions  de  tangence  de  l'ecoulement  sont  appliquees 
au  1/4  arriere  de  chaque  element.  Cette  methode 
est  tout  de  m8me  d'un  emploi  limite,  car  elle  ne 
tient  pas  compte  de  l1 influence  de  l'ecoulement 
moyen  sur  la  reponse  instationnaire,  non  negli- 
geable  dans  les  configurations  fortement  chargees. 


realists  sur  un  profil  de  16  $  comportunt  des 
nones  .upersoniq ues  parfoio  rtonduc.  pour  un  J  ' 
nombre  de  Mach  a  1' inf ini  araont  de  l'ordre  de 
0,77  a  0,75,  et  il  est  asscz  difficile  de  savoir 
quexs  termes  peuvent  Stre  negliges  dans  1' equation 
du  potentiel. 

Pour  evaluer  l'erreur  due  a  l'hypothese  des 
petites  perturbations  transsoniques,  on  se 
roferera  a  une  methode  de  calcul  d 1 e coulements 
instationnaires  de  fluide  parfait  resolvant  les 
equations  d'Euler  [9].  Cette  methode  perraet  de 
calculer, pour  un  profil  d'epaisseur  quelconque, 
des  ecoulements  supereritiques  sans  restrictions 
sur  l'intensite  et  le  mouvement  des  chocs. 
L'ecoulement  de  fluide  parfait  autour  d'un  profil 
muni  d'un  volet  oscillant  est  calcule  en  resol- 
vant  les  equations  d'Euler  completes,  sous  la 
forme  de  lois  de  conservation  integrales,  par  la 
methode  des  "volumes  finis"  generalisee  en  mail- 
lage  mobile.  La  methode  est  conservative,  en  ce 
sens  que  dans  un  bilan  numerique  de  masse,  de 
quantite  de  mouvement  ou  d'energie  sur  un  domaine 
constitue  de  cellules,  les  contributions  des 
flux  interieurs  intervenant  dans  le  schema  nume¬ 
rique  s'annulent  deux  a  deux.  La  condition  de 
glissement  est  imposee  sur  le  volet  oscillant 
dans  sa  position  exacte  au  cours  du  temps. 

L'  inconvenient  majeur  de  oette  demiere  methode 
qui  est  de  type  explicite  dans  sa  formulation 
actuelle  est  1' importance  des  temps  de  calcul 
requis . 

Cette  methode  a  ete  testee  et  mise  au  point  sur 
un  profil  NACA  0012  avec  gouverne  oscillante 
[9],  mais  seuls  deux  calculs  en  ecoulement 
stationnaire  avec  le  profil  RA  16  SCI  ont  pu 
gtre  effectues  a  temps  pour  figurer  dans  cet 
article.  Les  calculs  en  ecoulement  instationnai¬ 
re  sont  en  cours. 

c)  Prise  en  compte  des  effets  visqueux 
instationnaires  : 


Pour  representer  1* influence  de  l'ecoulement 
moyen  sur  la  reponse  instationnaire  aux  basses 
vitesses,  on  dispose  d'un  programme  de  calcul  en 
ecoulement  instationnaire  incompressible  develop- 
pe  par  la  Societe  BERTIN  [5]  et  base  sur  la 
methode  de  GIESING  [6].  Le  profil  est  represente 
par  des  sources  et  des  puits  3ur  son  contour  et 
des  tourbillons  stir  la  ligne  moyenne.  Le  sillage 
est  constitue  de  tourbillons  libres  emis  a  chaque 
pas  de  temps  pour  conserver  la  circulation  totale 
de  l’ecoulement.  Cette  methode  tient  compte  do  la 
forme  et  du  mouvement  exacts  du  profil,ainsi  quo  de 
la  deformation  du  sillage  tourbillonnaire . 

-  Ecoulements  instationnaires  de  fluide  parfait, 
regime  supercritique  : 

Pour  traiter  les  ecoulements  instationnaires  en 
regime  supercritique,  on  utilise  actuellement  un 
programme  de  calcul  re sol van t  par  une  methode  de 
differences  finies  1 'equation  du  potentiel  des 
vitesses  avec  1’ approximation  des  petites  pertur¬ 
bations  pour  des  ecoulements  transsoniques  bidi- 
mensionnels  instationnaires.  Ce  programme  initia- 
lement  developpe  pour  l’etude  des  ecoulements 
sur  pales  d ’helicoptere  par  F.X .CARADONNA  [7] 
a  ete  adapte  au  cas  du  volet  oscillant  par 
J.J  THIBERT  de  l’ONERA.  II  existe  egalement  une 
autre  methode  de  petites  perturbations  trans¬ 
soniques  en  cours  de  developpement  a  la  direction 
de  Resistance  des  Structures  de  l’ONERA  [83  et 
qui  a  l’avantage  de  necessiter  un  temps  de  calcul 
inferieur  a  celui  du  programme  CARADONNA. 

b)  Resolution  des  equations  d'Euler 


A fin  de  tenir  compte  des  effets  visqueux  insta¬ 
tionnaires,  on  a  effectue  le  couplage  d’une 
methode  de  calcul  en  fluide  parfait  avec  un 
programme  de  calcul  de  couche  limite  turbulente 
instationnaire,  a  la  fois  en  ecoulement  incom¬ 
pressible  avec  le  programme  BERTIN,  et  en  ecoule¬ 
ment  transsonique  avec  le  programme  CARADONNA. 

Tous  les  resultats  presentes  ici  ont  ete  obtenus 
avec  une  methode  integrale  de  calcul  de  couche 
limite  turbulente  en  ecoulement  compressible 
instationnaire  developpee  au  CERT  [10].  Cette 
methode  utilise  l’equation  de  Karman  (conserva¬ 
tion  des  quantites  de  mouvement)  et  l’equation 
d’entrainement  etablies  en  ecoulement  instation¬ 
naire,  les  relations  supplemental res  necessaires 
pour  resoudre  le  systeme  d’ equations  etant  les 
memes  que  celles  utilisees  en  ecoulement  station¬ 
naire  . 


Que  ce  soit  en  ecoulement  incompressible  ou  en 
ecoulement  transsonique,  la  methode  de  couplage 
eonsiste  a  fairc  le  calcul  de  fluide  parfait 
avec  une  modification  des  conditions  aux  limites 
sur  le  profil  pour  tenir  compte  du  developpement 
de  la  couche  limite.  Concretement,  cela  se 
traduit  par  un  debit  de  fluide  a  t ravers  la 
paroi  caraoterise  par  une  vitesse  normale  *0*  dans 
le  programme  BERTIN,  e^  par  une  modification  des 
pent.es  locales  du  profil  de  la  quart  ite  Wu)p 
dans  le  programme  1  «RAD0NNA .  Ve  )  sont 

donnes  par  la  relation  :  u  ^ 


-  fv:)  -  -J_  A 

AAe  W  /p  &  “t  dx  V 

ou  est,  l'epaisseur  de  displacement,  la 
vitesse  tangentielle  de  l'ecoulement  de  fluide 


I  J 


L'hypothese  des  petites  perturbations  est  peu 


parfait  et  g*  la  masse  volumique . 


Cette  relation  est  identique  a  celle  donnee  par 
J.C.  LE  BALLEUR  pour  des  ecoulements  station- 
naires  [ll]  :  en  effet,  la  relation  de  couplage 
a  la  paroi  fait  apparaitre  comme  seul  tenne 


instationnaire 


qui  a  etd  ndglige  m§me  en  .compressible . 


S"°e 


-(8Vd* 


A  chaque  pas  de  temps,  on  effectue  deux  ou  trois 
iterations  fluide  parfait  -  couche  limite,  avec 
eventuellement  l'utilisation  d'une  methode  de 
relaxation. 


Les  prinoipaux  problemes  rencontres  lors  du 
couplage  sont  essentiellement  lies  a  1' apparition 
des  decollements  au  bord  de  fuite,  a  la  chamiere 
et  a  la  presence  de  chocs  d'intensite  non  negli- 
geable.  Les  interactions  onde  de  choc-eouche 
limite  et  les  decollements  sont  traites  de  faqon 
simplifiee,  et  il  est  bien  evident  que  la 
technique  de  couplage  n'est  utilisable  que  dans 
le  cas  d1 interaction  onde  de  choc-couche  limite 
faible  et  de  zones  decollees  peu  etendues. 

3.2  -  Comparaisons  en  ecoulement  statlonnaire ■ 

Les  figures  10  et  11  correspondent  a  deux 
braquages  de  la  gouverne.  Pour  chaque  braquage, 
on  a  porte  les  pressions  stationnaires  mesurees 
en  veine  guidee  a  Moo=  0,73  et  les  calculs 
effectues  en  fluide  parfait  avec  la  methode  poten- 
tielle  et  avec  les  equations  d'Euler.  Ces 
calculs  ont  ete  effectues  au  nombre  de  Mach  et  a 


VEINE  GUID£E  M„  =  0,728 


Fig.  10  -  Comparaison  calcul  -experience  en  ecoulement 
transsonique  statlonnaire. 


VEINE  GUIDEE  M.  =0,729 


1' incidence  corriges  des  effets  de  paroi,  ces 
corrections  etant  relativement  bien  connues  en 
veine  guidde.  Les  deux  mdthodes  de  calcul  donnent 
des  resultats  assez  semblables,  avec  un  choc 
beaucoup  plus  en  aval  que  dans  1' experience  a 
l'extrados'.  Le  choc  calcule  par  les  equations 
d'Euler  est  toutefois  un  peu  plus  en  aval  que 
celui  calculd  par  la  methode  potentielle. 

Des  resultats  portes  sur  les  figures  10  et  11 
on  a  tire  les  valeurs  quasi-stationnaires 
experimentales  et  theoriques  des  coefficients 
de  pression  instationnaire  :  ces  valeurs 
correspondent  a  une  oscillation  de  la  gou- 
veme  a  frequence  nulle  avec  une  amplitude 
de  +  0,59“  autour  du  braquage  moyen 
Sm  =-  1,C 7“  (fig.  12).  Elies  sont  obtenues 
de  la  faqon  suivante  : 

c  _Kp(S<)-Kp(8J  _  Kp(-o,^b‘)-KpC-W) 

P<,S"  (8<-8x)rad.  "  8‘yi/^o 

PRESSIONS 


Fig.  II  -  Comparaison  calcul  -experience  en  ecoulement 
transsonique  statlonnaire. 


Fig.  12  -  Comparaison  calcul  -experience  sur  les  valeurs 
quasi-stationnaires  en  transsonique. 

Le  pic  dfl  au  emplacement  du  choc  est  toujours 
beaucoup  plus  en  aval  dans  les  theories  en  fluide 
parfait  que  dans  1' experience,  celui  donnd  par 
les  equations  d'Euler  etant  legbrement  plus  en 
aval  que  celui  donnd  par  la  theorie  potentielle. 
Les  deux  theories  donnent  des  resultats  trfes 
voisins  en  amont  du  choc,  par  contre  elles  se 
differencient  nettement  en  aval  du  choc  et  sur  le 
volet. 

Sur  les  figures  13  h  15,  qui  correspondent  A  trois 
braquages  de  la  gouverne,  on  a  porte  les 
pressions  stationnaires  experimentales  avec  celles 
calcuiees  par  la  theorie  potentielle  avec  et 
sans  couche  limite  [2,  3]. 
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L'accord  entre  l'experience  et  la  theorie  aveo 
couche  limite  est  relativement  bon,  sauf  peut 
etre  immediatement  en  aval  du  choc,  oil  la 
theorie  indique  souvent  une  reacceleration 
qu'on  ne  retrouve  pas  experimentalement,  et  sur 
l'extrados  du  volet,  oil  le  calcul  s'ecarte 
notableraent  de  l'experience. 

Pour  expliquer  oes  ecarts,  il  faut  noter 
que  1' interaction  onde  de  choc  couche  limite 
est  traitee  de  faqon  simplifies  dans  le 
calcul,  et  qu'il  existe  peut  etre  un  effet 
de  soufflage  a  travers  la  fente  entre  l'aile 
et  la  gouveme  dont  le  calcul  ne  peut  tenir 
compte.  De  plus,  dans  les  trois  configura¬ 
tions  choisies,  le  calcul  n'a  pas  toujours 
tres  bien  converge  et  a  presque  toujours 
indique  un  decollement  sur  la  gouveme,  ce 
qui  limite  la  validite  des  resultats. 

On  a  egalement  compare  les  valeurs  quasi-station- 
naires  experimentales  avec  les  valeurs  donnees 
par  la  thdorie  potentielle  avec  et  sans  couche 
limite  (fig.  16)  dans  le  m£me  cas  que  celui  de 
la  figure  12. 

On  note  une  certaine  dispersion  des  valeurs 
experimentales  quasi-stationnaires  d'intra- 
dos,  car  elles  sont  obtenues  par  differences 
de  Kp  qui  ont  des  valeurs  tres  voisines. 

La  figure  16  montre  l'intergt  du  calcul  avec 
couche  limite,  en  particulier  pour  positionner 
correctement  le  pic  dll  au  deplacement  du  choc. 
Mais  la  partie  en  aval  du  choc  d'extrados, 
notamment  sur  le  volet,  est  encore  assez  mal  • 
prevue  par  la  theorie  avec  couche  limite.  II 
est  done  Indispensable  d'ameliorer  le  tralte- 
ment  de  1’ interaction  onde  de  choo-couche 
limite  et  des  decollements . 


Fig.  16  -  Comparaison  calcul  -experience  sur  les  valeurs 
quasi-stationnaires  en  transsonique. 
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3.3  -  Comparaisons  en  ecoulement  lnstationnaire . 

3.3.1  -  Domaine  subcritique. 

Aux  faibles  nombres  de  Mach,  la  theorie  linearisee 
prevoit  assez  bien  1' evolution  en  corde  des 
pressions  instationnaires  (fig. 17),  mais  elle  ne 
differencie  pas  l'extrados  de  l'intrados  car  elle 
ne  tient  aucun  compte  des  effets  de  1' ecoulement 
moyen  sur  l'eeoulement  lnstationnaire,  aussi  son 
emploi  est-il  limite  aux  configurations  faible- 
ment  chargees  Dans  ce  cas,  elle  bendficie  d'une 
heureuse  compensation  entre  les  effets  d'epais- 
seur  et  de  cambrure  d'une  part  et  ceux  de  la 
viscosite  d' autre  part,  effets  qui  Jouent  deja 
en  sens  contraire  en  quasi-stationnaire  [l2]. 


Fig.  17  -  Comparaison  des  pressions  instationnaires 

experimentales  avec  la  theorie  linearisee  subsonique. 


On  remarquera  que  cette  theorie  lineaire  donne 
des  pressions  instationnaires  infinies  au  bord 
d'attaque  et  a  la  chamiere. 

Sur  la  figure  18,  l'un  des  cas  experlmentaux 
presente  avec  la  theorie  linear! see  sur  la 
figure  17  est  compare  avec  les  resultats  du 
programme  de  calcul  en  fluide  parfait  incompres¬ 
sible  de  la  Societe  BERTIN,  avec  et  sans  couplage 
avec  un  calcul’  de  couche  limite  instationnaire 
turbulente,  Le  programme  de  calcul  en  fluide 
parfait  donne  des  modules  de  pression  instation¬ 
naire  plus  forts  que  la  theorie  linearisee 
(voir  fig. 17),  mais  il  differencie  bien  l'extra- 
dos  et  l'intrados  et  donne  une  meilleure  repre¬ 
sentation  qualitative  du  phenomene  instationnaire 
notamment  au  voisinage  du  bord  d'attaque  et  de 
la  chamiere.  Le  gain  apporte  par  le  couplage 
avee  le  calcul  de  couche  limite  est  appreciable  : 
l'ecart  sur  les  modules  des  pressions  instation¬ 
naire  entre  le  calcul  en  fluide  parfait  et  1' ex¬ 
perience  se  trouve  reduit  de  plus  de  50  %. 


Fig.  18  -  Comparaison  calcul  -experience  :  mise  en  evidence 
des  effets  de  viscosite  en  ecoulement  instationnaire. 


Les  phases  sont  pratiquement  in change es  par  le 
couplage,  sauf  au  voisinage  du  bord  de  fuite. 

L1  int£r@t  du  couplage  apparatt  encore 
davantage  sur  la  figure  19  qui  repre sente  un  cas 
de  forte  interaction  visqueuse,  avec  un  braquage 
moyen  du  volet  de  5°  '•  en  effet,  lorsque  le  volet 
est  braqu4  de  5°  en  stati mnaire ,  un  d^collement 
apparalt  au  bord  de  fuite  extrados,  vers 
X/«=  0,95.  Le  calcul  instationnaire  en  fluide 


sens  d'une  avance.  Le  calcul  couple  represente 
assez  bien  l' evolution  des  pressions  instation- 
naires  le  long  de  la  corde  jusqu'a  X/c  =  0,9 
environ  :  on  observe  a  1 'extrados  une  tres  forte 
avance  de  phase  derriere  la  chamiere  et  une 
augmentation  des  modules  des  pressions  instation¬ 
naires  vers  le  bord  de  fuite.  Cependant  les  dix 
demiers  pour  cent  de  la  corde  ne  sont  pas 
reslistes  en  raison  du  traitement  simplifie  de  la 
zor.a  deeollee.  Cela  entraine  une  imprecision  des 
valeurs  quantitatives  des  modules  et  phases  des 
pressions  instationnaires  sur  1' ensemble  du 
profil.  Le  programme  couple  fonctionne  done  ici 
a  la  limite  de  ses  possibilites. 

M»=0.3  -**0*  6»*5*  K. 0.167 
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Fig.  19  -  Comparaison  calcul  -experience  :  mise  en  evidence 
des  effets  de  viscosite  en  ecoulement  instationnaire. 


I  parfait  fournit  des  resultats  trfes  diff^rents  de 

;  caux  obtenus  exp^rimentalement .  Le  couplage  avec  Si  l'on  considere  l'intensite  des  pressions  ins- 

le  calcul  de  couche  limite  reduit  de  prfes  de  tationnaires  entre  le  bord  d'attaoue  et  la 

j  70ft  l'ecart  sur  les  modules  des  pressions  insta-  chamiere  par  exemple  (fig. 17  et  18),  le  calcul 

Jtk  t&snDalrss  at  fait  Ivoluer  las  phases  dsns  Is  non  lineaire  coupli  avec  la  couche  limite  peut 
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paraltre  decevant  en  regard  de  la  theorie  linea¬ 
risee  qui  donne  un  resultat  a  peu  pres  equivalent, 
puisqu'elle  beneficie  d'une  compensation  d'erreur 
entre  les  effets  d'epaisseur  et  de  cambrure 
d'une  part,  les  effets  visqueux  d' autre  part. 

Cependant,  en  supprimant  les  inflnis  du  bord 
d'attaque  et  de  la  chamiere,  en  dormant  des 
resultats  blen  meilleurs  que  ceux  de  la  theorle 
linearisee  sur  le  volet  et  en  etant  tres  sensible 
aux  parametres  de  l'ecoulement  moyen, le  calcul 
non  lineaire  couple  donne  des  resultats  beaucoup 
plus  interessants  du  point  de  vue  des  coef¬ 
ficients  globaux.  C'est  ee  que  montrent  les 
figures  20  a  22  : 

-  la  figure  20  montre  d'abord  1' evolution  des 
trois  coefficients  instationnaires  (portance, 
moment  de  tangage  a  25#  et  moment  de  chamiere) 
en  fonction  de  la  frequence  reduite  a  Mod  =  0,3 
dans  des  configurations  ou  le  braquage  moyen  de 
la  gouveme  est  nul.  Les  resultats  experimentaux 
sont  portes  avec  ceux  de  la  theorle  linearisee 
et  du  programme  EERTIN  avec  et  sans  couche  limite. 

Le  progranme  couple  donne  de  meilleurs 
resultats  que  la  theorie  linearisee,  mais  il  ne 
donne  pas  satisfaction  pour  la  phase  du  moment 
de  chamiere .  II  faut  toutefois  remarquer  que  la 

M.=0.3  az0  6m  =0  6i  =  1 c 
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determination  experimentale  du  moment  de  char- 
niere  instationnaire  manque  de  precision  du 
fai-  du  nombre  limite  de  capteurs  de  pression 
sur  le  volet  (10  en  tout),  le  plus  en  aval 
etant  situe  a  x/c=  0,95  seulement.  D'autre  part, 
il  peut  exister  un  soufflage  entre  l'aile  et  la 
gouveme  que  la  theorie  ne  prend  pas  en  compte . 

-  L'interet  d'utiliser  le  programme  couple 
apparait  davantage  encore  sur  la  figure  21  qui 
montre  1 'evolution  des  trois  memes  coefficients 
globaux  instationnaires  en  fonction  du  braquage 
moyen  de  la  gouveme  pour  une  frequence  reduite 
donnee  a  Mcd  =  0,3.  Les  coefficients  donnes  par 
la  theorie  linearisee  sont  constants,  puisque 
par  hypo these  l'ecoulement  instationnaire  ne 
depend  pas  de  l'ecoulement  moyen.  Les  coefficients 
donnes  par  le  programme  BERUN  en  flulde  parfait 
varient  tres  faiblement  lorsque  le  braquage 
moyen  de  la  gouveme  varie  de  -10°  a  +  10°.  Par 
contre  les  coefficients  de  portance  et  de  moment 
de  tangage  instationnaires  donnes  par  le  pro¬ 
gramme  couple  sont  assez  proches  des  coefficients 
experimentaux  et  evoluent  de  la  memo  faqon  avec 
le  braquage  moyen  :  le  module  decrolt  de  plus  en 
plus  vite  lorsque  la  charge  moyenne  de  l'aile 
augmente  et  la  phase  evolue  dans  le  sens  d'une 
avance  lorsqu'on  approche  des  configurations  ou 
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Fig.  20  -  Coefficients  de 
portance ,  de  moment  de 
tangage  et  de  moment  de 
chamiere  instationnaires  : 
influence  de  la  frequence 
reduite,  comparaison 
calculs-experiences. 


30  . 

I  0  .  / 

0  ^ 
_I0  . 

_20 . 


M„=0,3  cX,0°  6^  =  1”  K=0.167 


Fig.  21  -  Coefficients  de 
portance,  de  moment  de 
tangage  et  de  moment  de 
chamiere  instationnaires  : 
influence  du  braquage 
moyen. 
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apparaissent  des  decollements .  On  remarquera  par 
ailleurs  que  Xe  caloul  couple  ne  donne  des  phases 
differentes  du  calcul  en  fluide  parfait  qu'a 
l'approche  des  configurations  decollees,  vers 
Sm  =  5°.Le  calcul  couple  n'a  pas  ete  poursuivi 
au-dela  de  8m  -  5°en  raison  de  1 '  importance  des 
zones  decollees.  On  peut  done  conclure  que  le 
phenomena  de  dependance  du  braquage  moyen  qui 
affecte  les  performances  instationnaires  des 
gouvemes  est  essentiellement  d’origine  visqueuse. 

M„=0.3  our*  6<  =  1*  KcO.167 
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La  theorie  linearisee  etant  incapable  de  pr^volr 
1' existence  des  chocs,  seules  les  comparaisons 
avec  le  programme  de  petites  perturbations  |C^- 

transsoniques  de  CARADONNA  seront  considerees. 

En  regime  supercritique,  la  position  des  chocs 
est  un  point  crucial,  et  elle  est  fortement 
influencee  par  les  effets  de  paroi.  C'est  pourqud. 
les  calculs  ont  ete  effectues  a  incidence  et 
nombre  de  Mach  corriges  de  1'effet  de  paroi  sta- 
tionnaire,  le  seul  qui  puisse  etre  valablement 
estime  actuellement .  En  veine  guidee,  cet  effet 
de  paroi  est  assimilable  a  une  correction  de 
nombre  de  Mach  et  a  pu  etre  estime  correctement 
comme  on  a  pu  le  voir  avec  les  calculs  station- 
naires  (fig.  13  a  16).  En  veine  permeable,  l'ef- 
fet  de  paroi  a  ete  estime  empiriquement  et  assi- 
mile  a  une  correction  d' incidence  proportionnelle 
au  coefficient  de  portance  moyen  pour  un  nombre 


En  ce  qui  conceme  le  moment  de  chamiere,  le 
calcul  couple  montre  une  evolution  en  fonction 
du  braquage  moyen  plus  importante  que  le  calcul 
en  fluide  parfait,  mais  les  valeurs  theoriques 
s'eloignent  de  plus  en  plus  des  valeurs  experi- 
mentales  pour  les  grands  braquages,  ce  qui  peut 
s'expliquer  par  les  raisons  deja  citees  precedem- 
ment . 


En  dehors  de  cette  imprecision  sur  le  moment  de 
chamiere,  le  programme  couple  offre  done  de 
multiples  avantages,  aussi  bien  du  point  de  vue 
de  la  prevision  des  coefficients  instationnaires 
que  de  celle  des  valeurs  moyennes,  comme  le 
montre  la  figure  22  ou  l'on  a  trace  les  valeurs 
moyennes  du  coefficient  de  portance  en  fonction 
du  braquage  moyen  de  la  gouveme . 

Pour  tenter  d'expliquer  les  ecarts  constates 
entre  les  resultats  experimentaux  et  ceux  du 
programme  couple,  il  faut  rappeler  que  la  couche 
limite  a  ete  supposee  entierement  turbulente  a 
partir  d'un  point  situe  arbitral remen t  vers  8% 
du  bord  d'attaque.  De  plus  les  resultats  d'essais 
n'ont  pas  ete  corriges  des  effets  de  paroi. 

3.3.2  -  Subsonique  e leve  et  domaine  super- 


Fig.  23  -  Comparaison  des  pressions  instationnaires 
exp&imentales  avec  la  theorie  des  petites  per¬ 
turbations  transsoniques  et  mise  en  Evidence 
des  effets  visqueux. 


La  figure  23  montre  la  repartition  de  portance 
locale  instationnaire  ACp  s  Cfinta.  "  CptxT^, 
le  long  de  la  conde,  en  module  et  phase,  en 
veine  permeable  a  Moo  =  0,6,  nombre  de  Mach  a 
partir  duquel  apparaissent  les  premiers  points 
soniques  au  bord  d’attaque  extrados  en  ecoulement 
stationnaire .  Dans  ce  cas,  la  methode  des  petites 


critique . 


perturbations  transsoniques  couplee  avec  le  cal- 
eul  de  couche  limite  donne  de  tr£s  bons  r^sultats, 
le  couplage  ayant  pour  effet  de  diminuer  les 
modules  (corrne  en  bas  subsonique)  mais  d'accen- 
tuer  le  retard  de  phase,  pour  une  configuration 
moyennement  chargee  (Cz  moyen  3:  0,3 ) . 

Les  figures  24  et  25  presentent  les  evolutions 
en  corde  des  pressions  instationnaires  d'extra- 
dos  a  deux  autres  nombres  de  Mach  pour  lesquels 
on  observe  un  choc,  a  la  meme  frequence  reduite 
et  dans  la  meme  configuration  de  veine  qu'a 
Moo  =  0,6.  La  figure  26  presente  un  cas  en  veine 
guidee . 

Dans  1' ensemble,  le  calcul  en  fluide  parfait  par 
la  methode  des  petites  perturbations  transsoniques 
prevoit  assez  bien  1' allure  des  phenomenes  expe- 
rimentaux  avec  des  pics  sur  la  courbe  des  modules 
et  des  sauts  de  phase  plus  ou  moins  accentues 
lies  au  deplacement  du  choc.  Ces  singularites  sont 
situees  plus  en  aval  que  dans  1 'experience,  mais 
elles  se  placent  beaucoup  mieux  et  l'ordre  de 
grandeur  des  modules  des  pressions  instationnaires 
est  plus  correct  lorsque  l'on  tient  compte  de  la 
couche  limite . 

Mais  lorsque  le  choc  vient  a  moins  de  30#  du  bord 
d'attaque,  soit  par  le  calcul  en  fluide  parfait 
(fig. 24),  soit  du  fait  de  la  couche  limite 
(fig .24,  25),  il  perd  son  caractere  de  singula¬ 
rity  et  donne  lieu  a  un  maximum  peu  important 
sur  les  modules.  Ceci  est  peut  etre  attribuable 
au  fait  que  la  methode  de  petites  perturbations 
manque  de  precision  au  bord  d'attaque,  surtout 
pour  un  profil  de  16#. 
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Fig.  25  -  Comparaison  des  pressions  instationnaires  experi- 
mentaies  avec  la  theorie  des  petites  perturbations  trans¬ 
soniques  et  wise  en  evidence  des  effets  visqueux. 
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Fig.  24  -  Comparaison  des  pressions  instationnaires  exptri-  1 

mentaies  avec  la  tbiorte  des  petites  perturbations  Irons-  Fig.  26  -  Comparaison  des  pressions  instationnaires  expiri- 


soniques  et  mise  en  Evidence  des  effets  visqueux. 


mentaies  avec  la  theorie  des  petites  perturbations  trans¬ 
soniques  et  mise  en  Evidence  des  effets  visqueux. 


Pour  le  cas  en  veine  guidee  (fig. 26)  a  an  norabre 
de  Mach  et  une  frequence  reduite  deja  importants, 
bien  que  la  correction  du  nombre  de  Mach  ait  ete 
estimee  de  faqon  satisfaisante  d'apres  les  cal- 
culs  effectues  en  eeoulement  stationnaire 
(fig. 13  a  16),  les  calculs  couples  actuels  font 
un  peu  trop  avancer  le  choc,  1'ordre  de  grandeur 
des  pressions  instationnaires  restant  correct. En 
ce  qui  conceme  la  phase,  le  fluide  parfait 
dormant  deja  dans  ce  cas  un  retard  insuffisant 
du  bord  d'attaque,  la  couche  limite  accentue  cet 
ecart  en  diminuant  la  taille  de  la  zone  super- 
sonique,  source  de  retard.  A  l'aval  du  choc,  la 
couche  limite  agit  comme  a  Moo  =  0,6  en  appor- 
tant  un  retard  de  phase  assez  important. 

La  figure  27  recapitule  pour  quelques  cas  la 
valeur  moyenne,  1' amplitude  de  variation  et  la 
phase  de  la  portance  experimentale  et  theorique 
avec  et  sans  couche  limite . 

_ A _ FLUIDE  PARFAIT 
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mouvement  de  gouveme  depend  forteraent  des  condi¬ 
tions  d'ecoulement  moyen  sur  l'ensemble  profil  et 
gouveme.  II  semble  que  ce  phenomene  soit  dfi  en 
grande  partie  a  la  viscosite.  L'emploi  des 
theories  linearisees  pour  prevoir  les  reponses  '  * 
aerodynamiques  instationnaires  est  done  en  fait 
tres  limite,  et  il  est  necessaire  de  recourir  a 
des  methodes  de  fluide  parfait  non  lineaires  qui 
devront  §tre  couplees  avec  un  calcul  de  couche 
limite. 


A  cet  egard,  les  resultats  des  premieres  tenta- 
tives  de  couplage  sont  encourageants.  Cependant 
il  est  necessaire  de  pouvoir  disposer  d'une 
methode  de  fluide  parfait  aussi  precise  que  pos¬ 
sible,  sans  oublier  le  compromis  entre  precision 
desiree  et  rapid! te  du  calcul.  D' autre  part  il 
reste  des  progres  a  faire  dans  les  techniques  de 
couplage,  notanment  en  ce  qui  conceme  le  traite- 
ment  des  zones  decollees  et  des  interactions 
onde  de  choc-couche  limite .  Il  faudra  enfin 
s'ef forcer  de  prendre  en  compte  soit  experimen- 
talement  soit  par  le  calcul  les  effets  de 
paroi  instationnaires . 


-  -0-  -  EXPERIENCE  VEINE  permeable 


Fig.  27  -  Comparaison  calculs-expirience  sur  lo  valeur 
moyenne,  /’ amplitude  de  variation  et  la  phase  de  la 
portance  en  tronssonique  :  mise  en  Evidence  des  effets 
visqueux. 


REESRENCES 

[1]  R.GRENON,  J.THERS  - 

Etude  d'un  profil  supercritique  avec 
gouveme  osclllar.te  en  eeoulement  sub- 
sonique  et  transsonique 
AGARD  CP  22? 

t2]  BAVITZ  - 

An  Analysis  method  for  two-dimensional  tran¬ 
sonic  viscous  flow. 

NASA  TN/D  7718 

t3]  J.BOUSQUET  - 

Calculs  bidimensionnels  transsoniques  avec 
couche  limite.  lleme  Colloque  AAAP  1°/Jk 

[A]  E.  AIBANO,  W.P.  RODDEN  - 

A  doublet  lattice  method  for  calculating 
lift  distributions  on  oscillating  surfaces  in 
subsonic  flow. 

AIAA  Journal  vol.  7  n*  2  (1969) . 

[5]  N.BAUDU,  TH.  LE  - 

Etude  du  comportement  aerodynamique  d'un 
profil  avec  gouveme  oscillante. 

R.S.F.  BERTIN  Note  75  CC  06  (1975). 

[6]  J.P.  GIESING  - 

Non  linear  two  dimensional  Unsteady  potential 
flow  with  lift. 

Journal  of  Aircraft,  vol.  5  n°  2  (1968). 

t7)  F.X.  CARADONNA  (USA  AMRDI),  J .J .PHILIPPE  (ONERA ) 
The  flow  over  a  helicopter  blade  tip  in 
the  transonic  regime . 

ONERA  TP  1976-115. 


C8]  M.C0UST0N,  J.J.ANGEUNI  - 

Solution  of  Nonsteady  Two-dimensional 
Transonic  small  disturbances  Potential  Flow 
Equation . 

ONERA  T.P  1978-69  Communication  prdsentee 
au  Symposium  sur  la  Dynamique  des  Fluides 
Instationnaires  organise  par  l'ASME, 
San-Francisco,  10-15  Ddcembre  1978. 


A  -  CONCLUSION  - 

Cette  dtude  montre  que  dans  beaucoup  de  cas, 
la  rdponae  aerodynamique  instatlonnalne  due  A  un 


[9]  A.  LEHAT,  J.  SIDES  - 

Simulation  num^rique  d'ecoulements  transso— 
niques  A  l'aide  des  equations  d' Euler  sous 
forme  integrale. 

ONERA  -  T.P.  1979-10,  Communication  presen¬ 
tee  a  la  21 e  Conference  Annuelle  sur 
l'Aviation  et  l'Astronautique,  Tel-Aviv  et 
Haifa  (ISRAEL),  28  fevrier  —  ler  mars  1979* 

[10]  J.COUSTEIX,  R.HOUDEVILIE,  A.DESOPPER  - 
Resultats  experimentaux  et  methodes  de 
calcul  relatifs  aux  couches  limites  tur- 
bulentes  en  eeoulement  instationnaire. 

agard  cp  227  (1977) 


[ll]  J.C.  LE  BALLEUR  - 

Couplage  visqueux  -  non  visqueux  :  analyse 
du  probleme  incluant  ddcollements  et  ondes 
de  choc. 

La  Recherche  Aerospatiale  1977  n°  6 
(Novembre  -  Decembre) . 


[12]  H .  TI JDEMAN,  R .  DESTUYNDER  - 

Comments  on  transonic  and  Wing  Store 
Unsteady  aerodynamics  : 

High  subsonic  and  transonic  effects  in 
Unsteady  aerodynamics,  by  H.TI JDEMAN 
AGARD  Report  636 


AERODYNAMIC  CHARACTERISTICS  OP  MOVING  TRAILING-EDGE  CONTROLS 
AT  SUBSONIC  AND  TRANSONIC  SPEEDS 


by 

D  G  Mabey  ,  D  M  McOwat  and  B  L  Welsh 
Structures  Department,  Royal  Aircraft  Establishment,  Bedford,  UK 


3.0 


SUMMARY 

This  paper  compares  oscillatory  pressures  calculated  and  measured  at  high  subsonic 
speeds  for  a  swept  back  wing  of  aspect  ratio  6  with  a  part-span  trailing-edge  flap.  The 
flap  was  driven  at  frequencies  of  1  Hz  (quasi-steady)  and  90  Hz  at  Mach  numbers  from 
0.40  to  0.95  with  both  fixed  and  free  transition  over  a  range  of  Reynolds  numbers  from 
106  to  4  x  106. 

The  me a.  ured  oscillatory  pressures  depend  strongly  on  the  boundary-layer  displacement 
thickness  at  the  hinge  line.  Hence  extrapolation  from  model  to  full  scale  requires  great 
care.  In  subsonic  flow,  tests  with  free  transition  give  the  thinnest  turbulent  boundary 
layer  at  the  hinge  line  and  come  nearest  to  full  scale.  However,  at  transonic  speeds 
transition  should  be  fixed  at  a  safe  distance  upstream  of  the  most  forward  excursion  of 
the  shock  wave  to  obtain  results  appropriate  to  higher  Reynolds  number. 

Tests  with  flap  driven  simultaneously  at  two  frequencies  (90  Hz  and  131  Hz)  at  sub¬ 
sonic  and  transonic  speeds  produce  the  same  oscillatory  pressures  at  131  Hz  as  when  driven 
independently.  Hence  the  principle  of  superposition  applies,  at  least  for  small  amplitude 
motions  with  attached  flows. 
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SUBSCRIPTS 


magnitude  of  vector  of  oscillatory  pressure  per  radian  flap 
deflection 

local  skin  friction  coefficient 
local,  average,  and  root  chords 
frequency  (Hz) 

z.  ;  respectively  hinge  moment,  pitching  moment  and  lift  deriva¬ 
tives  in  phase  and  in  quadrature  with  flap  displacement 
(Ref  1) 

Mach  number 

tunnel  total  pressure 

rms  pressure  fluctuations 
kinetic  pressure 
unit  Reynolds  number 
stream  velocity 

streamwise  distance  from  local  leading-edge 
angle  of  incidence 

flap  deflection  in  streamwise  plane  (radians,  Ref  1) 

flap  deflection  normal  to  hinge  line  (radians,  unless 
otherwise  stated) 

boundary  layer  displacement  thickness 

spanwise  distance  as  a  fraction  of  semi-span 

phase  of  pressure  oscillation  relative  to  flap  motion  (deg, 
positive  for  pressure  leading  displacement.) 

frequency  parameter  =  Pufc/tl 


e  local  external  flow  conditions 

t  transition  position 
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INTRODUCTION 


The  effective  use  of  active  controls  for  load  alleviation  or  flutter  suppression 
requires  a  better  knowledge  of  the  dynamic  characteristics  of  aerodynamic  controls  than 
3  is  currently  available,  for  even  at  subsonic  speeds  wide  differences  frequently  occur 
^between  calculations  and  measurements  in  wind  tunnels.  As  an  example.  Fig  1  shows  some 
measurements 1  of  the  total  dynamic  lift  induced  by  an  oscillating  flap  on  a  low  aspect 
ratio  wing.  The  total  lift  was  measured  with  a  dynamic  balance  fully  described  in 
Ref  2.  The  lift  derivative  in  pl.as"  with  the  motion  ( a. )  .in  only  at  out  f,0%  it  that  pre¬ 
dicted  by  the  linear  theory  of  Kef  3  over  the  Mach  number  range  from  M  =  0.6  to  0.9. 

The  measured  lift  in  quadrature  with  the  motion  (si)  does  not  even  have  the  trend  with 
Mach  number  predicted  by  the  theory.  Fig  2  shows  Similar  evidence  for  the  pitching 
moment.  The  position  with  regard  to  the  flap  hinge  moment  is  even  more  unsatisfactory. 

Fig  3  shows  that  the  hinge  moment  in  phase  with  the  motion  (-hR)  decreases  with  Mach 
number,  whereas  the  theory  predicts  an  increase.  In  contrast ,  the  hinge  moment  in  quad¬ 
rature  with  the  motion  ( — h g )  shows  the  correct  trend  against  Mach  number,  but  is  only 
about  60%  of  that  predicted.  These  anomalies  on  a  simple  configuration  of  5$  thickness/ 
chord  ratio  were  tentatively  explained  in  Ref  1  in  terms  of  a  semi-empirical  correction 
for  aerofoil  section  and  boundary  layer  effects  together  with  a  correction  for  wall  inter¬ 
ference.  However  both  corrections  were  restricted  to  low  frequency  and  to  subcritical 
flow  and  would  not  be  applicable  to  other  configurations.  Similar  anomalies  have  been 
cited  previously  on  a  number  of  aerofoils,  the  measured  forces  being  about  10%  of  those 
predicted  .  For  aerofoils  the  anomalies  discussed  are  often  attributed  to  the  omission 
of  wing  and  boundary  layer  thickness  from  the  calculations  and  when  these  thicknesses  are 
included  some  improvement  is  achieved  .  However  no  direct  experimental  evidence  for 
thickness  and  boundary  layer  effects  has  yet  been  adduced  for  wings  with  oscillating 
controls . 

To  provide  clear  evidence  of  the  importance  of  boundary  layer  thickness,  and  to  high¬ 
light  the  uncertainties  in  the  linearized  theories  at  transonic  speeds  and  moderately  high 
frequencies,  an  extensive  series  of  oscillatory  pressure  measurements  has  been  made,  with 
both  fixed  and  free  transition,  on  a  half  model  of  a  swept  wing  of  aspect  ratio  6  with  a 
trailing-edge  flap  (Fig  it).  This  symmetric  wing  9%  thick  (RAE  Wing  A)  was  tested  mainly 
at  zero  incidence.  For  a  wing  of  this  type  an  understanding  of  the  unsteady  flow  and  how 
it  is  affected  by  Reynolds  number  is  likely  to  be  important  in  the  design  of  an  active 
control  system.  This  paper  provides  a  preview  of  some  of  the  more  interesting  results 
from  the  experiments;  a  full  account  will  be  published  later^. 

2  EXPERIMENTAL  DETAILS 

2 . 1  Pressure  measurements 

Fig  4  shows  the  position  of  the  four  spanwise  stations  used  for  the  pressure  measure¬ 
ments,  and  the  flap. 

The  oscillatory  pressures  were  measured  by  small  transducers  (Kulite  type  XCQL  093-25A) 
mounted  close  to  the  pressure  holes  to  ensure  only  small  changes  in  the  amplitude  and 
phase.  With  the  installation  used  amplitude  errors  are  estimated  to  be  less  than  1.5$  and 
phase  errors  less  than  1.5°,  for  the  highest  test  frequency  (131  Hz).  The  steady  pressures 
were  measured  in  a  separate  test  in  the  traditional  way  by  connecting  the  static  pressure 
holes  through  long  lengths  of  piping  to  manometers  outside  the  tunnel.  With  new  ampli¬ 
fiers  developed  at  RAE°  the  same  pressure  transducers  can  now  measure  both  dynamic  and 
static  pressure  distributions  simultaneously. 

2.2  Model  construction 


The  method  of  construction  was  unusual.  The  model  was  made  in  two  halves  to  allow 
access  to  the  pressure  transducers  and  to  the  drive  shaft  of  the  flap  (Fig  5).  These 
halves  were  then  screwed  together  and  produced  a  flexible  model,  which  responded  signi¬ 
ficantly  to  the  flow  unsteadiness  in  the  tunnel  when  the  flap  was  undriven.  The  structural 
response  was  a  minimum  at  90  and  131  Hz  and  so  these  frequencies  were  selected  for  driving 
the  flap.  Nevertheless  the  flap  inertia  and  the  aerodynamic  loads  developed  by  the  flap 
forced  significant  wing  deflections,  which  were  determined  by  internal  miniature  accelero¬ 
meters.  Typical  values  of  the  amplitudes  of  these  deflections  are:  2  mm  at  the  wing  tip 
and  0.2°  twist.  No  corrections  have  yet  been  made  to  the  measured  oscillatory  pressures 
for  these  wing  motions,  although  in  principle  this  should  be  possible.  When  active  con¬ 
trol  systems  are  used  in  flight  similar  dynamic  wing  deflections  may  occur  because  air¬ 
craft  are  relatively  flexible  -  as  illustrated  by  well  known  static  aeroelastic  phenomena 
such  as  aileron  reversal  and  wing  divergence. 

2.3  Boundary  layer  measurements 

A  novel  method  was  used  to  estimate  the  boundary  layer  displacement  thickness,  6., 
just  upstream  of  the  flap  hinge  line.  Instead  of  making  measurements  of  the  boundary1 
layer  profiLe,  at  several  stations  on  the  wing,  the  local  skin  friction  was  inferred  from 
the  reading  of  a  single  Preston  tube  of  diameter  1  mm  just  upstream  of  the  flap  hinge 
line  and  inboard  of  the  flap  (Fig  4).  The  skin  friction  coefficient,  C_,  was  computed 
using  the  method  of  reference  7;  a  probe  correction  of  0.15  x  probe  diameter  was  applied 
to  the  distance  from  the  aerofoil  surface  to  the  centre  of  the  Preston  tube.  The  boundary 
layer  Reynolds  number  based  on  the  displacement  thickness  6i ,  R6i ,  was  inferred  from  the 
Cj.-RS^,  relation  derived  from  a  viscous  three-dimensional  flow  calculation  made  by 
Roberts®.  This  calculation  showed  (Fig  6)  that  on  the  hinge  line  at  M  =  0.40  there  was 
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a  unique  relation  between  Cf  and  R^,,  both  inboard  of  the  flap  (at  n  =  0.2b)  and  out-  2^  *3 
board  of  the  flap  (at  n  -  0.80).  The  calculations  also  showed  that  Cf  at  the  hinge  line 
only  increased  a  little  with  the  rearward  movement  of  the  transition  point  from  xt/c  - 
0.125  to  0.25.  Hence  the  same  curve  could  be  used  to  make  rough  estimates  of  the  boundary- 
layer  thickness  at  the  hinge  line  for  transi tion-free  measurements.  Fig  6  shows  that  the 
predicted  Cf's  are  appreciably  lower  than  the  corresponding  two-dimensional  flat  plate 
Cf's.  This  is  because  of  the  change  in  boundary-layer  profile  due  to  the  small  adverse 
pressure  gradient  towards  the  rear  of  the  aerofoil.  The  insert  in  Fig  6  shows  that  at  a 
typical  station  the  measured  and  calculated  viscous  pressure  distributions  are  in  good 
agreement,  despite  the  unusual  method  of  construction  of  the  model,  which  involves  a 
discontinuity  at  the  leading-edge  and  a  trailing-edge  of  small  thickness. 

The  shape  of  the  pressure  distribution  remains  essentially  unchanged  in  character 
from  M  =  0.40  to  0.85  so  that  Fig  6  should  be  quite  adequate  to  estimate  comparative  varia¬ 
tions  in  boundary  layer  thickness  at  subsonic  speeds.  The  change  in  the  character  of  the 
pressure  distribution  at  transonic  speeds  prevents  Fig  6  from  being  used  to  estimate  the 
boundary  layer  thickness  at  the  hinge  line  at  M  =  0.90  and  0.95-  However,  predictions 
from  a  viscous  transonic  flow  calculation  by  Firmin  for  M  =  0.90  have  recently  become 
available9,  and  these  have  been  used  to  indicate  the  probable  magnitude  of  the  boundary 
layer  thickness,  although  the  predicted  skin  friction  coefficients  are  appreciable  lower 
than  the  measurements  (Fig  12). 

2 . 4  Test  conditions 

The  model  was  mounted  on  the  sidewall  of  the  RAE  3ft  x  3ft  tunnel  and  tested  over 
the  Mach  number  range  from  M  =  0.40  to  0.95  in  the  top  and  bottom  slotted  section 
(0.91  m  wide  x  0.64  m  high).  Table  1  lists  the  Reynolds  numbers  and  boundary  layer  thick¬ 
nesses  for  the  oscillatory  pressure  measurements  cited  here,  and  gives  typical  full  scale 
values . 

TABLE  I 


Standard  Test 

Conditions  pt 

=  0.95 

bar 

Mach 

Reynolds 

Boundary  Layer 

Number 

Number 

Thickness 

M 

10-6  x  Rcq 

105  Sl/c0 

Free 

Fixed 

0.65 

2.8 

1.7 

2.9 

0.80 

3.1 

2.3 

3.7 

Predicted  values 

0.90 

3.3 

- 

3.9 

Typical 

full  scale  values 

0.80 

120.0 

0.7 

The  other  tunnel  total  pressures,  p^,  were  0.24,  0.47  and  1.52  bar,  giving  Reynolds  numbers 
in  the  range  from  Rc0  -  10°  to  6  x  10°.  The  roughness  band  was  formed  by  a  thin  steel 
strip  1.6  mm  wide  glued  at  x/c  =  0.05  on  both  surfaces  of  the  wing.  The  steel  strip  was 
indented  by  a  pyramidically  pointed  needle  to  give  "coronets"  0.13  mm  high  2  mm  apart. 

This  roughness  was  judged  to  be  as  effective  as  a  distribution  of  spheres  of  0.13  mm  dia¬ 
meter,  and  could  be  applied  more  readily  and  repeatably. 

3  RESULTS 

Fig  7  shows  that  although  the  wing  flow  at  a  =  0°  is  three-dimensional,  the  local  Mach 
number  contours  are  swept  and  straight  for  two  typical  free-stream  Mach  numbers.  M  =  0.80 
(subsonic)  and  M  -  0.90  (transonic).  The  flow  for  M  =  0.80  is  just  subcritical,  the 
maximum  local  Mach  number  Me  =  O.96  occurring  near  quarterchord ,  while  M  =  0.90  introduces 
supersonic  flow  over  half  the  wing  and  a  peak  value  of  about  Me  =  1.20  in  the  region  of 
35?  chord.  After  consideration  of  the  measured  and  calculated  oscillatory  pressure  distri¬ 
butions,  the  role  of  transition  fixing  and  the  influence  of  the  boundary  layer  is  discussed. 

3 . 1  Comparisons  with  theory 

Fig  8  shows  a  typical  comparison  of  the  measured  chordwise  oscillatory  pressure  dis¬ 
tributions  with  fixed  transition  at  four  spanwise  positions  for  M  =  0.80  with  predictions 
according  to  an  inviscid  linearised  theory  for  three-dimensional  flow,  developed  by 
MarchbanklO.  These  measurements  are  conveniently  represented  by  the  magnitude  of  the 
vector,  Cp/6,  and  the  phase  angle  $  relative  to  the  movement  of  the  flap. 

On  the  control  (at  n  r  0.45  and  0.60)  the  magnitude,  Cp/6,  in  Fig  8a  is  large  close 
to  the  hinge  line  and  agrees  well  with  the  linearised  theory  as  far  as  75?  chord;  aft  of 
this  the  aerofoil  thickness  and  the  boundary  layer  combine  to  lower  the  loading.  Jk.  t 
inboard  of  the  control  at  n  -  0.35  the  magnitudes  are  much  smaller  but  still  in  good 


agreement  with  the  predictions.  In  contrast,  just  outboard  of  the  control  at  n  =  0.76 
the  magnitudes  remain  fairly  high.  However  the  measurements  show  anomalous  variations 
from  101  to  40%  chord  which  are  not  in  accord  with  the  predictions  and  which  are  tenta¬ 
tively  attributed  to  a  small  laminar  separation  bubble^. 

The  j  n  i:-  angle  of  the  pressures  in  Fig  8b  shows  an  interesting  variation  from  section 
to  section.  Over  the  span  of  the  control  the  measured  phase  angles  lag  appreciably  behind 
the  predictions,  and  this  must  be  attributed  to  the  lag  effects  associated  with  the  higher 
local  velocities  caused  by  the  wing  thickness.  However,  just  off  the  control  the  measured 
phase  angles  actually  lead  the  predictions. 

More  complex  and  interesting  spanwise  variations  develop  at  transonic  speeds,  which 
are  discussed  elsewhere^.  No  theoretical  calculations  of  the  oscillatory  flow  are  currently 
available  for  supercritical  flow  conditions. 

Fig  9  shows  another  comparison  at  H  =  0.66  and  n  =  0.60  for  two  flap  amplitudes  of 
0.5°  and  2°  at  a  frequency  of  90  Hz.  Flap  amplitude  has  only  a  small  influence  on  Cp/6 
and  a  negligible  influence  on  the  phase  angle.  Upstream  of  x/c  =  0.6  the  measured  Cp/6 
is  .in  excellent  agreement  with  the  predictions,  but  there  are  minor  deviations  close  to 
the  hinge  line.  The  measured  phase  angles  lag  about  10°  behind  those  predicted,  just  as 
at  H  =  0.80,  and  may  again  be  attributed  to  the  higher  local  Mach  numbers  due  to  wing 
thickness . 


For  active  control  technology  it  is  important  to  know  the  limits  of  linearity  of  the 
pressures  induced  by  control  displacement,  because  these  limits  determine  the  region  within 
which  the  principle  of  superposition  is  valid.  Fig  10  illustrates  some  results  of  a  brief 
preliminary  investigation  of  this  question  at  subsonic  and  transonic  speeds  with  fixed 
transition. 

With  regard  to  the  superposition  of  different  flap  frequencies  at  subsonic  speeds. 

Fig  10a  shows  the  chordv.’ise  variation  of  the  oscillatory  pressures  at  n  =  0.45  (Section  2 
of  Fig  4);  the  content  of  oscillatory  pressures  at  131  Hz  is  virtually  unchanged  when  a 

flap  oscillation  amplitude  of  1°  at  90  Hz  is  added  to  one  of  amplitude  1°  at  131  Hz.  Thus 

the  results  shown  in  Figs  9  and  10a  and  similar  tests  at  M  =  0.80,  confirm  that  the  prin¬ 
ciple  of  superposition  is  valid  at  subsonic  speeds,  at  least  within  this  restricted  range 
of  amplitudes  and  frequencies. 

Fig  10a  includes  predictions  for  the  higher  frequency.  The  magnitude  of  the  vector  is 
now  coly  in  agreement  with  the  predictions  upstream  of  x/c  =  0.4  (cf  x/c  =  0.6  for  the  lower 

frequency  in  Fig  9),  the  phase  angles  measured  now  lag  about  10°  to  20°  behind  those 

predicted.  Thus  at  the  higher  frequency  the  predictions  are  somewhat  less  satisfactory, 
and  the  phase  difference  between  the  measurements  and  the  predictions  is  roughly  propor¬ 
tional  to  the  frequency  parameter. 

Only  a  limited  test  of  the  principle  of  superposition  was  made  at  transonic  speeds. 

Fig  10b  shows  the  chordwise  variation  of  the  oscillatory  pressures  at  n  =  0.45;  the  fre¬ 
quency  content  of  the  oscillatory  pressures  at  131  Hz  is  hardly  changed  when  a  flap  oscil¬ 
lation  of  amplitude  1°  at  90  Hz  is  added  to  one  of  amplitude  1°  at  131  Hz,  just  as  at  the 

subsonic  speed. 

3 . 3  Transition  measurements 

The  boundary-layer  transition  position  for  n  =  0.60  was  inferred  from  the  movements  of 

peaks  in  the  surface  pressure  fluctuations  with  tunnel  total  pressure,  pt,  when  the  flap 

was  undriven.  On  flat  plates  and  cones  this  method  reveals  a  peak  in  the  broad-band 
pressure  fluctuations  of  about  p/q  =  1 . 056  in  the  middle  of  the  transition  region11,  where 
rapid  local  changes  in  thickness  occur  within  the  boundary  layer.  On  a  wing  the  mean 
pressure  gradients  at  subsonic  speeds,  and  shock  waves  at  transonic  speeds,  maxe  the  inter¬ 
pretation  of  the  surface  pressure  fluctuation  measurements  more  difficult.  This  difficulty 
can  be  partially  overcome  by  using  the  local  kinetic  pressure,  qe,  as  a  reference.  More¬ 
over  comparison  of  transition  free  and  transition  fixed  results  generally  eliminates  any 
ambiguities.  Fig  11  shows  some  typical  transition- free  measurements.  At  M  =  0.80,  Fig  11a 
shows  two  well-defined  peaks,  indicating  transition  just  forward  of  the  hinge  line  at  the 
lower  total  pressure  p.  =  0.24  and  0.47  bar.  At  the  higher  pressures,  =  0.96  and  1.62 
bar,  the  peaks  occur  at  about  40%  chord.  By  comparison  with  the  transition-fixed  measure¬ 
ments,  we  may  infer  that  transition  is  roughly  about  30%  chord.  In  contrast,  at  transonic 
speeds  Fig  11  shows  well-defined  high  peaks  at  all  pressures.  These  peaks  are  caused  by 
the  oscillation  of  the  shock  terminating  the  local  supersonic  region.  Initially  the  peaks 
and  the  shock  wave /boundary  layer  interaction  move  forward  as  increases  because  the 
transition  front  moves  forward  as  the  Reynolds  number  increases.  (In  contrast,  with  transi¬ 
tion  fixed  close  to  the  leading-edge  a  shock  wave  would  generally  move  slowly  downstream  as 
Reynolds  number  increases).  The  large  peak  pressure  fluctuations  at  the  lower  pressures 
(pt  =  0.24  to  0.95)  indicate  laminar  shock  wave /boundary  layer  interactions.  The  sma1 ler 
peak  pressure  fluctuation  at  the  higher  pressures  (pt  =  1.6.’  bar)  indicates  a  turbu’. 
shock  wave/boundary  layer  interaction  of  more  limited  extent.  Laminar  interactions  of 

course,  much  longer  than  turbulent  interactions  and  therefore  are  more  likely  to  create 
*arge  peak  pressure  fluctuations.  A  similar  change  in  peak  p/q  in  going  from  a  laminar  to 
a  turbulent  interaction  was  u.,>  reproduced  at  lower  total  pressures  transition  fixed 
(omitted  here  for  brevity).  Hence  at  transonic  speeds  the  variation  of  peak  pressure 


fluctuations  with  Reynolds  number  can  be  a  valuable  guide  to  the  state  of  the  boundary 
layer  at  the  shock  even  though  it  cannot  give  the  precise  transition  position.  <30- 

With  the  roughness  band  at  the  standard  test  pressure  (pt  =  0.95  bar),  transition  was 
always  close  to  the  leading-edge  so  that  the  boundary  layer  at  the  hinge  line  was  exces¬ 
sively  thick  relative  to  full-scale  values.  Hence  from  the  point  of  view  of  the  trailing- 
edge  flap,  the  boundary  layer  at  the  standard  pressure  must  be  described  as  "overfixed", 
with  all  the  difficulties  that  this  condition  is  known  to  introduce  for  steady  measurements. 
(See  for  example  the  discussion  in  Refs  12  and  13)- 

3. 4  Skin  friction  measurements 

Fig  12  shows  the  local  skin  friction  coefficients  derived  from  the  Preston  tube 
readings  as  a  function  of  the  Reynolds  number  based  on  the  root  chord.  It  is  convenient 
to  consider  first  the  Mach  number  range  from  M  =  0.40  to  0.90.  Here  the  skin  friction 
measurements  with  both  free  and  fixed  transition  all  fall  monotonically  with  Reynolds 
number.  This  shows  that  the  boundary  layer  is  always  turbulent  at  the  hinge  line,  even  at 
the  lowest  Reynolds  number.  This  inference  is  consistent  with  the  transition  measurements. 
The  skin  friction  is  always  significantly  higher  with  transition  free  than  with  transition 
fixed, . confirming  that  the  transition  free  boundary  layer  is  appreciably  thinner  at  the 
hinge  line  and  more  representative  of  full  scale  flow  over  the  control  surfaces. 

The  transition  fixed  skin  friction  measurements  at  M  =  0.40  may  be  compared  directly 
with  the  estimates  given  by  Roberts”.  For  the  higher  Reynolds  number  (Rc0  >  10°)  the 
measured  transition  fixed  skin  friction  coefficients  are  about  3%  lower  than  the  estimates, 
consistent  with  a  thicker  boundary  layer.  This  is  because  at  these  high  Reynolds  numbers 
natural  transition  is  close  to  the  roughness  band  at  x/c  =  0.05  whereas  the  estimates  assume 
a  transition  position  further  downstream  at  x/c  =  0.125.  In  marked  contrast,  at  the  lower 
Reynolds  numbers  (Rc0  <  10°),  the  measured  skin  friction  coefficients  with  fixed  transition 
are  appreciably  higher  than  the  estimates,  consistent  with  transition  moving  progressively 
further  downstream  of  x/c  =  0.125  as  Reynolds  number  decreases  and  with  the  roughness  band 
becoming  less  effective.  A  rearward  movement  of  transition  at  low  Reynolds  numbers  would 
significantly  increase  the  local  skin  friction  at  the  measurement  station,  according  to  the 
estimates”  included  in  Fig  12. 

The  skin  friction  measurements  at  M  =  0.95  are  included  in  Fig  12  to  illustrate  the 
dangers  inherent  in  making  aerodynamic  measurements  at  transonic  speeds  with  transition 
free.  As  the  Reynolds  number  increases,  the  skin  friction  first  increases  and  then 
decreases  rapidly  as  mean  position  of  the  shock  alters.  In  marked  contrast,  with  transi¬ 
tion  fixed  the  skin  friction  coefficient  decreases  monotonically  with  Reynolds  number,  just 
as  at  the  lower  Mach  numbers.  This  is  consistent  with  relatively  minor  movements  of  the 
shock  wave  around  x/c  =  0.50  and  with  appreciable  variations  in  boundary  layer  thickness. 

For  this  wing,  at  M  =  0.95  and  zero  incidence,  it  would  have  clearly  been  preferable  to  fix 
transition  with  a  roughness  band  at,  say,  x/c  =  0.3  rather  than  at  x/c  =  0.05. 

Fig  13  shows  the  variation  of  the  ratio  of  the  boundary  layer  displacement  thickness 
at  the  Preston  tube  to  the  root  chord,  6-^/c0,  with  Mach  number  and  Reynolds  number  both 
with  transition  free  and  fixed. 


Considering  first  the  measurements  at  M  =  0.40,  we  see  that  with  transition  free  the 
boundary  layer  thickness  ratio  increases  monotonically  with  Reynolds  number  while  the  tran¬ 
sition  point  moves  progressively  further  upstream.  In  contrast,  with  transition  fixed  the 
boundary  layer  thickness  ratio  initially  increases  rapidly  with  Reynolds  number  as  the 
roughness  initiates  transition  and  rapidly  moves  the  transition  front  close  to  the  rough¬ 
ness  band-*-".  Further  increase  in  Reynolds  number  then  slowly  decreases  the  boundary  layer 
thickness  ratio.  At  the  standard  test  pressure,  pp  =  0.95  bar,  the  displacement  thickness 
of  the  boundary  layer  is  50?  thicker  with  transition  fixed  than  with  transition  free.  The 
predictions  by  the  three-dimensional  viscous  flow  calculations  show  that  a  boundary  layer 
thickness  ratio  appropriate  to  a  full-scale  Reynolds  number  of  120  x  10°  (6}/c0  =  0.0007) 
could  have  been  achieved  with  transition  free  at  a  greatly  reduced  Reynolds  number  of 
0.6  x  10^.  Although  it  is  not  suggested  that  this  method  of  simulation  would  be  entirely 
adequate,  it  should  be  worth  a  more  detailed  investigation  in  future  tests,  in  view  of  the 
strong  influence  of  boundary  layer  thickness  on  pressure  measurements  for  oscillating 
trailing-edge  flaps. 

The  results  at  higher  speeds  are  similar  in  character  to  those  at  M  =  0.40,  with  the 
boundary  layer  thickness  ratio  increasing  with  Mach  number,  presumably  because  of  the 
increasing  adverse  pressure  gradient  at  the  rear  of  the  wing.  The  important  point  to 
notice  from  Fig  13  is  that  a  marked  difference  in  boundary  layer  thickness  ratio  is  main¬ 
tained  between  transition  free  and  transition  fixed  measuremnets  at  all  Reynolds  numbers. 

5 . 5  Influence  of  boundary  layer 

We  now  consider  the  influence  of  the  boundary  layer  on  the  oscillatory  pressures 
measured  across  the  chord  of  a  typical  spanwise  section  n  z  0.60  (Section  3  of  Fig  4). 

In  general,  with  the  thin  turbulent  boundary  layer  at  the  hinge  line  allowed  by  free 
transition,  the  flap  lift  curve  slope  is  significantly  increased  relative  to  the  value  with 
the  thick  turbulent  boundary  layer  formed  with  fixed  transition.  Thus  at  M  -  0.80  (Fig  14) 
the  increase  in  flap  lift  curve  slope  produces  a  significant  increase  in  the  magnitude  of 
the  oscillafory  pressures  measured  over  the  whole  section.  A  similar  increase  was  expected 
and  observed  in  the  quasi-steady  measurements.  However  in  addition  with  the  t.hinner 
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boundary  layer  there  is  a  significant  increase  (about  6°)  in  the  phase  lag  of  the 
oscillatory  pressures  over  the  forward  portion  of  the  section,  whereas  over  the  central 
portion  this  increase  is  only  about  3°.  This  change  in  phase  angle  was  unexpected  and  is 
more  difficult  to  explain  than  the  increase  in  the  magnitude  of  the  vector.  Moore's 
review-^  of  the  limited  information  available  in  1969  on  the  scale  effects  on  control- 
surface  derivatives  suggested  that  with  a  thinner  boundary  layer  (obtained  either  by 
increasing  Reynolds  number  or  by  allowing  free  transition),  stiffness  derivatives  increased 
but  damping  derivatives  were  unaltered.  Thus,  as  in  the  present  measurements,  the  magni¬ 
tude  of  the  force  vector  was  increased  but  there  was  a  decrease  in  phase  lag  contrary  to 
the  present  measurements.  Moore  concluded  that,  to  obtain  results  closest  to  full-scale 
values,  tests  with  oscillating  trailing-edge  controls  were  best  made  transition  free.  The 
change  in  phase  angle  is  unlikely  to  be  caused  by  the  small  differences  in  the  distribu¬ 
tions  of  Mach  number  in  the  mean  flow  between  transition  fixed  and  free.  In  a  rough  attempt 
to  quantify  the  effect  of  these  small  differences,  Tijdeman's  two-dimensional  acoustic  wave 
formula1”  was  used  to  estimate  the  equivalent  phase  lag  for  a  source  mounted  at  the  hinge 
line.  The  relaxation  factor  assumed  was  0.7,  as  Tijdeman  found  appropriate  for  an  oscil¬ 
lating  wing,  but  essentially  similar  results  would  have  been  found  with  a  relaxation  factor 
of  1.0.  The  dotted  curve  in  Fig  1*4  shows  that  the  differences  between  the  predicted  phase 
lags  with  transition  fixed  and  free  are  negligible.  However,  the  phase  lags  predicted  are 
much  larger  than  those  measured,  so  that  the  two-dimensional  acoustic  theory  is  plainly 
inappropriate  for  thi"  three-dimensional  situation,  although  it  suggests  that  the  large 
change  in  phase  angle  may  be  a  dynamic  phenomenon  within  the  boundary  layer. 

Now  at  any  given  subsonic  Mach  number  and  Reynolds  number  ( ie  for  a  very  wide  range  of 
transition  positions)  the  same  trends  occur  as  those  illustrated  in  Fig  111.  Hence  the 
viscous  phenomena  influencing  the  changes  in  both  magnitude  and  phase  angle  are  probably 
determined  by  the  thickness  of  the  turbulent  boundary  layer  at  the  hinge  line,  rather  than 
the  influence  of  the  laminar  portion  of  the  boundary  layer  upstream  of  transition. 

Fig  l1)  also  includes  the  predictions  according  to  linearised  theory1^.  Generally  the 
magnitude  of  the  vector  is  well  predicted.  Although  upstream  of  x/c  =  0.60  the  predictions 
are  in  better  agreement  with  the  measurements  made  with  transition  fixed  rather  than  with 
transition  free,  this  should  be  considered  fortuitous,  because  the  theory  takes  no  account 
of  wing  or  boundary  layer  thickness.  Close  to  the  hinge  line  the  predictions  are,  in  fact, 
in  better  agreement  with  the  measurements  made  transition  free.  It  is  important  to  recall 
that  at  x/c  =  0.30  the  local  Mach  number  is  0.96,  so  that  such  good  agreement  is  really 
surprising. 

As  regards  phase  angles  the  theory  predicts  an  oscillatory  pressure  at  x/c  =  0.05 
which  lags  by  about  50°.  The  pressure  observed  lags  by  about  60°.  Similar  discrepancies 
in  phase  angle  are  observed  right  across  the  section  and  must  be  attributed  to  the  higher 
local  velocities  caused  by  the  wing  thickness. 

When  the  wing  flow  is  transonic,  the  pressures  produced  by  oscillation  of  the  flap  are 
dominated  by  the  type  of  shock  wave/boundary  layer  interaction  (Fig  15).  Thus  at  K  =  0.90, 
when  transition  is  free,  we  have  seen  that  the  shock  wave/boundary  layer  interaction  is 
laminar  and  extends  over  a  long  portion  of  the  chord  (say  from  x/c  =  0.3  to  0.6).  The 
interaction  causes  large  oscillatory  pressures  in  this  region  in  addition  to  the  large 
oscillatory  pressures  which  would  be  expected  in  the  subsonic  portion  of  the  flow  field 
close  to  the  hinge  line.  In  marked  contrast,  with  fixed  transition  the  oscillatory  pres- 
su  es  associated  with  the  shock  are  somewhat  smaller  and  concentrated  about  the  mean  shock 
position  at  x/c  =  0.3.  Downstream  of  the  turbulent  shock  wave/boundary  layer  interaction 
the  oscillatory  pressures  first  fall  rapidly  and  then  increase  towards  the  hinge  line.  The 
magnitude  of  this  increase  is  quite  small  until  the  hinge  line  is  approached,  and  its 
character  resembles  that  observed  in  the  same  region  at  M  =  0.8  (cf  Fig  l1!).  The  measure¬ 
ments  suggest  that  the  flap  lift  slope  is  still  appreciably  higher  with  the  thin  turbulent 
boundary  layer  produced  by  free  transition.  In  addition  we  notice  that  there  is  once  again 
a  significant  change  in  phase  angle,  for  upstream  of  x/c  =  0.5  the  transition  free  measure¬ 
ments  lag  behind  those  with  transition  fixed  by  about  10°  to  20°.  This  lag  is  in  the  same 
sense  as  that  observed  at  subsonic  speeds  (Fig  l^).  This  again  suggests  that  the  lag  is 
not  primarily  caused  by  a  changed  mean  fl04V,  but  by  a  dynamic  phenomenon  associated  with 
the  significant  change  in  the  boundary  layer  thickness.  The  lack  of  agreement  of  these 
measurements  made  with  transition  fixed  and  free  suggests  that  for  transonic  speeds  transi¬ 
tion  should  always  be  fixed  a  safe  distance  upstream  of  the  maximum  forward  excursion  of 
the  oscillatory  shock  wave,  rather  than  close  to  the  leading-edge,  in  an  attempt  to  obtain 
aerodynamic  characteristics  appropriate  to  higher  Reynolds  number.  Thus  in  Section  3-^ 
above  it  was  suggested  that  at  M  =  0.95,  with  the  shock  at  x/c  =  0.5,  transition  should  have 
teen  fixed  at  x/c  =  0.30,  rather  than  at  x/c  =  0.05- 

Boundary-layer  thickness  is  likely  to  have  a  much  greater  influence  on  the  characteris¬ 
tics  of  a  trailing-edge  flap  on  a  thick  supercritical  wing,  particularly  when  this  operates 
close  to  separation.  Hence,  when  testing  supercritical  wings  with  oscillating  trailing- 
edge  flaps,  some  boundary  layer  thickness  variation  should  always  be  included  as  an  aid  to 
the  assessment  of  full  scale  performance. 

it  FUTURE  RESEARCH 

The  results  already  obtained  on  this  model  are  judged  to  be  of  sufficient  interest  to 
justify  a  further  investigation,  particularly  of  the  effects  of  changes  in  the  boundary 
layer. 
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One  shortcoming  of  the  present  tests  is  that  the  pressures  were  not  measured  close 
enough  to  the  trailing  edge  (eg  Figs  9  and  19).  Hence  the  aluminium  alloy  flap  has  now 
been  r.'plv  i  w'*-  a  stiffer  flap  (Fig  lb)  made  in  carbon  fibre  with  12  instead  of  6 
pressure  orifices.  This  flap  will  be  driven  electromagnetically  at  higher  frequencies 
and  at  larger  amplitudes.  (From  about  20°  at  25  Hz  to  1°  at  200  Hz).  The  flap  amplitude 
will  be  more  precisely  determined  with  a  new  type  of  fibre-optic  instrument  mounted  on 
the  drive  shaft1?;  this  instrument  has  no  significant  errors  up  to  frequencies  as  high  as 
500  Hz. 

Although  the  results  for  the  te:  ts  of  superposition  are,  of  course,  only  established 
for  attached  flows,  they  suggest  a  useful  interim  practical  application  of  active  control 
technology  to  reduce  the  model  response  to  unsteadiness  in  the  tunnel  flow.  The  model  is 
flexible  and  responds  strongly  at  the  fundamental  wing  bending  frequency  (about  60  Hz). 
During  the  next  series  of  tests  the  pressures  induced  by  small  amplitude  flap  oscillations 
at  this  frequency  will  be  measured,  the  corresponding  phases  and  amplitudes  of  all  the  wing 
accelerometers  will  be  noted.  These  "open  loop"  measurements  will  then  be  used  to  formu¬ 
late  a  suitable  "closed  loop"  control  law  relating  one  of  the  accelerometer  responses  to 
an  appropriate  flap  movement  to  reduce  the  wing  responses  and  thus  extend  the  fatigue  life 
of  the  model.  Ultimately  we  inte- d  to  extend  our  measurements  of  flap  effectiveness  to 
conditions  of  fully  separated  flow  when  there  is  significant  buffeting. 

Development  of  an  effective  method  of  predicting  the  pressures  induced  by  an  oscil¬ 
lating  flap  at  transonic  speeds  is  considered  most  important  if  the  full  benefits  are  to 
be  derived  from  ACT.  Although  the  approximate  method  suggested  by  Garner1®  works  fairly 
well  for  a  complete  three-dimensional  wing  pitching  about  a  given  axis,  it  has  not  been 
applied  successfully  to  a  wing  with  an  oscillating  trai ling-edge  flap.  There  is  evidence 
that  Garner's  semi-empirical  method  underestimates  the  phase  lag  in  the  leading-edge  region. 
It  is  hoped  that  the  method  can  be  developed  to  cover  this  important  problem.  Perhaps  some 
of  the  much  slower  numerical  methods  now  being  applied  to  two-dimensional  aerofoils  could 
be  developed  to  cover  wings,  for  these  theories  can  now  predict  the  pressures  for  both 
oscillating  aerofoils  and  aerofoils  with  oscillating  flaps  (see  for  example  the  paper  by 
Isogai1?).  However  the  time  taken  for  three-dimensional  calculations  of  this  type  may  be 
regarded  as  uneconomic  by  the  aircraft  industry. 

5  CONCLUDING  REMARKS 

On  this  9%  thick  symmetric  wing  the  boundary  layer  has  a  large  effect  on  the  pressures 
generated  by  the  oscillating  trailing-edge  flap,  even  at  zero  lift.  With  the  thin  turbu¬ 
lent  boundary  layer  at  the  hinge  line  allowed  by  natural  transition  the  flap  produces 
appreciably  higher  forces  at  subsonic  speeds,  as  was  confirmed  by  the  quasi-steady  measure¬ 
ments.  However,  the  increase  in  phase  lag  with  the  thinner  boundary  layer  was  not  expected 
and  has  not  yet  been  explained. 

It  is  essential  at  transonic  speeds  to  ensure  a  turbulent  shock  wave/boundary  layer 
interaction,  even  in  the  absence  of  separation.  Ideally  the  turbulent  boundary  layer  should 
be  as  thin  as  possible.  This  may  be  achieved  either  by  fixing  transition  just  upstream  of 
the  shock,  or  by  increasing  the  Reynolds  number  just  until  a  turbulent  shock  wave /boundary 
layer  interaction  is  obtained  with  free  transition. 

Although  the  effects  of  the  boundary  layer  and  wing  thickness  are  not  included,  the 
predictions  from  lifting  surface  theory  provide  fair  overall  agreement  with  the  measurements 
at  subsonic  speeds  particularly  at  frequency  parameters  up  to  about  0.9.  The  authors  hope 
that  the  present  measurements  at  transonic  speeds,  and  those  yet  to  be  made,  will  serve  as 
a  challenge  to  theoreticians  to  develop  adequate  theories  for  this  difficult  speed  range. 
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SUMMARY 


Because  of  the  growing  use  of  spoilers  for  aircraft  control  and  the  possible  use  of  spoilers  in 
ACT  applications  there  is  a  need  to  understand  more  clearly  the  aerodynamics  of  spoilers  especially  the 
time  dependent  behaviour  of  the  aerodynamics  as  spoiler  angles  are  changed. 

This  paper  briefly  reviews  two  complementary  aspects  of  spoiler  behaviour. 

In  the  first  set  of  experiments  the  emphasis  has  been  on  the  understanding  of  the  local  flow  about 
a  spoiler.  Experiments  have  been  conducted  on  a  two  dimensional  spoiler  on  the  floor  of  a  small  blower 
tunnel  (solid  floor,  and  side  walls  but  open  at  the  top).  Steady  pressures  have  been  measured  along  the 
tunnel  floor  for  various  steady  spoiler  angles  and  gap  sizes  between  the  bottom  of  the  spoiler  and  the 
tunnel  floor.  Transient  pressures  have  been  recorded  following  sudden  changes  in  spoiler  angle  and  for 
oscillating  spoilers.  A  selection  of  these  results  are  presented  and  discussed;  for  example,  for  a 
spoiler  with  a  20 %  gap  the  transient  pressures  at  different  locations  on  the  tunnel  floor  following  a 
sudden  change  in  spoiler  angle  from  0°  to  35°  in  0,012  seconds,  and  the  transient  pressures  at  different 
locations  on  the  tunnel  floor  while  the  spoiler  undergoes  simple  harmonic  motion. 

In  the  second  set  of  experiments  a  two  dimensional  spoiler  has  been  attached  to  a  two  dimensional 
aerofoil.  The  emphasis  now  is  on  the  manner  in  which  the  spoiler  affects  the  overall  pressure 
distribution  on  the  aerofoil-plus-spoiler  combination.  doth  the  aerofoil  and  the  spoiler  are  pressure 
plotted.  The  paper  includes  a  discussion  of  results  of  steady  pressures,  transient  pressures  following 
rapid  and  slower  ramp  changes  in  spoiler  angle,  and  transient  pressures  when  the  spoiler  is  moving  in 
simple  harmonic  motion. 

Some  conclusions  are  offered  on  the  aerodynamics  of  spoilers  when  used  as  fast  acting  controls 
in  ACT  applications. 


1.  INTRODUCTION 

The  use  of  spoilers  for  roll  control  has  a  long  tradition.  During  the  mid-1930's  general  guide 
lines  for  spoiler  design  were  established  based  on  research  at  NACA(l).  In  particular  it  was  found  that 
forward  locations  of  a  spoiler  on  a  wing  upper  surface  were  unsuitable  for  roll  control  because  of 
unacceptable  lag  effects  following  roll  commands;  fortunately  spoilers  at  more  aft  locations  gave  more 
reasonable  response  characteristics.  In  more  recent  times  spoilers  have  become  widely  used  as  a  roll 
control  on  high  manoeuvrability  combat  aircraft  because  of  the  reduced  efficiency  of  conventional  aileron 
controls  at  high  speeds. 

Looking  to  the  future  Active  Control  Technology  might  well  extend  the  use  of  spoilers  beyond  that 
of  roll  control.  Gust  alleviation  systems  require  primarily  rapid  lift  dumpers,  spoilers  can  be  used  for 
this  purpose  providing  that  sufficient  actuator  power  and  rapid  actuator  response  are  available. 
Improvement  of  ride  quality  in  turbulence  might  be  possible  by  using  spoilers,  but  in  this  case  both 
rapid  increase  as  well  as  decrease  in  lift  is  required.  Flutter  suppression  is  also  under  investigation; 
the  question  here  is  whether  or  not  flutter  can  be  suppressed  by  the  use  of  spoilers  since  spoilers  might 
well  be  present  on  an  aircraft  wing  for  other  purposes. 

A  major  effort  over  the  past  years  by  industrial  organisations  has  provided  performance  data  for 
spoiler  design,  nevertheless  it  is  probably  fair  comment  that  the  fundamentals  of  the  aerodynamics  of 
spoilers  is  little  understood.  Parkinson  and  his  assistants  have  made  substantial  contributions  to  such 
understanding  of  spoiler  characteristics  in  both  experimental  and  theoretical  studies  (e.g.  refs.  2,3) 
but  because  of  the  complexity  of  the  separated  flows  aft  of  spoilers  and  the  possible  extension  of  the  use 
of  spoilers  further  effort  is  required.  A  programme  of  research  is  being  undertaken  in  the  Department  of 
Aeronautical  Engineering  at  Queen  Mary  College  with  particular  emphasis  on  the  unsteady  character  of 
spoiler  aerodynamics.  This  paper  selects  one  or  two  points  of  interest  to  emerge  so  far  from  that  part 
of  the  programme  which  deals  with  two  dimensional  spoilers  at  low  speeds. 

From  a  fundamental  point  of  view  there  are  two  aspects  relating  to  the  non  steady  spoiler 
aerodynamics,  the  first  concerns  the  establishment  of  the  local  flow  conditions  in  the  neighbourhood  of 
the  spoiler  while  the  second  concerns  the  build  up  (or  loss)  of  the  overall  loading  on  an  aerofoil  or 
wing.  So  two  investigations  have  been  made,  both  investigations  are  primarily  qualitative  at  this  stage. 
One  investigation  has  been  made  on  a  two  dimensional  spoiler  on  a  long  flat  plate  to  attempt  to  understand 
local  conditions.  A  second  investigation  has  been  made  on  a  two  dimensional  aerofoil  on  which  there  is 
situated  a  two  dimensional  spoiler.  Pressure  measurements  have  been  taken  during  ramp  changes  in  spoiler 
angle  at  rapid  and  slower  rates,  tests  have  also  been  carried  out  with  the  spoiler  moving  in  simple 
harmonic  motion. 


2. 


TWO  DIMENSIONAL  'SPOILER'  ON  A  TUNNEL  WALL 


One  reason  for  investigating  a  two  dimensional  spoiler  on  a  long  flat  plate,  namely  a  tunnel  floor, 
was  to  develop  techniques  both  for  moving  a  spoiler  and  for  measuring  transient  pressures.  Thus  the 
choice  of  the  tunnel  and  the  choice  of  the  scale  of  the  experiment  was  to  ensure  compatibility  with,  and 
to  build  up  experience  for,  the  longer  term  aim  of  investigating  a  spoiler  on  an  aerofoil.  As  pointed  out 
above  a  'spoiler'  on  a  tunnel  wall  is  an  important  fundamental  problem  in  its  own  right;  the  present 
investigation  should  be  regarded  only  as  preliminary,  or  introductory;  some  qualitative  trends  have  been 
observed  but  quantitative  levels  should  be  regarded  with  caution. 

2.1  APPARATUS 

The  apparatus  is  shown  in  Figure  1. 

The  'tunnel'  which  extends  from  the  downstream  end  of  a  contraction  from  a  small  blower,  consists 
of  a  floor,  which  is  pressure  plotted  along  the  centre  line  and  on  which  the  spoiler  is  attached.  The 
tunnel  has  solid  side  walls  but  it  is  open  to  the  atmosphere  on  the  upper  side.  The  working  section  has 
dimensions  10  cm  x  10  cm.  It  should  be  noted  that  the  'floor'  starts  just  inside  the  blower  exit  so  the 
boundary  layer  remains  relatively  thin  up  to  the  spoiler  location. 

The  spoiler  which  extends  from  side  wall  to  side  wall  has  a  chord  of  length  4.5  cm. 

The  speed  of  the  tunnel  flow  was  about  30  m/s. 

The  spoiler  could  be  arranged  to  allow  a  gap  between  the  bottom  of  the  spoiler  )i.e.  the  hinge 

line  of  the  spoiler)  and  the  tunnel  floor;  gaps  of  10*  and  20*  spoiler  chord  were  investigated. 

For  step  changes  between  one  angle  and  another  the  spoiler  was  moved  by  a  spring  loaded  device; 
for  the  harmonic  motions  the  spoiler  was  moved  by  a  cam  arrangement  from  an  electric  motor.  Attached  to 
the  spoiler  was  a  potentiometer  which  recorded  the  spoiler  motion  and  also  provided  a  trigger  datum  for 
the  pressure  measurements. 

The  pressure  tubes  from  the  pressure  tappings  on  the  floor  were  connected  sequentially  to  a 
Statham  pressure  transducer.  To  obtain  the  time  pressure  record  for  a  particular  pressure  location 
the  spoiler  motion  was  repeated,  the  transducer  output  was  stored  on  a  transient  recorder  and  then  relayed 
to  an  xy  plotter.  With  the  trigger  datum  from  the  spoiler  potentiometer  the  records  for  different 
pressure  locations  can  be  compared.  The  experimental  data  was  repeatable. 

The  full  range  of  tests  covered: 

i)  steady  spoiler  angles  10°,  20°,  35°  with  0,  10*,  20*  gaps;  the  maximum  angle  of  all  tests  was 

35°  because  at  higher  angles  the  flow  did  not  reattach  onto  the  floor;  it  was  thought  that  in 

this  series  of  tests  reattachment  should  be  an  essential  feature  of  the  flow; 

11)  step  changes  of  spoiler  from  0°  -*■  35°  and  35°  -*■  0°  in  0.0125  seconds  (note  that  the  free  stream 

air  moves  approximately  8  spoiler  chords  in  the  time  the  spoiler  moves  from  one  angle  to  another); 

iii)  simple  harmonic  motion  of  spoiler  with  amplitudes  0°  *-*•  35°,  at  frequencies  1  Hz  and  5  Hz. 

For  general  information  the  above  ranged  tests  were  repeated  for  a  'three  dimensional  spoiler'  when  the 
spoiler  did  notextend  from  tunnel  side  wall  to  side  wall. 

These  tests  are  obviously  not  comprehensive  and,  as  found  out  subsequently,  there  are  some 
Important  aspects  unresolved. 

Because  of  limitation  of  space  in  this  written  paper,  and  because  of  limitation  of  time  in  the 
lecture  presentation,  it  is  necessary  to  be  selective  in  order  to  give  a  flavour  of  the  results.  A  full 
account  will  be  appearing  shortly. 

2.2  A  STEADY  RESULT 

Steady  pressure  on  the  tunnel  floor  are  shown  in  Figure  2  for  three  steady  spoiler  angles  10°, 

20°  and  30°  when  there  is  a  20*  gap  underneath  the  spoiler.  The  results  are  plotted  not  in  terms  of  the 
conventional  cp  because  in  this  experimental  arrangement  JpV2  varies  with  spoiler  angle  (as  can  be  seen 
from  the  curves  ahead  of  the  spoiler),  but  in  terms  of  a  kp  which  defines  the  pressure  relative  to  a  fixed 
'head'.  And  then  kp  is  suitable  for  the  subsequent  unsteady  tests. 

The  results  are  of  considerable  interest  because  the  three  spoiler  angles  demonstrate  three 
distinct  curves.  Some  attempts  have  been  made  at  flow  visualisation  to  explain  the  flow  characteristics. 

Some  tentative  explanations  of  these  flows  are  sketched  in  Figure  3. 

For  the  lowest  angle  of  10°,  as  shown  in  Figure  3(1),  the  flow  underneath  the  spoiler  attaches  to 
the  under  surface  of  the  spoiler.  The  flow  underneath  the  spoiler  is  accelerated  but  the  reattachment 
process  of  this  flow  to  the  underside  of  the  spoiler  Imposes  a  high  pressure  gradient  which  is  sustained 
by  the  spoiler.  This  explains  why  there  is  a  peak  pressure  suction  beneath  the  spoiler  followed  by  a 
high  pressure  gradient.  The  subsequent  pressure  gradient  for  the  flow  underneath  the  spoiler  must  then 
be  compatible  with  the  decleration  of  the  flow  from  the  upper  surface  of  the  spoiler  after  it  separates 
from  the  spoiler  trailing  edge.  The  shear  flow  from  the  spoiler  trailing  edge  reattaches  to  the  tunnel 
floor  in  about  1  spoiler  chord  length  downstream. 


For  the  middle  angle  of  20°,  as  shown  in  Figure  3(ii),  the  flow  underneath  the  spoiler  does  not 

reattach  to  the  underside  of  the  spoiler  but  essentially  curves  upward  to  oppose  and  mix  with  the  shear 

flow  from  the  upper  surface  of  the  spoiler  aft  of  the  spoiler  trailing  edge.  The  'bubble'  on  the 
underside  of  the  spoiler  is  effectively  a  constant  pressure  region,  as  indicated  in  the  pressure  results. 
The  closing  of  the  'bubble'  imposes  a  downstream  pressure  gradient  and  the  flow  reattaches  to  the  surface. 

For  the  highest  angle  of  35°,  as  shown  in  Figure  3 ( i i i ) ,  the  flow  is  similar  to  that  at  20° 

except  that  the  bubble  region  is  now  extended,  a  consequence  of  the  downstream  pressure  gradient  is  the 

separation  of  the  flow  close  to  the  floor,  this  explains  the  different  form  of  the  behaviour  of  the 
pressures  aft  of  the  spoiler  in  Figure  2. 

2.3  RAMP  CHANGES  IN  SPOILER  ANGLE 

Ramp  changes  in  spoiler  angle  have  been  investigated.  In  these  tests  the  angle  of  the  spoiler  is 
held  steady  at  the  initial  angle,  the  angle  is  then  increased  (or  decreased)  rapidly  and  then  held  steady 
at  the  final  angle.  With  the  spring  loading  system  used  in  this  experiment  repeatable  spoiler  motions 
were  obtained.  In  the  results  shown  here  the  spoiler  moves  through  an  angle  of  0°  «-*■  35°  in  the  order  of 
0.0125  seconds;  thus  in  the  time  the  spoiler  moves  through  its  change  of  angle  the  free  stream  has  moved 
about  7-8  spoiler  chord  lengths. 

The  instantaneous  pressure  distributions  are  shown  in  Figure  4  at  different  times  during  and 
following  an  increase  in  spoiler  angle  from  0°  -*•  35°.  Because  of  the  flow  through  the  gap  these  results 
are  difficult  to  interpret. 

At  time  0.01  secs,  as  the  spoiler  approaches  its  maximum  value,  there  is  a  large  suction  pressure 
beneath  the  spoiler,  implying  that  the  flow  underneath  the  spoiler  is  reattaching  to  the  spoiler  under¬ 
surface.  Thus  in  this  transient  condition  of  rapidly  increasing  spoiler  angle  the  flow  underneath  the 
spoiler  reattaches  up  to  much  higher  spoiler  angles  (i.e.  of  the  order  of  30°)  than  in  the  spoiler  angle 
in  the  steady  state  (i.e.  about  10°). 

As  time  increases  the  flow  underneath  the  spoiler  no  longer  reattaches  to  the  undersurface  of  the 
spoiler  and  this  flow  then  curls  upward  to  mix  with  the  shear  layer  separating  from  the  spoiler  upper 
surface.  In  this  transient  condition  there  will  be  a  net  rotation  of  the  flow,  resembling  a  starting 
vortex,  which  will  form  downstream  of  the  spoiler.  This  'vortex'  will  then  convect  downstream.  This 
convection  can  be  seen  at  tine  0.03  secs.,  with  the  pressure  recovery  region  advancing  in  front  of  the 
pressure  suction  region.  By  this  time  the  local  flow  in  the  neighbourhood  of  the  spoiler  is  becoming 
established.  It  is  only  after  about  0.06  secs,  that  the  downstream  conditions  become  close  to  the 
final  steady  state  values. 

The  results  as  a  spoiler  decreases  its  angle  from  35°  to  0°  are  shown  in  Figure  5.  It  is  seen 

that  even  at  this  rapid  rate  the  flow  virtually  follows  the  spoiler  motion  in  a  quasi-static  manner,  when 
the  spoiler  reaches  zero  then  nearly  all  of  the  loading  has  been  relieved. 

In  broad  terms,  for  this  two  dimensional  spoiler  arrangement  with  a  20%  gap,  the  establishment  of 
the  flow  with  the  spoiler  angle  increasing  takes  about  3  times  longer  than  with  the  spoiler  angle 
decreasing. 

2.4  HARMONIC  TESTS 

Pressures  have  also  been  measured  with  spoiler  oscillating  between  0°  and  35°  at  1  Hz  and  5  Hz. 

It  was  expected  that  at  1  Hz  the  flow  should  remain  quasi-steady.  Surprisingly  the  results  for  both 
frequencies  are  virtually  the  same,  these  are  shown  for  different  pressure  locations  in  Figure  6. 

Underneath  the  spoiler  there  is  a  double  frequency  effect;  although  not  shown,  surprisingly, 
this  effect  is  more  pronounced  at  the  lower  1  Hz  input  frequency.  It  is  thought  that  this  effect  is 
associated  with  the  movement  of  the  reattachrient  of  the  flow  underneath  the  spoiler  on  and  off  the  lower 
spoiler  surface,  inducing  additional  suction  peaks  and  troughs  within  one  spoiler  cycle.  Moving 
downstrean  this  double  frequency  effect  soon  decays  although  one  can  see  some  residue  just  aft  of  the 
spoiler.  About  1  spoiler  chord  downstream  the  response  is  more  or  less  harmonic;  even  this  apparently 
innocuous  response  is  deceptive  because  by  reference  to  the  steady  results  in  Figure  2  the  quasi  steady 
response  should  be  far  more  'spiky'  at  the  crests.  The  results  at  2  spoiler  chords  downstream  are 

effectively  quasi-steady. 

3.  TU0  DIMENSIONAL  SPOILER  0N  A  TWO  DIMENSIONAL  AEROFOIL 

3.1  APPARATUS 

The  aim  of  this  experiment  was  to  investigate  the  Pressure  distributions  over  an  aerofoil  as 
induced  by  spoiler  notions;  different  spoiler  locations  were  to  be  included  on  the  upeer  surface,  on  the 
lower  surface,  for  both  forward  and  rear  locations.  This  range  of  options  was  thought  to  be  desirable 
to  cover  possible  future  applications. 

As  shown  in  Figure  7  a  special  aerofoil  of  symmetric  profile  with  flat  surfaces  where  the  toilers 
were  to  be  attached,  “as  designed  of  chord  47.3  cm.  The  aerofoil  was  supported  by  two  end  reflecting 

plates,  distance  76.2  cri  apart.  The  end  elates  were  attached  to  the  side  walls  of  the  tunnel,  the  tunnel 

was  open  to  atmosphere  at  the  top  and  bottom.  A  spoiler  of  3.8  cm  chord  could  be  fitted  at  locations 

16)  ,,  22)  ',  501  and  67)  .,  although  only  the  two  extreme  locations  were  actually  tested.  The  spoiler 

could  have  either  a  zero  gap  or  a  12)  yap.  The  spoiler  did  not  recess  into  the  surface  of  the  aerofoil 
so  a  spoiler  angle  of  0°  was  somewhat  artificial. 


There  were  56  pressure  tappings  on  the  aerofoil  and  5  tappings  either  side  of  the  spoiler. 

The  tunnel  speed  was  16  m/s  for  all  tests. 

The  full  range  of  tests  covered: 

i)  steady  pressure  measurements  for  a  range  of  aerofoil  incidences  with  spoiler  angles  0°,  45° 

ii)  transient  pressures  for  rapid  and  slower  ramp  changes  in  spoiler  angle  0°  *-*  45° 

iii)  transient  pressures  for  oscillatory  spoiler  motions  at  1  Hz,  5  Hz,  18  Hz. 

All  of  these  tests  were  done  with  aerofoil  incidence  at  10°,  with  spoilers  sequentially  at  16J%,  67J% 
chord  on  both  upper  and  lower  surfaces. 

Again  it  is  necessary  to  be  selective  in  the  results  presented  here. 

3.2  A  STEADY  RESULT 

The  steady  pressure  distribution  is  shown  in  Figure  8(i)  for  the  aerofoil  and  spoiler  when  the 
aerofoil  is  at  10°  incidence  and  the  spoiler  is  on  the  upper  surface  at  the  aft  location  of  67%  chord  and 
when  the  spoiler  angle  is  zero.  There  is  zero  gap  between  the  spoiler  and  the  aerofoil  surface.  Because 
the  spoiler  is  not  recessed  into  the  aerofoil  surface  it  is  seen  that  there  is  a  disturbance  pressure 
distribution  in  the  neighbourhood  of  the  spoiler.  On  the  lower  surface  because  of  the  nature  of  the 
aerofoil  profile  there  is  a  slight  pressure  peak  as  the  aerofoil  curvature  changes  from  the  flat  portion 
into  the  curved  trailing  edge  region.  There  appears  to  be  a  small  region  of  separated  flow  towards  the 
trailing  edge  on  the  lower  surface. 

In  Figure  8{ii)  the  steady  pressure  distribution  is  shown  of  the  above  arrangement  with  the 
spoiler  at  45°.  On  the  upper  surface  there  is  a  pressure  recovery  ahead  of  the  spoiler,  as  expected, 
with  a  constant  pressure  region  in  the  separated  region  aft  of  the  spoiler.  On  this  particular  aerofoil 
profile  there  is  also  separation  of  the  flow  on  the  lower  surface,  with  the  same  pressure  in  the  separated 
region,  as  expected  from  the  trailing  edge  Kutta  condition.  It  is  to  be  noted  that  there  is  a 
significant  loss  in  lift  with  the  deployed  spoiler.  It  is  also  to  be  noted  that  in  this  case  the 
downward  force  on  the  spoiler  itself  is  not  an  inconsiderable  contribution  to  the  loss  in  overall  lift. 

3.3  RAMP  CHANGES  IN  SPOILER  ANGLE 

To  investigate  a  fairly  rapid  change  the  spoiler  angle  was  increased  from  0°  to  45°  in  0.032  sec. 
which  is  approximately  the  time  taken  for  the  free  stream  to  travel  the  distance  of  1  aerofoil  chord. 

A  selection  from  the  set  of  pressure  records  is  shown  in  Figure  9. 

Underneath  the  spoiler  trailing  edge  first  there  is  a  slight  increase  in  pressure  followed  by  a 
large  transient  suction  peak,  this  feature  is  typical  and  it  is  associated  with  the  spoiler  'starting' 
vortex;  the  peak  suction  pressure  coefficient,  r  »  is  of  the  order  of  -2.0.  The  spoiler  starting  vortex 
is  convected  downstream,  as  seen  by  the  pressure  record  towards  the  trailing  edge  on  the  aerofoil  upper 
surface.  In  the  process  of  convection  the  pressure  recovery  ahead  of  the  vortex  increases  while  the 
strength  of  the  spoiler  vortex  decreases.  Exactly  why  there  are  subsequent  oscillations  in  pressure  are 
not  understood. 

It  is  reassuring  to  note  that  the  pressures  towards  the  trailing  edge  on  the  aerofoil  lower 
surface  follow  fairly  closely  the  pressures  on  the  upper  surface;  these  two  are  not  identical  as 
expected  from  the  Kutta  condition  since  neither  pressure  locations  are  close  to  the  trailing  edge  but 
about  2.2  cm  from  the  trailing  edge. 

In  spite  of  the  oscillations  in  pressure  in  the  trailing  edge  region  the  change  in  pressure  at  a 
point  on  the  forward  part  of  the  aerofoil  upper  surface  is  a  fairly  smooth  progression;  this  pressure 
record  reflects  the  overall  loss  in  circulation. 

It  can  be  seen  that  the  pressures  in  the  trailing  edge  region  settle  down  to  their  final  steady 
values  in  about  0.16  secs  from  the  start  of  the  spoiler  motion,  in  about  0.13  secs  from  the  end  of  the 
spoiler  motion.  The  time  of  0.13  secs  is  equivalent  to  the  time  for  the  free  stream  to  move  about  4 
aerofoil  chord  lengths.  It  is  of  interest  to  note  that  the  pressure  on  the  aerofoil  upper  surface  well 
ahead  of  the  spoiler  seems  to  settle  down  to  its  final  value  before  the  trailing  edge  pressures  settle 
down  to  their  final  values.  It  was  thought  that  some  of  these  trends  might  be  due  to  the  fact  that  the 
tunnel  was  open  at  the  top  and  bottom;  the  experiments  were  repeated  with  solid  floor  and  ceiling  but 
the  trends  still  remained. 

Results  when  the  spoiler  is  decreased  from  45°  to  0°  in  the  same  time,  namely  0.032  secs  are 
shown  in  Figure  10.  There  are  no  large  pressure  fluctuations.  The  pressures  in  the  trailing  edge 
region  settle  down  to  their  final  steady  values  somewhat  faster  than  when  the  spoiler  angle  is  increased, 
but  only  about  0.03  secs  faster  (i.e.  equivalent  to  1  aerofoil  chord  length).  This  settling  period  is 
now  more  uniform  over  the  aerofoil  surface,  as  seen  from  the  forward  upper  surface  location. 

It  is  of  interest  and  reassurance  to  note  that  the  rate  of  change  of  the  pressure  at  the  forward 
location  on  the  upper  surface  is  about  the  same  whether  the  spoiler  angle  increases  or  decreases.  This 
result  might  be  anticipated  since  the  physical  process  of  changing  the  overall  circulation  must  be  similar 
whether  the  circulation  increases  or  decreases. 

The  relative  short  times  for  the  flows  to  settle  down  to  their  final  steady  values  are  worrying. 
According  to  linearised  aerofoil  theory  following  a  sudden  change  of  incidence  the  overall  lift  will  have 
reached  85%  or  more  of  its  final  steady  value  in  about  6  chord  lengths,  this  is  significantly  more  than 
in  these  experiments.  It  is  thought  that  these  experimental  results  could  reflect  the  fairly  high  value 


of  (chord/tunnel  height)  ratio,  so  significant  wind  tunnel  interference  effects  could  affect  the  rise 
tiroes. 


The  response  following  a  rapid  ramp  change  of  forward  spoiler  is  of  interest.  For  a  spoiler 
located  at  16p  aerofoil  chord  it  is  seen  clearly  in  Figure  11  that  there  are  two  distinct  response 
features.  It  is  tempting  to  think  that  these  two  different  time  rates  are  associated  with  the  change 
in  local  flow  about  che  spoiler  and  the  build  up  of  overall  circulation.  However  such  an  explanation 
is  not  satisfactory.  «  clue  to  the  aerodynamic  behaviour  can  be  gleaned  from  the  pressure  traces  at 
stations  2  and  3.  In  this  configurate  with  no  gap  underneath  the  spoiler, as  the  spoiler  angle 
increases  a  starting  vortex  is  created  which  then  convects  downstream;  as  the  vortex  convects  it  loses 
some  of  its  circulation  into  the  formation  of  the  steady  shear  layer.  This  starting  and  convecting 
vortex  induces  a  suction  pressure  underneath  it.  The  progress  of  the  starting  vortex  can  be  seen  by  the 
suction  peak  at  station  2  to  the  first  suction  peak  at  station  3;  it  can  be  seen  that  the  vortex  has 
moved  down  the  aerofoil  chord  at  about  J  of  the  free  stream  velocity,  surprisingly  slowly.  And  so  this 
delay  in  the  local  effects  of  the  spoiler  reaching  the  trailing  edge  accounts  primarily  for  the  slow 
change  in  the  overall  flow  field.  The  time  to  settle  down  to  the  final  steady  state  is  about  twice  as 
long  as  for  the  aft  spoiler  location  as  shown  in  Figure  9,  this  result  apparently  reinforces  the  point 
made  in  the  Introduction  that  forward  spoilers  had  disadvantageous  lag  effects,  although  the  practical 
rate  of  application  of  spoilers  is  relatively  much  slower. 

To  amplify  the  last  point  in  practical  applications,  for  example  in  gust  alleviation  or  flutter 
suppression,  the  required  rate  of  change  of  spoiler  in  full  scale  is  said  to  be  of  the  order  of  360°/sec. 
Thus  a  spoiler  motion  0°  •*-*•  40°  in  0.11  sec  implies  a  time  in  which  the  air  stream  travels  about  5 
aerofoil  chord  lengths.  An  rnalogous  ramp  time  has  been  applied  with  the  experimental  arrangement  for 
the  aft  spoiler  location,  the  results  are  shown  in  Figure  12.  It  is  seen  that  behind  the  spoiler  in  the 
trailing  edge  region  the  response  is  virtually  quasi-static. 

3.4  PERIODIC  SPOILER  MOTIONS 

Finally  some  results  are  shown  in  Figure  13  when  the  spoiler  in  the  aft  location  is  oscillated  in 
periodic  additional  motion  at  5  Hz.  It  is  seen  that  overall  the  response  follows  the  spoiler 
oscillations  but  there  is  a  shearness  about  the  response;  this  shearness  might  be  thought  to  be  due  to 
the  difference  in  the  build  up  and  shedding  of  spoiler  vorticity  but  unfortunately  this  argument  would 
lead  to  a  shearness  in  the  opposite  direction. 


4.  CONCLUDING  REMARKS 

The  unsteady  results  described  in  this  paper  are  a  few  selected  examples  which  illustrate  some 
interesting  features.  The  full  set  of  results  of  this  prograirrie  will  be  published  in  the  open 
literature  in  the  near  future. 
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SUMMARY 


This  study  considers  the  longitudinal  behaviour  of  a  Boeing  B.747  aircraft 
with  some  of  its  original  aerodynamic  effectors  operating  as  active  controllers  in  addition 
to  the  conventional  elevators.  The  ailerons  are  collectively  used  as  outboard  active 
flaps  and  the  inboard  section  of  the  high  lift  triple  slotted  flaps  are  employed  as 
inboard  active  flaps.  The  flight  control  system  structure  is  implemented  as  an  optimal 
model-following  system  in  which  the  optimal  feedback  gains  are  computed  to  minimize  the 
integral  performance  index.  Errors  in  dynamical  response,  in  wing  root  bending  moment, 
and  in  aerodynamic  drag  computed  as  deviations  from  the  same  quantities  related  to  a 
specified  model  responding  satisfactorily  to  disturbances  with  zero  increments  in  wing 
root  bending  moment  and  aerodynamic  drag  in  flight  maneuver  at  given  load  factor,  are 
considered.  At  the  same  time  the  minimum  effectors  activity  is  included  as  a  design 
objective.  A  lighter  wing  structure  has  been  realized  as  the  result  of  wing  loads 
reduction  and  further  weight  saving  (reduced  tail  size)  has  been  obtained  by  taking 
advantage  of  the  beneficial  effect  of  the  active  controller  activity  in  reducing  the 
elevator  deflections  required  in  the  pull-up  maneuver.  Comparisons  are  made  in  the 
response  characteristics  of  the  original  aircraft  and  in  the  optimal  closed  loop  active 
configurations  subjected  to  continuous  atmospheric  turbulence.  The  results,  presented 
in  terms  of  trajectory  standard  deviation  from  the  reference,  indicate  that  the  various 
active  configurations  considered  in  the  study  differ  appreciably  in  their  trajectory¬ 
following  precision.  A  proposal  for  the  matching-trajectory  problem  in  the  early  stage 
of  the  active  control  design  is  advanced. 

LIST  OF  SYMBOLS 

at  =  turbulance  characteristic  constant 

b  =  wing  span 

h  =  white  noise  intensity 

q  =  pitch  rate 

q  =  dynamic  pressure 

u  =  vector  of  control  variables 

u^  =  vector  of  optimal  control  variables 

x  =  vector  of  state  variables 

y  =  wing  section  ordinate 

=  vector  of  errors  in  dynamical  response 
z  =  vector  of  constraint  variables 

A  =  system  state  matrix 

Ac  =  closed  loop  system  state  matrix 

A_  =  model  state  matrix 
m 

B  =  control  matrix 

=  local  wing  lift 

D  =  aerodynamic  drag 

vector  of  optimal  feedback  gains 

K  =  modified  to  basic  tail  size  ratio 
s 

M^  =  wing  bending  moment 

Q  =  state  weighting  matrix 

R  =  control  weighing  matrix 

basic  tail  area 

S.  =  modified  tail  area 
tm 

T  =  constraint  weighting  matrix 
V  =  airspeed 


a  =  angle  of  attack 

<$e  =  elevator  deflection 

6i  =  inboard  active  flaps  deflection 

<5o  =  outboard  active  flaps  deflection 

n  =  ratio  of  wing  section  ordinate  to  wing  semispan 

<f>  =  turbulence  spectral  density  function 

a  =  turbulence  standard  deviation 

0  =  aptitude  angle 


INTRODUCTION 

The  active  control  technology  aim  is  to  increase  payload  capacity  and  flight 
endurance  while  saving  the  aircraft  basic  weight.  The  solution  proposed  for  this  prupose 
is  to  reduce  the  wing  root  bending  moment  in  flight  maneuvers,  while  simultaneously 
maintaining  the  active  controllers  activity  at  the  allowable  minimum  for  maneuvering 
requirements.  In  a  longitudinal  maneuver  control  system  design,  active  wing  mounted 
aerodynamic  effectors  are  used  as  Z-force  control  (direct  lift  flaps)  in  addition  to  the 
conventional  moment  producing  devices  (elevators) .  These  provide  wing  lift  distribution 
control  and  reduce  the  wing  root  bending  moment  in  flight  maneuvers  or  may  be  used  for 
structural  mode  and  gust  alleviation  control  purposes.  In  this  study  an  active  configured 
Boeing  B.747  is  considered  with  the  original  ailerons  collectively  used  as  outboard  active 
flaps,  and  the  internal  sections  of  the  high  lift  triple  slotted  flaps,  displaced  to  the 
high  lift  reference  positions,  as  active  inboard  flaps.  To  redistribute  the  lift  in  a 
desirable  fashion,  negative  active  controller  deflections  are  required,  yielding  a 
beneficial  effect  of  reducing  the  elevator  deflections  required  in  the  maneuvers.  By 
decreasing  the  tail  size  to  the  limit  at  which  forces  and  moments  generated  by  the 
active  controllers  may  compensate  the  aerodynamic  loss  derived  from  the  varying  tail 
size,  further  weight  saving  may  be  obtained  in  addition  to  the  lighter  wing  structure 
expected  in  reducing  the  wing  root  bending  moments.  This  advantage  may  be  obtained  ac  the 
expense  of  some  reduction  in  stability  static  margin,  so  a  less  stable  and  a  less  well- 
behaved  airframe  is  generally  expected  in  active  control  configurations.  To  avoid  stability 
considerations  which  may  impose  strong  constraints  on  the  airframe  geometry,  limiting  the 
advantages  that  can  be  obtained  with  active  control  design,  more  inherent  static  longi¬ 
tudinal  stability  must  be  built  into  the  basic  airframe.  The  use  of  a  feedback  control 
system  is  provided  to  reach  the  required  stability  margin,  simultaneously  maintaining 
acceptable  dynamic  behavior.  In  this  sense,  an  augmented  flight  control 

system  must  be  considered  in  active  control  design  as  a  fundamental  subsystem  in  which 
the  feedback  gains  satisfy  the  active  control  requirements. 

Linear  optimal  control  theory  is  applied  in  order  to  determine  the  optimal 
feedback  gains  which  minimize  an  integral  performance  index  of  errors  in  dynamical 
response  in  the  wing  root  bending  moment  and  aerodynamic  drag  with  respect  to  a  specified 
model  system.  This  system  behaves  satisfactorily  with  zero  incremental  wing  root 
bending  moment  and  aerodynamic  drag  in  flight  maneuver  at  given  load  factor.  The  aero¬ 
dynamic  drag  was  included  in  the  performance  index  since  more  drag  is  experienced  in 
active  configurations,  hence  the  optimization  procedure  was  planned  to  minimize  the  incre¬ 
mental  aerodynamic  drag.  This  also  implies  the  minimization  of  the  active  controller 
displacements  which  directly  influence  trim  drag  and  saturation  of  controls.  In  the 
aerodynamic  computations,  the  procedure  adopted  consisted  of  the  following  steps: 

-  Determination  of  the  spanwise  lift  distribution  due  to  angle  of  attack  and 
combinations  of  active  controller  deflections 

-  Computation  of  the  incremental  wing  root  bending  moment  associated  with 
angle  of  attack  and  active  controller  deflections 

-  Formulation  of  the  aerodynamic  drag  and  wing  root  bending  moment  constraint 
equations 

-  Numerical  evaluation  of  the  relaxing  effects  in  the  wing  root  bending  moment 
and  pitching  capability  supplementing  the  elevator  deflection  required  to 
perform  the  maneuver 

-  Proposal  of  a  more  effective  control  configuration  from  the  active  point 

of  view  are  advanced:  in  each  case  the  percentage  reduction  in  the  incremental 
wing  root  bending  moment  and  tail  size  is  considered 

The  above  mentioned  computations  were  carried  out  with  the  "Aerodynamic  and  Structural 
Section"  of  the  S.O.A.C.  (Self  Organized  Active  Control)  program  introduced  in  Ref. 6  from 
which  Fig.l  is  reproduced.  This  figure  depicts  the  overall  computational  procedure  which 
yields  the  optimal  regulator  solution  for  typical  active  control  problems  formulated  as 
a  model  following  problem.  The  preliminary  data  obtained  from  the  aerodynamic  and 
structural  section  are  applied  to  the  Aerodynamic  Structural  Constraint  Function  Generating 
(ASCFG)  program  which  generates  the  matrices  pertaining  to  the  constraint  equations. 
Subsequently,  the  Active  Control  Relaxing  Function  Generating  (ACRFG)  program  computes 
the  relaxing  functions  relating  tKe  constraint  and  control  variables  to  the  active 
controller  deflections,  aiding  the  designer  in  the  development  of  the  most  effective 
control  configuration  in  terms  of  percentage  reduction  in  the  basic  structural  weight 
of  the  vehicle  due  to  wing  and  tail  geometry  changes.  This  intermediate  phase  is  carried 
out  in  a  trial  fashion  requiring  the  iterative  use  of  the  above-mentioned  programs  start¬ 
ing  with  an  active  control  configuration  assumed  as  a  first  step  approximation.  The  con¬ 
figuration  chosen  for  the  configured  Boeing  B.747  aircraft  was  derived  following  the 
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above-described  trial  procedure.  This  proved  that  the  active  flaps  sections  considered 
in  the  study  are  capable  of  generating  the  required  additional  aerodynamical  forces  and 
moments.  The  chosen  configuration  was  submitted  to  the  optimization  procedure  in  order 
to  design  an  optimal  flight  control  system  implementing  the  solution  yielded  by  linear 
control  theory.  To  that  purpose  the  "Optimal  Control  Section"  of  the  SOAC  program  was 
employed,  yielding  an  optimal  active  controller  satisfying  the  design  requirements. 

In  this  computational  stage  the  mathematical  treatment  discussed  in.  Ref.  6  was  applied 
to  include  the  aerodynamical  and  structural  constraints  in  the  system  state  equation 
in  order  to  obtain  a  unique  mathematical  model  for  the  minimization  procedure  and  also  to 
reduce  the  linear  optimal  cdntrol  problem  to  a  standard  optimal  regulator  problem  as  stated 
in  Ref.  1.  This  was  performed  reformulating  the  performance  index  and  defining,  starting 
with  the  general  two  point  boundary  problem  in  which  a  new  Hamiltonian  function  was 
introduced,  an  equivalent  system  inherently  accounting  for  the  model  response  error  and 
the  aerodynamical  and  structural  constraints.  Also  an  equivalent  weighting  matrix  which 
imposes  specified  weight  to  all  state  and  control  variables  was  established.  The  proposed 
optimization  problem  is  then  solved  as  a  standard  regulator  problem  implying  the  solution 
of  the  steady  Riccati  equation.  These  computations  are  numerically  carried  out  in  the  GAC 
(Generalized  Active  Control)  subroutine  called  by  the  SOAC  program,  acting  as  main  program, 
which  provides  the  input  data  transfer.  An  iterative  procedure  is  also  provided  to  restate 
the  state  and  control  weighting  matrices  to  allow  a  satisfactory  system  convergence  toward 
the  proposed  model.  The  resulting  optimal  closed  loop  system  behaviour  in  response  to 
random  inputs  is  obtained  using  the  Generalized  Graphical  Time  Response  (GGTRESP)  program 
described  in  Ref.  9. 

BASIC  AIRPLANE  DESCRIPTION 

The  Boeing  B.747  is  a  wide  body,  four  engine,  turbofan  commercial  transport  air¬ 
craft  designed  for  long  range  operations.  The  dimensions  and  areas  pertaining  to  this 
vehicle  are  shown  in  the  standard  technical  manuals.  The  landing  configuration  at  the 
maximum  landing  weight  (255,825  Kg.)  and  33%  M.A.C.  center  of  gravity  position  with 
landing  gear  down,  trailing  edge  high  lift  and  Krueger  flaps  fully  extended,  is  taken  as 
reference  in  the  active  control  problem  formulation.  The  flight  condition  is  typical  in 
the  approach  phase  at  an  airspeed  of  117  m/sec.  on  a  sub-horizontal  glide  slope  at  about 
330  meters  from  the  ground.  The  aerodynamic  coefficients  and  derivatives  relative  to  the 
above-considered  configuration  are  summarized  in  Table  I  where  the  angles  and  angular 
velocity  are  given  in  radians;  all  symbols  shown  coincide  with  those  of  Ref.  4.  The 
perturbed  longitudinal  motion  of  the  basic  airframe  is  described  by  the  linear  state 
equation 

*  (t)  =  A  x  (t)  +  B  U(t)  (1) 

where  the  state  vector  x  (t)  is  defined  as 

xT  (t)  =  | AV , A6 , q  , A0 |  (2) 

The  appearing  components  are  the  vehicle  state  variables  (ai  -speed,  angle  of 
attack,  pitch  rate  and  aptitude)  from  the  reference  condition  due  to  an  incremental 
aerodynamic  control  (elevator)  deflection  represented  by  the  scalar  variable  u(t)  in 
Eq.  (1).  The  elements  of  the  state  and  control  matrices  are  derived  con iide ring  the 
expressions  given  in  Ref.  4. 

THE  GEOMETRY  OF  THE  ACTIVE  CONTROLLERS 

The  choice  of  the  controller  configurations  on  the  wing  was  accomplished  after 
several  numerical  trials.  In  determining  the  more  effective  solution  from  the  active 
point  of  view,  the  first  priority  was  the  use  of  the  aerodynamic  effectors  already 
present  in  the  basic  wing  for  the  required  functions.  The  basic  low  speed  ailerons  were 
employed  as  outboard  active  flaps  with  collective  displacement  superimposed  on  the  aileron 
differential  motion.  This  is  required  for  lateral  control  in  which  these  control  surfaces 
act  as  direct  lift  flaps.  The  original  triple  slotted  high  lift  inboard  flaps  arrangement 
was  changed  to  a  simple  split  structure  displaced  with  respect  to  high  lift  flaps 
positions  required  in  landing  configuration.  The  active  controller  maximum  displacements 
are  considered  within  the  linear  portion  of  the  aerodynamic  effector  characteristics ,  un¬ 
changed  by  active  control  deflections.  Table  II  presents  the  geometric  characteristics  of 
the  control  surfaces  employed  as  active  controllers,  while  the  view  of  the  wing  active 
configuration  is  depicted  in  Fig.  2.  The  aerodynamic  derivatives  for  the  active  control 
surfaces  were  obtained  applying  the  methods  given  in  Ref.  8  and  the  numerical  values  are 
also  given  in  Table  II. 

THE  MANEUVER  CONSIDERED  IN  CONSTRAINT  FORMULATION 

The  maneuver  taken  as  reference  in  the  formulation  of  the  constraint  equations 
was  a  stationary  pull-up  at  the  load  factor  of  2.5  under  M.L.S.  (microwave  landing  system, 
see  Ref  10  and  12)  up-link  command  initiated  at  the  category  II  decision  height  (18,28  mt.) 
on  a  glide  slope  of  2.8  degree.  The  aircraft  was  then  submitted  to  a  continuous  gusting 
atmospheric  turbulence  disturbing  the  actual  trajectory  from  the  desired  trajectory 
given  by  the  El-2  M.L.S.  station.  The  angle  of  attack,  lift  coefficient,  and  elevator 
deflection  values  pertinent  to  the  flight  conditions  just  before  and  during  the  pull-up 
maneuver  appear  in  Fig.  8. 


THE  AERODYNAMICS  OF  THE  WING  MODIFIED  FOR  ACTIVE  CONTROL  PURPOSES 


In  this  section  the  changes  in  wing  root  bending  moment  and  aerodynamic  drag 
are  developed  as  a  function  of  the  active  controller  deflections  which,  together  with 
the  elevator  deflections,  force  the  aircraft  to  respond  to  a  2,5  g  command.  It  is 
assumed  that  the  wing  lift  distribution  due  to  the  active  controller  deflections  are 
linear  with  respect  to  the  angle  of  attack,  and  with  respect  to  active  controller 
deflections.  (Simply  addittive  with  no  interference  effect  between  control  surfaces.) 
These  hypotheses  restrict  the  validity  of  the  solution  to  the  linear  range  of  the  lift 
slope;  i.e. ,  for  angle  of  attack  lower  than  15  degrees  and  active  controller  deflections 
lower  than'  5  degrees.  The  lift  distributions  due  to  a  unitary  increment  in  the  angle  of 
attack  and  active  control  deflection  as  a  function  of  the  wing  section  absissas,  expressed 
as  a  percentage  of  the  wing  semispan,  are  given  in  the  figures  3,4  and  5. 

THE  INCREMENTAL  WING  ROOT  BENDING  MOMENT  DUE  TO  ANGLE  OF  ATTACK 
AND  ACTIVE  CONTROLLER  DEFLECTIONS. 

The  incremental  wing  root  bending  moment  due  to  a  unitary  increment  in  the 
angle  of  attack  and  active  controller  deflections  has  been  computed  applying  the 
following  formula: 


AMb.  =  *b  q  S 


(i  =  a,  &i  ,  &Q  ) 


(3) 


where  y,  is  the  moment  arm  or  position  at  which  an  equivalent  force  will  produce  the 
same  wTng  root  bending  moment  as  the  actual  lift  distribution  does.  This  moment  arm  may 
be  obtained  directly  from  the  wing  lift  distributions  derived  in  the  previous  section 
via  the  ratio 


-  J 

Q  nAC^  (n)dri 

*L 

q  ac^  (n)dn 

Am  is  the  area  under  the  curve  representing,  for  each  variable,  the  product  of  the  incre¬ 
mental  lift  distribution  times  the  span  position.  Applying  (3)  and  (4)  the  following 
incremental  wing  root  bending  moment  values  were  obtained: 


- 

16,226,901 

Kgm/rad 

1,703,514 

1,581,501 

»» 

Since  these  incremental  values  are  unitary  increments  in  the  corresponding 
state  and  control  variables,  they  may  be  interpreted,  within  the  assumed  linear  hypotheses 
as  the  bending  moment  derivatives  with  respect  to  the  same  variables  and  simply  indicated 
by  the  symbol  M^  (  i  =  a,  6^  ,  6q  ) .  The  incremental  wing  root  bending  moment  in 

maneuver  may  be  written  as 


Mjj  =  (Mfa)  Aa  +  (Mjj  46  +  (Mj^)  A6q 
6  6.  6o 


(5) 


By  means  of  (5)  the  effectiveness  of  the  proposed  active  control  configuration  in  relaxing 
the  wing  root  bending  moment  in  a  maneuver  at  given  load  factor  may  be  determined,  con¬ 
sidering  the  new  system  state  variable 

zm  (t)  =  AMjj  (t)  (6) 

Equation  (6)  may  be  written  in  matrix  form  as: 

zm  (t)  =  M  x  (t)  +  N  u  (t)  (7) 

where  x  (t)  is  the  state  vector  (2)  and  u  (t)  is  the  control  vector  given  by: 

uT  (t)  =  |  (t)  ,  6o  (t)  |  (8) 

the  components  of  which  are  the  active  controller  deflections.  The  n-row  vector  M  and 
the  m-row  vector  N  (m  is  the  number  of  active  controllers)  have  the  structures 

MT  =  |0  ,  (Mjj)  ,  0  ,  0  |  (9) 

NT  =  |  (Mjj)  ,(mJ  |  (10) 

<$  i  6 

o 

Equation  (8)  will  be  used  as  constraint  equation  in  the  optimal  control  problem  treated 
later  in  this  study.  The  other  constraint  equation  taken  into  consideration  is  relative 


to  the  incremental  aerodynamic  drag  in  the  same  flight  maneuver  considered  in  the 
incremental  wing  root  bending  moment  evaluation.  Introducing  the  state  variable 


zd  (t)  =  AD  (t) 

where  AD  is  the  incremental  aerodynamic  drag 
change  and  active  controller  deflections: 

AD  =  q  S  (  C  Aa  +  CD 

a  6 


33- 

(11) 

in  maneuvering  due  to  the  angle  of  attack 

AS.  +C_  AS  )  (12) 
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In  (12)  the  system  drag  aerodynamic  derivatives  due  to  angle  of  attack  and  active 
controller  deflections  appear.  The  constraint  equation  relative  to  the  incremental 


aerodynamic 

drag  is  then 

written 

as 

zd 

=  L  X 

<t)  + 

H  U 

(t) 

(13) 

where  the  n- 

-row  L  vector 

and  the 

m-row  H 

vector 

are  defined  as 

lt 

=  |0  , 

Ld 

0 

o| 

(14) 

ht 

=  |0  , 

CL 

' 

H  . 
d6 

1 

(15) 
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For  the  case  at 

hand ,  the 

L  and  the  H 

matrices 

are  numericaly  expressed  as 
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The  incremental  aerodynamic  moment  with  respect 
gravity  required  to  perform  the  pull-up  maneuver  is  given 


to  the  aircraft 
by 


center  of 
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(16) 


Considering  that  the  active  controllers  deflection  are  supplementing  the  elevators  effect 
in  producing  the  center  of  gravity  moments,  it  may  be  concluded  that  the  elevator  deflec¬ 
tions  are  reduced  in  maneuvering  by  the  active  controllers  activity.  The  same  incremen¬ 
tal  baricentric  moment  may  be  obtained  by  decreasing  the  tail  size  while  maintaining 
the  elevator  deflection,  resulting  in  a  further  structural  weight  saving.  To  evaluate 
this  effect,  the  ratio  between  the  modified  tail  size  (Stm)  and  the  basic  value  (Sfcb) 
was  introduced: 


K 


s 


(17) 


The  control  derivatives  were  defined  as  a  function  of  this  ratio. 

In  Table  III  these  functions  are  summarized  and  in  Table  IV  the  expressions  of 
the  state  and  control  matrix  elements  as  a  function  of  the  ratio  Ks  are  given.  The 
characteristic  equation  root  locus  with  Ks  as  variable  parameter  is  plotted  in  Fig.  6, 
giving  the  critical  Ks  value  at  which  the  system  becomes  unstable.  Assuming  for  Ks  the 
limit  value  of  0.8,  the  state  and  control  matrices  for  the  stable  cases  Ks  =  0.9  and 
Ks  =  0.8  were  computed  as  given  in  Table  V.  For  comparison  purposes,  the  case  Ks  =  1.0 
was  also  included.  The  relaxed  configurations  relative  to  the  assumed  cases  together 
with  the  constraint  equations  (7)  and  (13)  were  considered  in  the  optimization  problem 
treated  in  the  following  sections. 

THE  ACTIVE  FLIGHT  CONTROL  SYSTEM  OPTIMIZATION  PROBLEM 

In  the  active  control  system  problem  at  hand,  a  feedback  control  subsystem 
is  proposed  to  minimize  in  flight  maneuvers,  both  the  error  existing  in  the  dynamical 
response  with  respect  to  a  specified  model  which  exhibits  zero  incremental  wing  root 
bending  moment,  and  aerodynamic  drag.  This  condition  is  considered  an  ideal  objective 
in  the  active  control  solution.  To  solve  such  a  multivariable  optimization  problem, 
linear  optimal  control  theory  (Ref.  1)  was  applied.  An  integral  quadratic  performance 
index  was  formulated  as  follows: 

f  00 

2  J  =  ]  (  KT  Q  y.  +  ZT  T  z  +  uT  R  u  )  dt  (18) 

where  y  is  a  vector  of  the  errors  in  the  dynamical  response  of  the  system  with  respect  to 
a  response  model,  z^  is  the  constraint  vector  (the  elements  of  which  are  just  the  aero¬ 
dynamic  and  structural  constraints  imposed  by  the  active  problem)  and  u  is  the  control 
vector.  The  weighting  matrices  Q,  T  and  R  express  the  relative  emphasis  placed  on  each 
argument  in  the  performance  index.  The  procedure  adopted  to  solve  the  proposed  optimi¬ 
zation  procedure  is  to  provide  a  unique  mathematical  model  in  which  the  aerodynamical 
and  structural  constraints  are  included  in  the  system  state  equation  and  to  reduce  the 

j 
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problem  formulation  to  a  standard  optimal  regulator  problem. 

The  mathematical  treatment  from  which  the  above  mentioned  procedure  was 
derived  is  discussed  in  Ref.  5  and  the  computer  program  to  solve  numerically  the 
optimization  problem  is  presented  in  Ref.  6.  The  conclusions  drawn  from  these  works, 
are  now  briefly  summarized.  To  find  the  optimal  control  law  uo  ( t )  for  the  n— order  system 
(2)  for  whichm  active  controllers  and  k  constraints  are  consTdered,  the  proposed  perform¬ 
ance  index  (18)  is  manipulated  mathematically  to  appear  in  the  compact  form 


Here 


2j  =  j  ce  ( t>  s  ut>  ) 

C,(t)  is  an  (n+m)  augmented  vector  given  by 


fit) 


|xT  (t) 


and  S  is  an  (n+m)  squared  matrix: 

ft 


(t) 


dt 


(19) 


(20) 


(21) 


The  matrices  F^ ,  F2  and  R,  respectively  sized  (nxn) ,  (nxm) ,  and  (mxm)  are  defined  as 


1  = 


-T 

Y  Q  Y; 


F2  =  Y  Q  Z; 


Z  T  Q  Z  +  R 


with  the  (n+k)  xn  and  (n+k)  x  m  Y  and  Z  matrices  given  by 

A  Z  =j-B-~l 

Z„  A, 


Y  = 


(22) 


The  (nxn)  Q  and  A  matrices  are 
Q  = 


0  I  T 


A=A  -  A_ 


(23) 


Observe  that  the  matrix  A  represents  the  difference  in  the  system  and  model  state.  The 
matrices  Z  and  Z  are,  respectively,  the  state  and  control  components  of  the  constraint 
vector  z  :  r 


,T= 


z  T 
—  m 


(24) 


the  components  of  which  are  defined  in  (7)  and  (13) ,  and  consequently: 


7  -  |JL  1 

z  -  1  N  1 

ro  |  L  I 

Zd  [H  | 

(25) 

This  yields  the  equation 

z  (t)  =  Zm  x 
-  m  — 

(t)  +  Zd  u  (t) 

(26) 

The  solution  of  the  standard  optimal  regulator  problem  is  equivalent 
actual  active  control  problem  and  is  obtained  as  the  solution  of  the 
equation : 

to  the  one  for  the 
following  state 

*  (t)  =  Ae  x 

(t)  +  Be  U  (t) 

(27) 

Here 

A  =  A  -  B  R 

e 

-1  F,T  B  =  b 

2  e 

(28) 

which  inherently  accounts  for  the  model  response  error  and  for  the  constraints, 
equivalent  state  weighting  matrix  Sc  imposing  specified  weights  on  all  state  and 
control  variables  is  used  in  solving  the  optimization  problem  for  the  equivalent 
(27) ,  providing  the  minimization  of  the  following  performance  index: 

An 

system 

2  J  =  j  o  (  -T 

Sc  X  +  uT  R  u  )  dt 

(29) 

with 

s  J  -f-l-- 

1  -  T 

(30) 

c  1  0  !  R 

!  Qe  F1  F2  R  F2 
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The  optimal  feedback  control  law  resulting  from  the  above  summarized  system  transforma¬ 
tion  is  expressed  by 

Kfb  =  -  R  _1  [bT  P  (t)  +  Fj  J  (31) 

The  n-squared  symmetric  matrix  appearing  in  (31)  is  obtained  as  the  solution  of  the 
standard  Riccati  equation: 

P  (t)  =  Pit)  Ae  +  Ag  P  (t)  -  P  (t)  B  R  _1  BT  P  (t)  +  Qe  (32) 

Since  the  active  control  problem  is  essentially  a  stationary  one  in  the  sense 
that  the  searched  solution  must  provide  a  feedback  controller  capable  of  maintaining 
the  stationary  equivalent  system  within  acceptable  deviation  from  the  model  trajectories 
using  a  minimum  amount  of  controls,  the  Riccati  equation  may  be  solved  for  the  steady 
state  value  of  P  (t) .  Within  the  conventional  definiteness  hypotheses  on  the  weighting 
matrices  R  and  Qe,  this  solution  guarantees  optimality  for  all  initial  states  of  the 
equivalent  system;  i.e. ,  it  yields  the  minimum  integral  value  of  the  incremental  wing  root 
bending  moment  and  aerodynamic  drag,  and  minimum  integral  of  the  transient  error  with 
respect  to  the  same  incremental  quantities  proposed  for  the  model.  The  optimal  control 
law. 


when  substituted 


Ho  <t>  -  Kfb  i  (t> 

in  the  equivalent  system  (26), 

*  (t)  =  Af  x  (t) 

—  e  — 


(33) 

gives  the  optimal  closed  loop  representation 

(34) 


This  was  used  in  the  following  section  to  derive  the  dynamical  behaviour  of  the  optimized 
active  control  system  in  closed  loop  configuration  in  response  to  a  random  disturbance 
from  the  reference  set  point. 


THE  RESULTS  OF  THE  COMPUTATIONAL  PROCEDURE 


For  the  active  flight  control  system  design  of  the  Boeing  B.747  aircraft  only 
the  short  period  mode  in  the  landing  configuration  was  taken  into  consideration;  conse¬ 
quently  the  response  model  was  also  chosen  referring  to  this  mode  resulting  in  a  second- 
order  state  equation  with  the  state  matrix  given  by 
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-2.083 
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-  8.86 


This  was  obtained  by  applying  the  conventional  response  criteria.  Choosing  weighting 
matrices 
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the  output  of  the  SOAC  program  yields  for  the  case  Ks  =  1.0  the  optimal  feedback  gain 
matrix  elements  presented  in  Table  IV. 


THE  OPTIMAL  FLIGHT  CONTROL  SYSTEM  STRUCTURE 


Figure  7  depicts  the  physical  configuration  of  the  optimal  flight  control  system 
in  which  the  a-  sensor  is  substituted  wiht  a  dynamical  controller  which  provides  the 
recovery  of  the  angle  of  attack  state  variable  from  the  measurable  variables  (see 
Ref.  II)  thereby  defininq  the  complete  system  state.  The  servos  employed  to  activate 
the  elevators  and  the  active  inboard  and  outboard  flaps  are  fed  with  signals  possessing 
intensity  defined  by  the  optimal  control  law  (33).  The  limiters  included  in  each  active 
controller  channel  are  provided  so  that  the  controller  deflections  do  not  exceed  the  max¬ 
imum  value  allowable  considered  for  validity  under  the  hypotheses  given  in  the  problem 
formulation.  Since  the  main  objective  of  this  study  is  the  evaluation  of  the  active- 
modified  aircraft  behaviour  in  response  to  a  continuous  gusting  turbulence,  the  problem 
regarding  the  response  to  command  inputs  was  descarded  in  the  optimization  formulation; 
consequently  the  computed  controller  gains  will  provide  an  optimal  control  only  when 
the  aircraft  is  subjected  to  disturbances. 


THE  ACTIVE  OPTIMAL  CONTROL  SYSTEM  BEHAVIOUR  IN  RANDOM  ENVIRONMENT 


The  behaviour  of  the  optimal  closed  loop  active  system  for  the  various 
configurations  considered  in  the  preceeding  sections  in  response  to  a  continuous 
atmospheric  gusting  turbulence  was  digitally  simulated  employing  the  GGTRESP  program 
described  in  Ref.  9.  The  homogeneous,  isotropic  turbulence  model  employed  is  given  by  the 
following  widely  accepted  form  of  the  one-dimensional  spectrum  function: 


I 


where  at  is  the  standard  deviation  of  the  turbulence  having  zero  mean  value.  Here, 

J.  ) -  Q  at  is  the  characteristic  constant  associated  with  the  turbulence  to  be  evaluated  as  the 
ratio  between  the  aircraft  airspeed  and  the  integral  scale  of  turbulence.  To  simulate 
the  spectral  density  (35),  a  continuous  white  noise  was  shaped  by  a  low-pass  filter 
described  by  the  state  equation 

o  (t)  =  -  a  p(t)  +  h26  (t)  (36) 

2 

where  a  is  the  inverse  of  the  filter  time  function  and  h  represents  the  intensity 
of  the  white  noise  6(t).  Imposing  that  the  output  power  spectral  density  of  the  filter 
output  is  equal  to  the  turbulence  power  spectral  density  (35) ,  the  filter  time  constant 
and  the  white  noise  intensity  may  be  expressed  as  a  function  of  the  turbulence  char¬ 
acteristics  constant  and  standard  deviation.  Augmenting  the  optimal  closed  loop  equiv¬ 
alent  system  (34)  with  the  filter  state  equation  (36)  yields  the  augmented  state 
equation 


where 

and 


t  (t)  =  A  z  (t)  +B  6  <  t) 
a  a 

zT(t)  =  |xT  (t)  f  p  (t)  I 
AC  '• 

Aa  __e _ , _ 0_  B 

0  !  -a  , 


(37) 


In  the  simulation,  the  white  noise  was  replaced  by  a  time  series  having  a  flat  spectrum 
over  the  filter  bandwidth.  The  filter  time  constant  was  chosen  to  attenuate  the  smaller 
turbulence  wavelength  (t  =  0.63  sec.).  Three  standard  deviation  values  of  the  turbulence 
vertical  speed  (  =  1.03  -  1.223  -  1.82  m/sec)  were  taken  into  consideration  with  the 

white  noise  intensity  defined  by 


(38) 


Assuming  as  initial  reference  conditions  those  pertaining  to  the  stationary  pull-up 
maneuver,  Eq.  (37)  was  integrated  and  the  vertical  speed  and  angle  of  attack  standard 
deviations  from  the  reference  point  were  derived  for  the  active  configurations  considered 
in  the  study.  In  Fig.  9  the  computed  standard  deviations  are  depicted  as  functions  of 
the  turbulence  standard  deviation.  In  Fig.  10  the  inboard  and  outboard  active  flaps 
displacements  required  to  minimize  the  arguments  considered  in  the  performance  index  in 
gusting  environments  of  different  intensity  are  presented.  The  wing  root  bending  moment 
relaxation  ratio  is  defined  by 

Kr  =  (AMb)  ac  ~  (AMb)  b  (39) 

(AMb>b 

This  represents  the  percentage  reduction  in  the  incremental  wing  root  bending  moment 
obtained  by  the  active  configurations  with  respect  to  the  bare  aircraft  in  the  same 
pull-up  maneuver.  The  effectiveness  in  relaxing  the  airframe  structure  is  described  in 
Fig.  13  in  which  Kr  is  displayed  as  a  function  of  the  turbulence  standard  deviation. 

The  short  period  flying  qualities  of  the  active  configurations  are  compared 
with  those  relative  to  the  bare  aircraft  in  the  acceptability  diagram  of  Fig.  14  from 
Ref.  4. 


CONCLUSIONS  AND  RECOMMENDATIONS 

A  flight  control  system  was  designed  for  the  Boeing  B.  747  transport  aircraft. 
The  aim  was  to  activate  some  of  its  basic  aerodynamic  effectors  for  use  as  direct  lift 
controllers,  thereby  redistributing  the  aerodynamic  load  on  the  wing  with  the  aim  of 
reducing  the  wing  root  bending  moment  in  flight  maneuver  at  the  maximum  load  factor,  and 
consequently  to  save  the  basic  structural  weight.  The  usefulness  of  the  active  control¬ 
lers  as  turbulence  attenuator  devices  was  also  examined  via  digital  flight  simulation. 

In  this  case  the  modified  aircraft  was  subjected  to  a  continuous  gusting  turbulence  with 
varied  intensities.  The  flight  control  system  feedback  gains  were  computed  to  minimize 
simultaneously  the  response  error  to  disturbances,  the  incremental  wing  root  bending 
moment,  and  aerodynamic  drag  with  respect  to  a  satisfactory  flying  qualities  model  which 
responds  in  the  same  maneuver  with  zero  increments  in  wing  root  bending  moment  and 
aerodynamic  drag.  The  study  considered  the  more  restrictive  case  where  only  the  aero¬ 
dynamic  effectors  on  the  wing  are  employed  as  active  controllers  in  the  maneuver  per¬ 
formed  with  the  elevators  fixed  at  the  position  required  for  a  stationary  pull-up  at 
the  given  load  factor.  The  elevators  were  included  in  the  active  control  loop  to  further 
improve  the  results  obtained  considering  only  the  effectors,  particularly  with  regard  to 
turbulence  suppression  effectiveness.  The  total  reduction  in  the  wing  root  bending 
moment  obtained  using  only  the  wing  effectors  as  active  controllers  amounts  to  approxi¬ 
mately  6%  with  respect  to  the  value  computed  for  the  bare  aircraft.  The  modified 
Boeing  B.  747  flying  qualities  were  also  improved  with  an  increase  in  the  undamped 
natural  frequency  approaching  the  value  provided  for  the  model.  The  wing  active 
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controllers  activity  levels  proved  to  be  small,  validating  the  hypotheses  about  the  use 
of  the  wing  aerodynamic  effectors  within  the  linearity  limits  of  their  aerodynamic 
characteristics,  ensuring  as  well  that  they  are  practically  unaffected  in  their  basic  0  ^ 
functions  as  high  lift  flaps  (inboard  controllers)  and  as  low  speed  ailerons  (outboard 
controllers)  when  moved  in  a  modular  way  under  optimized  active  control.  An  attempt 
was  made  to  use  the  active  controllers  effect  in  supplementing  the  control  moments 
generated  by  the  elevators  in  order  to  obtain  a  further  weight  saving  by  reducing  tail 
size.  Considerable  worsening  in  flying  qualities  with  insignificant  improvements  in  the 
other  characteristics  discouraged  consideration  of  these  results  in  the  design. 

Important  advantages  appeared  instead  by  considering  the  effects  of  the  wing  active 
controllers  as  turbulence  attenuators  in  that  increments  in  angle  of  attack  and  vertical 
speed  generated  in  digital  flight  simulation  by  continuous  gusting  turbulence,  were 
drastically  reduced  in  the  optimized  active  controlled  aircraft  with  respect  to  the  bare 
configuration.  This  advantage,  when  considered  with  the  others  previously  discussed, 
makes  the  proposed  active  configuration  very  attractive  from  the  point  of  view  of 
transport  operations.  Since  the  design  started  with  a  fixed  wing  geometry  and  control 
effector  configurations,  only  limited  advantages  may  be  expected  in  application  of  active 
control  strategy.  Many  other  benefits  may  be  obtained  by  incorporating  these  concepts 
into  the  preliminary  design  stage  of  a. new  airframe.  The  use  of  aerodynamic  active 
controllers  as  independent  devices  on  the  wing  and  tail  surfaces  activated  by  an  auto¬ 
matic  flight  control  system  optimized  with  respect  to  disturbances  and  command  inputs, 
is  proposed.  Other  aspects  of  the  problem  and  further  research  efforts  in  this  area 
have  been  considered  by  the  authors  and  the  results  shall  appear  in  future  papers. 
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TABLE  IV 

OPTIMAL  FEEDBACK  GAIN  MATRIX  (Kg  =  1.0) 

-10.32  -0.5  10-4 

b  -1.25  1.2  10'5 
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Fig.  1  General  view  of  the  computational  procedure  applied  to  active  flight  control  system  design 
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Fig.  14  Short  period  flying,  qualities  comparison 
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SUMMARY 


This  paper  describes  a  combined  experimental  and  analytical  study  which  was  undertaken  to  develop  active 
blowing  concepts  to  control  the  asymmetric  orientation  of  the  vortex  system  emanating  from  an  aircraft  forebody  at 
high  angles  of  attack.  The  overall  objective  of  the  study  was  to  utilize  the  side-force  generated  by  the  asymmetric 
nature  of  the  vortices,  in  a  controlled  manner,  to  enhance  the  capability  of  a  fighter  aircraft  to  recover  from  a  de¬ 
parture  from  controlled  flight.  It  is  well  known  that,  for  slender  forebodies,  at  incidences  generally  greater  than 
twice  the  nose  semi-apex  angle,  a  vortex  system  forms  in  an  asymmetric  manner  and  exhibits  a  bi-stable  behavior, 
preferring  to  be  oriented  in  one  of  two  mirror-image  positions.  The  choice  between  these  two  preferred  positions 
can  be  influenced  strongly  by  very  small  geometric  imperfections  in  an  otherwise  symmetric  model  or  by  small 
asymmetries  in  the  upstream  flow  such  as  are  caused  by  flow  angularity  or  turbulent  eddies  in  the  free  stream.  The 
underlying  assumption  which  precipitated  the  present  work  is  that  the  magnitude  of  the  side-force  which  could  be  con¬ 
trolled  through  the  use  of  a  very  small  device  is  very  large  due  to  the  fluid  amplification  afforded  by  the  vortex 
growth.  The  results  of  water  tunnel  flow  visualization  studies  and  a  wind  tunnel  test  program  are  presented  which 
bear  out  this  assumption  and  show  that  tangential  blowing  can  effectively  alter  the  forebody  vortex  system  at  angles 
of  attack  between  25  and  55  degrees  and  can  generate  yawing  moments  comparable  to  those  produced  by  a  conven¬ 
tional  rudder  at  low  angles  of  attack.  The  results  of  a  six  degree -of-freedom  digital  simulation  are  presented  which 
show  that  this  concept  can  substantially  enhance  departure  recovery  characteristics  and  could  have  potential  as  a  de¬ 
parture  inhibitor  for  some  aircraft.  The  results  of  a  preliminary  system  design  indicate  that  such  a  system  could  be 
applied  to  a  new  or  an  existing  aircraft. 
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1.0  INTRODUCTION 


For  fighter  aircraft  which  operate  in  the  air  combat  maneuvering  (ACM)  arena,  flight  at  high  angles  of  attack 
(AOA),  near  the  limits  of  controllability,  is  an  Inherent  part  of  both  offensive  and  defensive  maneuvering.  Reluctance 
to  operate  in  this  regime  because  of  possible  departure  from  controlled  flight  limits  the  capability  of  the  man-machine 
combination  to  deliver  its  maximum  performance.  Figure  1  illustrates  a  typical  ACM  gross  maneuver  envelope  for  a 
high  performance  fighter  aircraft.  This  boundary  is  an  envelope  of  roll,  yaw  and  pitch  excursions  resulting  from 
maximum  performance  air  combat  maneuvers.  Pilot  confidence  is  the  key  to  effectively  operating  close  to  control 
boundaries;  and  pilot  confidence  Is  a  function  either  of  the  natural  resistance  of  the  aircraft  system  to  departure  or 
of  the  pilot's  ability  to  easily  recover  from  the  occasional  out-of-control  condition  associated  with  high  AOA  maneu¬ 
vering.  Unfortunately,  life  is  not  kind  to  many  pilots  on  either  of  these  key  factors.  In  the  first  place,  there  are 
many  aircraft  in  the  inventories  of  the  free  world's  air  forces  that  exhibit  a  high  degree  of  susceptibility  to  departure 
and  spin  entry.  Such  aircraft  have  a  departure  threshold  which  is  generally  beyond  maximum  lift  but  well  within  the  ) 

ACM  gross  maneuver  envelope  as  shown  in  Figure  2.  Many  of  these  aircraft  also  have  poor  departure  recovery 
characteristics,  generally  requiring  the  pilot  to  act  quickly  and  correctly  in  order  to  regain  control  of  his  aircraft. 

This  brings  us  to  the  second  unfortunate  fact  of  life.  Since  most  pilots  spend  relatively  little  time  near  control  limits 
in  training  or  in  normal  operational  flying,  they  are  quite  unprepared  for  their  first  departure.  The  standard  out-of¬ 
control  reaction  often  is  panic,  followed  by  ejection. 
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stability.  Radar  performance  criteria  and  avionics  packaging  requirements  rather  than  aerodynamic  considerations 
may  determine  the  cross-sectional  and  planform  shape  of  this  forebody,  thereby  further  degrading  high  AOA 'charac¬ 
teristics.  These  compromises  can,  however,  be  made  and  still  lead  to  a  departure  resistant  configuration  as  illus¬ 
trated  in  Figure  3.  Here,  the  resistance  of  a  configuration  to  loss  of  control  was  greatly  enhanced  by  recontouring 
the  radome  cross-sectional  shape.  Only  a  small  degradation  in  radar  performance  resulted  from  the  recontoured 
"Shark  Nose"  radome.  (See  Reference  12) 
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FIGURE  3.  EFFECT  OF  IMPROVED  AERODYNAMICS  ON  DEPARTURE  RESISTANCE 

If  the  above  preferred  approach  falls,  a  second  approach  which  has  gained  favor  in  some  circles  recently, 
is  to  prevent  the  aircraft  from  operating  in  an  AOA  region  where  departure  is  possible.  This  can  be  done  by  incor¬ 
porating  into  the  control  system  features  which  take  control  of  the  aircraft  away  from  the  pilot  during  maximum  per¬ 
formance  maneuvering.  To  ensure  success  of  this  approach,  angle  of  attack  and  sometimes  pitch  acceleration 
capability  must  be  limited.  In  addition,  roll  capability  must  sometimes  be  phased  out  as  AOA  is  increased  to  pre¬ 
vent  roll-yaw  coupling  which  can  cause  pitch  overshoots  which  cannot  be  overcome  with  the  horizontal  stabilizer. 

For  some  aircraft,  a  minimum  airspeed  must  be  maintained  to  prevent  AOA  excursions  during  low  dynamic  pressure 
conditions  such  as  those  encountered  during  a  zoom  maneuver.  Figure  4  illustrates  that  incorporation  of  these  fea¬ 
tures  into  an  aircraft  configuration  can  significantly  reduce  the  maneuver  performance,  even  at  angles  of  attack  be¬ 
low  the  AOA  limit. 


FIGURE  4.  EFFECT  OF  CONTROL  LIMITERS  ON  DEPARTURE  RESISTANCE 
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The  third  approach  which  has  been  taken  in  the  past  has  been  to  use  motion  and  attitude  sensors  in  conjunction 
with  the  aircraft's  control  system  to  "automatically"  recover  the  aircraft  from  the  departure.  State-of-the-art  sen¬ 
sors  can  determine  whether  the  aircraft  has  departed  from  controlled  flight  and  determine  the  direction  of  motion 
much  quicker  than  an  average  pilot  can.  Relatively  simple  control  laws  can  be  programmed  into  a  control  system  to 
respond  to  these  sensor  inputs  and  place  the  control  surfaces  in  positions  to  optimize  recovery  chances  in  a  manner 
that  is  much  more  reliable  than  an  average  pilot.  The  only  draw  back  to  concepts  which  have  been  developed  using 
this  approach  is  that  for  most  aircraft,  control  effectiveness  in  the  departure  AOA  region  is  severely  degraded 
when  compared  to  the  effectivess  at  lower  AOA.  This  sometimes  forces  the  designer  to  lower  the  threshold  AOA 
for  the  automatic  recovery  system  into  a  region  which  could  cause  it  to  be  activated  when  it  is  not  needed.  However, 
if  more  effective  control  devioes  could  be  developed,  this  general  approach  could  be  utilized  to  design  a  system 
which  would  have  the  potential  to  dramatically  reduce  the  loss  of  life  and  equipment  resulting  from  out-of-oontrol 
flight  accidents. 

This  paper  describes  an  analytical  and  experimental  study  which  was  undertaken  to  develop  a  novel  control 
concept  which  is  effective  in  the  angle -of -attack  region  above  stall  and  which  could  be  mechanized  in  a  manner  as 
outlined  in  the  preceding  paragraph  to  enhance  the  capability  of  an  aircraft  to  recover  from  loss  of  control.  The 
vortex  blowing  control  concepts  tested  in  the  present  study  were  designed  to  alter  the  asymmetric  orientation  of 
the  forebody  vortex  system,  taking  advantage  of  the  large  aerodynamic  forces  produced  by  this  asymmetry. 

This  paper  will  concentrate  on  the  effects  which  the  blowing  concepts  have  on  the  overall  stability  and  control 
characteristics  of  an  aircraft  at  high  angles  of  attack.  A  companion  paper  by  Peake  and  Owen  (Reference  1)  will 
discuss  the  results  of  similar  experiments  on  a  cone  model  and  will  concentrate  on  the  details  of  the  fluid  mechanic 
phenomena  associated  with  forebody  blowing. 

2.0  BACKGROUND 

2. 1  Forebody  Flowfields  at  High  Angles  of  Attack 

It  is  a  well  known  fact  that  an  asymmetric  vortex  system  forms  on  the  leeside  of  aircraft  and  missile  fore¬ 
bodies  at  high  angles  of  attack  (References  2-6  for  example).  The  degree  of  asymmetry  and  the  strength  of  the  vor¬ 
tices  are  dependent  on  several  parameters,  the  primary  ones  being  angle  of  attack  (AOA),  fineness  ratio  (A/ d), 
nose  semi-apex  angle  (dn)  and  nose  bluntness  (rn/d).  A  typical  example  of  asymmetric  vortices  is  illustrated  in 
Figure  5,  where  the  visualization  takes  place  in  a  water  tunnel. 


a  =  40°  (9=0°  a=50°/S=o° 


FIGURE  5.  WATER  TUNNEL  VISUALIZATION  OF  A  TYPICAL  ASYMMETRIC  VORTEX  PATTERN  AT  HIGH  AOA 

At  incidences  generally  greater  than  twice  the  nose  semi-apex  angle,  these  asymmetric  vortices  become 
strong  enough  to  produce  values  of  side-force  and  yawing  moment  large  enough  to  influence  the  departure  resistance 
of  an  aircraft  (References  7-12).  An  example  of  asymmetric  yawing  moments  measured  on  a  typical  fighter  air¬ 
craft  is  shown  in  Figure  6,  compared  with  yawing  moment  produced  by  full  deflection  of  the  rudder.  These  asym¬ 
metric  side  forces  can  not  only  generate  a  departure  from  controlled  flight  but,  once  the  departure  has  occurred, 
they  can  aggravate  the  tendency  of  an  aircraft  to  transition  to  a  flat  spin  mode.  In  addition,  since  these  vortices  have 
been  observed  to  remain  in  an  asymmetric  orientation  even  under  coning  conditions  (References  13  and  14)  they  can 
oppose  .ecovery  from  a  spin. 

These  vortices  have  been  observed  to  behave  in  a  bi-stable  manner,  preferring  to  orient  in  one  of  two,  mirror- 
image  states  (References  15-17).  The  choice  between  the  two,  mirror-image  orientations  is  thought  to  be  highly  in¬ 
fluenced  by  minute  geometric  imperfections,  especially  near  the  apex  of  the  nose. 


2.2  The  Concept  of  Asymmetric  Vortex  Control 


In  the  present  study,  the  overall  objective  was  to  harness  the  power  of  this  vortex  system  and  utilize  the  side- 
force  generated  by  its  asymmetric  nature  as  a  control  device.  Such  a  device  would  have  effectiveness  in  the  angle- 
of-attack  region  beyond  stall  and  could  be  used,  with  the  proper  system  design  and  following  appropriate  control 
laws,  to  greatly  enhance  the  capability  of  an  aircraft  to  reeo  or  from  a  departure  from  controlled  flight. 
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FIGURE  6.  TYPICAL  YAWING  MOMENT  ASYMMETRIES 


2.3  Previous  Research 


The  basic  concept  of  controlling  the  yawing  moments  generated  by  long,  slender  forebodies  to  aid  spin  recovery 
was  first  proposed  by  Neilhouse,  et.  al.  (Reference  7)  in  1960.  Neilhouse,  et.  al.  pursued  three  means  of  control¬ 
ling  the  yawing  moments;  strakes  or  spoiler  strips  placed  along  the  inboard  side  of  the  nose  (right  side  in  a  right 
spin),  induced  circulation  about  the  forebody  produced  by  rotating  a  conical  nose  section,  and  flap-type  surfaces 
placed  either  on  both  sides  or  only  on  the  inboard  side  of  an  aircraft  nose.  Each  of  these  concepts  proved  effective 
in  promoting  rapid  recovery  from  various  types  of  spins  on  different  models.  Similar  experiments  using  asym¬ 
metric  nose  strakes  were  reported  by  Chambers,  et.  al.  (Reference  18)  in  1970  and  showed  equally  promising  re¬ 
sults  on  a  different  aircraft  configuration.  More  recently  Fidler  (Reference  19)  has  suggested,  that  rotating  nose 
cones  could  be  used  on  missiles  to  alter  the  forebody  vortex  shedding  pattern,  thereby  reducing  the  time-averaged 
side-force  at  high  angles  of  attack.  Kru3e  (Reference  20)  conducted  experiments  on  the  effect  of  spinning  an  axi- 
symmetric  body  about  its  longitudinal  axis,  noting  that  in  addition  to  reducing  the  time  averaged  side-force,  the  peak- 
to-peak  variation  of  side  force  decreases  with  increased  spin  rate.  Cornish  and  Jenkins  (Reference  21)  conducted 
experiments  with  symmetrical  tangential  blowing  near  the  nose  of  an  aircraft  but  were  unsuccessful  in  affecting  the 
spin  recovery  characteristics  of  this  particular  configuration. 

2.4  Present  Studies 


In  a  manner  similar  to  some  of  the  previous  research  just  cited,  the  present  work  concentrated  on  the  experi¬ 
mental  evaluation  of  concepts  to  control  the  forebody  side  force  through  asymmetric  tangential  blowing  near  the  apex 
of  the  nose. 

Several  practical  considerations  were  taken  into  account  early  on  in  order  to  screen  devices  which  would  not 
find  application  to  a  fighter  aircraft  regardless  of  their  effectiveness.  The  screening  criteria  used  were: 

•  The  tangential  blowing  concepts  must  have  sufficient  effectiveness  so  as  to  not  require  abnormally  large 
quantities  of  air  or  unattainable  mass  flow  rates. 

•  The  blowing  nozzles  must  be  located  in  a  region  aft  of  the  radar  antenna  where  radar  performance  would 
not  be  adversely  affected. 

3.0  EXPERIMENTAL  APPARATUS  AND  TEST  PROGRAM 


3.1  Water  Tiinnel  Tests 


Preliminary  tests  of  various  forebody  Vortex  Blowing  Control  Concepts  were  conducted  in  the  Northrop  16"x24" 
Diagnostic  Water  Tunnel  on  a  0.025  scale  model  of  an  F-5F  aircraft.  The  Northrop  Diagnostic  Water  Tunnel  is  a 
single  return,  low  turbulence  facility.  It  is  operated  at  a  nominal  test  section  velocity  of  0.35  to  0.45  fps  which  cor- 
responds  to  a  Reynold's  number  of  approximately  3x10^  per  foot.  The  model  used  was  equipped  with  two  parallel 
rows  of  dye  injection  orifices  located  on  the  lower  surface  of  the  fuselage  forebody.  Visualization  of  the  forebody 
flowfield  is  achieved  when  the  dye  flows  out  of  these  orifices  and  is  entrained  into  the  separated  shear  layer  which, 

In  turn,  rolls  up  into  well  defined  vortices. 

The  water  tunnel  tests  were  conducted  to  screen  a  large  number  of  blowing  schemes  by  comparing,  In  a  some¬ 
what  qualitative  manner,  the  relative  capability  of  each  concept  to  control  the  forebody  vortex  orientation.  The  blow¬ 
ing  concepts  tested  consisted  of  small  nozzles  located  on  the  surface  of  the  forebody  at  various  locations.  The  blow¬ 
ing  jet  angle  relative  to  the  freestream  was  varied  also.  Figure  7  shows  a  sketch  of  the  model  and  illustrates  a 
sample  nozzle  location.  Water  was  supplied  to  the  blowing  nozzle  through  a  small  tube  running  down  the  centerline 
of  the  model.  Accurate  mass  flow  rates  were  set  by  using  a  water  flow  meter  in  the  supply  line,  external  to  the 
tunnel.  Additional  water  tunnel  tests  were  conducted  oh  two  tangent  ogive  cylinder  bodies  to  determine  the  effect  of 
vortex  blowing  control  on  more  generic  shapes.  The  tangent  ogive  forebodies  had  fineness  ratios  of  (//d)  =  3. 5 
and  5. 0.  Each  was  tested  with  a  common  (</d)=  4. 5  circular-cylinder  afterbody.  Tangential  blowing  In  a  downstream 
direction  was  tested  for  a  matrix  of  positions  on  the  surface  of  both  bodies.  Figure  8  illustrates  the  model  geomet¬ 
ries  tested. 

The  experiments  were  performed  over  an  angle  of  attack  range  of  0  to  60  degrees.  Vortex  core  vertical  and 
lateral  positions  were  determined  at  a  fixed  longitudinal  station  for  the  matrix  of  nozzle  geometries  at  various  blow¬ 
ing  rates.  In  this  manner,  the  relative  effectiveness  of  each  concept  was  evaluated  and  optimum  nozzle  locations 
were  determined. 
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FIGURE  7.  F-5F  WATER  TUNNEL  MODEL  ARRANGEMENT 


FIGURE  8.  TANGENT  OGIVE  WATER  TUNNEL  MODEL  ARRANGEMENT 


3.2  Wind  Tunnel  Tests 

Based  on  the  results  of  the  water  tunnel  tests,  the  most  promising  nozzle  geometries  were  selected  for  proof- 
of-concept  testing  in  the  wind  tunnel. 

Testing  was  conducted  in  the  Northrop  Low  Speed  Subsonic  Wind  Tunnel.  The  Uinnel  is  a  horizontal,  atmo¬ 
spheric,  single  return  facility  capable  of  test  section  Reynolds  numbers  up  to  2.4xl06  per  foot  and  a  dynamic  pres¬ 
sure  of  up  to  200  psf.  The  test  section  is  10  feet  wide,  7  feet  high,  and  20  feet  long.  The  tunnel  has  a  contraction 
ratio  of  12:1  which  gives  a  streamwise  turbulence  level  of  less  than  0.01%  in  the  test  section. 

Tests  were  conducted  using  a  0. 10  scale  F-5F  model,  equipped  for  asymmetric  blowing  at  two  fuselage  sta¬ 
tions  on  the  upper  surface  of  the  forebody.  A  plenum  chamber  for  the  blowing  system  was  contained  in  the  nose  of 
the  model.  This  plenum  chamber  was  pressurized  from  an  external  source  through  an  air  supply  line  which  routed 
from  a  support  near  the  back  of  the  sting,  forward  along  the  top  of  the  model  until  it  became  buried  just  aft  of  the 
canopy.  Care  was  taken  to  ensure  that  the  supply  line  was  non-metric.  Figure  9  shows  the  model  installation  in  the 
tunnel  and  Illustrates  the  blowing  apparatus.  Nozzle  locations  are  illustrated  in  Figure  10. 
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FIGURE  10.  BLOWING  NOZZLE  LOCATIONS 


The  blowing  nozzles  were  designed  to  provide  choked  flow  at  the  nozzle  exit  plane.  A  nozzle  calibration  was 
performed  to  determine  actual  discharge  coefficients.  Plenum  total  pressure  and  temperature  and  nozzle  mass  flow 
rate  were  measured  and  used  to  compute  nozzle  jet  velocity  and,  hence,  blowing  momentum  coefficient,  C^. 

To  assure  data  repeatability  and  flow  conditions  representative  of  full  scale,  transition  grit  was  applied  to  the 
model  forebody  as  shown  in  Figure  11.  The  test  procedure  used  was  to  first  determine  the  characteristics  of  the 
model  with  dummy  nozzles  installed  at  the  longitudinal  position  of  interest.  By  noting  the  direction  of  the  side-force 
produced, the  relative  positions  of  the  primary  vortices  could  be  inferred;  the  measured  side-force  resulting  from 
the  vortex  nearest  to  the  body.  The  dummy  nozzle  on  the  side  of  the  body  which  has  the  higher  vortex  was  then  re¬ 
placed  by  an  open  or  active  nozzle  and  the  effect  of  blowing  mass  flow  rate  was  measured  over  a  large  angle  of  at¬ 
tack  and  sideslip  range. 


FIGURE  11.  TRANSITION  GRIT  PATTERNS 


Wind  tunnel  tests  were  performed  at  a  dynamic  pressure  of  50  psf,  corresponding  to  a  Reynolds  number  of 
1.308x  106  per  foot.  Plenum  pressures  for  the  blowing  system  ranged  from  165  psl  to  615  psi,  yielding  blowing 
momentum  coefficients  of  between  Cfi  =  0.008  and  0.032,  respectively.  Data  were  taken  over  an  angle  of  attack 
range  of  a  =  o°  to  90'  in  2°  increments  and  over  a  sideslip  range  of  0  =  ±  25°  in  5°  increments. 


4.0  DISCUSSION  OF  RESULTS 

4.1  Water  Tunnel  Tests 

4.1.1  Asymmetric  Tangential  Blowing  Concepts 


Experiments  performed  in  the  water  tunnel  with  the  3.5  fineness  ratio  tangent  ogive  forebody  indicated  that, 
for  the  range  of  longitudinal  positions  tested,  (approximately  1.0  to  2.0  body  diameters  aft  of  the  apex  of  the  nose), 
the  most  effective  tangential  blowing  arrangement  was  found  to  be  with  the  nozzle  directed  aft  and  on  the  side  of  the 
body  where  the  higher  vortex  was  located.  This  would  be  on  the  side  opposite  to  the  direction  of  a  departure  or  spin 
as  the  side  force  is  produced  by  the  vortex  in  the  closest  proximity  to  the  surface. 
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Not*:  Cfj  Referenced  to  Model  B*m  Diameter 
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FIGURE  12.  WATER  TUNNEL  RESULTS  FOR  AFT  BLOWING  ON  A 
3.5Z4.5  TANGENT  OGIVE  -CYLINDER  MODEL- 
NOZZLES  LOCATED  AT  x/d  -  1.54 

As  shown  In  Figure  12,  when  a  sufficient  quantity  of  mass  flow  is  directed  in  a  concentrated  jet  beneath  the 
high  vortex,  the  vortex  system  can  be  Induced  to  form  in  its  mirror-image  state.  Blowing  coefficients  shown  are 
referenced  to  the  model  base  diameter.  The  blowing  mass  flow  required  to  induce  a  complete  reversal  of  the  vortex 
core  positions  was  found  to  be  a  function  of  the  longitudinal  position  of  the  nozzle  relative  to  the  apex  of  the  nose, 
the  radial  position  of  the  nozzle  relative  to  th^  windward  generator  and  the  angle  of  attack  of  the  model.  As  seen  in 
Figure  13,  significant  reductions  in  required  mass  flow  are  noted  as  the  nozzle  is  moved  toward  the  apex  of  the  nose 
at  a  constant  Y/D.  The  approximate  location  of  a  typical  radar  antenna  la  shown  for  reference.  One  can 
alBo  note  that  significantly  higher  values  of  mass  flow  are  required  to  produce  reversal  at  higher  angles  of  attack. 

Figure  14  illustrates  the  effect  of  nozzle  radial  position  on  blowing  control  effectiveness.  As  the  nozzle  Is 
displaced  angularly  away  from  the  leeward  generator  at  a  constant  longitudinal  position,  an  Increase  In  blowing 
effectiveness  is  noted.  The  optimum  radial  position  appears  to  correspond  to  a  lateral  position  slightly  outboard 
of  the  center  of  the  higher  vortex  core. 
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FIGURE  13.  TANGENT  OGIVE  BLOWING  REQUIRED  TO  REVERSE 
ASYMMETRY  AS  A  FUNCTION  OF  THE  NOZZLE 
LONGITUDINAL  POSITION 


FIGURE  14.  TANGENT  OGIVE  BLOWING  REQUIRED  TO  REVERSE 
ASYMMETRY  AS  A  FUNCTION  OF  THE  NOZZLE 
0  POSITION 

Experiments  performed  In  the  water  tunnel  on  the  F-5F  model  using  the  tangential,  aft  blowing  concept 
yielded  results  as  shown  in  Figure  15.  These  results  are  consistent  with  those  obtained  with  the  tangent  ogive 
models  and  illustrate  the  capability  to  induce  the  vortices  to  switch  to  the  mirror-image  state  with  sufficient 
quantities  of  blowing  on  a  realistic  fighter  aircraft  configuration.  One  important  item  which  can  be  noted  from 
an  inspection  of  the  flow  visualization  photographs  of  Figure  15  is  the  range  of  angle  of  attack  over  which  the 
blowing  is  most  effective.  At  a  =  35°  (a/0n  =  2. 1),  the  vortex  patterns  have  Just  begun  to  form  in  an  asym¬ 
metric  orientation  and,  hence,  the  side-force  which  would  be  generated  is  still  small  and  it  is  easy  to  control. 

At  o  =  45*  (a  /fen  =2*  9),  the  asymmetry  is  much  more  pronouced,  more  difficult  to  control  and  the  side-force 
produced  would  be  near  maximum.  At®  =55'  (a  fen=3.  5),  the  asymmetry  is  still  evident,  but  the  vortices  have 
weakened  and  a  turbulent  wake  is  forming.  The  side-force  which  would  be  generated  by  these  vortices  is  some¬ 
what  reduced  and  the  blowing  required  to  reverse  the  positions  of  the  vortices  is  quite  large.  Therefore,  from 
the  water  tunnel  experiments  it  can  be  expected  that  the  angle  of  attack  region  over  which  the  vortex  blowing 
control  would  be  mpst  effective  is  40°<ac  50'.  Blowing  momentum  coefficients  shown  in  the  figure  are  referenced 
to  the  model  wing  area.  Tests  were  performed  on  the  F-5F  model  at  two  longitudinal  positions,  one  Just  aft  of 
the  radar  antenna  location  and  one  just  forward  of  it.  Figure  16  illustrates  the  increased  effectiveness  obtained 
at  the  forward  location  relative  to  the  aft  location. 

4.1.2  Asymmetric  Normal  Blowing  Concepts 

Additional  water  tunnel  experiments  were  performed  with  the  blowing  nozzle  oriented  normal  to  the  surface  of 
the  F-5F  model  and  flush  with  it.  The  nozzle  location  was  varied,  longitudinally  from  near  the  apex  to  approximately 
1. 5  fiiselage  diameters  aft.  In  each  test,  the  nozzle  was  located  at  the  maximum  half-breadth  (<t>  =  90°). 


FIGURE  15.  WATER  TUNNEL  RESULTS  FOR  AFT  BLOWING  ON  THE  F-5F  MODEL 

x/d  =  0.95 


Blowing  In  this  fashion  was  found  to  be  effective  when  the  nozzle  was  located  near  the  apex  but  efficiency  was 
seen  to  drop  off  rapidly  as  the  nozzle  location  was  moved  aft.  Nozzle  positions  aft  of  1  fuselage  diameter  were 
found  to  be  largely  ineffective.  Inasmuch  as  the  radar  antenna  is  located  at  X/d  =  1.2,  no  further  work  was 
performed  with  this  type  of  blowing.  Subsequent  to  these  experiments,  Peake  (Reference  1)  has  found,  in  exper- 
ments  with  a  10°  cone  model,  that  blowing  normal  to  the  surface  is  comparable,  or  perhaps  somewhat  improved  in 
effectiveness  when  compared  to  tangential  blowing  if  the  nozzle  is  located  nearer  to  the  leeward  generator  (i i  135°). 

4. 2  Wind  Tunnel  Tests 


From  the  results  of  the  water  tunnel  tests  previously  discussed,  the  most  promising  vortex  control  schemes 
were  chosen  for  proof-of-concept  testing  in  the  low-speed  wind  tunnel.  Two  blowing  nozzle  locations  were  selected, 

4.2.1  Vortex  Blowing  Control  Concepts 

Figure  17  presents  the  measured  effect  of  aft,  tangential  blowing  on  yawing  moment  at  p  =  0°,  ±  5°,  for  the 
F-5F  aircraft.  With  blowing  off,  an  asymmetry  in  the  yawing  moment  begins  to  develop  at  approximately  <v  *  32* 
(o/gn  =  2. 0).  With  the  blowing  on,  even  at  the  lowest  jet  momentum  coefficient  tested  (C^  =  .  008),  the  asymmetry 
begins  to  develop  slightly  earlier,  »  =  24°  (o/e„  =  1. 5)  and  forms  in  the  opposite  sense  to  the  blowlng-off  case. 


•  *■*.  «*/;.• 
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FIGURE  16.  EFFECT  OF  NOZZLE  LONGITUDINAL  POSITION 
ON  BLOWING  CONTROL  EFFECTIVENESS-  F-5F 


FIGURE  17.  EFFECT  OF  AFT'  TANGENTIAL  BLOWING 
ON  YAWING  MOMENT 


At  angles  of  attack  beyond  a  =  24°,  the  largest  incremental  change  in  yawing  moment  is  obtained  at  the  lowest 
momentum  coefficient  tested.  The  increment  then  increases  approximately  linearly  as  jet  momentum  coefficient  is 
increased,  up  to  the  maximum  mass  flow  rate  tested.  This  is  illustrated  in  Figure  18  at  angles  of  attack  of  °  =  41° 
and  o  =  47®.  Note  that  quantitative  estimates  made  from  water  tunnel  experiments  proved  not  only  to  give  the  cor¬ 
rect  trends,  but  also  predicted  absolute  levels  with  reasonable  accuracy. 

Figure  19  presents  the  Incremental  yawing  moment  generated  by  the  vortex  control  as  a  function  of  angle  of 
attack.  These  data  are  compared  with  Incremental  yawing  moment  produced  by  full  deflection  of  a  conventional 
rudder.  Note  that  even  the  lowest  jet  momentum  coefficient  tested  provides  yawing  moments  in  the  angle  of  attack 
range  from  °  =  35°  to  a  =  55°  which  are  comparable  to  those  produced  by  the  rudder  at  very  low  Incidences.  Also, 
it  is  interesting  to  note  that  the  vortex  control  effectiveness  begins  to  increase  in  the  same  angle  of  attack  region 
where  the  rudder  effectiveness  is  declining  rapidly.  At  low  angles  of  attack,  directional  stability  and  control  are 
best  provided  by  aerodynamic  surfaces  located  behind  the  aircraft  center  of  gravity  such  as  a  vertical  tail  and  a 
rudder.  These  data  indicate  that  at  high  angles  of  attack,  directional  control  as  well  as  stability  can  be  best  pro¬ 
vided  by  an  aerodynamic  device  located  ahead  of  the  center  of  gravity,  near  the  apex  of  the  nose. 


L 
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FIGURE  18.  BLOWING  EFFECTIVENESS 


FIGURE  19.  DIRECTIONAL  CONTROL  EFFECTIVENESS  COMPARISON 
VORTEX  BLOWING  CONTROL  v*  RUDDER 


Figure  20  illustrates  the  effectiveness  of  the  Vortex  Blowing  Control  device  as  a  function  of  sideslip  at  a  con¬ 
stant  angle  of  attack,  °  =  47°. 

4.3  Six  Degree  of  Freedom  Simulation 

The  capability  of  the  Vortex  Blowing  Control  concepts  to  augment  the  departure  and  spin  recovery  capability 
of  a  fighter  aircraft  was  evaluated  by  means  of  a  digital  six-degree-of-freedom  (6DOF)  computer  simulation.  The 
baseline  aerodynamic  model  used  in  this  simulation  has  been  validated  by  comparison  of  calculated  and  flight  test 
trajectories  of  many,  coupled,  high  AOA  maneuvers,  flown  during  spin  tests  of  this  aircraft.  An  algorithm  was 
developed  to  model  the  Incremental  forces  and  moments  generated  by  the  blowing  devices,  as  determined  from  the 
low-speed  wind  tunnel  experiments. 

Maneuvers  were  simulated  by  specifying  grossly  aggravated  control  inputs  which  were  found,  during  spin  sus¬ 
ceptibility  testing,  to  produce  departures  and  spin  entries.  The  departures  and  spins  generated  had  been  found  to  be 
difficult  to  recover  from  using  traditional  recovery  control  Inputs  both  in-flight  and  in  the  simulation. 

The  threshold  angle  of  attack  and  yaw  rate  where  the  Vortex  Blowing  Control  device  was  activated  was  varied 
in  the  simulation  as  was  the  blowing  mass  flow  rate.  The  optimum  yaw  rate  -  angle  of  attack  threshold  and  the  gen¬ 
eral  effect  of  mass  flow  were  determined  In  this  manner.  Figure  21  presents  a  typical  series  of  time  histories  at  a 
given  mass  flow  rate  where  the  threshold  AOA  was  varied.  Recoveries  are  seen  to  be  significantly  Improved  when 
the  blowing  device  is  activated  early  in  the  departure  but  severely  degraded  when  the  device  is  activated  after  the 
departure  has  been  allowed  to  progress  toward  spin  entry. 
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FIGURE  20.  VORTEX  BLOWING  CONTROL  EFFECTIVENESS  AT  NON-ZERO  SIDESLIP 
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FIGURE  21.  TYPICAL  6  DOF  TIME  HISTORIES  OF  DEPARTURE  RECOVERIES  AIDED  BY 
VORTEX  BLOWING  CONTROL 


Figure  22  Illustrates  the  improvement  in  recovery  characteristics  for  another  maneuver.  In  this  case,  the 
trigger  threshold  Is  «  =  40*,  r  =  40°/sec.  A  rapid  recovery  is  achieved  when  the  blowing  control  device  is  used  in 
conjunction  with  traditional  recovery  control  inputs.  Without  the  blowing  control  device,  no  recovery  is  achieved. 


FIGURE  22.  6  DOF  TIME  HISTORY  OF  DEPARTURE  RECOVERY 


Figure  23  presents  time-to-recover  as  a  function  of  threshold  angle  of  attack  compiled  from  a  series  of 
simulated  maneuvers. 


FIGURE  23.  VORTEX  BLOWING  CONTROL  -  EFFECT  OF  THRESHOLD  ACTIVATION 
ON  DEPARTURE  RECOVERY  TIME 
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A  blowing  threshold  angle  of  attack  of  oj  =  40  provides  excellent  recovery  augmentation  and  is  well  beyond 
the  angle  of  attack  for  maximum  lift  coefficient,  thereby  not  impacting  the  maneuver  capability  of  the  F-5F  aircraft. 
For  each  simulation,  a  yaw  rate  dead-band  of  40°/sec  at  «  =  40°  decaying  linearly  to  20°/see  at  o  =  (.0°  was  used, 
fn  this  manner,  the  blowing  device  is  not  activated  until  the  yaw  rate  exceeds  the  dead-band  limit. 

Figure  24  illustrates  the  final  blowing  control  device  schedule  super  imposed  on  the  ACM  gross  maneuver 
boundary  for  the  F-5  F. 


FIGURE  24.  FINAL  VORTEX  BLOWING  CONTROL 
TRIGGER  THRESHOLD  SCHEDULE 

o.O  PUKLI.MINAHY  ASSESSMENT  OF  DESIGN  FEASIBILITY 


Csing  the  results  of  the  experiments  and  simulation  discussed  in  the  previous  paragraphs,  some  preliminary 
system  design  work  was  done  in  order  to  assess  the  overall  feasibility  of  applying  the  blowing  control  concept  to 
fighter  or  trainer  aircraft.  Factors  considered  in  the  feasibility  study  included:  effectiveness,  reliability,  com¬ 
plexity,  impact  on  other  systems  and  the  retrofittability  of  the  device. 

The  wind  tunnel  experiments  and  (i  DOF  simulation  showed  that  an  acceptable  level  of  departure  recovery 
enhancement  could  be  achieved  at  blowing  coefficients  of  =  0.015  -  0.  025.  The  required  duration  of  blowing  was 
found  to  be  between  3  and  5  seconds,  in  order  to  maximize  the  reliability  of  the  system,  engine  bleed  air  was  not 
considered  as  a  potential  source  for  the  blowing  jet,  inasmuch  as  engine  flame  outs  at  high  angles  of  attack  and  vaw 
rate  arc  to  be  expected.  A  solid  propellant  system  was  chosen  as  the  most  attractive  source  of  blowing.  Figure  25 
shows  a  schematic  diagram  of  the  proposed  blowing  system. 
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FIGURE  25.  SCHEMATIC  DIAGRAM  OF  PROPOSED  SOLID  PROPELLANT 
BLOWING  SYSTEM 


Figure  26  illustrates  the  region  of  the  flight  envelope  over  which  the  system  is  designed  to  produce  the  required 
blowing  coefficients. 
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FIGURE  26.  REGION  OF  EFFECTIVENESS  OF 
VORTEX  BLOWING  CONTROL  DEVICE 

As  illustrated  in  Figure  26,  the  system  is  designed  to  produce  a  blowing  coefficient  of  C/j  =  0.  025  for  10  sec¬ 
onds  at  an  airspeed  of  200  KCAS,  at  altitudes  of  10,000ft  to  40,000  ft.  An  airspeed  of  200  KCAS  was  chosen  as 
representative  of  the  maximum  airspeed  which  could  be  expected  to  occur  at  the  trigger  threshold  of  a  =  40°  during 
a  highly  transient  maneuver;  most  maneuvers  would  result  in  lower  airspeeds  at  these  conditions. 

Since  the  system  concept  is  designed  for  constant  mass  flow,  airspeeds  below  200  KCAS  will  cause  the  device 
to  be  operated  at  blowing  coefficients  higher  than  0.025  as  shown  in  Figure  27.  The  proposed  solid  propellant 
blowing  system  is  estimated  to  require  approximately  0. 15  ftd  of  propellant.  The  total  system  weight  is  estimated 
to  be  less  than  20  lbs. 


FIGURE  27.  BLOWING  SYSTEM 
CAPABILITY 


6.0  CONCLUSIONS  AND  RECOMMENDATIONS 

Based  on  small  scale  water  and  wind  tunnel  experience,  it  has  been  shown  that  asymmetric  tangential  blowing  on 
the  surface  of  the  fore  body  of  an  aircraft  can  be  used  to  control  the  positional  orientation  of  the  leeside  vortex  system 
at  high  angles  of  attack.  Further,  It  has  been  shown  that  the  forces  and  moments  produced  by  these  vortices  can  be 
used,  in  a  controlled  manner,  to  greatly  enhance  the  predicted  departure  recovery  characteristics  of  an  existing 
fighter  aircraft  configuration.  Blowing  rates  required  to  produce  these  forces  and  moments  were  shown  to  be  quite 
small,  owing  to  the  fluid  amplification  afforded  by  the  vortex  growth.  Volume  requirements  are  reasonable  and  indi¬ 
cate  that  such  a  concept  could  be  applied  to  a  new  aircraft  or  retrofitted  to  an  existing  aircraft  with  minimum  impact  on 
other  aircraft  systems. 
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Further  experiments  must  be  conducted  on  a  large  scale  free-flight  model  to  substantiate  the  prediction:-  made 

to  date.  Further  analysis  should  be  done  to  determine  whether  this  concept  could  be  used  not  only  as  a  departure 

recovery  enhancement  device  but  also  as  a  departure  inhibitor. 
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SUMMARY 

A  number  of  nonlinear  phenomena  appear  in  the  character i st i cs  of  aerodynamic 
controls,  and  theory  is  only  partially  successful  in  accounting  for  these  effects. 

Major  nonlinear  effects  originate  from  fin-body  and  fin-fin  interference,  gaps  at  the 
fin-body  junction,  nonuniform  body  upwash,  shock-boundary  layer  interaction,  and  control 
cross-coupling.  New  experimental  data  on  these  effects  at  high  nngles  of  attack  have 
been  obtained  in  recent  years.  By  using  existing  data  these  nonlinear  effects  and 
their  consequences  on  control  effectiveness  are  described.  In  particular,  both 
independent  control  effectiveness  (e.g.,  pitch  control)  as  well  as  control 
cross-coupling  (e.g.,  pitch  control  in  the  presence  of  yaw  control'  are  discussed.  It 
is  shown  that,  at  sufficiently  high  angles  of  attack,  the  presence  of  these 
nonlinearities  can  completely  dominate  control  effectiveness.  The  current  status  of 
techniques  to  predict  control  affects  using  both  analytical  and  da t a-co r rel a t ion 
techniques  is  reviewed.  Finally,  those  areas  are  described  where  additional 
theoretical  and  experimental  work  is  needed. 
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body  radius 

wing -alone  aspect  ratio 

normal-force  coefficient  in  unrolled  body  coordinates;  normal  f orce/q ijtSref 

normal-force  coefficient  of  "wing-alone"  formed  by  joining  two  opposing 
fins;  normal  force/qa3Sref 

normal-force  coefficient  of  fin  in  presence  of  body 
canard  fins,  numbered  counterclockwise  from  top  at  f>  =  0 
body  diameter 

fin-body  interference  factor  for  control  deflection,  ac  ^  0 ,  0  J-  0 ,  S  jt  0 

fin-body  interference  factor  for  fin  normal  force  for  a  /  0,  <t>  =  0, 

6=0  c 

fin-body  interference  factor  for  bank,  ac  f  0,  <t>  f  0 ,  6  =  0 

length  of  forebody;  from  nose  to  first  set  of  lifting  surfaces 

reference  length 

crossflow  Mach  number,  M  sin  a 

oo  C 

free-stream  Mach  number 
dynamic  pressure  of  free  stream 
Reynolds  number,  based  on  body  diameter 
semispan  of  fin  on  body,  measured  from  body  axis 
reference  area 

component  of  free-stream  velocity  normal  to  surface,  V^  sin  <xc 
component  of  free-stream  velocity  parallel  to  surface,  V^  cos  ac 
free-stream  velocity 
upwash  velocity  in  crossflow  plane 

missile  body  axes;  x  measured  positive  downstream  along  body  rotational  axi 
y  measured  positive  to  right  in  the  plane  of  C4 ,  and  z  measured  upward  in 
the  plane  of  Cl;  origin  is  located  at  nose  tip 

special  set  of  axes  for  if  =  0;  also  called  unrolled  body  coordinates 
included  angle  of  attack;  angle  between  x  axis  and  free-stream  velocity 
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equivalent  angle  of  attack;  that  angle  of  attack  of  the  wing  alone  for 
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control  surface  deflection  angle;  at 

6  positive  for  trailing  edges  to  right  when  viewed  from  rear  and~for 
horizontal  fins  (62,64)  6  positive  for  trailing  edges  down 

control  deflection  angle  for  pitch;  horizontal  fins  (62,64)  for  <t>  »  0 

control  deflection  angle  for  yaw;  vertical  fins  (63,63)  for  <t>  =  0 

change  in  a  due  to  a  collection  of  external  vortices  and  their  images 

fin  taper  ratio 

body  roll  angle,  angle  between  z  axis  and  zQ  axis;  positive  measured 
clockwise  as  viewed  from  rear 


roll  angle  of  fin  Cl,  angle  between  zQ  axis  and  Cl;  positive  measured 
clockwise  as  viewed  from  rear 


1.  INTRODUCTION 

“A  number  of  nonlinear  phenomena  appear  in  the  characteristics  of  aerodynamic 
controls,  and  theory  is  only  partially  successful  in  accounting  for  their  effects". 

This  statement  was  made  by  one  of  the  authors  ( JNN )  nineteen  years  ago  (Ref.  1). 
Significantly,  it  is  as  true  today  as  it  was  when  first  made. 

The  purpose  of  this  paper  is  to  present  some  examples  of  nonlinear  phenomena  in 
control  aerodynamics  and  to  discuss  their  implications  in  terms  of  the  resulting 
control  effectiveness.  The  term  nonlinear  phenomena  refers  to  any  flow  situation  that 
produces,  on  the  geometrical  configuration  under  study,  forces  and  moments  which 
are  not  linear  functions  of  the  flight  conditions  (e.g.,  angle  of  attack).  There 
are  many  types  of  examples,  both  in  terms  of  geometrical  configurations  and  flow 
conditions,  that  could  be  used  to  describe  such  nonlinear  situations.  In  order  to 
limit  these  geometries  and  flow  situations  to  a  number  that  can  be  handled  in  an 
article  this  size,  only  all-movable  fins  or.  highly  maneuverable,  tactical  missiles  will 
receive  consideration. 

Research  in  the  field  of  missile  aerodynamics  has  been  receiving  increased 
interest  in  the  past  several  years.  A  primary  reason  for  this  interest  is  the  need  for 
high  maneuverability  in  current  and  future  missile  system  requirements.  This 
necessitates  the  study  of  the  aerodynamic  characteristics  of  these  vehicles  at  high 
angles  of  attack  ai)d  control  deflection.  The  study  of  control  aerodynamics  at  these 
high  angles  is  primarily  a  study  of  nonllnea  aerodynamics.  For  an  extensive  and 
current  review  of  nonlinear  missile  aerodynamics  the  reader  is  referred  to  reference  2. 
One  of  the  first  realizations  of  this  recent  research  is  the  heretofore  significant 
lack  of  systematic  data  on  control  effectiveness  at  high  angles  of  attack  (Refs.  2 
and  3) .  However,  some  experimental  data  have  been  obtained  in  recent  years  from  which 
the  nonlinear  characteristics  of  controls  at  high  angles  of  attack  can  begin  to  be 
examined.  It  is  implications  of  these  data  upon  which  the  present  article  is 
based. 

A  typical  configuration  to  be  considered  is  shown  in  figure  1  at  an  angle  of 
attack.  Also  shown  is  the  general  vortex  flow  field  produced  by  such  a  configuration. 
The  configuration  consists  of  the  following  components: 

(1)  A  cylindrical  nose  section  extending  back  to  the  first  set  of  lifting  surfaces, 

(2)  A  first  set  of  cruciform  lifting  surfaces  -  henceforth  referred  to  as  the  canard 
section , 

(3)  A  cylindrical  afterbody  section  between  the  two  sets  of  lifting  surfaces, 

(4)  A  second  set  of  cruciform  lifting  surfaces  which  will  be  referred  to  as  the  tail 
section . 


Actual  configurations  can  be  similar  to  the  one  shown  or  can  be  geometrically  less 
complex,  such  as  a  body-tail  design  consisting  of  a  long  cylindrical  section  with  a 
single  set  of  cruciform  lifting  surfaces  near  the  base.  Control  of  the  configuration 
of  figure  1  can  be  accomplished  by  deflecting  either  the  canard  fins  or  the  tail  fins. 
In  the  examples  shown  in  this  article  the  canard  fins  are  used. 

The  vortex  system  generated  by  a  missile  at  an  angle  of  attack  is  of  particular 
interest.  The  nose  section  can  produce  a  pair  of  vortices  which  can  be  either 
symmetric  or  asymmetric.  An  asymmetric  vortex  pair  has  no  mirror  symmetry  with  respect 
to  the  plane  containing  the  body  axis  and  the  free-stream  velocity  vector.  A  symmetric 
pair  of  nose  vortices  is  shown  in  figure  1.  The  canard  fins  also  produce  trailing 
vortices.  Although  figure  1  shows  only  one  vortex  per  fin,  results  of  flow 
visualization  studies  (Ref.  4)  indicate  that  the  canard  trailing  vortex  sheets  often 
roll  up  into  two  distinct  vortices  per  fin.  The  afterbody,  in  the  presence  of  the 
canard  vortices  and  body  vortices,  can  develop  asymmetric  vortices,  especially  under 
conditions  of  roll  or  asymmetrical  canard  fin  deflections.  Finally,  all  the  vortices 
can  pass  over  the  tail  fins  inducing  nonlinear  forces  and  moments  on  these  fins.  The 
interaction  with  the  control  surface  of  these  body  and  fin  vortices  is  one  cause  of  the 
nonlinearities  to  be  discussed  shortly. 


2.  RELEVANT  PARAMETERS 

One  method  that  has  been  applied  in  recent  years  to  the  prediction  of  missile 
aerodynamic  characteristics  is  generally  referred  to  as  the  data-base  technique.  This 
technique  is  based  on  a  large  body  of  systematic  experimental  data  measured  on  a 
general  set  of  geometrical  configurations  over  a  wide  range  of  flow  conditions  (Ref. 

5).  Methods  are  then  developed  for  calculating  specific  missile  aerodynamic 
characteristics  using  analytical  knowledge  wherever  possible  and  empirical  observations 
where  necessary.  This  technique  has  experienced  a  good  degree  of  success,  due  in  part 
of  course  to  the  large  amount  of  generality  in  the  geometrical  configurations  chosen  to 
develop  the  experimental  data.  Unfortunately,  this  technique  has  not  yet  been  applied 
to  the  prediction  of  control  charac ter ist ics  because  of  the  large  number  of  parameters 
that  govern  their  behavior.  These  parameters  are  listed  in  Table  X. 

Table  I  -  Parameters  Governing  Aerodynamic  Characteristics 

of  Controls 


Control  Parameter 

Symbol 

Geometrical  Parameters 

Fin  Aspect  Ratio 

m 

Fin  Taper  Ratio 

X 

Ratio  of  Body  Radius  to 

a/sm 

Fin  Semispan 

Ratio  of  Forebody  Length 

£p/d 

to  Body  Diameter 

Flow  Parameters 

Angle  of  Attack 

ac 

Mach  Number 

Reynolds  Number 

Re 

Roll  Angle 

<t> 

Fin  Deflection  Angle 

6 

Although  the  parameters  listed  in  Table  I  normally  dominate  the  control 
aerodynamics,  others  can  affect  control  behavior  to  a  significant  extent.  These 
include  the  shape  of  the  nose  planform,  the  fin  thickness  profile,  and  the  body 
cross-sectional  shape.  This  last  item  is  becoming  increasingly  important  with  the  new 
class  of  tactical  missiles  that  utilize  bank-to-turn  techniques  and  have 
nonax isymmetr ic  body  cross-sections  (the  majority  having  elliptical  cross-sections) 
(Ref.  6).  Because  of  this  large  quantity  of  parameters  affecting  the  aerodynamic 
behavior  of  a  control  surface,  it  is  not  surprising  that  a  systematic  control  data 
base,  in  which  the  different  parameters  are  varied  systematically,  is  lacking.  Such  a 
data  base  would  be  of  great  value. 


3.  SOURCES  OF  NONLINEARITY 

The  sources  of  nonlinear  effects  on  control  behavior  are  almost  as  numerous  and 
varied  as  the  parameters.  Of  these,  several  have  been  known  for  quite  some  time  and 
exist  throughout  most  of  the  angle  of  attack  range.  These  will  be  described  here  only 
in  passing.  Other  sources  exist  primarily  at  higher  angles  of  attack  and  result  in 
large  losses  of  lift  effectiveness.  Examples  of  nonlineat  effects  at  high  angles  of 
attack  will  be  discussed  in  some  detail. 

One  of  the  first  recognized  sources  of  nonlinear  behavior  is  due  to  the  presence 
of  a  gap  at  the  fin-body  juncture.  For  even  the  smallest  gap,  inviscid  theory  requires 
that  the  span  loading  at  the  juncture  be  zero.  This  is  shown  qualitatively  in  figure  2. 


Hence,  for  even  the  smallest  gap,  inviscid  theory  predicts  a  significant  loss  of  lift 
effectiveness.  The  effect  of  viscosity  usually,  but  not  always,  mitigates  these 
1_|  losses  somewhat  for  small  gaps.  However,  when  the  gap  width  is  large  substantial 
losses  of  normal  force  will  occur. 

A  second  gap  effect  occurs  when  the  control  surface  is  deflected  through  a  large 
angle.  In  this  situation  the  forward  part  of  the  control  may  pass  above  the  body  in 
side  view  or  the  aft  part  may  pass  below  the  body.  This  condition  is  depicted  in 
figure  3.  Positive  pressures  beneath  the  control  leading  edge  can  produce  a  download 
on  the  body  upstream  of  the  hinge  line  and  negative  pressures  above  the  control 
trailing  edge  can  produce  an  upload  downstream  of  the  hing.  line.  The  net  result  of 
this  effect  will  be  a  large  couple. 

An  example  of  a  nonlinear  phenomenon  due  to  viscosity  is  the  separation  of  the 
flow  over  the  control  surface.  This  results  from  the  interaction  of  the  control 
boundary  layer  with  the  outer  flow.  As  in  other  examples  of  flow  separation,  the 
location  of  the  point  of  separation,  both  with  respect  to  the  control  geometry  and  the 
transition  point,  significantly  influences  the  type  of  boundary-layer  separation,  its 
reattachment,  and  its  overall  effect  on  the  characteristics  of  the  control. 

In  addition  to  the  sources  of  nonlinearity  already  discussed  there  are  two  large 
categories  that  tend  to  overlap  in  certain  flow  regimes.  These  categories  are 
interference  effects  and  high  angle-of-attack  effects.  In  a  sense,  all  high- 
angle-of-attack  effects  can  be  classified  as  types  of  interference,  but  since  many 
interference  effects  are  present  at  low  or  moderate  angles  of  attack  the  distinction 
between  the  two  can  be  important.  In  the  present  discussion  the  cause  of  the 
interference  effect  will  be  described  and  then,  where  applicable,  examples  of  its 
nonlinear  behavior  at  high  angles  of  attack  will  be  shown. 

On  a  wing-body  combination  at  subsonic  and  up  to  moderately  supersonic  speed,  the 
effect  of  the  body  on  the  wing  is  to  increase  the  wing  lift  as  long  as  the  angle  of 
attack  is  small.  As  an  example  of  this  fin-body  interference  consider  the  upwash  in 
the  crossflow  plane  normal  to  the  body.  As  the  flow  goes  around  the  body  it  speeds  up 
and  produces  an  effective  angle  of  attack  equal  to  2sin  ac,  according  to  potential  flow 
theory,  at  the  side  of  the  body  and  as  shown  in  figure  4.  Fin  panels  in  this  flow 
field  experience  an  increase  in  lift  over  what  they  would  develop  if  the  panels  were 
part  of  the  wing-alone  at  an  angle  of  attack  of  ac.  The  fin-body  interference  factor 

K  is  a  measure  of  this  favorable  interference, 
w 

Lift  of  wing  panel  in  presence  of  body  (at  a  ) 

K  =  _ C 

w  Lift  of  wing  panel  as  wing  alone  (at  a  ) 


According  to  potential  flow  theory,  1^  is  a  function  only  of  a/s  and  varies  from  1.0 

for  no  body  (a/s  =  0)  to  2.0  for  a  small  fin  on  a  large  body  (a/s  =  1).  The  quantity 

K  ,a_  is  the  effective  angle  of  attack  of  the  fin  on  a  linearized  basis, 
w  c 

The  behavior  of  Kw  at  high  angles  of  attack  can  be  quite  different  from  this 
predicted  behavior  however^  In  reference  7,  values  of  Kw  were  determined  from 
experimental  data  up  to  45  angle  of  attack  for  a  series  of  wings  and  Mach  numbers.  Some 
results  are  shown  in  figure  5  for  a  delta  fin  of  aspect  ratio  1.0  mounted  on  a  body 
whose  diameter  is  one-half  the  total  span  of  the  wing-body.  As  the  angle  of  attack  is 
increased  the  value  of  K  decreases  below  one,  indicating  adverse  interference  of  the 
body  on  the  wing.  This  adverse  interference  is  substantially  worse  at  high  Mach 
numbers. 

At  high  angles  of  attack  and  at  supersonic  Mach  numbers,  a  curved  shock  wave  can  form 
in  front  of  the  body  (figure  6)  which  can  cause  reduced  dynamic  pressures  where  the 
wing  would  be  and  which  can  also  destroy  the  favorable  upwash.  The  unfavorable  effect 
of  the  body  on  the  wing  is  clear  in  this  instance.  However,  the  large  reduction  in  K 
for  subcritical  crossflow  Mach  numbers  is  not  understood  as  yet. 

For  wing-body-tail  configurations,  such  as  the  example  shown  in  figure  1,  an 
effect  well  known  to  aircraft  and  missile  designers  is  the  classical  case  of  wing-tail 
interference.  At  zero  roll  the  tail  fins  operate  in  the  downwash  of  the  forward  fins 
and  suffer  a  loss  of  lift  and  effectiveness  as  a  result.  For  canard  missiles,  where 
additional  lift  can  be  generated  by  the  forward  fins  acting  as  controls,  the  effect  can 
be  aggravated  over  the  case  for  fixed  forward  surfaces  owing  to  the  stronger  vortex 
field  created  by  deflection  of  the  forward  surfaces.  Also  the  down  load  on  the  tail  is 
greatest  for  a  given  canard  vortex  system  when  the  tail  span  is  close  to  or  slightly 
less  than  the  span  of  the  canard  vortex.  A  formal  method  for  calculating  the  effects 
of  wing-tail  interference  on  lift  and  center-of-pressure  positions  is  presented  in 
reference  8  for  planar  wing-body-tall  combinations  to  angles  of  attack  of  about  10°. 

This  method  is  extended  in  reference  9  to  about  20°  angle  of  attack  by  considering 
both  the  fin  vortices  shed  from  the  fin  leading  and  side  edges  using  the  Polhamus 
analogy  and  the  nose  vortices  in  the  calculation  of  the  tail  forces. 

Although  this  discussion  has  concentrated  on  fin-generated  vorticity,  interference 
effects  due  to  vortex  motion  over  the  control  surface  include  vorticity  generated  by 
the  body  as  well  as  the  fins.  Body  vorticity  can  be  generated  either  at  the  nose 
section  or  afterbody  section  (see  figure  1).  When  vortices  pass  over  a  fin  the 


effective  angle  of  attack  of  the  fin  is  changed  by  flow  induced  normal  to  the  fins  by 
the  external  vortices  and  their  images  inside  the  body.  In  fact,  under  certain 
conditions,  vortex  interference  can  dominate  the  fin  characteristics. 


Another  interference  nonlinearity  familiar  to  missile  designers  is  roll  reversal. 
Generally,  the  use  of  forward  fins  for  roll  control  is  not  very  effective.  This  is 
because  the  downwash  from  these  fins  induces  a  force  on  the  tail  fins  directly  behind 
them.  This  force  in  turn  induces  a  rolling  moment  of  opposite  sign  to  the  rolling 
moment  produced  by  the  forward  control  surfaces.  In  fact  it  is  possible  to  produce 
more  reverse  roll  than  direct  roll  under  certain  circumstances.  One  method  currently 
under  investigation  to  reduce  these  induced  rolling  moments  (Ref.  10)  uses  free-rolling 
tail  fins.  This  study  found  that  a  free-rolling  tail  conf iguration  provided  con¬ 
ventional  roll  control  with  no  roll  reversal.  In  addition,  this  configuration  reduced 
the  induced  roll  associated  with  canard  yaw  control. 

Nonlinearities  also  occur  as  a  result  of  control  cross-coupling  which  occurs  when 
the  control  deflections  for  one  type  of  control  also  result  in  some  other  type  of 
control  being  produced.  This  can  best  be  understood  by  considering  the  deflection  of 
one  fin.  A  primary  normal  force  is  produced  on  the  deflected  fin  and  secondary  normal 
forces  due  to  panel-panel  interference  (Ref.  11)  are  induced  on  the  other  three  fins 
which  are  undeflected.  As  an  example  consider  a  cruciform  wing-body  combination  at  a 
high  angle  of  attack  and  zero  roll  angle  with  the  upper  and  lower  fins  equally 
deflected  to  produce  yaw  control.  The  sweepback  of  the  upper  fin  will  be  increased  by 
ac.  In  addition,  at  high  Mach  numbers  the  fluid  density  above  the  body  may  be  less 
than  that  below.  As  a  result  there  will  be  less  normal  force  on  the  upper  fin. 
Accordingly,  a  rolling  moment  will  develop.  Thus,  cross-coupling  between  yaw  control 
and  roll  control  occurs.  This  example  is  just  one  of  many  kinds  of  cross-coupling  that 
can  occur.  Based  on  slender-body  theory  it  is  possible  to  predict  a  number  of 
different  coupling  effects  for  all-movable  controls,  and  to  classify  them.  Such  a 
classification  is  carried  out  in  reference  1. 

The  purpose  of  this  discussion  on  the  various  sources  of  nonlinear  effects  has 
been  to  indicate  that,  at  a  given  set  of  flight  conditions,  some  or  all  of  these 
effects  can  influence  the  aerodynamic  characteristics  of  the  control  surface.  In  the 
remainder  of  this  paper  discussion  is  limited  to  the  nonlinear  effects  caused  by 
fin-body  and  fin-fin  interference  due  to  fin  deflection.  The  normal-force  coefficient 
due  to  fin  deflection  is  measured  by  the  interference  factor  k  .  One  method 
of  describing  the  interference  caused  by  deflection  of  an  all-movable  control  is 
through  the  relation 


where  Lw(b)  is  the  lift  on  the  two  fins  in  the  presence  of  the  body  due  to  fin 
deflection  and  L„  is  the  lift  on  the  wing  alone  formed  by  joining  the  two  fin  panels 
together  at  a-  =  5  (Ref.  1).  This  term  can  be  evaluated  using  either  slender-body 
theory  (Ref.  1)  or  linear  supersonic  theory  (Ref.  12).  Results  from  these  two  methods 
are  shown  in  figure  7.  There  is  generally  small  difference  between  the  two 
predictions,  never  exceeding  about  ten  percent  for  values  of  two  or  greater.  For 
slender-body  theory  (SBT)  k  is  a  function  only  of  a/sm,  the  body  radius  to  fin  semi¬ 
span  ratio.  It  is  of  interest  to  note  that  k  determined  by  SBT  is  not  much  less  than 
unity  for  all  values  of  a/sm.  What  this  means  is  that,  according  to  SBT,  all-movable 
panels  in  the  presence  of  a  body  develop,  independent  of  angle  of  attack,  almost  as 
much  lift  as  the  isolated  wing  formed  by  joining  the  two  fin  panels  together.  However, 
as  will  be  shown  shortly,  there  can  be  significant  losses  associated  with  fin 
deflection  at  high  angles  of  attack. 

Since  the  SBT  value  of  k  is  independent  of  angle  of  attack  it  does  not  consider 
any  of  the  nonlinear  characteristics  of  the  fin  in  the  presence  of  the  body  or  even  of 
the  isolated  wing  that  exist  at  high  angles  of  attack.  Therefore,  in  order  to  describe 
more  adequately  the  nonlinear  behavior  at  high  angles  of  attack,  a  new  relation  for  the 
control  interference  factor  is  introduced.  This  new  relation  is  based  on  the 
equivalent  angle  of  attack  concept  and  is  written 


tan(neg,6)  ~  tan(tt«q,o) 


tan(aeq,o  +  -  tan(aeq,o) 


Before  describing  these  terms  a  brief  description  of  the  equivalent  angle  of  attack 
concept  will  be  given. 

The  equivalent  angle  of  attack  concept  relates  the  forces  experienced  by  the 
actual  fin  in  the  presence  of  the  body  to  the  lifting  surface  formed  by  placing  two 
opposing  fins  together  in  the  absence  of  the  body  (the  wing  alone).  Thus,  any 
nonlinear  behavior  of  the  specific  fin  under  investigation  acting  as  part  of  the  wing 
alone  is  automatically  taken  into  consideration.  The  equivalent  angle  of  attack  of  the 
fin,  rt„q ,  is  defined  as  that  angle  of  attack  of  the  wing  alone  for  which  its  normal 
force  Is  twice  that  of  the  fin.  As  originally  introduced  (Ref.  13)  the  concept  was 


based  on  linear  superposition.  As  such  it  was  only  valid  for  small  to  moderate  angles 
of  attack  (that  is,  below  about  20°).  However,  more  recently  (Ref.  7)  this  concept 
__  ,  was  extended  to  the  nonlinear  range  at  high  angles  of  attack.  The  extended  definition 
°f  the  equivalent  angle  of  attack  on  fin  i  is  given  by  the  relation 

V 

tan(aeq)i  =  v“  (4 

pi 

In  determining  aeq  of  a  fin  in  a  cruciform  wing-body  combination  a  number  of 
interference  effects  are  considered. 

(1)  If  the  wing-body  combination  is  pitched  at  zero  roll  the  upflow  in  the  crossflow 
plane  due  to  ac  is  augmented  by  body-induced  upwash.  The  interference  factor 
describing  this  effect  is  K^. 

(2)  If  the  configuration  is  yawed  at  a  fixed  angle  of  attack  the  load  will  change  due 
to  a  coupling  between  the  angles  of  attack  and  sideslip.  The  factor  for  this 
effect  is  K  . 

<P 

(3)  If  vortices  are  present  in  the  flow  field  they  will  induce  changes  in  the  normal 
flow  on  the  fin.  The  change  in  equivalent  angle  of  attack  due  to  external 
vortices  is  given  by  the  term  (Aaeq)v- 

(4)  Finally,  when  a  fin  is  deflected  the  increased  normal  flow  is  modified  by 
panel-panel  interference,  lack  of  a  perfect  reflection  plane  on  the  body,  and 
control  gap  effects.  The  factor  for  this  effect  is  kw> 

Once  the  results  of  all  these  effects  on  the  fin  equivalent  angle  of  attack  have 
been  determined  and  combined  in  a  nonlinear  fashion,  the  equivalent  angle  of  attack  of 
the  fin  is  known.  Its  normal-force  coefficient  is  then  found  from  the  experimental 
wing-alone  curve. 

Combining  the  various  interference  effects  (Ref.  7),  the  equivalent  angle  of 
attack  is  given  by  the  following  expression. 


-1  4 

aeq  =  tan  {tan  <xc  cos  lKw  +  sin  c»c  sin  4>] 

+  tan  (Aaeq>v  +  kw  [tan  (aeq,o  +  6) 

~  tan  (aeq,o)1} 


=  tan  a  cos  $  [K  +  K.  sin  a  sin  4> ] 


This  revised  relation  for  k  therefore  compares  the  lift  produced  by  the 
deflected  fin  with  that  producedwby  the  undeflected  fin,  using  the  characteristics  of 
the  wing  alone  as  the  basis  for  comparison.  If,  at  given  values  of  ac  and  6,  the  fin 
operates  at  an  equivalent  angle  of  aeq,Q  for  no  control  deflection  (6  =0),  it  would 
operate  at  (<*eq,o  +  5)  for  a  control  surface  deflection  angle  of  6  provided  no  losses  in 
normal  force  occurred  as  compared  to  the  wing  alone.  The  definition  of  kw  given  by 

(3)  yields  a  value  of  zero  if  no  normal  force  results  from  control  deflection  and  a 
value  of  unity  for  a  "perfect"  control,  one  which  produces  the  same  increase  in  normal 
force  it  would  as  part  of  the  wing  alone.  In  actual  cases  the  value  of  k  has  been 
found  to  vary  from  values  of  less  than  zero  (indicating  an  actual  loss  ofwlift  when 
the  control  surface  is  deflected)  to  values  exceeding  one  (indicating  more  lift  than 
the  wing  alone  or  favorable  wing-body  interference) . 


4.  EXAMPLES  OF  NONLINEAR  EFFECTS  AT  HIGH  ANGLES  OF  ATTACK 

The  nonlinearities  in  k  are  difficult  to  predict  analytically.  Furthermore, 

the  amount  of  data  available  on  kw  at  high  angles  of  attack  and  control  deflection 

is  not  extensive.  The  data  that  does  exist  however  can  be  used  to  illustrate  the  non- 

linearities  present  at  high  angles  of  attack.  Among  the  systematic  data  available  are 

the  pitch-control  data  of  reference  14  at  M*  =  3.36  and  the  control  data  on  pitch,  yaw, 

and  pitch-yaw  cross-coupling  at  M„,  =  0.8  and  1.3  in  reference  15.  In  this  section 

values  of  k  determined  from  these  data  are  examined, 
w 

4.1  Pitch  Effectiveness  at  High  Mach  Numbers 

The  study  reported  in  reference  14  tested  a  semispan  model  of  a  wing-body 
combination  mounted  on  a  splitter  plate  at  M^,  -  3.36.  Values  of  k  resulting  from 
these  tests  are  presented  in  figure  8  for  a  delta  wing  of  aspect  rXtio  1.0  and  two 
values  of  the  body  radius  to  fin  semispan  ratio  -  0.2  and  0.4.  Data  for  angles  of 
attack  to  25®  and  control  deflection  from  -15°  to  +40®  are  shown.  The  experimental 
values  of  k  ,  calculated  using  eq.  (3),  varies  from  about  0.7  to  almost  1.1.  The 
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wing-body  combination  with  the  larger  value  of  a/sm  (meaning  the  configuration  with  the 
shorter  relative  span)  has,  in  general,  lower  values  of  kw  Notice  also  that  there 
are  no  significant  effects  of  the  value  of  the  control  deflection  angle  on  k  . 
Slender-body  theory,  applied  to  the  classical  definition  of  kw  given  by  eq.  Y2), 
predicts  a  somewhat  higher  value  for  most  angles  of  attack  and  control  deflection. 
However,  the  slender-body  theory  value  does  appear  to  give  a  reasonable  approximat ion 
for  k^  at  this  Mach  number  even  at  large  angles  of  attack  and  control  deflection. 

There  are  no  data  for  the  variation  of  k  with  roll  angle  at  high  angles  of 
attack  and  high  supersonic  Mach  numbers.  However,  it  seems  likely  that,  for  yaw 
control,  the  value  of  kw  may  well  be  less  for  the  leeward  fin  (  +  ,  =  0°)  than  the 
value  for  the  windward  fin  ($1  =  180°).  In  that  case  an  induced  rolling  moment  will 
develop  as  a  result  of  yaw  deflection  at  <p  =  0°.  This  is  an  effect  which  must  be 
included  in  any  predictive  method  when  sufficient  data  or  theory  to  evaluate  this 
effect  are  available. 


4.2  Control  Effectiveness  at  Transonic  Mach  Numbers 

Systematic  control  data  were  taken  as  part  of  the  wind-tunnel  tests  of  the  Army 
generalized  missile  in  the  11-Foot  Transonic  Wind  Tunnel  (Ref.  15)  and  the  6-  by  A-Foot 
Supersonic  Wind  Tunnel  (Ref.  16)  of  the  NASA/Ames  Research  Center.  The  configuration, 
shown  in  figures  9  and  10,  was  tested  at  angles  of  attack  up  to  50°  with  pitch 
control,  yaw  control,  and  combined  pitch-yaw  control.  These  data,  taken  at  M .  =  n.p 
and  1.3,  included  measurements  to  show  how  k  for  pitch  control  varies  with  at 
4  =  0°,  and  how  kw  varies  with  roll  angle  foY  a  fixed  6  of  15°.  For  this  investiga¬ 
tion  the  canard  fins  only  were  deflected.  These  fins  have  an  aspect  ratio  of  3.6’, 
a  taper  ratio  of  0.06,  and  the  body  radius  to  fin  semispan  ratio  is  0.4. 

Examining  first  the  effects  of  the  control  deflection  angle  on  kw  for  pitch 
control,  figure  11  shows  results  for  6  =  5°,  10°,  and  15°.  For  N,  *  0.8  the 
value  of  k  predicted  by  slender-body  theory,  which  henceforth  will  be  referred  to  as 
( kw) SBT •  a  fair  approximation  of  the  data  up  to  about  a  =  20°,  but  thereafter  the 
experimental  values  of  k  fall  to  zero  at  a  =  50°.  This  indicates  that  deflection 
of  these  fins  for  the  purpose  of  pitch  control  at  u  =  50°  produces  no  increase  in 
normal  force.  While  there  is  some  scatter  with  6,  §  mean  curve  can  be  used  to 
represent  the  nonlinear  behavior  fairly  well.  In  general,  the  results  for  «  15° 
show  the  smallest  values  of  k  . 


The  behavior  of  the  results  for  k  at  =  1.3,  figure  11(b),  shows  a  markedly 
different  variation  with  ac  than  the  results  at  M„,  =  0.8.  First,  as  the  angle  of 
attack  increases  from  zero,  kw  immediately  decreases  from  ( kw) SBT  *  Even  more 
noticeable  is  the  peak  in  the  results  near  ac  =  40°.  It  is  instructive  to  examine 
the  variation  with  angle  of  attack  of  the  actual  fin  normal-force  coefficient  for  the 
three  conditions  used  to  determine  k  (the  wing  alone,  wing  in  the  presence  of  the 
body  without  control  deflection,  andwwing  in  the  presence  of  body  with  control 
deflection).  These  three  conditions  are  shown  in  figure  12  for  the  corresponding  set 
of  flow  conditions  in  figure  11  (i.e.,  M„  =  1.3,  4  =  0°,  pitch  control,  6p  *  15°). 

For  all  three  conditions  fin  normal-force  coefficient  increases  smoothly  with  angle 
of  attack.  However,  there  are  slight  differences  with  angle  of  attack  in  the  increase 
in  lift  produced  by  the  control  deflection.  Hence,  it  is  apparent  that  the  nonlinear 
definition  of  k  given  by  eq.  (3)  is  a  sensitive  indicator  of  control  effective¬ 
ness.  Again  there  is  some  scatter  due  to  the  value  of  the  control  deflection  angle 
but  a  mean  curve  does  give  a  fair  approximation  of  the  behavior  of  k  except  in  the 
vicinity  of  a  =  40  .  Finally,  the  values  of  k  at  the  highest  angles  are  not 
nearly  as  lowas  at  M„  =  0.8  where  they  approch"ze ro . 

Before  proceeding  with  further  discussion  some  indication  of  the  precision  in  the 
experimental  values  of  k  can  be  obtained  since  measurements  were  made  with  fins  Cl 
and  C3  gef lectedQand  fins  C2  and  C4  undeflected  for  body  roll  angles  (41)  of  0°,  10°, 

20  ,  30  ,  and  45  .  Measurements  were  then  repeated  with  fins  C2  and  C4  deflected  and 
fins  Cl  and  C3  undeflected.  By  assuming  symmetry  about  a  vertical  plane  containing 
the  body  longitudinal  axis  the  data  can  be  interpreted  as  if  fins  Cl  (the  top  fin  at 
4  =  0°)  and  C3  only  were  deflected  and  the  body  rolled  from  4  =  0°  to  4  =  180°.  That 
is,  examining  kw  for  deflection  of  fin  C4  at  4  =  0°  (pitch  control  of  the  horizontal 
fins)  is  equivalent  to  examining  k  for  deflection  of  fin  Cl  at  4  =  90°.  In  the 
following  the  equivalent  roll  angle  of  fin  Cl  will  be  used  (4^).  The  actual  body 
roll  angle  and  fin  used  to  produce  k  are  given  in  Table  2  on  the  following  page. 

For  a  body  roil  angle  of  45°  fins  C3  and  C4  are  symmetric  about  the  vertical  plane  of 
symmetry  (as  well  as  fins  Cl  and  C2) .  Therefore  they  should  produce  closely  the  same 

results  for  kw.  Figure  13  compares  results  for  these  two  conditions  of  mirror 

symmetry.  At  4i  =  45°  figure  13(a)  shows  results  for  fins  C3  and  C4  which  are 

generally  within  +0.05  in  kw  from  the  mean  line.  For  4i  =  -45°  fins  Cl  and  C2  show 

about  the  same  precision  in  figure  13(b).  However,  now  the  value  of  kw  approaches 
zero  at  ac  =  50°.  Thus  there  is  an  effect  of  4i  on  kw.  This  effect  will  be 
examined  in  more  detail  shortly. 


Table  2.-  Equivalent  Angle  of  Fin  Cl 


2  5  -<3 


Fin 

*  (°) 

♦  l  <° 

Cl 

0 

0 

Cl 

10 

10 
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45 

45 
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0 

90 
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10 

100 

C4 

20 
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30 
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C  3 

45 
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C  3 

30 

150 

C3 

20 

160 

C  3 

10 

170 

C3 

0 

180 

First,  the  control  effectiveness  for  yaw  control  is  presented  in  figure  14. 

In  these  and  subsequent  figures  the  experimental  values  of  k  are  included  only 
for  angles  of  attack  above  20°.  Examining  first  the  resultswfor  Moo  =  0.8,  shown  in 

figure  14(a),  it  can  be  seen  that  not  only  is  there  a  difference  in  control 

effectiveness  in  the  angle  of  attack  range  from  20°  to  30°,  but  the  value  of  k 

for  the  leeward  fin  indicates  that  this  fin  is  more  effective  in  providing  control 
than  it  would  be  as  part  of  the  wing  alone.  The  effectiveness  of  both  fins 
decrease  with  increasing  angle  of  attack,  that  of  the  leeward  fin  decreasing  much 
faster,  so  that  at  the  highest  angle  of  attack  investigated  they  both  produce 
about  the  same  effectiveness.  Results  for  M«  =  1.3,  given  in  figure  14(b),  show 
smaller  differences  at  ac  =  20°  than  do  the  results  at  M^,  =  0.8.  Again,  k  for 
both  fins  decreases  with  increasing  angle  of  attack  and  above  ac  =  35°  botK  fins 
produce  essentially  the  same  effectiveness. 


Thg  reason  for  the  high  effectiveness  of  the  leeward  fin  at  k,  =  0.8  and 
ac  =  20°  can  be  seen  by  examining  the  fin  normal-force  coefficient  as  function  of 
angle  of  attack  as  the  wing  alone,  the  leeward  undeflected  fin  and  the  leeward 
deflected  fin.  These  are  shown  in  figure  15.  As  the  undeflected  fin,  represented 
by  the  square  symbols,  very  little  lift  is  produced  as  expected  since  the  fin  is 
aligned  parallel  to  the  free  stream  for  this  case.  When  the  fin  is  deflected  it 
produces  slightly  more  lift  than  the  wing  alone.  Since  the  wing  alone  experiences 
a  partial  stall  in  this  region  (a,,  =  20°)  a  little  increase  in  normal  force  yields 
a  much  larger  increase  in  the  equivalent  angle  of  attack.  Hence,  the  relative 
effectiveness  is  very  high  for  ac  from  20°  to  25°.  Notice  however,  that  after  a 
slight  increase  initially  in  Cnw(b)  f°t  the  deflected  fin  there  is  a  steady 
decrease  until  at  ac  =  50°  the  fin  produces  only  half  as  much  lift  as  at  uc  =  20°. 

The  variation  of  k  with  ^.demonstrates  a  number  of  nonlinearities.  Figure 
16(a)  shows  the  variation  of  k  with  <J> ^  at  ac  =  20°,  30°,  40°,  and  50°  for  the  canard 
fin  of  figure  g  at  M„  =  1.3  ancf  a  control  deflection  angle  of  15°.  For  roll  angles 
in  the  range  0  to  90°  (i.e.,  the  fin  in  the  upper  right  hand  quadrant)  there  is  a 
systematic  decrease  in  kw  with  increasing  angle  of  attack.  In  the  absence  of  vortex 
effects  a  decrease  might  be  expected  because  of  increased  sweep  with  increasing  ac 
and  possibly  decreased  dynamic  pressure.  No  particular  effect  of  the  body  vortices  is 
obvious.  However,  some  surprising  nonlinear  effects  are  clearly  present  for  4>i  greater 
than  90°. 

For  ac=20c,  k  essentially  increases  as  increases  from  90°.  This  increase 
might  be  expected  because  of  reduced  sweep  of  the  fin  leading  edge  accompanying  pitch 
of  the  wing-body  combination  and  possible  increased  dynamic  pressure  on  the  impact 
surface.  However,  some  phenomenon  is  causing  k  to  go  through  a  maximum  around 
4>i  »  100°  for  ac  «  30°  and  40°.  The  exact  reason  for  this  behavior  is  not  known  at 
this  time. 


Consider  now  the  behavior  of  k  with  changes  in  $2.  and  ac  for  =  as 
exhibited  in  figure  16(b).  For  <f> j  ?  135°  there  is  a  general  monotonic  decrease  in  kw 
with  increasing  angle  of  attack.  For  $2  >  135°  there  is  a  tendency  for  k  to  peak  at 
values  greater  than  unity  for  values  of  <jn  near  160°.  This  behavior  doeswnot  result 
a  significant  increase  in  control  normal  force  since  the  control  fin  is  operating  in 
the  stalled  region  of  the  wing-alone  normal-force  curve  in  this  case  (recall  figure 
15)  . 


in 


In  addition  to  testing  the  missile  configuration  of  figure  9  at  independent 
pitch  and  yaw  control,  it  was  also  tested  at  combined  pitch  and  yaw  with  all  four  fins 
deflected  +15°.  In  the  succeeding  set  of  figures  the  effects  on  kw  for  combined 
pitch/yaw  control  are  compared  to  the  appropriate  results  for  single  (either  pitch  or 
yaw)  control . 

The  effect  on  k  for  yaw  control  in  the  presence  of  pitch  control  of  the 
upper  or  leeward  fin  is  presented  in  figure  17.  At  M„  »  0.8  there  is  no  longer  the 
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large  value  of  k^  near  ccc  =  20°  for  combined  yaw/pitch  control  as  there  was  for 
single  yaw  control.  However,  this  does  not  imply  any  substantial  loss  in 
control  normal  force  because,  as  mentioned  previously,  the  wing-alone  normal-force 
curve  possess  a  stalled  region  near  1^  =  20°  tor  =  0.8  and  this  is  where  the  fin 
is  operating.  For  example,  the  fin  normal-force  coefficient  for  yaw  control  at 
ac  =  20  is  0.340  while  for  combined  yaw  and  pitch  control  it  is  0.321.  As  the 
angle  of  attack  is  increased,  the  values  of  k  for  combined  yaw  and  pitch  control 
remain  less  than  that  for  plain  yaw  control  except  at  the  highest  angle  of  attack 
tested  where  the  two  values  are  equal.  This  indicates  that  for  yaw  control  applied 
to  the  leeward  fin  at  M^  =  0.8  there  is  an  additional  nonlinearity  caused  by 
deflecting  the  two  adjacent  fins  for  pitch  control.  The  same  behavior  is  not 
present  at  M„  =  1.3  however.  As  shown  in  figure  17(b),  combined  yaw/pitch  control 
results  in  lower  values  of  k  only  up  to  &c  of  about  35  or  40  degrees.  Above  this 
both  cases  have  the  same  control  effectiveness. 

The  windward  fin,  figure  18,  shows  very  little  difference  between  combined 
yaw/pitch  control  and  simple  yaw  control.  Only  near  ac  =  20°  for  =1.3  does 

combined  control  result  in  lower  values  of  k  . 

w 

Effects  of  pitch  control  in  the  presence  of  yaw  control  are  exhibited  in 
figure  19.  At  M„  =  0.8  pitch  control  is  slightly  more  effective  in  the  presence  of 
yaw  control  than  without,  except  near  ac  =  50°  where  negative  values  of  k  indicate 
an  actual  loss  of  lift  with  control  deflection.  An  interesting  effect  iswseen  in 
figure  19(b)  for  the  results  at  =  1.3.  Simple  pitch  control  experiences  a  local 
minimum  for  ac  between  25  and  30  degrees  and  a  local  maximum  near  ac  =  35°.  These 
two  peaks  are  el iminated  when  yaw  control  is  also  present.  However,  above 
ac  =  35°  the  values  of  kw  are  significantly  less  for  combined  pitch/yaw  control. 

The  variation  of  k  with  4^  in  the  presence  of  combined  pitch/yaw  control  is 
presented  in  figures  20wand  21  where  results  are  compared  with  the  corresponding 
results  in  figure  16  for  single  control.  Examining  results  at  M^  =  0.8  first,  it  can 
be  seen  that  the  greatest  differences  between  single  and  combined  control  occurs  at  the 
lowest  angle  (a  =  20°).  Except  for  the  range  45°  <  <  90°  the  lif£  effectiveness 

is  greater  in  the  presence  of  combined  pitch/yaw  control.  At  ac  =  30  [fig.  20(b)) 
the  two  sets  .f  results  are  very  similar  except  for  low  values  of  where  single  con¬ 
trol  is  somewhat  more  effective.  In  particular,  both  sets  of  results  exhibit  a  peak 
near  <t>.  =  150°.  This  peak  in  the  lower  quadrant  is  present  also  at  angles  of  attack  of 
40°  and  50°.  In  addition,  at  both  ac  =  40°  and  ac  =  50°  combined  control  and  single 
control  yield  identical  values  of  k  over  at  least  a  portion  of  the  lower  quadrant 
(i.e.,  the  quadrant  90°  <  <(>]_  <  180°Y.  This  implies  that  in  this  region  nonlinearities 
due  to  angle  of  attack  dominate  any  additional  nonlinearities  due  to  combined  pitch/ 
yaw  control.  Such  is  obviously  not  the  case  at  ac  =  20°  as  shown  in  figure  20(a) 
where  nonlinearities  due  to  combined  control  are  significant  for  all  values  of  . 

For  fins  in  the  upper  quadrant  at  ac  of  40°  and  50°  combined  control  results  in  an 
actual  loss  of  lift.  Implications  of  this  feature  are  rather  obvious. 

Results  at  the  higher  Mach  number,  figure  21,  exhibit  much  fewer  differences 
between  single  and  combined  control.  For  each  angle  of  attack  both  sets  of  results 
have  the  same  trend  and  in  many  cases  the  results  are  virtually  identical.  There  is 
a  slight  loss  of  lift  however  at  the  highest  angle  of  attack,  figure  21(d). 


5.  PREDICTION  METHODS  AT  HIGH  ANGLES  OF  ATTACK 

Considering  the  number  of  nonlinearities  which  exist  for  cruciform  wing-body- 
tail  combinations  at  high  angles  of  attack,  a  purely  theoretical  approach  to  the 
prediction  of  the  aerodynamic  characteristics  of  such  configurations  is  extremely 
difficult.  Hence,  at  the  present  time  reliance  must  be  made  on  rational 
combinations  of  analytical  and  empirical  results--so  called  "engineering"  prediction 
methods.  While  a  number  of  these  engineering  prediction  methods  exist  for  wing-body 
or  body-tail  configurations  in  the  unrolled  condition,  very  few  methods  are 
available  for  wing-body-tail  combinations  under  conditions  of  both  roll  and  control 
deflection.  For  no  roll,  the  wing-tail  interference  problem  for  a  cruciform 
configuration  is  the  same  as  that  for  a  planar  configuration,  and  a  number  of  methods 
applicable  to  this  case  are  discussed  in  reference  2.  However,  as  has  been  shown, 
the  inclusion  of  roll  introduces  complex  nonlinearities,  particularly  at  high  angles 
of  attack. 

The  method  of  reference  13  presents  a  contribution  to  this  field  which  is  valid  to 
approximately  20°  angle  of  attack.  It  makes  use  of  the  equivalent  angle  of  attack 
concept  and  treats  pitch  and  yaw  control  but  not  roll  control.  The  work  reported  in 
references  3  and  7  is  an  attempt  to  expand  the  method  of  reference  13  up  to  angles  of 
attack  of  about  45°  and  to  include  effects  of  roll  control.  This  preliminary  method, 
which  utilizes  an  incomplete  data  base  augmented  by  engineering  approximations,  is 
applicable  over  the  Mach  number  range  0.8  to  3.0  and  for  angles  of  attack  from  0° 
to  45°. 
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6.  CONCLUDING  REMARKS 

Cruciform  fins  used  as  all-movable  controls  have  long  been  known  to  exhibit 
nonlinear  aerodynamic  characteristics  for  large  angles  of  attack  and  control 
deflections.  Up  to  the  present  it  has  been  necessary  to  rely  upon  experimental  data 
for  such  properties  for  use  in  guidance  and  control  systems.  A  systematic  set  of  data 
in  this  area  would  do  much  to  further  our  understanding  of  these  nonlinearities.  Such 
a  systematic  data  base  is  lacking.  As  a  first  step,  a  data  base  might  be  assembled 
for  control  pitch  effectiveness  as  influenced  by  fin  aspect  ratio,  fin  taper  ratio, 
Mach  number,  and  body  radius-fin  semispan  ratio.  Control  cross-coupling  could  then  be 
addressed.  By  a  combination  of  systematic  data  and  computational  fluid  mechanics, 
major  progress  could  be  made  in  understanding  control  nonlinearities. 
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Figure  1.-  Banked  canard-cruciform  missile  at  angle  of 
attack  showing  typical  vortex  flow  field. 


Figure  2.-  Effect  of  gap  on  span  loading 
of  wing-body  combination; 
inviscid  theory 


Figure  3.-  Gap  associated  with  large 
deflection  of  control  surface. 
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Figure  4.-  Upwash  in  crossflow  plane  around 
body  of  revolution;  potential 
flow  theory 
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Figure  6.-  Inviscid  flow  in  crossflow 
plane  of  body  of  revolution 
with  supersonic  Mach  number. 
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combination. 


Figure  5.-  Effect  of  angle  of  attack  and 
free-stream  Mach  number  on  inter¬ 
ference  of  body  on  wing 
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Figure  8.-  Effect  of  angles  of  attack  and  control  deflection  on 
control  interference  factor,  kw,  for  pitch  control. 
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Figure  9.-  Body-canard-tail  test  configuration,  Army  generalized  missile. 
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Figure  10.-  Canard  and  tail  fins. 
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Figure  11.-  Effect  of  angles  of  attack  and  control  deflection 
on  pitch  control  effectiveness. 
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Figure  12.-  Effect  of  angles  of  attack  and  control  deflection  on 
normal- force  coefficient. 
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Figure  13.-  Effect  of  assuming  symmetry  on  control  interference 

factor,  k  . 
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Figure  14.-  Effect  of  angle  of  attack  on  yaw  control  effectiveness. 
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Figure  15.-  Effect  of  angles  of  attack  and  control  deflection  on  fin 
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Figure  16.-  Effect  of  angle  of  attack  and  roll  angle  on  control 
interference  factor,  k  . 
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Figure  19.-  Effect  of  angle  of  attack  on  pitch  control  effectiveness 
in  presence  of  yaw  control. 
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Figure  20.-  Effect  of  roll  angle  on  control  interference  factor,  k 
for  combined  pitch/vaw  control  (concluded) . 
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Figure  21.-  Effect  of  roll  angle  on  control  interference  factor,  k 
for  combined  pitch/yaw  control. 


ON  THE  EFFECT  OF  WING  WAKE  ON  TAIL  CHARACTERISTICS 


by 

K.  Gersten,  D.  Gluck 
Ruhr-Universitat  Bochum,  Germany 


SUMMARY 


It  is  not  sufficient  to  take  the  local  dynamic  pressures  into  account  in  the  calculation 
of  control  surface  forces  located  in  non-uniform  flow  fields  because  of  the  effects  due 
to  the  velocity  distribution  within  the  wake. 


A  nonlinear  theory  has  been  developed  to  calculate  lift  and  moment  forces  for  airfoils 
in  a  two-dimensional  flow  field.  The  oncoming  velocity  distribution  is  approximated  by  a 
series  of  step  functions  which  results  in  a  flow  field  composed  of  a  number  of  potential- 
flow  fields.  The  potential  flow  fields  are  matched  properly  at  several  dividing  stream¬ 
lines  where  the  total  pressure  changes  discontinously .  The  solution  of  the  problem  is 
determined  by  using  vortex  distributions  on  both  the  contour  of  the  airfoil  and  the 
dividing  stremlines.  A  special  approach  makes  it  possible  to  calculate  the  flow  field 
when  one  of  the  dividing  streamlines  merges  with  the  profile. 

The  comparison  between  theoretical  and  experimental  results  for  the  aerodynamic  charac¬ 
teristics  of  a  tail  unit  placed  in  the  wake  of  a  wing  exhibits  considerably  improved 
agreement  when  the  velocity  gradient  in  the  wake  is  taken  into  account  in  the  analysis. 


1 .  INTRODUCTION 

Control  surfaces  and  , in  particular,  tail  units  are  frequently  situated  in  non-uniform 
flow  fields.  The  non-uniformities  can  be  caused  by  the  wake  of  the  wing  or  other  parts 
of  the  airplane,  as  well  as  by  engine  exhaust  jets.  These  non-uniformities  may  have  a 
considerable  influence  on  the  trim  and  the  stability  of  the  airplane.  One  particular 
case  is  '  super  stall  '  which  occurs  on  airplanes  with  T-t&il  units  at  high  angles 
of  attack.  At  a  certain  angle  of  attack  the  tail  enters  the  wake  of  the  wing.  The 
nose-down  contribution  of  the  tail  to  the  total  moment  is  reduced  resulting  in  strong 
destabilisation  of  the  airplane  and  finally,  at  certain  angles  of  attack,  in  positive 
pitching  moments. 

However,  further  increase  of  the  angle  of  attack  leads  to  stabilisation  because  the 
tail  is  no  longer  in  the  wake  and  the  pitching  moment  becomes  negative  again.  In  this 
way  stable  trim  is  achieved  at  high  angles  of  attack.  The  efficiency  of  the  control 
surfaces  is  very  small  because  of  the  wake.  Therefore  the  return  from  super  stall  seems 
to  be  impossible. 

The  proper  determination  of  the  efficiency  of  the  control  surfaces  in  super  stall  is  possi 
ble  only  when  the  influence  of  the  wake  on  tail  character istics  is  considered.  In  practice 
the  forces  on  the  control  surfaces  located  in  a  nonuniform  flow  field  are  determined  by 
methods  which  are  analogous  to  these  used  for  uniform  flows  but  taking  into  account  the 
particular  local  dynamic  pressure.  If,  for  example,  the  tail  is  located  within  the  wing 
wake,  the  lift  of  the  tail  that  enhances  the  pitching  moment  is  reduced  as  a  result  of  the 
local  dynamic  pressure. 

However,  taking  the  different  local  dynamic  pressures  into  account  is  not  sufficient  to 
determine  the  forces  on  the  control  surfaces.  There  is  an  additional  effect  due  to  the 
velocity  distribution  within  the  wake  or,  more  generally,  in  any  flow  in  which  the 
oncoming  velocity  distribution  has  velocity  gradients.  This  effect  is  the  main  topic  of 
the  present  study.  The  effect  becomes  particular  important  for  super  stall,  since  the 
wing  drag  leads  to  a  distortion  of  the  flow  field  in  the  wake  which  is  very  pronounced 
at  high  angles  of  attack.  The  tail  unit  characteristics  are  strongly  influenced  by 
this  effect. 

In  the  following,  airfoils  in  a  non-uniform  flow  field  are  investigated  theoretcally 
as  well  as  experimentically .  The  final  goal  is  to  develop  a  reliable  prediction  method 
for  the  tail  characteristics  at  high  angles  of  attack  (super  stall)  .  The  comparison 
with  experimental  results  for  wing-tail  combinations  of  W.  Siegler  and  B.  Wagner  11) 
shall  demonstrate  the  applicability  of  the  present  method  for  calculating  the  tail 
characteristics  of  airplanes. 


2.  FLUID  DYNAMIC  PROBLEM 

The  oncoming  flow  to  the  tail  consits  of  the  wakes  from  wing,  fuselage,  engine 
nacelles  and  engine  exhaust  jets.  The  comarison  with  experimental  results  from  W.  Siegler 
and  B.  Wagner  [1|  and  A.  Siverstein  and  S.  Katzoff  12)  snows  that  this  complicated  wake 
can  be  simulated  by  a  simple  model.  The  velocity  profile  for  the  case  when  the  tail  is 
located  within  the  wing  wake  is  shown  in  Fig  1 .  The  velocity  distribution  in  the  wake 
depends  on  the  geometry  of  the  airplane,  the  angle  of  attack,  the  Reynolds  number  and, 
therefore,  on  the  the  wing  drag.  The  calculation  of  the  wake  for  these  parameters  is 
shown  in  the  Appendix. 
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A  two-dimensional  incompressible  steady  inviscid  flow  is  assumed.  The  problem 
thereby  reduces  to  the  calculation  of  the  flow  field  around  the  profile  of  an  airfoil  in 
a  non-uniform  (and  therefore  rotational  )  stream.  From  the  calculation  of  the  derivatives 
for  the  pitching  moment  and  the  lift,  the  flow  around  a  three-dimensional  wing  with  any 
aspect  ratio  can  be  determined  by  using  well-known  methods. 


3.  THEORY 

The  continous  velocity  distribution  of  the  oncoming  flow  is  approximated  by  a  series 
of  step  functions  (see  Fig  2)  .  Due  to  this  approximation  the  flow  field  consists  of  a 
number  of  potential  flow  fields  which  must  be  properly  connected  at  several  dividing 
streamlines,  where  the  total  pressure  changes  discontinously  by  a  certain  given  value.  The 
dividing  streamlines  which  are  schematically  shown  in  Fig  2,  are  a  priori  unknown. 

The  solution  of  this  problem,  which  is  nonlinear  due  to  the  boundary  conditions,  is  found 
by  using  vortex  distributions  on  the  contour  of  the  airfoil  and  on  the  dividing  stream¬ 
lines  as  well. 

The  following  unknown  functions  are  to  be  calculated: 

1.  The  vortex  distribution  on  the  profile  contour. 

2.  The  vortex  distribution  on  the  dividing  streamlines. 

3.  The  locations  of  the  dividing  streamlines. 

The  boundary  conditions  for  this  problem  are: 

1.  The  tangency  condition  at  the  profile  contour. 

2.  The  tangency  condition  at  the  dividing  streamlines 

3.  The  pressure  condition  at  the  dividing  streamlines,  i.e.  equal  static  pressure 

on  either  side  of  a  dividing  streamline. 

The  boundary  condition  on  the  contour  can  be  expressed  by  requiring  that  the  velocity 
inside  the  contour  must  vanish.  This  formulation  is  equivalent  to  the  classic  condition 
which  requires  that  the  contour  be  a  streamline.  The  formulation  of  this  condition  results 
in  an  integral  equation  of  the  second  kind  for  the  vorticity  y^  on  the  contour: 

i  2n  A 

V40  ~  ~Tir !  •  V  ^  ’ '  (w  d  ^  =  R(  ^  >  (1) 

The  kernel  K($,<|i)  is  a  function  of  the  profile  geometry  only: 
x  (g> )  •  (y  (<t>)  -y  (i(j)  )  -y  (<t>)  •  (x(<f>) -x(iji) ) 

K(4>^)  =  - - - - -  U) 

(x(<j>)-x(i|/)  )2  +  (y  (<(> )  -y  (i|/)  )2 


For  (J>  =  t 


K(<P,<I>)  =  j 


1  x(d>)  - y (<t> )  -x(<(>)  *y (4> ) 


x (<(>)2  +  y  ( 4> ) 2 


R($)  describes  the  induced  velocity  on  the  contour  : 

R(4>)  =  '  (  U»  +Z  ui(4l))  +  ‘  1  <4> 

u^  and  are  the .components  of  the  induced  velocity  vector  at  one  dividing  streamline. 

These  velocities  can  be  calculated  using  Biot-Savar t 1 s  law  by  integrating  over  the  entire 
dividing  streamlines: 


(<j>) 


+«  y  ($)  -  yi 

( x  ( cj> )  -  xt)2  +  (y  ( <j> )  -  yi) 


T  yi'dsi 


.  +»  x(<)>)  -  X 

2 f  - - - -  y.-ds. 

-°°  (X  (<6  )  -  X  .  )  2  +  (y(<fi)  -  y  )  2  1  1 


(5) 

(6) 


The  vortex  distribution  y ± ( s± )  and  the  location  xfs^  ,  y(si>  of  the  dividing  stream¬ 
line  is  unknown  and  must  be  calculated  by  using  the  other  two  boundary  conditions. 


The  boundary  condition  for  the  pressure  at  the  dividing  streamline  has  the  form  : 


wmi  *  yi  “  const<  (7) 

where  wmi  is  the  argument  of  the  induced  velocity  vector  at  one  of  the  dividing  stream¬ 
lines.  wml  can  be  calculated  from  the  vortex  distributions  both  on  the  dividing  stream¬ 
lines  and  the  contour.  The  components  are  u  ,  and  v  .  . 

mi  mi 
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The  tangency  condition  at  the  dividing  streamlines  has  the  form: 


dy* 

dx 


(8) 


Equations  (7)  and  (8)  are  integral  equations.  Equation  (8)  is  nonlinear.  This  complicated 
system  of  nonlinear,  elliptic  integral  equations  has  been  solved  numerically  by  an  ite¬ 
ration  scheme  for  a  given  airfoil  profile  and  velocity  distribution  in  the  oncoming  flow. 


There  is  a  particular  problem  in  this  procedure  which  requires  special  attention.  That 
is  the  case  when  a  dividing  streamline  hits  the  airfoil.  Due  to  the  condition  that  the 
pressure  is  continous , although  the  total  pressure  is  uiscontinous  across  the  dividing  stream¬ 
lines,  there  can  be  no  ordinary  stagnation  point  at  the  airfoil.  It  turns  out  that  the 
dividing  streamline  touches  the  airfoil  by  approaching  it  tangentially.  That  means  there 
will  be  a  semi-stagnation  point.  In  other  words,  on  one  side  (lower  total  pressure)  there 
will  be  a  stagnation  point , whereas  on  the  other  side  (higher  total  pressure)  there  is  con¬ 
tinous  velocity  without  a  stagnation  point.  A  similiar  situation  occurs  at  the  trailing 
edge. 

Surprisingly,  this  peculiar  phenomenon  does  not  complicate  the  numerical  problem.  In  fact 
it  turns  out  that  this  behavior  is  advantageous.  The  numerical  results  show  that  the  effect 
due  to  the  velocity  gradient  in  the  oncoming  flow,  which  in  our  model  is  simulated  by 
several  steps,  has  its  maximum  when  the  dividing  streamline  hits  the  body.  A  very  simple 
example  is  shown  in  Fig  3.  A  symmetrical  airfoil  at  zero  angle  of  attack  is  located  in  a 
flow  field  with  a  single  step  in  the  velocity  distribution  of  the  oncoming  flow.  It  can 
easily  be  seen  that  there  is  a  maximum  lift  effect  when  the  dividing  streamline  hits  the 
airfoil.  This  is  not  the  case  when  the  chord  has  the  same  height  as  the  step  far  upstream. 
There  is  always  a  shift  toward  higher  velocities.  Also  the  lift  is  always  orientated  to 
the  area  of  higher  energy.  This  figure  shows  very  clearly  that  the  particular  case  when 
the  dividing  streamline  impinges  on  the  body,  plays  a  keyrole  for  the  calculation  of  the 
so-called  gradient  effects.  Linear  theories  have  been  used  to  calculate  this  kind  of  flow 
problem.  For  example,  Ruden  [4]  investigated  the  particular  case  shown  in  Fig  3.  However, 
Ruden  [4]  was  unable  to  calculate  the  special  case  when  the  dividing  streamline  hits  the 
body.  Only  the  nonlinear  theory  developed  here  would  give  the  maximum  value  as  shown 
in  Fig  3. 


4.  EXPERIMENTAL  INVESTIGATIONS 

Airfoils  in  two-dimensional  flows  with  non-uniform  velocity  distributions  have  been 
measured  in  the  wind  tunnel  of  the  Institute  of  Thermo-  and  Fluid  Dynamics  of  the  Ruhr- 
University.  The  non-uniform  velocity  distribution  in  the  oncoming  flow  was  artificially 
produced  by  using  an  appropriate  honeycomb  screen.  The  location  of  the  airfoil  with 
respect  to  the  maximum  gradient  of  the  velocity  distribution  could  be  varied.  Pressure 
distributions  and,  hence,  lift  and  pitching  moment  coefficients  were  determined.  As  an 
example,  Fig  4  shows  the  variation  of  the  lift  coefficient  with  the  position  of  the  airfoil 
with  respect  to  the  "step"  for  various  angles  of  attack.  The  lift  coefficient  has  its  maxi¬ 
mum  when  the  airfoil  is  located  at  the  point  of  steepest  velocity  gradient.  The  experimental 
pressure  distribution  could  also  be  compared  with  theoretical  results.  In  Fig  5  ,an  example 
is  shown  for  the  symmetrical  airfoil  NACA  64  A  010  .  At  zero  angle  of  attack,  the  experimen¬ 
tal  pressure  distribution  is  compared  with  two  theoretical  curves.  Curve  1  is  a  nonlinear 
theory,  whereas  curve  2  is  the  result  of  a  linear  theory  after  Weissinger  [5,6]  .  This 
particular  result  corresponds  to  the  situation  when  the  lift  coefficient  achieves  its 
maximum.  The  nonlinear  theory  shows  very  good  results,  whereas  the  linear  theory  shows 
large  deviations  from  the  pressure  distribution.  The  latter  may  result  from  pure  deflection 
of  the  flow  field  near  the  trailing  edge  of  the  airfoil.  A  nonlinear  model  obviously  gives 
a  very  good  description  of  the  details  of  the  flow  field  near  the  leading  edge  by  this 
semi-stagnation-point  flow  approximation. 


5.  APPLICATION  TO  THE  WING  WAKE  EFFECTS  ON  TAIL  CHARACTERISTICS 

The  experimental  results  for  a  wing  tail  unit  determined  by  W.  Siegler  [1 ]  are  shown 
in  Fig  6.  The  pitching  moment  is  plotted  against  the  angle  of  attack.  However,  since 
nonlinear  effects  are  dealt  with  here,  only  the  difference  between  the  pitching  moment 
and  the  linear  part  of  the  pitching  moment  is  shown.  Therefore,  the  measurements  give  the 
deviation  of  the  pitching  moment  curve  from  the  linear  theory.  Two  additional  curves  are 
shown  in  the  figure.  One  is  the  theoretical  curve  calculated  with  the  condition  that 
the  wake  effect  is  taken  into  account  only  by  using  the  local  dynamic  pressures.  Curve  3 
then  gives  the  corresponding  theoretical  curve,  but  including  the  gradient  effects.  It  is 
obvious  that  the  gradient  effect  is  very  important  and  taking  it  into  account  gives  much 
better  agreement  for  the  moment  characteristics  of  a  tail  unit  situated  in  the  wing  wake. 


A 
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6.  CONCLUSIONS 

|  a)  A  theory  was  developed  to  calculate  the  lift  and  moment  forces  for  airfoils  in  a 
non-uniform  flow  field. 

b)  An  experimental  investigation  was  carried  out  to  measure  pressure  distributions  and 
lift  and  pitching  moment  coefficients  on  airfoils  in  two-dimensional  flows  with  non- 
uniform  velocity  distributions. 

c)  Non-uniform  velocity  distributions  in  the  oncoming  flow  have  a  maximum  effect  on  the 
airfoil  forces  when  the  airfoil  is  located  in  the  area  of  the  steepest  velocity 
gradient.  The  lift  is  always  directed  to  the  area  of  higher  total  energy. 

d)  The  point  of  maximum  effect  can  be  calculated  a  priori  by  the  present  theory  with¬ 
out  calculating  neighbouring  situations.  The  reason  is  the  theory  in  this  case  leads 
to  a  special  situation  with  very  particular  flow  field  properties  which  are  known 

a  priori.  The  case  of  maximum  effect  can  not  be  treated  with  linear  theories. 

e)  The  theory  can  also  be  applied  to  situations  where  the  control  surface  is  not  within 
the  wake,  but  in  the  neighbourhood  of  a  wake  or  a  jet;  for  example,  an  engine  exhaust 
jet.  This  method  can  also  be  applied  for  double-  and  multi-slotted  flaps,  where  the 
wakes  of  the  different  parts  of  the  flap  have  to  be  taken  into  account.  This  general 
problem  can  be  reduced  to  the  problem  of  the  flow  past  airfoils  with  nonhomogeneous 
oncoming  flow  velocities  as  considered  in  the  present  work. 
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Figure  1:  Wake  of  the  Wing  at  High  Angles  of  Attack 
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gure  3.  Symmetrical  Airfoil  NACA64A010  at  Zero  Angle  of  Attack 
in  the  Flow  Field  with  a  Single  Step 


Figured  Lift  Coefficient  for  Different  Positions  of  the 
Airfoil  NACA64A01G  in  the  Shear  Layer  ond  of 
Different  Angles  of  Attack 
U  =  Local  Velocity 

°  Measurements  cL  =  0. 23 

(T)  Theory  cL  =  0. 22 

(|)  linear  Theory  cL  =  0.27 
after  Weissinger 


Figure  5  ;  Comparison  of  Theoretical  and  Experimental 
Results  for  the  Symmetrical  Airfoil 
NACA  64  A010  of  Zero  Angle  of  Attack 


(T)  Measurements 

(?)  Theory  with  gradient  effect 

(?)  Theory  without  gradient  effect 


APPENDIX  A 


Calculation  of  the  wing  wake. 


For  a  given  geometry  of  the  wing  it  is  possible  to  calculate  the  vortex  -distribution  y 
in  the  spanwise  direction  by  one  of  the  well-known  theories,  e.g.  the  'extended  lifting¬ 
line  theory'.  From  this  the  down-wash  can  be  determined  .  For  distances  between  the  tail 
and  the  wing  which  are  greater  than  2  •  y/c  the  downwash  in  the  vortex  sheet  can  be 
calculated  from  the  nonlinear  theory  of  K.  Gersten  [7]  . 


t  m  c.  r 

+  Jet’  •  IfnY  n  +  TTffT  TCT3 


The  coordinate  £  =  —  originates  at  the  wing-nose.  The  coefficients  a  are  tabulated  in 
s  n 

[7].  In  the  vicinity  of  the  vortex  sheet,  the  downwash  can  be  calculated  by: 


(  1  +  ~  V) 


m 

FT  >  Yn 


C  is  the  dimensionless  coordinate  normal  to  the  vortex  sheet  and  £  the  dimensionless 

9a 


distance  of  the  nose  to  the  aerodynamic  center.  The  coefficients  ( 


)  are  tabulated 


in  C 7 ]  .  if  the  distance  from  the  tail  to  the  wing  is  less  than  2-y/c  ,the  downwash 
should  be  calculated  by  the  complete  equations  presented  in  [7]  . 

As  a  first  approximation  the  drawdown  of  the  trailing  vortex  sheet  can  be  assumed  to  be 
proportional  to  the  distance  from  the  trailing  edge;  see  Schlichting  and  Truckenbrodt  [7] 

£;(£)=(  a  +  <*w  (£)>•(£  -  £  T£. )  (A3) 

The  exact  calculation  is  described  by  Truckenbrodt  [91  . 


Silverstein and  Katzoff  [2,3]  present  empirical  equations  for  calculating  the  wing  wake 
The  maximum  loss  of  dynamic  pressure  in  the  wake  occurs  at  the  wake  center  and  its 
value  qm  is  given  by  the  formula  : 

qm  =  2.42 •  cd0,5  (A4) 

q»  *  +  0.3 

c 

with  c^  as  the  section  profile-drag  coefficient. 

The  distribution  of  the  dynamic  pressure  within  the  wake  is  given  by  the  equation  : 

3  ?  71  V 

-  =  cos  (  4  )  (A5) 

q  zb 

The  half  width  b  of  the  wake  is  given  by  : 


-  =  0.68 

c 


C  0.5  x  0.15  ,0.5 
d  c 


In  the  present  theory  it  is  assumed  for  the  development  of  the  wake  behind  the  wing 
that  the  center  line,  originating  from  the  middle  of  the  wing , moves  parallel  to  the 
trailing  vortex  sheet.  Consquently  the  oncoming  flow  for  the  tail  results  from  both  the 
wake  and  the  downwash  induced  by  the  wing. 
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RESUME 


des  essais  relatifs  a  une  configuration  canard  proche-voilure  out  ete 
effectues  en  subsonique  dans  la  soufflerie  pressurisee  FI  qui  a  ete  recemment 
mise  en  service  au  centre  du  Fauga-Mauzac  de  1* ONERA.  Le  montage  en  demi- 
maquette  a  la  paroi  utilise  comme  voilure  l'aile  reclangulaire  AFV-D  a 
generation  cylindrique  qui  est  placee  a  60°  de  fleche.  La  section  parallele  a 
l'emplanture  presente  une  ^paisseur  relative  de  5  %  et  un  grand  rayon  de  bord 
d’attaque.  Les  plans  canard  sont  semblables  a  l’aile  principale  en  forme  et  en 
profil. 


Des  resultats  experimentaux  sont  presentes  sous  forme  d'efforts  globaux 
et  de  repartitions  de  pression  sur  l'aile  principale.  L’effet  d’un  braquage 
du  canard  et  1* influence  du  nombre  de  Reynolds  ont  ete  etudies.  Des  visualisa¬ 
tions  de  l’ecoulement  parietal  en  soufflerie  et  du  champ  d’ecoulement  en  tunnel 
hydrodynamique  sur  une  maquette  plus  petite  sont  utilisees  pour  aider  a  la 
comprehension  des  mecanismes  de  1* interaction. 

Des  comparaisons  entre  les  resultats  experimentaux  et  des  approches 
theoriques  sont  relatees.  Elies  montrent  un  accord  raisonnable  bien  que  la 
structure  fine  de  l’ecoulement  tourbillonnaire  sur  ce  type  d’aile  ne  soit  pas, 
au  stade  actuel,  correctement  predite. 


AERODYNAMIC  INTERACTION  ON  A  CLOSE-COUPLED  CANARD-WING  CONFIGURATION 

SUMMARY 


Half  model  tests  were  performed  on  a  close-coupled  canard-wing  configuration 
in  the  low  speed,  pressurized  wind  tunnel  FI  at  the  new  OUERA-C enter  Le  Fauga-Mauzac 
The  main  lifting  surface  is  the  rectangular  cylindrical,  wall  mounted,  half  wing 
AFV-D  in  a  60°  back  sweep  configuration.  The  ohordwisc  wing  section  has  a  5  ? 
thickness  ratio  and  a  large  leading-edge  radius.  The  canard  surfaces  are  similar 
in  shape  and  section  to  the  main  wing. 

Experimental  results  are  presented  in  terms  of  longitudinal  aerodynamic 
characteristics  and  pressure  distribution  on  the  main  wing.  The  effect  of  canard 
deflexion  and  of  Reynolds  number  variation  were  investigated. 

Surface  oil  flow  pattern  on  the  wind  tunnel  model  and  water  tunnel 
visualization  on  a  smaller  model  are  used  to  improve  the  understanding  of  the 
interaction  mechanism. 

Comparisons  between  the  experimental  results  and  theoretical  prod  etions 
are  presented.  They  show  a  reasonable  agreement  although  the  vortex  behaviour  of 
this  type  of  wing  is  not  yet  fully  predicted. 


Travail  affactu4  me  la  toudan  financiar  da  la  DRET. 


1  -  INTRODUCTION  - 

Dans  le  cadre  des  etudes  sur  le  coraportement  des 
ailes  en  fleche  aux  grandes  incidences,  l'ONERA 
a  entrepris  des  travaux  sur  1' interaction  aero- 
dynamique  entre  un  canard  proche  et  une  aile  en 
fleche.  II  apparalt  en  effet  que,  avec  le  develop- 
pement  des  techniques  de  C.A.G  (Controle  actif 
generalise  ou  CCV)  et  de  commandes  eleetriques, 
les  empennages  de  type  canard  proche  peuvent 
avantageusement  etre  utilises  comme  dispositif 
de  controle  [l], 

Le  benefice  apporte  en  plagant  1 'empennage  hori-  - 
zontal  en  amont  de  la  voilure  est  connu  depuis 
longtemps  :  la  force  aerodynamique  necessaire 
pour  equilibrer  le  moment  de  tangage  est  alors 

i'ive  ft  permot  do  rcuuir-  ion  effort:;  cur 
la  voilure  a  1’ inverse  de  e  qui  re  produit 
avec  1 ' empennage  arriere. 

La  fonnule  du  canard  a  suscite  parallelement  un 
autre  interet  depuis  que  fut  mis  en  evidence, 
dans  les  annees  60,en  particulier  par 
H.Behrbohm  [2], l' effet  favorable  sur  la  porUuice 
de  l'interaction  tourbillonnaire  d'un  canard  tres 
proche  de  la  voilure  :  la  portance  de  l' ensemble 
canard-voilure  peut  etre  plus  grande  que  la 
somme  des  portances  du  canard  et  de  la  voilure 
essayes  independamment:  le  decrochage  se  produit 
a  des  incidences  et  pour  des  niveaux  de  portance 
plus  eleves. 

En  depit  d'un  nombre  important  d' etudes  menees 
ces  demieres  annees  dans  divers  laboratoires  et 
dont  1' orientation  vers  les  applications  pratiques 
est  incontestable,  beaucoup  de  questions  restent 
posees  quant  au  mecanisme  de  l'interaction  canard- 
voilure.  L'etude  presente  a  pour  objet  d'ameliorer 
cette  situation.  Menee  aux  basses  vitesses,  elle 
a  pour  support  principal  le  montage  a  la  parol 
d'une  aile  rectangulaire  a  fleche  elevee  et  a 
bord  d'attaque  relativement  epais  [5].  Cette 
derniere  caracteristique  conditionnant  une  ap¬ 
parition  assez  tardive  de  l'ecoulement  tourbil¬ 
lonnaire  n'est  pas  exempte  d' interet  du  point  de 
vue  des  applications  en  raison  des  repercussions 
sur  la  finesse . 

2  -  CONDITIONS  EXFERIMENTALES  - 

2.1  -  Configurations  canard-voilure  - 

Le  montage  d'essai  utilise  une  maquette  de  l'aile 
rectangulaire  AFV-D  ddj&  decrite  ("MT"  [33)  prd- 
sentant  comme  le  montre  la  figure  1  une  fleche 

=  60°.  Cette  aile  non  vrillee  etant  equipee 
du  profil  symetrique  ONERA-D  (e/c  =  0,105)  dans 
des  plans  normaux  au  bord  d'attaque,  l'epaisseur 
relative  d'une  section  parallele  a  l'emplanture 
est  alors  «A.  =  0,052. 

Les  plans  canard  ont  le  meme  profil  et  la 
meme  forme  en  plan  rectangulaire  que  la  voilure 
principale,  le  rapport  des  cordes  normales  au 
bord  d'attaque  etant  Cc/e  =  0,4.  En  vue  d'une 
etude  parametrique  relative  a  1' influence  de  la 
geometrie  des  plans  canard,  plusieurs  angles  de 
fleche  ( jjf  =  40°  et  60°)  et  plusieurs  enver- 
gureste/i> comprises  entre  0,25  et  0,78  ont  etd 
realises,  ceci  conduisant  a  des  rapports  de  sur¬ 
faces  SjS  compris  entre  0,085  et  0,235. 

En  ce  qui  concerne  l'etude  parametrique  de  1' in¬ 
fluence  de  la  position  du  canard,  elle  a  porte 
sur  la  variation  des  positions  longitudinale 
Xc/[  et  transversale Zc /[  des  plans  canard 
ainsi  que  sur  leur  braquage  <5e  comme  l'indlque  la 
f igure  1 . 


tableau  1.  Les  positions  relatives  des  plans 
canard  par  rapport  a  la  voilure  sont  consignees 
au  tableau  2 . 


Fig.  1  -  Caracteristiques  geometriques  du  montage  d'essai, 
a)  vue  en  plan  ;  b)  section  a  l'emplanture. 


Tableau  I 

Caracteristiques  geometriques  du  montage  d'essai 
a)  aile  (/  =  0,400  m  et  s  =  0,  075  m  -  fig.  1 ) 
b)  plans  canard  (r  -  0,03  m  •  fig.  1 ) 


V  (•) 

X 

b(m) 

c  (m) 

Mm1) 

AFV-D 

60 

— 

2,69 

0,4  30 

0,20 

0,1373 

Conf 

\ 

Vc 

Cl 

40* 

6,94 

0,778 

0,40 

0,235 

C2 

5,68 

0,673 

0,184 

C3 

3,79 

0,390 

0,108 

C4 

3,20 

0,500 

0,210 

C5 

60* 

2,69 

0,400 

0,160 

C6 

1,98 

0,250 

Tableau  II 

Positions  des  plans  canard 


Conf 

*«/l 

D 

POl 

-0,60 

0,74 

120* 

P02 

0,16 

P03 

0,08 

P04 

0 

P05 

-0,08 

P06 

-0,16 

P07 

-0,24 

P11 

0,25 

0,74 

P12 

0,16 

P13 

0,08 

L' ensemble  des  donnees  geometriques  relatives  a 
l'aile  et  aux  plans  canard  est  resume  dans  le 
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oalcul  theorique  avec  et  sans  prise  en  compte 
du  supplement  de  portance  dfl  au  tourbillon 
obtenu  par  la  methode  de  R.j.  Margason 
et  J.E  lamar  [8].  la  portance  potentielle  est 
calculee  au  moyen  d'une  methode  de  singularites 
tandis  que  la  portance  tourblllonnaire  est 
evaluee  par  l'analogie  a  la  succion  de 
E.C.Polhamus  [9].  Cette  methode  tres  simple 
d'emploi,est  couramment  utilisee  pour  evaluer 
les  performances  globales  d'ailes  a  forte  fleche 
avec  formation  de  tourbillon  de  bond  d'attaque 
[10],  [11].  File  permet  aussi  1 'evaluation  des 
performances  de  configurations  avec  canard  proche . 
Les  limitations  du  programme  de  calcul  utilise 
viennent  de  1' assimilation  des  surfaces  portantes 
a  des  plaques  planes  sans  epaisseur  et  done  a 
bord  d'attaque  aigu  et  des  conditions  imposees 
pour  le  recollement  sur  l'aile  de  la  nappe  tour- 
billonnaire  issue  du  bord  d'attaque.  L'analogie 
a  la  succion  n'a  en  effet  plus  de  fondement,  si 
cette  demiere  condition  n'est  pas  satisfaite. 

Pour  notre  cas,  l'aile  essayee  ayant  un  bord 
d'attaque  epais,  la  premiere  condition  n'est  pas 
respectee.  la  succion  n'est  pas  entierement 
transformee  en  portance  tourblllonnaire  ce  qui 
explique  que  la  courbe  theorique  est  distincte 
du  resultat  experimental  tout  en  lui  restart  assez 
proche  et  ce  jusque  vers  une  incidence  de  20°. 

Bien  que  l'analogie  a  la  succion  ne  soit  pas 
entierement  applicable  a  ce  type  de  profil  il 
est  possible  en  fait  de  reconstituer  a  partir 
des  valeurs  mesurees  la  succion  theorique  cal¬ 
culee  par  la  methode  potentielle [7 ] .  La  valeur 
experimentale  de  la  succion  effective  est  obtenue 
par 

C<  =  _  «>»«) 

P  cos  <P 

CA  etant  la  force  tangentielle  et  sa  valeur 
a  incidence  nulle  dont  la  soustraction  permet 
de  tenir  compte  de  la  trainee  de  frottement. 

Si  la  succion  etait  integralement  transformee  en 
portance  ce  terme  devrait  etre  nul  comme  cela 
se  produit  lorsque  le  bord  d'attaque  est  aigu. 

En  ajoutant  la  valeur  de  la  succion  non  transfor¬ 
mee  en  portance  a  la  valeur  de  la  portance 
tourblllonnaire  normale  au  plan  de  l'aile  on 
reconstitue  la  succion  theorique  totale. 

La  portance  tourblllonnaire  est  evaluee  en 
effectuant  la  difference  entre  la  portance 
normale  experimentale  et  la  portance  potentielle 
theorique  comme  dans  [7]  :  Cn#  = 

Le  resultat  de  cette  addition  algebrique  est 
compare  a  la  succion  theorique  sur  la  figure  4. 
L'accord  est  excellent  Jusqu'a  1' incidence  de 
20°  ou  les  courbes  s'ecartent  sans  doute  par 
suite  du  non  recollement  de  la  nappe  tourbil- 
lonnaire.  L'apparition  a  o<  =  5°  du  tourbillon 
est  tres  nettement  marquee  sur  la  courbe  de 
portance  tourblllonnaire  CNt  . 

On  peut  remarquer  enfin  que  le  comportement 
tourblllonnaire  de  cette  alle  presente  un  aspect 
interessant  pour  certaines  applications  dQ  a 
l'apparition  tardive  du  decoilement  de  bord 
d'attaque.  En  effet  si  le  tourbillon  apporte  un 
gain  de  portance  aux  grandes  Incidences  augmen- 
tant  ainsi  les  qualites  de  manoeuvrabilite  des 
avions  equipds  de  voilures  a  forte  fleche,  il 
augmente  aussi  considerablement  la  trainee  par 
rapport  a  celle  de  l’ecoulement  potentiel.  La 
finesse  Cz/Cx  diminue  beaucoup  quand  l'ecoulement 
devient  tourblllonnaire.  L'apparition  retardee 
du  tourbillon  permet  done  de  conserver  une 
finesse  maximale  aux  faibles  incidences  du  vol 
de  croisiere  tout  en  gardant  aux  grandes  inci¬ 
dences  un  supplement  de  portance  appreciable. 
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Fig.  4  -  Force  normale  tourblllonnaire  et  succion  de  l'aile  seule. 


3.2  -  Interaction  due  au  canard  proche  - 

Sur  la  figure  5  a  ete  portee  la  courbe  de  portance 
de  l'aile  en  presence  du  canard  C5  dans  la 
position  P03 .  Ce  resultat  est  typique  de  ceux 
obtenus  pour  les  differentes  configurations  et 
permet  de  degager  les  effets  principaux  de 
1' interaction. 


essets  FI:  Vo*93m/s 

Ret  *2,36  ■  !06 
. . .  cant  C5  P03 
■  ■■■  a  le  seule 
theorie 
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Fig.  5  -  Portance  de  l'aile  en  configuration  canard. 


Aux  faibles  incidences,  la  deflexion  de  l'ecou¬ 
lement  creee  par  le  canard  diminue  sensiblement 
la  pente  de  la  courbe  C z(c><).  Celle-ci  reste 
quasi-lineaire  jusqu'a  1' incidence  de  5°-  Le 
calcul  en  ecoulement  potentiel  prevoit  bien 
cette  diminution  de  la  portance. 

L'incidence  d'apparition  de  l'ecoulement  decolie 
tourblllonnaire  n'est  pratiquement  pas  influencee 
par  la  presence  du  canard.  La  portance  de  l'aile 
reste  toujours  inferieure  4  celle  de  l'aile  seule 
mais  on  observe  que  la  degradation  de  la  por¬ 
tance  tourblllonnaire  qui  se  produisait  des 
of  =  20°  pour  l’aile  seule  ne  se  fait  sentir  ici 
que  vers  c<  =  £9°  (figure  6) .  la  theorie  prevolt 
assez  bien  la  diminution  de  la  succion  et  par 
consequent  la  diminution  de  l'apport  du  tourbil¬ 
lon  &  la  portance.  Le  decrochage  a  lieu  dans  les 


deux  eas  pour  des  incidences  (29  et  J0°)  et-  des 
valeurs  de  la  portance  (1.10  et  1.12)  tres 
voisines.  On  a  observe  des  configurations  pour 
lesquelles  le  decrochage  se  produit  pour  des 
valeurs  du  Cz  plus  grandes  que  pour  l'aile  seule 
ce  qui  est  un  resultat  assez  classique  ([10]. 
[12]). 


D'une  maniere  generate,  on  observe  que  la  trace 
du  noyau  du  tourbillon  est  plus  proohe  du  bord 
d'attaque  en  presence  du  canard,  les  pics  de  Kp  •)  H 
sont  plus  eleves  mais  interessent  une  zone  moinsC*  ’ 
etendue  suivant  la  corde,  le  tourbillon  se 
maintient  plus  longterops  en  envergure  ce  qui  est 
particulierement  sensible  a  28°  d' incidence  dans 
les  sections  5  et  6. 


Fig.  6  -  Force  normale  tourbillonnaire  et  succion  en  configu¬ 
ration  canard  C5P03. 

La  comparaison  des  mesures  de  pression  sur  la 
voilure  pour  des  incidences  de  19°  et  28° 
confirme  ces  resultats  (figures  7  et  8) . 

A  ces  incidences  le  tourbillon  de  bord  d'attaque 
est  parfaitement  developpe  j  sa  presence  est 
denotee  par  la  forme  en  cloche,  caracteristique 
de  ce  type  d'ecoulement,  le  lieu  de  depression 
maximale  etant  au  droit  du  noyau. 


Ces  observations  montrent  que  le  tourbillon  qui 
se  developpe  au  bord  d'attaque  de  l'aile  est 
plus  proche  de  la  surface  de  l'aile.  Sa  disorga¬ 
nisation  et  sa  separation  du  plan  de  l'aile  se 
produisent  done  moins  rapidement. 

Des  visualisations  des  lignes  de  eourant  parietales 
mettent  bien  en  evidence  ces  resultats .  Les 
cliches  dans  le  cas  de  l'aile  seule  et  de  l'aile 
avec  le  canard  C4  dans  la  position  P  12  a  une 
incidence  de  28°  sont  presentis,  figure  9. 

La  trace  du  noyau  tourbillonnaire  peut  etre  assi- 
milee  a  la  ligne  des  points  d' inflexion  des  lignes 
de  eourant  parietales .  La  zone  balayee  par  le 
tourbillon  est  nettement  visible  ainsi  que  1' angle 
Tf  entre  les  lignes  de  eourant  et  la  trace  du 
noyau  dont  la  valeur  plus  elevee  indique  bien  le 
rapprochement  du  noyau  h  la  surface. 

Ces  cliches  donnent  aussi  des  renseignements  sur 
l'ecoulement  autour  du  canard.  Celui-ci  etant 
place  dans  un  eourant  deflechi  vers  le  haut  par  le 
bord  d'attaque  de  l'aile  se  trouve  ainsi  dans  un 
champ  ou  1' incidence  est  looalement  plus  grande. 

Le  tourbillon  du  canard  est  par  consequent  a  un 
stade  de  developpement  plus  avance  que  ne  l'est 
celui  de  l'aile  seule.  La  trace  du  noyau  est  plus 
reculee,  la  zone  balayee  tres  large.  Par  contre 
1 ' angle  Y  est  assez  grand  montrant  que  le  tourbil¬ 
lon  rests  tres  proche  de  la  surface.  Ceci  peut 
s’expliquer  par  la  deflexion,  a  l’extrados  de 
l'aile  principale,  de  l'ecoulement  qui  tend  a 
suivre  le  plan  de  l'aile  en  entrainant  le  sillage 
tourbillonnaire  du  canard. 
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Fig.  8  -  Repartitions  de  pression  avec  et 
sans  canard. 
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Fig.  9  -  Visualisations  de  lecoulement  parietal. 

a)  aile  seule, 

b)  en  configuration  canard  C4P12. 


Notons  encore  que  si  le  canard  est  geometrlquement 
semblable  a  l'aile,  le  nombre  de  Reynolds  rapporte 
a  l'une  de  ses  dimensions  caracteristiques  est  2 
fois  plus  petit  que  pour  l'aile.  On  verra  que 
1' influence  importante  du  Reynolds  doit  etre  prise 
en  compte  lors  de  1' analyse  de  l'ecoulement  sur 
le  canard. 

Enfin  des  visualisations  spatiales  au  moyen 
a 'emissions  colcrees  our  une  plus  petite  maquette 
installee  dans  le  tunnel  hydrodynamique  de  l'ONERA 
(figure  10)  corroborc-rit  tea  observations.  Le 
canard  C'5  est  place  ici  dans  la  position  P  12, 
l1 incidence  est  de  2h° . 

Le  deplacement  de  l1  axe  tourbillonrtairc  sur  la 
voilure  est  bien  celui  que  l1  on  a’.tendait.  Une  in¬ 
formation  s  up  pie  me  n  t  a i re  est  donnce  par  la  visua¬ 
lisation  du  point  d'eclatement  du  noyau  ;ue  la 
presence  du  canard  tend  a  retarder.  L'tclatement 
du  tourbillon  du  canard  se  produit  seulement  a 
son  bord  de  fuite. 

3.3  -  Iitfluer.ee  du  braquago  du  canard  - 

La  position  en  envergure  et  en  hauteur  du 
sillage  issu  du  canard  par  rapport  a  l'aile  et 
son  intensite  tourbillonnaire  ont  une  grande 
importance  sur  les  caracteristiques  du  tourbil¬ 
lon  propre  a  l’aile  principale. 

Des  essais  ont  ete  effectues  pour  differentes 
positions,  envergures  et  fleches  du  canard.  Ils 
sont  ac^uellement  en  cours  d' exploitation  mais 
on  pent  dire  d'ores  et  deja  que  des  effets 
importants  sont  constates  sur  la  position  et 
1' intensite  du  pic  de  depression  sur  l'aile. 

Cependant,  si  le  gain  en  portance  tourbillonnaire 
du  a  1' interaction  du  canard  est  parfois  impor¬ 
tant,  il  n' arrive  generalement  pas  a  compenser 
la  perte  de  portance  potentielle  observee  sur 
l'aile. 


Un  autre  moyen  de  modifier  les  caracteristiques 
du  sillage  du  canard  consiste  a  braquer  le 
canard  par  rapport  b.  l'aile,  comme  s'il  s'agis- 
sait  d'un  moyen  de  contr81e. 


Fig.  10  -  Visualisations  au  tunnel  hydrodynamique. 

a)  aile  seule, 

b)  en  configuration  canard  C5PI2. 
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A  titre  d'exemple  est  presentee  sur  la  figure  11 
la  repartition  de  pression  dans  la  premiere 
section  de  l'aile,  a  28°  d' incidence,  pour  diffd- 
rents  braquages  du  canard  de  -  16°  k  +  16°.  Le 
cas  de  l'aile  seule  est  presente  comme  reference. 
II  correspond  sensiblement  au  cas  d'un  canard 
flottant  se  plaqant  dans  le  lit  du  vent,  c'est-a- 
dire  avec  un  braquage  fortement  negatif. 

Lorsque,  a  partir  de  la,  on  augmente  la  valeur  du 
braquage,  le  tourbillon  issu  du  bord  d'attaque 
du  canard  s'intensifie  et  au  passage  sur  l'aile, 
se  rapproche  de  la  surface.  On  observe  alors  un 
rapprochement  de  la  trace  du  tourbillon  de  l'aile 
vers  le  bord  d'attaque  et  une  augmentation  dr 
l'intensite  du  pic  de  depression. 

Pour  un  braquage  de  +  8°,  un  autre  phenomena  se 
produit,  principalement  dfl  a  la  geometrie  de  la 
configuration.  En  effet,  le  canard  C5  a  60°  de 
fleche,  dans  la  position  P12,  est  trks  proche 
de  l'aile  et  pour  un  braquage  de  l'ordre  de  8° 
son  extrdmite  vient  pratiquement  en  contact 
avec  le  bord  d'attaque  de  l'aile  en  amont  de  la 
premiere  section.  Le  tourbillon  de  l'aile  ne  prend 
alors  naissance  qu'au-dela  de  1' extr&nite  du 
canard.  La  seconde  depression  observde  vers 
Xr/c  =  0,45  semble  Stre  la  trace  du  passage  du 
tourbillon  de  bord  de  fuite  du  canard  qui  est 
contrarotatif  par  rapport  au  tourbillon  de  bord 
d'attaque. 

Pour  des  valeurs  du  braquage  plus  elevees ,  la 
zone  de  depression  peu  intense  et  assez  dtalee 
est  en  fait  la  trace  du  tourbillon  d'apex  du 
canard  que  les  decollements  de  bord  d'attaque 
de  l'aile  viennent  alimenter. 

La  force  normale  locale,  obtenue  par  integration 
de  la  repartition  de  pression  dans  la  premiere 
section  (fig.  12a)  rend  compte  des  effets  du  de¬ 
placement  du  tourbillon.  On  observe  en  partant 
de  Sc  =  -  20°  une  augmentation  de  la  force 
normale  jusqu'k  un  maximum  pour  Se  =  -  8°. 

En  effet,  si  l'intensite  du  pic  de  depression 
augmente  la  surface  de  l'aile  interessde  par 
cette  depression  diminue  et  ces  effets  se 
compensent.  On  aos  3te  ensuite  a  une  diminution 
de  la  force  normale.  Ces  tendances  sont  sembla- 
bles  pour  toutes  les  sections,  ce  qui  fait  que 
1' evolution  de  la  force  normale  totale  a  la 
m£me  allure  (fig.  12a).  On  peut  remarquer  aussi 
sur  ces  courbes  l'effet  sur  l'aile,  vers 
6c  =  +  4  et  +  0°,  du  tourbillon  issu  du  bord  de 
fuite  du  canard. 

Le  rapprochement  de  la  trace  du  tourbillon  vers 
le  bord  d'attaque  a  pour  effet  aussi  de  concentrer 
la  zone  de  depression  en  amont  du  maltre-couple 


On  observe  done  que  des  possibilites  considerables 
existent  quant  au  contrSle  de  l'ecoulemer.t  sur 
l’aile  par  braquage  du  canard  mais  que  les 
ecoulements  rencontres  sont  complexes  et  deman- 
dent  a  Stre  etudies  avec  soin. 


<r-28' 


Fig.  12  -  Effet  du  braquage  du  canard  sur  : 

a)  les  forces  normales  globale  et  locale, 

b)  la  force  tangentielle  globale. 


J.4  -  Influence  du  nombre  de  Reynolds  - 

L' importance  des  effets  du  nombre  de  Reynolds 
sur  l'ecoulement  autour  d'une  telle  aile  a  de  ja 
etd  analysee  [5] .  Rappelons  que  les  effets  les 
plus  marquants  sont  1 ' augmentation  de  1' incidence 
d'apparition  du  regime  tourbillonnaire  et  le 
dd placement  en  envergure,  le  long  du  bord  d'attaque 


L 


de  l'origine  du  tourbillon  lorsque  le  Reynolds 
augraente.  Ces  phenomenes,  observes  tout  d 'abort! 
sur  l'aile  seule,  existent  aussi  pour  les  confi¬ 
gurations  avec  canards. 

Des  essais  ont  done  etefaits  a  trols  nombres  de 
Reynolds  R«L  =  2,4.106,  5,1. 106  et  6,7. 106  en 
faisant  varier  la  vitesse  et  la  presslon  genera- 
trice.  Pour  les  essais  aux  deux  nombres  de  Reynolds 
les  plus  eleves,  les  mesures  des  efforts  globaux 
etaient  limitees  a  une  incidence  de  uC  =  20°.  Les 
differences  entre  les  comportements  aux  deux 
plus  grands  nombres  de  Reynolds  sont  insignifiantes 
par  rapport  aux  effets  du  passage  du  nombre  de 
Reynolds  le  plus  bas  ap  nombre  de  Reynolds  inter- 
mediaire  (2,5  a  5,1.10°). 


Fig.  13  -  Influence  du  nombre  de  Reynolds  sur  la  por lance 
en  configuration  canard. 


L1 augmentation  de  l' incidence  d' apparition  du 
tourbillon  est  tres  visible  sur  les  courbes  de 
portance  (figure  13)  :  si  le  tourbillon  existe 
des  o<  =  5°  a  Re|_=  2,4.10°  il  faut  attendre 
c4=]2% ux  nombres  de  Reynolds  eleves  pour  voir  les 
courbes  de  portance  experimen tales  se  detacher  de 
la  courbe  Cz  potentiel.  Dans  ces  conditions  le 
tourbillon  n'interesse  que  l'extrdmitd  de  l'aile. 
La  repercussion  au  niveau  de  la  portance  tourbil- 
lonnaire  est  mise  en  evidence  figure  14  • 

Lorsque  1' incidence  augmente,  le  lieu  de  naissance 
remonte  vers  1'apex  pour  s'y  fixer  a  partir  de 
19°.  Les  repartitions  de  pression  a  16°  pour  deux 
nombres  de  Reynolds  presentees  figure  15  montrent 
bien  que  le  point  de  naissance,  en  amont  de  la 
premiere  section  de  mesure  au  faible  nombre  de 
Reynolds,  est  situe  entre  les  sections  1  et  2 
au  fort  nombre  de  Reynolds . 

Comme  il  a  ete  indique  au  sujet  de  l'aile  seule, 
la  naissance  tardive  du  tourbillon  presente 
l'interet  d’augmenter  la  finesse  a  faible  inci¬ 
dence.  Ce  retard  peut  etre  modifie  soit  en  chan- 
geant  le  rayon  de  bord  d'attaque,  soit  en  faisant 
varier  le  nombre  de  Reynolds .  La  figure  1 6  montre 
bien  cet  effet  et  le  gain  de  finesse  important 
pour  un  Cz  donne  lorsque  le  nombre  de  Reynolds 
augmente . 

On  a  portd  sur  cette  figure  les  courbes 
Cz  =  f(.Cz/ C*  )  theoriques  obtenues  par  la  methode 
de  caleul  deja  citee.  La  trainee  de  frottement 
a  etd  prise  en  compte  en  ajoutant  a  la  trainee 
theorique  en  fluide  parfait  la  trainee  experimen- 
tale  a  portance  nulle.  La  finesse  experimentale 
suit  la  courbe  theorique  potentielle  aux  faibles 
incidences  puis  s'en  ddtache,  lorsque  le  tourbil¬ 
lon  apparait,  pour  aller  rejoindre  la  courbe 
theorique  avec  tourbillon.  Ce  detachement  est  tres 
brusque  a  faible  nombre  de  Reynolds  car  le 
tourbillon,  lorsqu'il  apparait,  nait  directement 
a  1'apex  et  interesse  alors  toute  l'aile  tandis 
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Fig.  16  -  Influence  du  nombre  de  Reynolds  sur  la 
finesse  en  configuration  canard. 


avf-c  omissions  soulcment  au  bord  de  fuite  et  au 
bord  lateral  donne  doc  resultats  promotteurs.  A  A\  ^  (5) 

lit  r*  d* exera.olo,  en t  presente  figure  18  l'aspect  A  I 

d<  n  nappes  apron  t rente  pan  en  temps  pour  une 
incidence  =  12°.  On  observe  ;n  particulier 


Calcul  instationnaire 
<f-60*  a *24* 
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4  -  APPROCHE  THEORIQUE  - 

II  a  ete  montre  dans  ce  qui  precede  qu’une 
methode  de  singularity associee  a  l'analogie 
a  la  succion  de  E.C.  Polhamus  permet  la  previ¬ 
sion  des  performances  globales  des  configurations 
canard-proche  aile  m£me  en  presence  des  ecoule- 
ments  tourbillonnaires .  En  revanche,  elle  est 
inadaptee  a  une  description  fine  de  1 ' ecoulement. 
En  vue  de  cet  objectif,  1* application  d’une 
methode  originale,  actuellement  en  cours  de  deve- 
loppement  a  l'ONERA  par  C.  Rehbach  [13]  [l4]  au 
can  dfune  configuration  avec  canard  a  done  4te 
tentee.  L* originalite  de  cette  methode  instation¬ 
naire  reside  dans  une  discretisation  ponctuelle 
des  nappes  tourbillonnaires..  Ainsi,  des  particu- 
les  fluides  chargees  d'un  vecteur  tourbillon 
peuvent  £tre  emioes  au  bord  d'attaque,  au  t  ord 
lateral  el  au  bore  de  fuite.  Elios  sont  suivies 
dans  leur  mouvement  apres  un  deinarrage  brusque 
de  1* ecoulement  par  resolution  dans  les  variables 
de  Lagrange  d'un  systeme  integro-diff erentiol 
constitue  par  l'identite  de  Green  et  1* equation 
de  Helmholtz.  Cette  me'thode  presente  1*  a  vantage 
de  ne  pas  necessiter  de  solution  initiale  et  evite 
done  de  prejuger  de  la  forme  et  de  la  position 
des  nappes  .  Par  contre,  le  calcul  d'un  ecoule- 
ment  3tat.ionnaire  requiert  un  nombre  assez  grand 
de  pas  de  calcul  avant  que  la  solution  conver¬ 
ge  vers  un  etat  stationnaire .  La  methode  e3t 
limitee  actuellement  aux  cas  d' ecoulements 
incompressiblos  non  visqueux.  Les  surfaces 
portantes  sont  assimilees  a  des  surfaces  de 
discontinuity  de  vitesso  sans  epaisseur. 

Son  application  a  donne  des  resultats  encoura- 
geants  dans  le  cas  de  l1 aile  seule  avec  decolle- 
ments  au  beru  d'attaque  [3].  L' enroulement  de  la 
nappe  est  satisfaisant  et  so  compare  bien  aux 
visualisations  au  tunnel  hydrodynamique  (fig.  17). 
Le  calcul  on  presence  d'un  canard  n'est.  pas 
actuellement  possible  avec  emissions  de  particu- 
les  au  bord  d'attaque.  Par  contre,  le  calcul 


Fig.  1 7  -  Lignes  demission. 

Ecoulement  decode  au  bord  d'attaque. 
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Fig.  18  -  tignes  demission  apres  trente  pas  en  temps. 
Ecoulement  non  decode  au  bord  d'attaque  (a  =  IT) 

a)  maillage  du  canard  et  de  la  uoilure 

b)  aspect  de  fa  nappe  issue  de  Fade 

c)  aspect  de  la  nappe  issue  du  canard. 


Des  coupes  dans  deux  plans  transversaux  situos 
a  y/t  =  2  ,5  »jt  3,0  montrent  la  position  relative 
des  deux  nappes  (fig.  19).  La  nappe  issue  de 
l1 aile  a  incidence  egnle  pour  un  calcul  en  confi¬ 
guration  aile  seule  est  represented  on  pointille. 
La  deflexion  de  1 ' ecoulement  sur  l'aile  provoquee 
par  le  canard  apparatt  nettement.  Elle  se  t radu it 
par  la  diminution  de  pentc  a  1' origin?  conctatee 
sur  les  courbes  de  portance.  On  peut  noter  aussi 
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que  cette  deflexion  n'affecte  que  la  partie 
interne  de  la  nappe  qui  est  situee  directeme..t 
ai-io  en  dessous  de  la  nappe  issue  du  canard. 

Calcul  avec  canard 

— o-  nappe  issue  du  canard 

nappe  issue  de  I'aile 

Calcul  ai/e  seu/e 

—  nappe  issue  de  I'aile 

.  X/l-2,5 

Z/l 


X/l=3,0 


Fig.  19  -  Influence  du  canard  sur  la  nappe  Issue  de  I'aile 
(a  =  IT). 

L' Evolution  de  la  force  normale  rdsultant  de  ce 
calcul,  en  fonction  du  temps  adimensionnd  f 
(pour  t  =  1  une  particule  se  ddplaqant  avec  la 
Vitesse  de  rdfdrence  V0  parcourt  une  corde  de 
rdfdrence  l  ),  montre  bien  une  tendance  &  la 
convergence  vers  un  dtat  stationnaire  (fig.  20). 

Dans  le  cas  de  I'aile  seule  le  rdsultat  tend  bien 
vers  la  valeur  expdrimentale  &  oi  =12°  et  k 
fort  nombre  de  Reynolds  ou  l'dcoulement  n'est 
pas  encore  ddcolld  au  bord  d'attaque.  L’ accord 
est  ldgkrement  moins  bon  pour  la  configuration 
avec  canard. 
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5  -  CONCLUSION  - 

Lea  essais  en  soufflerie  sur  une  configuration 
d'aile  en  flkche  ont  montrd  des  effets  impor- 
tants,  tant  sur  les  efforts  globaux  que  sur  les 
repartitions  de  pression,  dus  a  la  presence  d'un 
plan  canard  proche. 

La  perte  de  portance  potentielle  par  rapport 
au  cas  de  I'aile  seule  provoquee  par  la  deflexion 
de  1' ecoulanent  par  le  canard  peut  Stre  eva lues- 
par  une  methode  de  singularity. 

La  portance  tourbillonnaire  que  l'analogie  a  la 
succion  permet  d’ evaluer  dvolue  egalement  plus 
lentement  mais  l’on  observe,  en  configuration 
canard,  un  net  retard  a  la  disorganisation  du 
tourbillon  de  I'aile. 

Les  repartitions  de  pression  mesurees  sur  I'aile 
ainsi  qie  les  visualisations  paridtales  montrent 
que  la  presence  du  canard  retarde,  a  incidence 
donnee,  le  developpement  du  tourbillon.  Son 
noyau  se  trouve  rapproche  du  bord  d'attaque  <-t 
du  plan  de  I'aile. 

La  variation  du  braquage  du  canard  a  montrd 
1' importance  des  caractdristiques  du  sillage 
issu  du  canard  sur  le  comportement  de  I'aile 
principale,  et  les  possibility  offertes  par  les 
canerds  proches  comme  moyen  de  contrftle  de 
l'dcoulement  sur  I'aile. 

Comme  pour  I'aile  seule,  1' influence  du  nombre  de 
Reynolds  dtudiee  dans  le  domaine  2,4.10®  a 
6,7-10®  est  importante  quant  k  l'incidence 
d' apparition  de  l'ecoulement  tourbillonnaire. 
Ainsi,  a  grand  nombre  de  Reynolds  une  notable 
plage  d' incidence  est  couverte  sans  ddcollements 
au  bord  d'attaque,  ce  qui  conduit  k  des  valeurs 
dlevdes  de  la  finesse. 

La  recherche  d'une  mdthode  numdrique  dormant  une 
description  fine  des  dcoulements  a  conduit  k 
adapter  une  mdthode  instationnaire  originale  qui 
a  donnd  des  rdsultats  prometteurs. 
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SUWARY 

An  experimental  investigation  has  been  undertaken  at  low  speeds  on  a  two  dimensional  'aerofoil1, 
comprising  an  elliptic  nose,  parallel  section  of  5%  t/c  ratio,  and  a  20%  trailing  edge  control  surface. 

The  control  surface  has  a  semi-circular  nose,  a  parallel  section  and  then  a  straight  taper  to  the 
trailing  edge.  The  overall  chord  of  the  model  is  2m;  the  height  of  the  wind  tunnel  is  lm.  A  large 
chord  model  was  chosen  to  give  a  sufficiently  large  boundary  layer  thickness  in  the  neighbourhood  of  the 
leading  edge  of  the  control  surface  compared  with  a  typical  gap  width.  It  is  appreciated  that  wall 
interference  effects  are  large,  so  results  should  not  be  interpreted  in  practical  terms,  but  it  is  hoped 
that  the  main  features  of  gap  interference  effects  are  simulated. 

Three  different  geometries  of  the  rear  of  the  main  aerofoil  have  been  investigated.  Gaps  are 
created  by  moving  the  control  surface  aft  of  the  main  aerofoil.  Zero  gap  is  when  the  control  surface  is 
in  contact  with  the  rear  of  the  main  aerofoil  so  that  there  is  no  flow  from  the  lower  to  the  upper  surface. 
The  gaps  are  in  1  mn  increments  up  to  a  maximum  of  10  mm  (i.e.  0.5%  of  chord).  Extensive  pressure 
plotting  has  been  carried  cut  for  the  above  range  of  gaps  and  control  surface  angular  deflections  up  to  8°. 
A  range  of  measurements  of  mean  boundary  layer  profiles  in  the  neighbourhood  of  the  gap  have  also  been 
obtained. 

The  variations  of  the  overall  C(_  with  control  angle  and  gap  size,  for  Lie  three  geometries  are 
shown.  Qualitative  explanations  for  the  trends  of  these  results  will  be  given  oy  reference  to  measured 
pressure  distributions  and  by  reference  to  the  boundary  layer  measurements. 


1.  INTRODUCTION 

It  is  thought  that  small  gaps  between  an  aerofoil,  or  wing,  and  its  control  surfaces,  can  induce 
significant  effects  on  aerodynamic  characteristics.  For  practical  purposes  these  effects  are 
incorporated  in  empirical  formulae  derived  from  parametric  tests  over  the  past  years  and  which  are  quoted 
in  ESDU  and  DATCOM  data  sheets. 

The  realisation  of  the  potential  of  Active  Control  Technology  depends  on  the  effectiveness  of  the 
control  surfaces,  so  there  is  a  renewed  need  to  assess  and  understand  the  effects  of  gaps.  Such 
understanding  can  then  hopefully  be  incorporated  into  the  contemporary  advanced  numerical  methods 
currently  applied  to  predict  aerofoil  and  wing  characteristics. 

To  illustrate  the  current  situation  the  following  data  are  taken  from  ref.  1,  which  refers  to 
comparisons  between  various  theories  and  experimental  results  for  a  two  dimensional  NPL  1541  aerofoil  with 
a  20%  chord  trailing  edge  control  surface.  The  theories  are  thin  aerofoil  linearised  theory,  an  inviscid 
solution  from  a  standard  A.M.O.  Smith  theory  with  singularity  distributions  on  the  aerofoil  profile,  and 
an  iterative  solution  from  a  combination  of  the  A.M.O.  Smith  method  with  an  integral  equation  method  for 
a  turbulent  boundary  layer.  The  experimental  results  come  from  reference  2.  The  comparisons  in  Table  1 
are  for  the  lift  coefficient  Cl,  the  moment  coefficient  about  the  J  chord  point  Cmj.  and  the  hinge 

moment  coefficient  when  the  aerofoil  incidence  is  zero  and  the  control  surface  angle  4°. 

Linearised  Thick  Aerofoil  Thick  Aerofoil  Experiment 

Theory  Inviscid  Theory  Viscous  Theory 

(A.M.O. Smith) 

CL  0.242  0.275  0.254  0.174 

C„  -0.044  -0.050  -0.046  -0.034 

CH  -0.0025  -0.0020  -0.0018  -0.0015 

TABLE  1 

The  viscous  theory  for  a  conventional  aerofoil  at  low  speed  usually  compares  most  favourably 
with  experimental  results.  The  cause  of  large  differences  between  the  theories  and  the  experimental 
results  must  be  due  to  a  major  reason.  It  could  be  that  the  boundary  layer  theories  are  inadequate  for 
boundary  layers  which  go  around  the  corners  at  a  control  hinge,  alternatively  gaps  effects  could  be  the 
reason.  These  are  the  questions  investigated  here. 


2. 


APPARATUS 


'3 


Since  the  main  emphasis  of  this  investigation  was  on  flows  through  gaps  it  was  thought  to  be 
essential  that  realistic  boundary  layer  features  were  incorporated.  Thus  a  two  dimensional  aerofoil, 
effectively  a  long  thick  flat  plate  of  thickness  0.1m  and  2  m  chord  was  chosen,  with  a  20?  trailing  edge 
control  surface,  as  shown  in  Figure  1.  The  nose  of  the  aerofoil  was  elliptic.  The  control  surface  had 

a  semi-circular  nose,  a  parallel  section,  continuing  the  straight  line  profile  of  the  main  aerofoil  and  a 
straight  bevelled  trailing  edge  region;  the  trailing  edge  angle  was  14°. 


The' hinge  line  of  the  control  surface  could  be  moved  aft  up  to  10  mm  and  the  control  surface 
angles  could  go  up  to  8°.  The  incidence  of  the  main  aerofoil  was  fixed. 


Three  gap  geometries  were  investigated,  again  as  shown  in  Figure  1.  The  first  had  an  internal 
cavity,  the  second  idealised  a  contoured  geometry  and  the  third  was  a  simple  straight  rectangular  cut  off. 
The  blocks  for  these  three  geometries  were  interchangeable  and  fixed  at  the  rear  of  the  aerofoil  section. 


The  model  was  fully  pressure  plotted  over  the  aerofoil  and  control  surface,  the  semi-circular  nose 
of  the  control  surface  was  pressure  plotted  together  with  the  internal  surfaces  of  the  various  gap 
geometries. 


Considerable  care  was  taken  with  the  model  to  ensure  that  it  was  a  two  dimensional  model  especially 
along  the  gap  from  side  wall  to  side  wall,  ard  to  ensure  that  it  was  symmetrical.  This  last  feature  was 
important  because  boundary  layer  characteristics  in  the  neighbourhood  of  the  gap  were  also  to  be  measured 
but  the  traversing  gear  could  only  be  used  on  the  upper  surface  of  the  model  so  traverses  had  to  be  taken 
with  the  control  at  positive  and  negative  angles.  The  boundary  layer  characteristics  were  confined  to 
measurements  of  the  mean  boundary  layer  velocity  profiles  and  these  measurements  were  made  with  a  small 
yawmeter  tube  developed  at  Oueen  Mary  College  for  such  measurements. 

The  tunnel  height  was  0.75  m  so  the  results  are  dominated  by  wind  tunnel  interference  effects. 

With  the  tunnel  operating  at  23  m/St  the  Reynolds  number  based  on  the  chord  was  3.5  x  106;  the 
turbulent  boundary  layer  thickness  just  ahead  of  the  nose  of  the  control  surface  was  about  20  mm. 


3.  EXPERIMENTAL  RESULTS  AND  DISCUSSION 

3.1  LIFT  CHARACTERISTICS 

From  the  full  set  of  pressure  measurements  the  overall  coefficients  of  Cl.  C^,  and  CH  have  been 
evaluated.  In  this  paper  only  the  results  for  C,  are  presented,  where  C.  is  plotted  against  n,  the 
control  surface  angular  deflection. 

Figure  2(i)  shows  the  effect  of  control  surface  angle  and  aft  movement  of  the  control  surface 
hinge  location  (i.e.  a  measure  of  the  gap)  for  the  contoured  gap  geometry.  It  is  seen  that  small  gaps 
2-5  mm,  equal  to  0.1-0.25%  chord,  and  much  smaller  than  the  boundary  layer  thickness  in  the  neighbourhood 
of  the  gaps,  can  lead  to  significant  losses  in  overall  Cl  in  this  arrangement.  Larger  variations  appear 
with  gaps  between  0-5  mm  than  in  variations  between  5mm-10mm. 

Figure  2(ii)  shows  the  effects  of  gap  width  on  Ci  for  the  internal  cavity  gap  geometry.  Again 
there  is  a  similar  loss  of  lift  with  increasing  gap  width  as  shown  in  Figure  2 ( i ) . 

Figure  2(iii)  shows  the  effect  of  gap  width  on  C|_  with  the  rectangular  gap  geometry.  In  this  case 
not  only  is  there  a  loss  in  Cl  with  increasing  gap  width  but  at  the  higher  values  of  gap  width  at  low 
control  surface  angles  there  is  a  reversal  of  lift  which  is  especially  pronounced  with  the  10  mm  gap  width. 

Comparing  Figures  2(1),  (ii),  ( 1 i i ) ,  it  is  seen  that  for  all  gap  geometries  the  non-linear  effects 
in  Cl  appear  at  the  lower  angles  of  control  surface  deflection.  However  SCl/3p  is  about  the  same  for  all 
gap  geometries,  and  gap  widths,  apart  from  the  10  mm  gap  width  in  Figure  2 ( i i i ) ,  for  angles  above  4°  to  5°. 

It  is  also  seen  that  for  the  zero  gap  width  the  variation  of  Cl  against  n  is  about  the  same 
magnitude  for  all  three  gap  geometries. 

It  would  appear  that  for  small  gap  widths,  i.e.  less  than  2  mm,  there  is  a  smaller  loss  of  lift 
with  the  contoured  gap  geometry  than  with  the  other  two  geometries. 

3.2  PRESSURE  DISTRIBUTIONS 

A  selection  from  the  full  set  of  results  of  the  pressure  distribution  are  given  here  to  illustrate 
how  the  losses  in  Cl.  described  above,  manifest  themselves  in  terms  of  pressure  distributions. 

Figure  3(1)  shows  the  pressure  distributions  for  the  contoured  gap  geometry  with  0  mm  and  7  mm  gap 
widths  with  the  control  surface  angle  equal  to  6°.  According  to  Figure  2(i),  under  these  conditions  there 
is  a  loss  of  lift  of  about  50%.  In  crude  terms  this  loss  of  lift  is  made  up  from  a  reduction  of  the 
suction  on  the  upper  surface  of  the  main  aerofoil  by  20%  and  an  increase  in  the  suction  on  the  lower 
surface  by  a  corresponding  20%.  The  pressure  distributions  over  the  control  surface  are  mostly  the  same 
at  2  mm  and  7  imt  gap  width  apart  from  the  increased  suction  on  the  lower  surface  around  the  nose,  this 
effect  is  associated  presumably  with  the  increased  mass  flow  through  the  gap.  It  is  of  interest  to 
note  that  the  flow  does  not  separate  at  the  'corner'  on  the  control  surface  at  the  change  of  surface 
inclination,  in  fact,  because  of  the  thinner  boundary  layer  on  the  lower  surface  the  suctions  are  greater 
around  the  corner  on  the  lower  surface  of  the  control  surface  than  around  the  corner  on  the  upper  surface. 
It  can  be  deduced  from  the  constant  pressure  region  near  the  trailing  edge  that  the  flow  separates  on 


the  upper  surface  just  ahead  of  the  trailing  edge  and  there  is  a  smaller  region  of  separated  flow  on  the 
lower  surface. 


Figure  3 ( i i )  shows  very  similar  trends  for  the  geometry  with  internal  cavity. 
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In  Figure  3(iii)  for  the  rectangular  geometry  there  is  only  a  small  resultant  lift  because  the 
upper  and  lower  surface  suction  over  the  main  aerofoil  surface  tend  to  cancel  out.  As  might  be  expected, 
when  the  gap  width  exists  there  are  large  suction  pressures  induced  by  the  flow  through  the  gap,  resulting 
in  higher  suction  pressures  over  the  nose  of  the  control  surface. 


3.3  BOUNDARY  LAYER  MEASUREMENTS 


Shown  in  Figure  4  are  a  set  of  boundary  layer  velocity  profiles  for  the  contoured  gap  on  the  upper 
and  lower  surfaces  in  the  neighbourhood  of  the  gap,  station  0.79  x/c  is  on  the  flat  surface  of  the  main 
aerofoil  just  ahead  of  the  gap  and  station  0.81  x/c  is  on  the  control  surface  nose  where  the  semi  circular 
shape  joins  the  aft  flat  surface. 

From  the  profiles  on  the  upper  surface  as  seen  in  Figure  4(i)  it  would  appear  that  the  flow  through 
the  gap  is  of  low  energy,  and  thus  it  tends  to  reduce  the  magnitudes  of  the  velocities  close  to  the 
surface;  the  subsequent  significant  increase  in  boundary  layer  thickness  appears  to  be  independent  of 
gap  width. 

From  the  profiles  on  the  lower  surface,  as  shown  in  Figure  4 ( i i )  it  is  seen  that  in  the  case  of  the 
gap  there  is  an  increase  in  velocity  close  to  the  surface  of  the  control  since  the  lower  parts  of  the 
boundary  layer  have  been  transferred  via  the  flow  through  the  gap  to  the  upper  surface. 

Integration  of  the  velocity  profiles  shown  in  Figure  4  leads  to  the  displacement  thickness 
distributions  around  the  gap  region  as  shown  in  Figure  5.  It  is  of  interest  to  note  that  the  increase 
in  displacement  thickness  on  the  upper  surface  is  larger  than  the  decrease  in  displacement  thickness  on 
the  lower  surface,  superficially  this  is  a  surprising  result  since  it  might  be  argued  that  all  that  is 
involved  is  a  mass  transfer  from  the  lower  surface  boundary  layer  to  the  upper  surface  boundary  layer  but 
as  discussed  later  the  situation  is  somewhat  more  complex. 


4.  THEORETICAL  CONSIDERATIONS 

At  Queen  Mary  College  a  number  of  standard  programmes  have  been  developed  for  calculating  the 
characteristics  of  aerofoils  at  low  speeds. 

A  form  of  the  A.M.O.  Smith  method  has  been  developed  to  calculate  the  inviscid  flow  about  a  given 
profile  shape.  The  profile  is  divided  into  straight  line  elements;  on  each  element  is  placed  a  uniform 
source  distribution  and  a  uniform  vorticity  distribution;  the  strength  of  the  source  distribution  varies 
from  element  to  element  while  the  strength  of  the  vorticity  is  the  same  for  all  elements.  The  boundary 
condition  of  adjacent  flow  is  satisfied  at  the  mid  point  of  each  element  and  the  Kutta  condition  is  taken 
to  be  equal  pressure  at  the  mid  points  of  the  two  elements  either  side  of  the  trailing  edge. 

A  boundary  layer  has  also  been  developed,  which  is  an  integral  form  of  the  lag  entrainment  method 
for  non  equilibrium  boundary  layers,  it  is  a  method  which  can  deal  with  pressure  gradients. 

A  combined  iterative  method  has  then  been  developed  whereby  a  new  profile  is  obtained  by  adding 
the  displacement  thickness  to  the  aerofoil  profile  and  then  solving  the  inviscid  flow  about  the  modified 
profile.  Satisfactory  results  have  been  obtained  by  keeping  the  singularities  on  the  aerofoil  profile 
and  satisfying  the  boundary  conditions  on  the  displaced  surface;  a  simple  source  distribution  was  also 
assumed  to  represent  the  wake.  A  typical  result  is  shown  in  Figure  6. 

The  inviscid  A.M.O.  Smith  solution  has  been  extended  to  an  aerofoil  in  a  confined  channel  with 
solid  upper  and  lower  walls,  A  transformation  method  has  been  used.  A  typical  result  is  shown  in 
Figure  7. 

These  various  theoretical  methods  have  been  applied  to  the  models  used  in  this  investigation  with 
zero  gap.  The  experimental  results  are  those  for  the  gap  geometry  with  the  internal  cavity  but  zero 
gap,  it  was  thought  that  this  experimental  arrangement  would  give  the  most  appropriate  set  of 
experimental  results  for  these  comparative  studies.  As  shown  in  Figure  8(i)  for  the  case  of  zero  control 
surface  angle  the  theoretical  results  are  reasonable.  As  shown  in  Figure  8(ii)  there  is  a  large 
difference  between  the  inviscid  theory  and  the  theory  including  boundary  layer  effects.  The  agreement 
of  the  theoretical  results  including  boundary  layer  effects  with  the  experimental  values  is  reassuring, 
exactly  why  there  is  good  agreement  on  the  upper  surface  but  not  such  good  agreement  on  the  lower  surface 
is  not  known. 

Now  for  the  effects  of  a  gap. 

Consider  first  a  gap  assuming  inviscid  flow.  It  might  be  thought  that  the  A.M.O.  Smith  method 
could  be  applied  directly  to  this  problem,  but  this  approach  is  not  a  practical  proposition  for  small  gaps. 
An  alternative  approach  is  to  recognise  that  the  flow  through  the  gap  can  be  represented  by  a  source 
ejecting  a  mass  flow  out  of  the  upper  surface  at  the  upper  surface  gap  location  and  by  a  sink  injecting 
the  same  mass  flow  into  the  lower  surface  at  the  lower  surface  gap  location.  The  resulting  flow  is 
sketched  in  Figure  9.  There  is  then  the  question  of  the  strength  of  the  source  (or  sink).  On  the 
upper  surface  the  suction  pressures  around  the  region  of  the  control  nose  are  fairly  uniform  and  the 
static  pressure  of  the  emerging  flow  through  the  gap  must  have  this  same  static  pressure,  and  assuming 
inviscid  flow,  then  the  velocity  of  the  jet  must  be  on  a  par  with  the  outer  stream  velocity  in  that 
region.  What  happens  at  the  gap  entrance  on  the  lower  surface  is  most  complicated;  there  are  large 
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rates  of  change  of  static  pressure  across  the  lower  gap  entrance  since  there  is  low  pressure  at  the  rear 
of  the  main  aerofoil  and  a  stagnation  point  on  the  under  surface  of  the  nose  of  the  control. 

Nevertheless  the  mass  flow  in  the  gap  must  be  preserved  and  because  conditions  on  the  upper  surface  across 
the  gap  are  reasonably  uniform  then  the  mass  flow  through  the  gap  is  most  directly  calculated  from  these 
upper  surface  conditions. 

A  calculation  based  on  this  approach  is  shown  in  Figure  10  for  an  aerofoil  in  an  unbounded  stream. 
It  is  assumed  in  this  calculation  that  the  mass  flux  strength  of  the  source  is  (2qt)  where  q  is  the 
stream  velocity  of  the  outer  inviscid  flow  on  the  upper  surface  over  the  gap,  the  factor  of  2  is  included 
to  represent  the  correct  (qt)  outflow,  the  other  (qt)  represents  flow  internal  to  the  aerofoil  profile. 

To  include  the  boundary  layer  effects,  then  across  the  gap  on  the  upper  surface  the  conventional 
boundary  layer  theory  gives  the  increase  in  effective  profile  across  the  gap  as 

4(?2  -  ?,)  =  (U2S2*  -  11,5/  -  (U2  -  U,)52  +  m)/(U,  +  U,)/2 

where  i  refers  to  a  station  just  ahead  of  the  gap,  and  2  refers  to  a  station  downstream  of  the  gap,  and 
m  is  the  mass  flow  through  the  gap.  The  equation  is  the  same  on  the  lower  surface  across  the  gap  except 
that  the  sign  of  m  is  reversed. 

The  application  of  the  above  formula  to  the  contoured  gap  geometry  (i.e.  the  middle  one  in 
Figure  1)  for  a  control  angle  deflection  of  4°,  taking  measured  values  of  62*,  6j*,  assuming  U,  =  U2 
with  values  again  taken  from  measurements,  assuming  a  mass  flow  through  the  gap  equal  to  the  free  stream 
velocity  multiplied  by  the  gap  thickness,  gives  a  reduction  in  Cl  of  approximately  30%,  compared  with  an 
experimental  reduction  closer  to  50%  {see  Figure  2 { i ) ) .  Although  this  crude  calculation  suggests  a 
possible  mechanism  for  reducing  Cl  much  more  analysis  and  understanding  is  required  before  the  effects  of 
gaps  can  be  predicted. 
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Etude  aArodynamique  des  gouvernes  de  Missile 
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RAsumA 


Nous  rappelons  rapideraent  les  principales  caractAristiques  de  base  concernant  les  surfaces  a 
faible  allongement  dont  sont  composAes  gAnAralement  les  gouvernes  de  missile. 

AprAs  un  bref  exposA  sur  les  diffArentes  configurations  aArodynamiques  et  leurs  implications 
sur  les  caractAristiques  des  gouvernes,  nous  examinerons  plus  en  dAtail  T aArodynamique  des  gouvernes  de 
missile  Canard. 

C'est  pour  cette  configuration,  en  effet,  que  les  caractAristiques  de  la  gouverne  conditionnent 
le  plus  les  performances  du  missile.  II  est  done  nAcessaire  d'en  repousser  au  maximum  les  possibilitAs. 

Les  deux  directions  principales  qu'il  est  nAcessaire  de  travailler  parti culiArement  sont  la 
portance  maximum  aux  grands  angles  d'attaque  et  le  moment  de  charniAre. 

La  portance  maximum  d’une  surface  fonction  de  1 'allongement,  on  peut  I'amAliorer 

en  choisissant  sa  forme  judicieusement  ou  par  I'adjonction  de  surfaces  additionnelles. 

L'optimisation  du  moment  de  charniAre  se  fait  dans  la  plupart  des  cas  en  fonction  du  nombre  de 
Mach,  car  cet  effet  est  plus  important  que  ceux  de  1 'incidence  et  du  braquage.  C'est  un  coefficient  aAro- 
dynamique  trAs  sensible  au  contexte  aArodynamique,  difficile  S  calculer,  et  dont  l'optimisation  ne  peut 
se  faire  qu'expArimentalement. 

Les  progrAs  realises  sur  1 'aArodynamique  des  gouvernes  en  incidence  et  sur  la  minimisation  du 
moment  de  charniAre,  ont  permis  la  mise  au  point  de  missiles  trAs  performants. 

Summary 

A  quick  reminder  is  given  of  the  main  basic  characteristics  of  low  aspect  ratio  surfaces  (which 
is  usually  the  case  for  missiles  control  surfaces). 

After  a  review  of  the  different  aerodynamic  configurations  and  their  implications  on  perfor¬ 
mances,  we  shall  discuss  the  aerodynamics  of  Canard  missiles  control  surfaces. 

In  this  latter  configuration,  the  characteristics  of  control  surfaces  are  very  effective  for 
the  missile  performances .  It  is  then  necessary  to  expand  their  possibilities  to  a  maximum. 

Tne  two  main  features  which  should  be  studied  are 

(a)  Maximum  lift  at  high  angles  af  attack 

(b)  Hinge  -  moment 

The  maximum  lift  of  a  surface  is  a  function  of  its  aspect  ratio  -  it  can  therefore  be  impro¬ 
ved  with  a  well  -  choosen  shape  or  with  the  adjunction  of  other  surfaces. 

The  hinge  -  moment  optimization  is  made  mainly  in  relation  with  the  Mach  number,  for  this  pa¬ 
rameter  has  more  influence  than  the  angle  of  attack  or  the  deflexion.  This  aerodynamic  coefficient, 
very  sensitive  to  the  aerodynamic  field,  is  difficult  to  compute.  Its  optimization  can  therefore  only 
be  experimental . 

Progresses  in  control  surfaces  aerodynamics  in  incidence  as  well  as  in  the  minimization  of  the 
hinge  moment  has  led  to  the  design  of  very  efficient  missiles. 


Cz 

Notations 

Coefficient  de  portance 

Angle  d' incidence  par  rapport  a  l'Acoulement 

Czm 

Cz, 

Coefficient  portance  maximum  d'une  surface 

Coefficient  de  portance  du  au  braquage 

Coefficient  de  portance  dO  a  l'incidence  infinie 
Coefficient  de  moment  de  tangage  du  missile 

ct  1 

a  T inf ini  amont 

Angle  d' incidence  a  l'aval  d'une  surface 

c£ 

Cm 

d  1 

portante 

Angle  d'incidence  maximum  de  la  portance 

Cm<r 

Cm_ 

Coefficient  de  moment  de  tangage  dO  au  braquage 
de  la  gouverne 

Coefficient  de  moment  de  tangage  du  missile  dQ 

ds 

oi  m 

pseudo  linAaire 

Angle  d'incidence  de  saturation  de  la  surface 
Angle  d'incidence  maximum  utile  de  la  surface 

op 

a  l'incidence  Infinie 

cf 

Angle  de  braquage  de  la  gouverne 

Angle  de  deflexion  de  l'Acoulement  derriAre 

Kp 

Coefficient  de  presslon 

e 

lm 

Mch 

Corde  moyenne  de  la  surface 

Moment  de  charniAre  de  la  gouverne 

£* 

une  surface  portante 

Coefficient  de  deflexion  tenant  compte  de 

M 

xcp 

Nombre  de  Mach 

Distance  du  centre  de  poussAe  de  la  surface 
a  un  point  de  rAfArence. 

a 

1 'importance  respective  des  surfaces 
indices 

Ai  le 

9 

Gouverne 

*  moyen 
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1  -  INTRODUCTION. 

IT  s'offre  souvent  plusieurs  possibilites  pour  aborder  un  m6me  probieme  et  chacun  le  resoud 
compte  tenu  de  son  experience  et  de  ses  possibilites  technologiques.  II  en  est  ainsi  pour  1 'etude  d'un 
missile  dont  1 'aerodynamique  depend  en  grande  partie  des  options  fondamentales  prises  initialement  sur 
1 ' architecture,  les  amenagements ,  le  propulseur,  la  forme  d'energie  utilisee  pour  les  servo-moteurs,  le 
type  de  pilotage  :  gouvernes  aerodynamiques,  gouvernes  de  jet,  tuyere  orientable,  spoiler,  etc . 

Les  options  choisies  par  la  Soci6t6  MATRA  ont  toujours  conduit  3  mettre  I'accent  sur  la  confi¬ 
guration  aerodynamique  et  plus  particulierement  sur  celle  des  gouvernes. 

Les  gouvernes  que  nous  etudierons  dans  les  pages  suivantes  sont  des  surfaces  ind6pendantes, 
braquables  dans  leur  totalite.  Bien  que  nous  ayons  etudie  des  gouvernes  de  type  different  comme  par  exem- 
ple  des  volets  places  au  bord  de  fuite  des  ailes,  nous  n'en  ferons  pas  mention,  car  leur  adaptation  aux 
missiles  n'a  pas  presente  de  difficultes  parti culieres. 

Si  les  difficultes  d'etude  de  gouvernes  aerodynamiques  sont  d'ordre  different  selon  que  le  mis¬ 
sile  possede  une  configuration  classique  ou  Canard,  c'est  pour  cette  derniere  que  les  probiemes  sont  les 
plus  ardus.  Ceci  nous  a  obliges  3  etudier  particulierement  la  portance  maximum,  ainsi  que  les  moments  de 
charni ere  des  gouvernes . 

2  -  RAPPEL  DE  QUELQUES  NOTIONS  DE  BASE. 

L'etude  des  gouvernes  necessite  le  rappel  de  quelques  notions  generales  qu'il  est  necessaire  de 
garder  a  1 'esprit.  Ces  considerations  s'appliquent  aux  surfaces  de  faibles  allongements  et  d'epaisseurs 
relatives  minces  qui  equipent  gendralement  les  missiles  tactiques. 

2.1.  -  0Sflexion_de_r ecoulement_gar_une_surface_(glanche_12. 

Selon  la  theorie  de  la  deflexion,  une  surface  portante  modifie  la  direction  de  la  vitesse  de 
1 'ecoulement.  L' angle  d' incidence  est  done  different  en  amont  et  en  aval  de  la  surface. 

Cette  deflexion  creant  la  trainee  induite,  est  une  fonction  decroissante  de  l’allongement  de  la 
surface  portante  considerde  ;  elle  est  done  particulierement  importante  pour  les  petits  allongements  qui 
nous  interessent. 

La  valeur  de  cette  deflexion  varie  en  fonction  du  nombre  de  Mach  pour  etre  maximum  a  M  =  1 
puis  redecroitre  ensuite. 

Si  nous  plagons  une  autre  surface  derridre  la  premiere,  elle  sera  soumise  a  un  angle  d'attaque 
inferieur  a  celui  de  la  premiere.  Nous  pouvons  la  mettre  sous  la  forme 

=  ^<x>  -  €  et  en  lindarisant. 

oi  I  -  (1  ~  £  !  °*aO  ) 

Bien,entendu  l'effet  de  la  deflexion  depend  de  1 'importance  relative  des  deux  surfaces  consi¬ 
ders  . 

2.2.  -  Portance_et_centre  de  poussee  jilune_surface_de_faible_a]Jgngement_en_fonctiqn_de 

I3inci  5ence~f§IancRe~5J7  . .  . .  . ----------- 

La  courbe  typique  de  la  portance  d'une  surface  de  faible  allongement  en  fonction  de  1 'inciden¬ 
ce  dans  le  systeme  Lilienthal  se  compose  de  trois  parties. 

Elle  commence  a  croitre,  plus  ou  molns  lineairement,  selon  1'allongement,  puis  se  produit  une 
periode  de  transition  au-deia  de  laquelle  la  portance  reste  pratiquement  constante  jusqu'a  des  inciden¬ 
ces  eievees.  La  transition  est  gfinferalement  courte  et  Ton  peut,  en  prolongeant  les  deux  sections,  de¬ 
terminer  une  incidence  que  nous  appellerons  incidence  maximum,  qui  est  une  caracteristique  de  la  surfa¬ 
ce  consider  ;  elle  se  comporte  comme  une  fonction  inversement  proportionnelle  a  1' allongement. 

Sur  la  planche  3  ont  et6  trac6es  les  repartitions  de  pression  obtenues  sur  une  corde  d'une  aile 
possedant  un  allongement  de  1,7,  juste  avant  et  apres  la  saturation.  L'integrale  des  pressions  reste  pra¬ 
tiquement  la  mSme. 

Dans  la  partie  lineaire  de  la  courbe  de  portance,  la  repartition  de  pression  1  croit  regulie- 
rement  et  le  centre  de  poussee  reste  constant,  puis  pendant  la  phase  de  transition  et  la  saturation,  le 
centre  de  poussee  recule  constamment  en  tendant  vers  le  cefitre  de  gravite  de  la  surface  (planche  4). 

En  fonction  du  nombre  de  Mach  revolution  des  centres  de  poussee  est  legSrement  diff6rente 
suivant  la  forme  de  la  gouverne.  I 1 s  se  situent  autour  de  25  %  de  la  corde  moyenne  en  subsonique,  puis 
reculent  constamment  vers  le  centre  de  gravite  en  supersonique  (planche  5). 

3  -  GOUVERNES  DE  MISSILE  EN  CONFIGURATION  CLASSIQUE. 

La  configuration  aerodynamique  dite  classique  est  celle  oO  les  surfaces  portantes  principales 
sont  devant  les  gouvernes. 

La  portance  du  missile  est  alors  assuree  par  1 'ensemble  corps  +  ailes,  tandis  que  les  gouver¬ 
nes  assurent  la  stabilite  et  la  manoeuvrabilite  (planche  6). 


Le  missile  dtant  suppose  stable,  l'&quilibre  des  moments  au  centre  de  gravity  exige  que  le 
braquage  des  gouvernes  soit  dans  le  sens  inverse  de  1 ‘incidence. 

L'incidence  locaT  sur  la  gouverne  peut  §tre  mise  sous  la  forme  =  c*  ^  1  -  £„/ °(oo )- K.<T 

K  est  un  facteur  de  correction  qui  permet  de  comparer  l'effet  d'incidence  qui  inclut  l'in- 
fluence  du  corps  3  l'effet  de  braquage  (qui  ne  comprend  pas  cette  influence). 

L'effet  d'incidence  etant  r§duit  par  la  deflexion  due  a  l’aile  et,  en  sens  contraire  a  l'effet 
du  braquage,  l'incidence  locale  sur  les  gouvernes  reste  faible  et  les  caracteristiques  de  saturation  de 
ces  surfaces  ne  sont  g#n§ralement  pas  critiques  pour  les  incidences  usuelles. 

Un  autre  effet  de  cette  disposition  est  que  la  portance  due  au  braquage  dSleste  la  portance 
du  missile  au  detriment  du  facteur  de  charge. 

La  tendance  actuelle  S  faire  supporter  de  tr§s  fortes  incidences  aux  missiles,  soit  au  depart 
lors  d'un  tir  en  air-air,  soit  en  evolution  propre,  demande  de  nouvelles  performances  aux  gouvernes  de 
missile  classique.  D’autre  part,  si  le  missile  est  pilots  en  roulis  a  Vaide  des  gouvernes  de  tangage 
et  de  lacet,  un  braquage  diff#rentiel  se  superpose  au  braquage  moyen  dans  le  plan  considers.  Ceci  con¬ 
duit  b  delester  une  des  deux  gouvernes  et  a  charger  1 'autre  ;  dans  ces  conditions  les  caracteristiques 
des  gouvernes  en  portance  maximum  ec  en  moment  de  charniere  retrouvent  beaucoup  d1 importance. 

4  -  GOUVERNES  DE  MISSILE  EN  CONFIGURATION  CANARD. 


Dans  cette  configuration,  les  ailes,  c'est-a-dire  les  surfaces  principales,  sont  reportaes  a 
l'arriare  du  corps.  Les  surfaces  avant  permettent  de  rfegler  la  stability  du  missile  a  une  valeur  raison- 
nable  et,  en  se  braquant,  de  contrdler  son  incidence.  Contrai rement  a  celles  de  la  formule  classique, 
les  gouvernes  du’Canard^assurent  un  pourcentage  important  de  la  portance  du  missile  (planche  7). 


quage  s 


Pour  un  missile  stable,  l'aquilibre  des  moments  au  centre  de  gravite  montre  que  l'effet  de  bra- 
'ajoute  a  l'effet  d'incidence. 


L'incidence  locale  moyenne  sur  la  gouverne  peut  s'acrire  : 


La  signification  du  K  est  la  m§me  que  prScedemment . 

Ceci  montre  que  la  saturation  de  gouverne  peut  itre  atteinte  rapidement  et  que  celle-ci  limi- 
te  directement  les  performances  du  missile. 

Si  1'on  prend  un  <T/«(=  1  et  un  K  =  0,6  avec  un  o(  g  maximum  de  17°,  on 

voit  que  l'incidence  du  missile  est  limitSe  a  10°.  Cette  limitation  est  evidemment  variable  en  fonction 
du  nombre  de  Mach;  c'est  en  subsonique  elevd  et  en  transsonique  que  la  limitation  est  la  plus  severe.  Sur 
la  planche  8  est  trace  le  moment  du  missile  en  fonction  de  l'incidence  pour  differents  braquages  et  a  un 
nombre  de  Mach  donne. 

On  voit  que  quand  la  gouverne  a  atteint  sa  saturation,  l'incidence  du  missile  n'evolue  prati- 
quement  plus,  quel  que  soit  le  braquage. 

Afin  de  pouvoir  continuer  a  utiliser  la  configuration  Canard  par  des  missiles  modernes  et  per- 
formants,  il  a  ate  necessaire  d'ameliorer  largement  les  caracteristiques  de  ceux-ci ,  en  particulier  l'ef- 
ficacite  des  gouvernes.  La  gouverne  etant  toujours  tres  chargee,  il  s'en  suit  des  moments  de  charniere 
tr€s  eieves. 

Or,  des  le  debut  des  etudes  de  missiles, une  des  options  prise  par  la  Societe  MATRA  a  ete  d'ac- 
tionner  les  gouvernes  par  des  servo-moteurs  eiectriques.  Dans  ce  cas,  le  niveau  des  moments  de  charnie¬ 
re  est  primordial  pour  le  pilotage,  et  nous  avons  du,  tres  t6t,  nous  pencher  sur  cette  question. 

5  -  EFFICACITE  DES  GOUVERNES. 

L' augmentation  de  l'efficacite  des  gouvernes  ne  doit  pas  se  faire  au  detriment  d'une  autre  ca- 
racteristique  primordiale  de  celle-ci  telle  que  le  moment  de  charniere.  C'est  pourquoi  il  est  difficile 
d’agir  sur  1 'allongement  de  la  surface  qui,  pourtant,  pourrait  augmenter  l'incidence  maximum  admissible. 
Mais,  en  diminuant  1'envergure  au  profit  de  la  corde,  on  augmente  l'ecart  des  centres  de  poussee  en  fonc¬ 
tion  du  nombre  de  Mach  et,  par  consequent,  on  degrade  le  moment  de  charniere.  Cet  artifice  a  6te,  nean- 
moins,  employe  avec  succes  pour  des  missiles  evoluant  dans  un  domaine  reduit  de  vitesses.  Pour  la  grande 
majorite  des  missiles  tactiques  qui  doivent  rester  efficaces,  aussi  bien  en  subsonique  qu'en  supersoni- 
que,  il  ne  peut  en  etre  question.  (  PI,  9  -  10) 

En  observant  la  formule  donnant  l'incidence  locale  de  la  gouverne,  on  voit  que  si  Ton  ne  peut 
agir  sur  l'effet  de  braquage,  il  doit  6tre  possible  de  diminuer  l'effet  de  l'incidence.  Supposons  que  Ton 
dispose  une  surface  fixde  devant  la  gouverne.  En  l'absence  de  braquage,  la  gouverne  se  trouve  soumise  b 
la  deflexion  de  la  surface  qui  la  precede  ;  son  incidence  est  done  infirieure  b  celle  qui  lui  etait  ap- 
pliqu£e  pr£c6demment.  Le  braquage  se  superpose  done  b  une  incidence  plus  faible,  et  Ton  peut  Retire  : 

g  *  *4  v  (1  "  )  +  K'?-Ce  qui  est  gagn§  sur  l'incidence  pourra  se  reporter  sur 

le  braquage.  Si  Ton  prend  les  mSmes  valeurs  que  pr6c6demment  <T/«T=  1,3  o<  gmax  =  17"’  K  =  0,6 
avec  un  €  /V  de  0,6. 


,'irvr+c-  *  jj  ajjggg » *abit<dMH3frfrfli^ 


L'incidence  d'#quilibre  maximum  deviendra 

Ce  qui  montre  par  rapport  3  l'exemple  num#rique  du  paragraphe  4  tout  le  gain  amen#  par  ce  dis- 

positif. 

II  est  bien  Evident  que  Vapplication  de  celui-ci,  outre  une  optimisation  de  1 'ensemble  empen¬ 
nage  fixe  -  gouverne,  a  nScessite  une  refonte  complete  de  la  configuration  du  missile  car  l'adjonction 
de  la  surface  fixe  en  amont  de  gouvernes  destabilise  le  missile  et  doit  etre  compens#e  par  une  augmenta¬ 
tion  de  la  surface  arri#re. 

6  -  MOMENT  DE  CHARNIERE. 

Si  l'efficacite  des  gouvernes  etait  suffisante  pour  la  premiere  generation  de  missiles  canard, 
il  a  d#j3  fallu  pour  celle-ci  essayer  de  minimiser  le  moment  de  charniere. 

Celui-ci  est  le  produit  de  la  portance  de  la  gouverne  par  la  distance  du  centre  de  poussee  a 
son  axe.  On  ne  peut  evidemment  agir  sur  la  portance  de  la  gouverne  puisqu'elle  conditionne  les  carac- 
teristiques  du  missile.  II  reste  done  a  agir  sur  le  centre  de  poussee. 

Celui-ci  est  fonction  de  l'incidence,  du  braquage  et  du  nombre  de  Mach,  tout  au  moins  quand 
la  portance  varie  encore  lindairement  avec  l'incidence.  Les  influences  de  l'incidence  et  du  braquage 
sont  negligeables  devant  celle  du  nombre  de  Mach,  sauf  dans  certains  cas  particuliers  dans  lesquels  le 
missile  vole  a  un  nombre  de  Mach  presque  constant.  C'est  sur  la  variation  du  centre  de  poussee,  en  fonc¬ 
tion  du  nombre  de  Mach  qu'il  va  falloir  agir.  Si  le  missile  doit  etre  pilot#  aussi  bien  en  subsonique 
qu'en  supersonique,  il  convient  de  rapprocher  les  centres  de  poussee  entre  eux.  Nous  avons  vu  pr#cedem- 
ment  que  les  centres  de  poussee  reculaient  constamment  en  fonction  du  nombre  de  Mach.  Une  idee  emise 
par  le  Dr.  ANTON,  alors  responsable  de  l'aerodynamique  a  la  Societe  MATRA,  a  ete  de  limiter  le  recul 
du  centre  de  poussee  en  supersonique  en  accolant  deux  surfaces  de  caracteristiques  de  portance  opposees 
pour  former  une  seule  gouverne.  En  effet,  si  une  surface  d'allongement  de  1  a  2  a  un  gradient  de  portan¬ 
ce  autour  de  l'incidence  nulle,  decroissant  en  supersonique,  celui  d'une  surface  de  tres  faible  allon- 
gement  0,2  -  0,3,  croit  constamment.  Les  deux  surfaces  combines  donnent  la  gouverne  composite  de  la 
planche  11.  Sa  portance  est  leg#rement  inf#rieure  en  subsonique  et  en  transsonique  3  celle  d'une  gou¬ 
verne  simple  de  surface  equivalente  mais  lui  est  sensiblement  #gale  en  supersonique  et  devient  legere- 
ment  superieure  pour  les  nombres  de  Mach  #lev#s. 

Les  centres  de  poussee  de  la  gouverne  simple  et  de  la  gouverne  composite  (planche  12)  sont 
pratiquement  confondus  en  subsonique.  En  transsonique,  celui  de  la  gouverne  composite  s'&carte  plus  de 
l'axe  que  celui  de  la  gouverne  simple,  mais,  ensuite,  il  s'en  rapproche  d'une  fagon  continue,  tandis 
que  1 ‘autre  s’en  eioigne. 

C'est  cette  forme  de  courbe  qui  est  b#n#fique  puisque  le  bras  de  levier  de  la  force  dimi- 
nue  lorsque  augmente  la  pression  dynamique. 

Les  calculs  de  moment  de  charniere  effectues  I  l'aide  des  donnees  precedentes,  pour  une  alti¬ 
tude  constante,  mettent  en  evidence  le  gain  apporte  par  cette  solution,  (  pi,  13J 

Ce  calcul  a  ete  donne  comme  exemple,  mais  une  optimisation  de  la  gouverne  en  fonction  des  ca¬ 
racteristiques  demandees,  est  possible  en  agissant  sur  1 'importance  relative  des  differentes  parties 
de  la  gouverne  composite,  ainsi  que  sur  la  forme  de  la  partie  II  (planche  12). 

La  methode  de  calcul  employee  pour  determiner  les  caracteristiques  de  portance  et  de  centre 
de  poussee  de  la  gouverne  composite  a  consiste  a  considerer  les  deux  surfaces  comme  independantes ,  mais 
la  dauxieme  soumise  a  la  deflexion  de  la  premiere,  la  premiere  etant  la  partie  I  de  tres  faible  allon¬ 
ge  ment. 

Le  gradient  de  portance  a  l'incidence  nulle  de  la  gouverne  peut  s'ecrire  : 


(  dCz)  _| 

r  dCz  \ 

l  d0<  /3-1 

'd«(  ' 

Le  foyer  correspondant  s'ecrit  alors  : 


W) 

rps .  '  d  a 


k  etant  un  parametre  qui  depend  de  la  geometrie  des  deux  surfaces.  o'*  g 

Les  resultats  d'essais  en  soufflerie  ont  confirm#  le  bien  fond#  du  raisonnement  ayant  conduit 
3  1 'etablissement  de  cette  gouverne  composite  et  valid#  suffisamment  la  m#thode  de  calcul  employee,  pour 
permettre  d'effectuer  une  premiere  approche  d'optimisation.  La  mise  au  point  definitive  de  la  gouverne 
se  faisant  ensuite  en  soufflerie. 

Sur  la  planche  14  est  donn#e  la  comparison  de  la  position  des  centres  de  pouss#e  calcul#e  et 
experimental  obtenue  pour  une  gouverne  de  ce  type.  Le  calcul  est  favorable  en  transsonique,  mais  le  ni¬ 
veau  de  pression  dynamique  ne  rend  pas  cette  zone  critique,  par  contre,  pour  les  fortes  pressions  dyna- 
miques,  les  resultats  exp#rimentaux  sont  meilleurs  que  les  previsions. 
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Les  premiers  tirs  de  missiles  experimental^  munis  de  ce  type  de  gouvernes  datent  de  1954.  Elies 
sont  encore  en  ce  moment  utilisdes  sur  des  missiles  modernes.  Cette  technique,  qui  consiste  8  corriger 
revolution  des  caracteristiques  d'une  gouverne  dont  la  surface  et  la  forme  ont  dte  determines  pour  re- 
pondre  aux  conditions  de  stability  et  de  manoeuvrabil itd  du  missile  par  l'adjonction  d'une  petite  surface 
auxiliaire,  a  dte  largement  utilise  depuis,  aussi  bien  sur  nos  missiles  canard  que  sur  nos  missiles  clas- 
siques . 


Lorsque  la  gouverne  est  soumise  S  la  deflexion  et  au  sillage  d'une  aile  ou  d'un  empennage  fixe, 
les  methodes  de  calculs  ne  sont  plus  assez  precises  pour  apprehender  le  probleme  du  moment  de  charniere 
et  1 'optimisation  ne  peut  plus  se  faire  qu'expdrimentalement. 


7  -  CONCLUSION. 

Nous  avons  du,  des  le  ddbut  de  la  mise  au  point  de  missiles  par  la  Socidte  MATRA,  nous  intdres 
ser  de  trds  pres  aux  caracteristiques  des  gouvernes.  Les  premieres  configurations  etant  canard,  il  est 
apparu  rapidement  qu'il  dtait  ndcessaire,  pour  avoir  la  maniabilite  escomptde,  de  reduire  au  maximum  le 
moment  de  charniere.  Plus  tard  cette  necessite  s'est  aussi  fait  sentir  pour  les  missiles  classiques  eux- 
memes. 


La  solution  adoptee  a  dte  la  mise  au  point  de  gouvernes  composites  pour  lesquelles  les  carac- 
tdristiques  de  la  surface  principale  etaient  corrigdes  a  1 'aide  d'une  surface  auxiliaire  dont  la  posi¬ 
tion  ou  les  caracteristiques  propres  etaient  choisies  pour  donner  un  effet  dans  le  sens  ddsird. 

Cette  technique  a  egalement  ete  employee,  mais  en  considerant  deux  surfaces  sdparees,  pour  ob- 
tenir  de  meilleures  performances  en  manoeuvrabilite  du  missile  en  configuration  canard.  Nous  avons  ete 
amends  a  decharger  la  gouverne  en  la  soumettant  a  la  deflexion  d'une  surface  fixe  ;  cette  diminution  de 
1 'effet  d'incidence  a  eu  pour  corollaire  1 'augmentation  de  celui  du  braquage  et,  par  consequent,  1 'ame¬ 
lioration  des  incidences  d’equilibre  du  missile. 

Ces  diverses  ameliorations,  apportees  aux  caracteristiques  des  gouvernes,  ont  grandement  con- 
tribue  a  la  mise  au  point  de  configurations  aerodynamiques  de  missiles  modernes  tres  performants. 
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SOME  INVESTIGATIONS  CONCERNING  THE  EFFECTS  OF  GAPS 
AND  VORTEX  GENERATORS  ON  ELEVATOR  EFFICIENCY  AND 
OF  LANDING  FLAP  SWEEP  ON  AERODYNAMIC  CHARACTERISTICS 

by 

Herbert  Neppert 
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SUMMARY 

This  paper  presents  results  from  both  small  and  full-scale  wind  tunnel  models  tested 
during  the  development  programmes  of  the  Hamburger  Flugzeugbau  HFB  320  Hansa  Jet  and 
the  Airbus  Industrie  A300.  The  following  problem  areas  are  considered: 

-  Effect  of  gaps  and  vortex  generators  on  elevator  effectiveness  and  drag.  A  tailplane 
which  had  been  designed  to  give  satisfactory  longitudinal  stability  can  still  have 
controllability  short-falls  in  elevator  power  for  rotation  or  demonstration  of  Vg. 

In  order  to  increase  the  elevator  effectiveness,  slots  or  vortex  generators  upstream 
of  the  elevator  hinge  line  can  be  introduced,  this  however  also  increases  the  cruise 
drag. 

Effect  of  single  rudder  deflection  on  the  effectiveness  of  a  split  rudder.  The 
installation  of  a  yaw  damper  leads,  in  general,  to  incorporation  of  a  split  rudder 
to  cater  for  the  failure  case  when  one  rudder  is  blocked. 

Finally,  wind  tunnel  results  and  proposals  for  improving  the  aerodynamic  characteristics 
by  means  of  a  reduction  in  the  sweep  on  the  landing  flap  hinge  line  are  described. 

SYMBOLS  AND  NOTATION 

A.  Geometric 

Sj  Sjj  Sp  Wing;  tailplane;  fin  reference  area 
b;  b(]  bp  Wing;  tailplane;  fin  span 
C|C|jCp  local  wing;  tailplane;  fin  chord 
CjCjjCp  Wing;  tailplane;  fin  reference  chord  (  = 

Se  elevator  area 

Ce  local  elevator  chord 

Co  elevator  reference  chord  (  =-J-/co'dy) 

A  ..p.et  r.tio  |S* 

71  taper  ratio 

a2S  25  %  sweep 

r  dihedral 

flap  angle 

i{  tailplane  setting  angle  -  see  sketch 


5^/(c,c„cFl.d,l 
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<fr 


elevator  angle  -  see  sketch 
rudder  angle,  see  fig.  7 


B,  Aerodynamic 


CL,iCDt 

CYF 

CfTlt 

CNe 

Ch 

VT 

aT 

at 


'Pi, 2 


qoo 

Poo 

R 

M 

Cnp 

C.p 


>  see  sketch 


lift;  drag  coefficient  of  tailplane  (  =  Lt  ;  Df /q,*,*  Sf  ) 
wing  maximum  lift  coefficient  (  =  Lmox  ^oo‘  S) 
fin  sideforce  coefficient, see  fig.  7  (oYp/qoo-Sp) 
tailplane  pitching  moment  referenced  to  25#/oCj  (sMyt/qoo-S^C^ 
elevator  normal  force  coefficient  (  =  Ne/q«St) 
elevator  hinge  moment  (  =  H  /q  <>,  •  Se  Ze ) 
flow  velocity,  at  tailplane 

wind  direction  at  tailplane  measured  from  fuselage  datum 
incidence  of  tailplane  to  local  wind  direction  (  =  it*a-f) 
pressure  coefficient,  see  fig. 
free  stream  velocity 
incidence 

free  stream  dynamic  pressure 
angle  of  yaw,  see  fig.  12 
Reynolds  number  based  on 
Mach  number 

yaw  moment  due  to  sideslip  (  £»Cn/ 3P  )  1  .  M2;MX  (  referenced  to  25%5  pro- 

I  J  *  '  S-q«-b/2  jected  on  to  the  root 

chord) 


6  [  =  Pi2  ~Ps°.  ) 

goo 


roll  moment  due  to  sideslip  (  3 C[  / 3p )  - 


1 .  EFFECT  OF  GAPS  AND  VORTEX  GENERATORS  ON  ELEVATOR  EFFICIENCY 
1 . 1  Introduction 


A  tailplane  which  is  designed  to  give  the  required  longitudinal  stability  can  still 
have  problems  in  delivering  the  necessary  elevator  power  for  rotation  or  for  demon¬ 
stration  of  Vg  particularly  at  forward  c.g.  This  latter  is  particularly  critical  when 
stall-fixing  devices  such  as  slat  closing-plates  are  present  which  may  provide  a  very 
effective  pitch-down  at  the  stall. 

Particularly  in  the  case  of  sealed  control  noses  which  have  a  low  parasitic  drag  in 
cruise  the  elevator  power  may  not  be  sufficient  to  rotate  or  the  stick  forces  can  be  too 
large  due  to  the  early  separation  of  the  flow  from  the  relatively  sharp  kink  at  the  nose 
of  the  deflected  elevator.  Early  separation  of  the  deflected  elevator  may  also  occur 
when  it  lies  in  the  low  energy  wake  of  a  wide  rear-body. 


1 . 2  Geometry 

Table  1  and  fig.  1  show  a  summary  of  geometrical  data  and  Reynolds  numbers  for  the 
test  configurations.  The  effects  of  vortex  generators  situated  on  the  lower  surface 
and  of  laminar  separation  effects  at  two  Reynolds  numbers  were  investigated  on  an  iso¬ 
lated  Tailplane  I  which  had  a  symmetrical  elevator  nose  and  sealed  gap  aerodynamic 
balance. 

The  effect  of  elevator  gap,  vortex  generators  and  laminar  separation  at  one  Reynolds 
number  have  been  investigated  on  Tailplane  II  which  was  mounted  on  a  rear-fuselage 
model.  The  distribution  of  the  VG' s  was  based  on  [1)  .  Due  to  the  loads  on  the  rear- 


Definition  of  angles ,  forces  and  moments 
at  the  tail  I  rear  fuselage  model ) 

fuselage,  the  forces  and  moments  on  Tall  II 
(fig.  2)  are  not  directly  comparable  with 
those  from  Tail  I  (fig.  5) . 

It  can  be  seen  from  the  sketch  which 
shows  the  definition  of  angles,  forces 
and  moments  at  the  tall  that  aTis  the  local 
flow  angle  at  the  tailplane  referred  to 


FIO  t.  Geometry  of  tailplane  and  elevator  no* «  and 
arrangomonts  of  vortex  gonorator* 


fuselage  datum  which  is  in  itself  dependent  on  the  wing  flow  field.  The  flow  angle  for 


the  isolated  tailplane  I  is  defined  by  a^,  fig.  5  and  6. 


-is*  -to*  -5”  o*  5*  ®t  10* 


FIO  2.  Effocf  of  various  flow-control  Soviets  on  lift  and 

pitching  moment ,  booed  on  St  with  turbulence  ecreen, 
d**-25*.  if -2, S’ 


CHANGE  IN  ELEVATOR 

EFFECT  OF  VORTEX  GENERATORS  EFFECTIVENESS. 


OPENING  ELEVATOR  GAP  CLOSING  ELEVATOR  SLOT 


FIO  3.  Effect  of  gap*,  iloti  and  vortox  generator* 
from  Fig.  I  on  elevator  effectiveneoo 
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TAIL 

WING 

TYPE 

1 

II 

III 

IV 

Configuration 

Tailplane  alone 

Rear  fuselage  model  with 
tail 

Wing  alone 

Profile 

NACA  64A-010 

NACA  64A-010 
modified  nose 

NACA 

64A-011 

NACA  65A-1.5  13 

NACA  63A-1.8  11 

A 

5.56 

4.13 

HEM 

6,00 

A 

0.43 

0.  44 

0.33 

A25 

20° 

33° 

40° 

-15° 

P 

3° 

6° 

— 

8°  (6°at  IV  c) 

Control, 

la 

Ha  with  slot 

Ill 

IVa  one  piece 

double  slotted 

rudder  or 

without  slot 

lib  without  slot 

IVb  two  piece 

single  slotted 

flap  types 

Fig.  1 

Fj  g .  1 

Fig. 7 

IVc  one  piece 

double  slotted 

Hinge  axis 

70  *  ct 

70  *  c  t 

70  %  Cp 

Fig.  9  and  10 

R 

1.0- 106  HST 

1.3-106  LST 

1.5-106  LST  (Mas  0. 2) 

based  on 

5,  ct,  cF 

(M  *  0 . 4 ) 

F+W-Emmen 

4.5 -106  LST 
(M  as  0,  2) 

F+W-Emmen 

(M®0.2) 

DFVLR- 

Braunschweig 

and  KQln 

INTA-Torrej  on 

Ref. 

— —  —  —  -  -  .. 

[3,  4,  5,  6] 

[”] 

[12] 

Table  1 .  Summary  of  geometry  and  Reynolds  number 


1.3  Discussion  of  elevator  effectiveness 

Fig.  2  shows  the  lift  and  pitching  moments  for  the  tailplane  II  (with  rear  fuselage) 
at  a  fixed  setting  of  i{  =  -2.5°  and  <$g=  -25°.  The  Reynolds  number  of  1.3  x  10^  is 
effectively  increased  through  the  use  of  a  turbulence  grid  having  a  turbulence  factor 
of  1.65.  The  effect  of  fixing  the  transition  on  the  lower  surface  of  the  nose  is  clearly 
seen.  Thus,  with  free  transition  there  is  a  sharp  increase  in  the  effectiveness  due  to 
laminar  separation  at  positive  incidence;  fixing  the  transition  eliminates  this  sepa¬ 
ration.  This  effect  termed  'control  bubble  effect'  will  be  described  later.  Since  the 
character  of  the  boundary  layer  at  model  and  full-scale  are  often  very  different  due  to 
surface  roughness  and  Reynolds  number,  it  is  very  easy  to  misinterpret  elevator 
effectiveness  as  measured  In  the  wind  tunnel. 

The  introduction  of  vortex  generators  on  the  lower  surface  at  1 /2-chord  brings 
about  an  increase  in  effectiveness  which  gradually  reduces  with  decreasing  incidence. 
Finally,  an  elevator  slot  Increases  the  effectiveness  up  to  maximum  lift. 


t 
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Fig.  3  shows  the  percentage  change  in  elevator  effectiveness  due  to  vortex  gene¬ 
rators,  gaps  and  slots  (defined  in  fig.  1)  as  a  function  of  elevator  angle.  In  this 
presentation,  except  for  interference,  the  rear-fuselage  component  is  eliminated. 


The  vortex  generators  increase  the  effectivess  on  the  full-scale  model  by  up  to 
14  %,  this  being  reduced  somewhat  in  the  tests  at  smaller  Reynolds  no.  The  gap  between 
elevator  and  fuselage  reduces  the  effectiveness  by  about  5  %.  Some  of  he  results  at 
small  Reynolds  no.  can,  however,  only  be  qualitatively  considered;  in  particular  vortex 
generator  effects  are  very  dependent  on  Reynolds  no. 


Closing  the  elevator  slot  results  in  losses  of  between  17  %  and  27  %  in  effective¬ 
ness  depending  on  the  incidence  and  elevator  angle.  At  positive  elevator  angles  the 
effectiveness  is  increased  by  7  %  to  1 3  %  because  the  large  gap  on  the  upper  surface  is 
eliminated.  These  values  are  summarised  in  Table  2  for  small  angles  of  incidence,  Ctj  , 
referred  to  the  tailplane  area  S(  .  For  the  linear  range  up  to  cfe  =*  -15°; 


a£kt 

9Je 


1.65  for  config.  Ia 
1.75  for  config.  Ila 
1.60  for  config.  lib 


The  effect  on  drag  has  been  determined  as  an  average  value  from  various  tests  for 
a  tailplane  lift  coefficient  of  around  ^  -0.1  (typical  trimmed  value).  Thus  for 
closing  the  elevator  slot  ACQ  **  -9  x  10-4  and  for  opening  the  elevator-fuselage  gap 
AcQ  ^  3  x  10  4.  Vortex  generators  increase  the  drag  by  Acd  ^  10  x  lo-4. 


Effects  of  closing  elevator  slot,  opening  elevator  gap  and  vortex  generators, 

based  on  S{ 

Effect 

from 

Elevator  effectiveness 

at  de 

DragS  AC0< 

at  die 

0 

o 

l 

-22° 

-15° 

15  ° 

0 

o 

Elevator 

slot 

Ilb-IIa 

-17  % 

-12  % 

-  8  % 

12  % 

-0.0009 

Elevator 

gap 

Ila 

-  5  % 

-  5  % 

-  4  % 

— 

0.0003 

Vortex 

generators 

la,  lib 

10  * 

14  « 

8  % 

— 

0.0010 

Table  2.  Change  in  effectiveness  and  drag  of  tailplanes 
at  small  tail  incidence  tx^  (Fig-  1  and  3) 
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1.4  Description  of  'control  bubble  effect' 


In  fig.  4  oil  flow  pictures  are  shown  for  aT=“6°  (-  3.5°)  and  de  =  -25°. 

Referring  back  to  fig.  2,  these  are  values  which  lie  in  the  region  of  the  'control  bubble 
effect*  (see  difference  between  transition  free  and  fixed) .  With  free  transition  and 
positive  incidence,  a  laminar  boundary  layer  develops  on  the  lower  surface  with  an  area 
of  unregular  separation.  This  region  extends  from  forward  of  the  kink  of  the  deflected 

elevator  and  partially  up  to  the  kink  and  causes  a  reduction  in  pressure  due  to  the 

effective  increase  in  local  camber.  Thus  an  effective  increase  in  elevator  effectiveness 
is  obtained.  This  can  be  seen  as  a  sudden  increase  in  (negative)  lift  in  CL  =  f  (otT) 

and  a  sudden  nose-up  jump  in  the  moment  curve,  Cm^_  =  f  (CLt>  equivalent  to  t 

Ade  ~  -4°,  (see  again  fig.  2)  . 


TRANSITION  FIXED 


LOWER 

SURFACE 


TRANSITION  FREE 


UPPER 

SURFACE 


FIG  4.  Flow  visualisation  from  DFVLR-Braunschweig  for  Type  I  b,  with  turbulence  screen 
(  fixed  transition  :  0.3mm  grit  size,  from  57.  to  107.  C{  on  the  upper  and 
lower  surface  ) 


The  lower  surface  first  becomes  fully  turbulent  at  negative  incidences  and  over 
the  whole  incidence  range  with  fixed  transition. 

Figs.  5  and  6  show  test  results  with  the  'control  bubble  effect*  at  de  =  -16° 

C4,  5,  6]  .  The  largest  effects  are  in  the  range  de  —  -10°  to  -35°  with  a  maximum  at 
about  ($e  “  -25°.  The  region  of  'control  bubble  effect*  is  shaded.  It  is  clear  that  only 
a  modification  to  the  lower  surface  has  any  effect  and  this  expresses  itself  in  the 
tailplane  coefficients  (Cl^,  Cmfc,  etc.)  as  well  as  in  the  elevator  coefficients  (C^, 

C^) .  The  reduction  in  drag  probably  comes  mainly  from  the  larger  regime  of  laminar  flow. 

Thus  summarising,  two  explanations  can  be  ascribed  to  the  data  presented  in  fig.  2: 

The  'control  bubble  effect*  is  caused  by  a  laminar  separation  which  in  turn  creates 
a  local  increase  in  camber  and  thus  reduced  pressures  on  the  lower  surface.  This  is 
confirmed  by  the  elevator  forces  and  moments  and  the  pressures,  fig.  6 

The  introduction  of  vortex  generators  or  an  elevator  slot  causes  an  increase  in 
effectiveness  which  is  coincidentally  similar  to  that  due  to  the  bubble.  In  this 
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case  however  it  is  due  to  a  reduction  of  the  separation  on  the  lower  surface  of  the 

elevator  and,  for  the  slot,  persists  up  to  CL 

Tnax 


FIG  5.  Control  bubbls  sffsct  on  Typo  I  a  (  HST ) 
o  transition  trot 

+  transition  flood  at  S'Acon  lowor  surface 


FIG  6  Control  bubble  offoct  on  Typo  la  I  HST) 
o  transition  froo 

+  transition  flood  at  SX  c  on  lowor  surface 


Table  3  summarises  the  “control  bubble  effect'  [2-11]  and  is  valid  for  tailplanes, 
fins  and  ailerons  under  similar  conditions.  It  can  be  seen  that  this  effect  occurs 


Ref. 

Profile 

Hinge  axis 

R  •  10"6 

Geometric 

parameter 

Control  bubble 

effect 

M 

RAF  30 
symnetr . 

80  %  c 

0.4 

6.7 

Maximum 

thickness 

relatively 

forward 

i 

wit 

1 

lOUt 

V) 

Clark  Y 

80  %  c 

0.6 

1  II 

NACA 

23012 

80  %  c 

8.4 

M 

G6409 
synmetr . 

50  %  c 

possible 

M 

NACA 

65.3-618 

80  %  c 

6.0 

Maximum 

thickness 

relatively 

wit 

1 

66(215) 

-216 

80  %  c 

90  %  c 

6.0 

[4,5,6] 

NACA 

64A-010 

70  %  c 

1.0 

aft 

nos« 

roughness 

["3 

NACA 

64A-010 

70  %  c 

1.3 

NACA 

64A-010 

70  %  c 

4.5 

without 

Table  3.  Summary  of  control  bubble  effect 
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mainly  on  profiles  with  relatively  aft  location  of  maximum  thickness  (laminar  profiles) 
at  small  positive  incidence  and  negative  control  deflection.  Only  in  the  case  where  the 
leading  edge  is  roughened  or  has  a  protuberance  does  this  effect  not  occur. 

Since  it  occurs  in  the  wind  tunnel  at  full-scale  Reynolds  no.  of  small  aircraft 
and  of  larger  aircraft  in  the  take-off  and  landing  configuration  at  speeds  around  the 
stall,  it  would  seem  only  to  be  dependant  on  a  long  region  of  laminar  flow  which  is  in 
itself  dependant  on  the  profile  and  incidence  (pressure  gradient)  and  the  surface 
roughness . 


2.  EFFECT  OF  SINGLE  RUDDER  DEFLECTION  ON  THE  EFFECTIVENESS  OF  A  SPLIT-RUDDER 

2 . 1  Introduction 

Insufficient  directional  stability  can  be  cured  by  increasing  the  fin  area  or  the 
fin  arm.  An  alternative  is  to  install  a  yaw  damper  which,  however,  in  general,  leads  to 
the  incorporation  of  a  split-rudder  to  cater  for  the  failure  case.  In  order  to  obtain 
similar  effectiveness  for  both  rudder  halves  it  was  necessary  in  this  case  to  locate  the 
split  at  about  33  %  of  the  fin  span.  However  for  other  reasons  the  split  had  to  be 
located  at  38  %  thus  giving  the  lower  rudder  somewhat  more  effectiveness. 

2.2  Geometry 

Table  1  and  fig.  7  show  the  geometrical  data  and  Reynolds  no.  Fin  III  was  mounted 
on  a  rear- fuselage  model.  The  rudder  nose  was  semi-circular  and  without  balance.  The 
effect  of  either  a  blocked  upper  or  lower  rudder  with  cfri.2  =  cPand  10°  in  the  presence 
of  a  moveable  rudder  half  has  been  investigated. 


FIO  7.  Comparison  of  split  and  ant  pltct  ruddtr 
tfftctlotntst,  baatd  on  Sp 

If  •-J*.  0* 


ACyp 


FIO  t.  Split  ruddtr  offocllvtntst  aynthttls 
a_>  Sm >  dt  *o* 

- ttsts  mulls  typt  E 

- Inttr-and  tntrapolatlons  from  4j>0*and  10*1  flutd  I 

- approximation  for  pCyF  from  tquatlon  In  2.3 


2.3  Discussion  of  rudder  effectiveness 


Fig.  7  shows  the  effectiveness  of  the  split-rudder  in  comparison  to  the  original 
one-piece  rudder.  The  lower  rudder  has  a  somewhat  larger  effectiveness  -  partly  due  to 
the  split  at  38  %  but  also  possibly  due  to  the  end  plate  effect  of  the  fuselage  and 
tailplane.  Through  interpolation  and  extrapolation  of  the  test  results  the  curves  in 
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fig.  8  have  been  obtained  for <5ri  2  =  5°  and  1 5°  (fixed> •  An  approximation  has  been 


developed  for  any  required  combination  of  fixed  and  movable  rudder.  Thus  for  the  ranges 
of  rf.  .  =  O°to  -15°  (movable)  and  dr,  ,  =  -15°  to  -30°  (movable)  linear  approximations 

'  9  *  1  t  *■  -  O 

have  been  derived.  The  error  due  to  this  approximation  is  very  small  up  toori  2  “-1° 
(fixed).  The  following  table  shows  the  results: 


<fr 

r1.2 

(movable) 

0°  to  -15° 

-15°  to  -30° 

ACYp 

based 

on 

SF 

tfr 

r2 

(fixed) 

0.630  <5‘r1  +0.61 3  d>  2 

0630tfri  +(Q547tfri+0.756)tfr2 

(fixed) 

0.630  tf  r2  +  ( 061 3-0.482  tf,2 )  tfM 

0.630dY2  +  0739tfri 

3.  EFFECT  OF  LANDING  FLAP  SWEEP  ON  AERODYNAMIC  CHARACTERISTICS 

3 . 1  Introduction 

The  lateral  characteristics  of  swept  wings  whose  flaps  have  swept  hinge  lines  can 
be  relatively  strongly  affected  by  flap  extension.  For  instance,  the  rolling  moment  due 
to  yaw  of  swept  forward  wing  can  be  changed  from  stable  to  instable;  in  comparison  that 
of  a  swept  back  wing  can  be  made  too  stable  with  consequent  dutch  roll  tendencies. 
Should  a  stability  augmentation  system  not  be  desirable,  a  wing  dihedral  must  be  chosen 
which  gives  a  satisfactory  compromise  in  lateral  characteristics  between  the  flaps 
retracted  and  flaps  extended  case.  As  a  further  possibility  the  reduction  of  the  sweep 
of  the  flap  hinge  line  during  the  extension  process  has  been  investigated  f) 2]  in  order 
to  reduce  the  change  in  lateral  characteristics. 


3.2  Geometry 

Table  1  and  fig.  9  show  the  geometry  of  the  isolated  swept  forward  wing  and  flaps 
IVa  and  ivb  as  investigated  in  the  wind  tunnel.  For  this  wing  the  dihedral  was  8°,  for 
the  wing  with  flaps  IVc,  fig.  10,  6°.  The  expected  aerodynamic  characteristics  of  flap 
IVc  which  had  a  hinge  line  sweep  of  -16°  are  interpolated  from  flap  IVa  with  -24°  and 
IVb  with  -9°.  Various  advantages  and  disadvantages  of  forward  sweep  are  summarised  in 
G3]  . 


3.3  Discussion  of  flap  characteristics 

Fig.  11  shows  the  measured  Q _  and  the  lateral  derivatives  at  the  various  flap 

MTtax 

settings  for  flaps  IVa  and  b.  The  dashed  line  shows  the  expected  values  for  flap  IVc. 


SRANWISE  SECTION  AT  80%  c 


OUTER: 

LARGE  TRANSLATION 


INNER:  "S\  \ 

SMALL 

TRANSLATION 


MAXIMUM  FLAP  DEFLECTION  <ff  *60* 


Windtunntl  model  geometries  of  troiling-edge 
flops  S3  a  and  IZb 


FIG  10.  Planned  trailing-edge  flap  geometry  He 
(  not  wind  tunnel  tested  ) 


Extension  of  the  double  slotted  flaps  IVa 

JO  — - - - — ^ 

to  the  landing  setting  produce  a  c_  _ .J, 

ACi  of  0.8  (table  4).  In  comparison  ma"  — i 

lUdX  j  q  _  *7  -  - - . 

flaps  ivb  produce  a  AC|_max  of  only  0.4, 
this  loss  being  due  to  the  division  of  the 

flaps  into  two  segments  and  also  due  to  cruise  take-off  landing 

them  being  single-slotted.  For  the  single  0  o* _ xr _ w  if 

segment  double  slotted  flaps  IVc  no  loss  cBp  ^ _ J 

is  expected  in  comparison  to  flaps  IVa.  unstable  |  ~~~~~ — tji 

The  lateral  derivatives  are  dramatically  at0 

influenced  by  the  sweep  of  the  flap  hinge  Cjp 

line.  Thus  Qip  and  C|p  which,  with  swept  ppj 

forward  wings,  tend  to  unstable  values  as 

a  result  of  conventional  flap  extension  0 

(IVa)  remain  almost  constant  with  extension 

of  flaps  IVb.  The  values  are  given  for  otw>-4°, 

however  similar  tendencies  are  obtained 

from  a„-0°  up  to  0CC|  .  The  large  change 

i- max  “0.10 

in  lateral  derivatives  for  conventional 

flaps  can  be  so  explained  that,  with  forward  F,°  n-  EW«et  on  Clj^-C^,  and  C^dut  to  translation 

, ,  ,  ,  .  ,  ,  of  hlng*  ails  from  wing  alon*  al  4* 

sweep  the  flaps  on  the  wing  yawed  into-wind  — o-on*pi*e.  doubt,  slotted  (lop  Ho 

have  a  larger  effective  angle  of  sweep  and  ---om  XSS»  HX? n'tO? St («pkm  vai 

are  thus  less  effective  as  the  flaps  on  the  fiigM  t*sts  at  R«7 -to' with  flop  I7a 

out-of-wind  wing.  With  swept  back  wings  the 

opposite  is  the  case.  Fig.  12  shows  the  lay-out  of  the  flaps  required  to  give  the 
smallest  change  in  the  lateral  derivatives  for  swept  forward  and  swept  back  wings. 


Effect  on  CLma«,Cnp  and  C|pdu*  to  translation 
of  hlngo  ails  from  wing  alon*  at  «* 

— o —  onopioco  doubt*  slotted  flop  Ha 
— * —  two  pl*c*  tlmplo  slotted  flap  17 b 

- on*  pf*c*  doubt*  slott*d  flap  He  (np*ct*d  valuos  ) 

— A—  flight  t*sts  at  Rar7  -  to*  with  flap  I7a 


Effects  on  coefficients  due  to  movement  of  the 


t..'.  flap  from  cruise  to  landing  position 


Fig.  11 


Measured  values 

Expected  values 

Wing 

IV  a 

IV  b 

IV  c 

Conf ig . 

One  piece 

Two  piece 

One  piece 

double  slotted 

single  slotted 

double  slotted 

Sweep  of 

hinge  axis 

-24° 

-  9° 

-16° 

ACLmax 

0.8 

0.4 

0.8 

-0.03 

+0.01 

-0.01 

+0.  24 

+0.03 

+0.  1 1 

Table  4.  Measured  and  expected  aerodynamic  effects  due  to  movement 

of  trailing  edge  flaps  from  6f  =  0°  - •-  60° 

for  the  example  wing  shown  in  Fig.  9  and  10 


4. 


CONCLUSIONS 


Incompressible  effects  of  vortex  generators,  elevator  slots  and  boundary  layer  on 
tailplanes  and  elevator  effectiveness  are  described.  At  negative  elevator  angles  vortex 
generators  increase  the  elevator  effectiveness  by  about  14  %;  on  the  other  hand  closing 
the  elevater  slot  reduces  the  effectiveness 


by  17  %  to  27  %  depending  on  the  incidence. 
The  changes  in  drag  for  a  typical  trimmed 
tailplane  setting  in  cruise  are  around 


A  C„ 


,-4 


+  10  x  10  for  the  respective  case 


(based  on  St)  . 


The  remaining  effectiveness  of  a  split 
rudder  with  either  fixed  lower  or  upper 


rudder  is  given.  The  change  in  cn  and 


clp  due  to  extension  on  swept  wings 


can  be  greatly  reduced  by  varying  the  sweep 
of  the  flap  hinge  line  during  extension. 
Thus  the  lateral  derivatives  can  be 
improved  compared  to  aircraft  with 
conventional  flaps. 
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ROUND  TABLE  DISCUSSION 

Chairman:  Professor  Young  UK:  Ladies  and  Gentlemen,  as  you  will  see  at  this  table  are  sitting  various  people  who 
have  very  kindly  given  invited  talks  surveying  different  aspects  of  the  subject.  1  am  going  to  call  on  each  in  turn  to  offer 
their  views  as  to  what  has  emerged  as  a  result  of  the  Symposium  of  importance  in  their  particular  area  of  interest  and 
what  they  see  as  the  major  problems  in  those  areas  to  which  they  would  like  to  draw  attention  and  to  which  we  should 
direct  future  research.  Now  let  me  just  remind  you  who  they  are. 

At  my  extreme  right  is  Dr  Jean  Ross  of  the  RAE,  Earnborough,  and  she  will  survey  what  we  have  covered  by  way  of 
experimental  data.  On  her  left,  is  Dr  Korner  of  the  DFVLR,  Germany,  and  he  will  deal  with  the  theoretical  aspects  of  the 
subject.  Then  we  have  Dr  Kehrer  of  Boeing,  USA.  who  will  look  at  the  subject  of  novel  controls  for  highly  manoeuvrable 
aircraft.  On  my  left,  is  Dr  Johannes  of  the  Wright-Patterson  Air  Force  Base,  USA  who  will  survey  what  has  been  said 
about  controls  for  ACT;  and  next  to  him  Dr  Scolatti  of  McDonnell  Aircraft  Company  who  will.  1  hope,  deal  with  the 
subject  of  direct  force  controls.  Last  but  not  least  is  Philippe  Poisson-Quinton  of  ONERA.  France,  who  is  going  to  offer 
some  general  comments  on  what  we  have  covered,  lie  claims  that  he  is  only  a  flight  mechanics  specialist,  he  is  of  course 
a  senior  member  of  the  Flight  Mechanics  Panel.  However,  he  is  actually  a  very'  versatile  aerodynamicist  and  can  talk  on 
most  aspects  of  aerodynamics  with  great  expertise:  but  for  this  morning  he  is  going  to  look  at  what  we  have  covered  in  a 
general  way,  particularly  from  the  point  of  view  of  flight  mechanics.  Now,  1  am  going  to  ask  each  one  in  turn  to  speak 
for  perhaps  five  minutes  and  then  we  will  call  on  you  the  participants  to  offer  any  comments  or  questions  that  you  would 
like  to  raise.  Please  feel  free  to  join  in  the  discussion.  The  only  inhibition  on  you  is  the  fact  that  this  discussion  is  being 
recorded  so  will  you  please,  if  you  have  anything  to  say,  and  I  hope  you  will  have  a  great  deal  to  say,  give  your  name  and 
affiliation  before  you  start.  Without  more  ado  1  ask  Dr  Ross  to  speak  first.  Dr  Ross: 

Dr  Ross  UK:  1  must  begin  by  explaining  that  although  i  am  attempting  to  review  some  of  the  experimental  data  that 
we  have  been  learning  about  during  the  symposium,  I  am  actually  a  user  of  such  data,  rather  than  a  producer  of  it.  Most 
of  my  work  is  involved  with  devising  mathematical  models  of  the  aerodynamics  to  be  used  in  flight  dynamics  problems, 
specifying  the  form  of  the  mathematical  model  and  numerical  values  to  be  used.  I  do  have  some  experience  in  obtaining 
data  from  flight  tests,  and  comparing  them  with  results  from  wind-tunnels,  but  I  cannot  really  comment  on  any  of  the 
experimental  wind-tunnel  techniques  that  have  been  described.  Last  Monday  1  tried  to  summarize  the  work  areas  that  we 
thought  needed  attention.  Looking  through  the  conference  papers  1  find  that  they  have  contributed  some  experimental 
information  to  most  of  the  points  we  made,  although  there  is  still  much  more  to  be  done.  So  1  thought  I  would  use  the 
same  headings  for  a  few  comments. 

First,  for  correlation  of  the  experimental  data.  We  have  had  numerous  examples  of  how  difficult  this  will  be.  There 
have  been  contradictory  findings,  as  far  as  l  can  judge,  on  the  oscillatory  characteristics  of  control  surfaces  and  spoilers. 
There  has  been  some  attempt  at  correlating  data  on  relatively  simple  cruciform  control  surfaces,  and  this  has  yielded 
some  rather  scattered  results.  We  had  flight  and  tunnel  comparisons,  some  of  which  are  so  excellent,  on  the  F  1 S  in 
particular,  that  we  begin  to  wonder  why  they  are  so  good,  and  some  on  other  aircraft,  for  example  the  flap  spoiler,  where 
the  discrepancies  give  us  food  for  thought  too.  We  certainly  added  to  the  data  base  of  experimental  results  and  also 
certainly  on  an  ad  hoc  basis  and  so,  as  1  say,  the  correlation  is  going  to  be  very  difficult. 

Secondly,  we  had  some  papers  describing  flow  fields  and  their  associated  interference  effects  and  perhaps  all  1  can 
say  on  these  is  that  the  nonlinearities  and  the  unexpected  results  which  have  been  demonstrated  emphasize  the  need  for 
more  work.  We  did  learn  of  some  of  the  large  interference  effects  for  segmented  flaps,  for  example,  which  will  be 
important  for  active  control  technology  applications. 

Thirdly,  we  also  asked  for  more  data  on  novel  controls  and  most  of  the  remarks  on  these  1  will  leave  to  Mr  Scolatti. 
One  point  that  I  have  found  disappointing,  is  that  we  have  not  learned  very  much  about  ways  of  increasing  effectiveness. 
We  have  all  been  aiming  at  achieving  reasonable  levels  of  control  power,  especially  at  high  angle  of  attack,  but  we  have 
examples  of  where  we  fall  short  of  requirements.  The  paper  describing  the  YC  14  blown  surface  flaps  was  really  the  only 
one  which  achieved  anything  in  this  direction.  We  had  not  mentioned  dynamic  effects  as  needing  more  experimental 
work,  partly  because  I  was  unsure  about  the  importance  in  regard  to  active  control  technology  (although  I  hasten  to  add. 
except  for  systems  delaying  the  onset  of  flutter  or  for  load  alleviation  systems).  In  discussions  I  had  detected  uncertainty 
amongst  others  as  well,  about  the  frequency  ranges  that  might  be  required  and  experimenters  need  to  cover:  perhaps  this 
is  a  point  for  d  scussion  and  there  might  be  some  members  of  the  audience  with  experience  in  this.  Lastly.  I  have  been 
encouraged  to  find  that  we  have  had  some  papers  which  take  a  whole  problem  from  the  wind-tunnel  results,  through 
simulation,  and  eventually  to  a  flight  test  programme,  testing  one  of  the  active  control  systems.  Most  of  these  have  been 
on  one  particular  system  and  so  the  problem  of  integrating  them  all  remains,  but  I  think  the  results  that  we  have  seen 
support  the  statement  that  Mr  Thomas  and  I  made  at  the  beginning,  that  experimental  data  on  control  characteristics 
have  increasing  importance  in  this  active  control  technology  era.  Thank  you. 

Professor  Young  -  UK:  Thank  you  Dr  Ross.  Well  with  those  opening  remarks,  we  can  now  look  to  the  audience  to  offer 
any  comments  or  questions  but  perhaps,  before  we  do  that,  I  should  like  to  ask  Mr  Thomas  if  he  has  anything  he  would 
like  to  add  to  what  Dr  Ross  has  just  said. 

Mr  Thomas  -  UK:  Well,  Dr  Ross  knows  what  she  is  and  M.  Poisson-Quinton  knows  what  he  is,  1  am  afriad  I  don't  know 
whether  1  am  aerodynamicist  or  a  flight  dynamicist.  Anyhow,  be  that  as  it  may,  1  sit.  1  think,  somewhat  uneasily  between 
the  two  fields  so  I  would  like  to  take  up  some  points  which  will  wander  about,  Mr  Chairman,  from  the  aerodynamics  to 
the  dynamics.  1  like  to  take  up  first  the  point  that  them  has  been  an  emphasis  in  this  conference  on  what  conventional 
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control  can  do  in  an  ACT  context.  To  direct  the  aerodynamic  and  the  fluid  dynamic  research  in  the  right  direction  we 
need  to  clarify  the  matter  of  whether  there  must  be  an  emphasis  on  ( 1 )  increased  effectiveness  and  ( 2 )  novel  forms  of 
control.  Now  and  again  in  the  course  of  the  presentations,  we  were  given  the  impression  that  there  were  deficiencies  in 
certain  areas,  as  regards  the  effectiveness.  Something  interesting  has  emerged  on  segmented  control  surfaces  both  spoiler 
and  flap  type  and  the  question  here  I  think  is:  have  we  achieved  the  most  efficient  means  of  distributing  contro)  action'’ 
Has  giving  a  smooth  surface  to  the  control,  any  place  in  this  connection. 

More  basically,  in  some  of  the  investigations  of  the  more  novel  controls,  there  seems  to  be  a  tendency  to  f;  II  into 
one  or  two  categories:  one  that  aimed  at  understanding  in  a  very  basic  and  detailed  way  the  flow,  the  other,  the  more  ad 
hoc  direct  acquisition  of  data.  What  we  need  is  a  happy  marriage  of  these  two  attitudes  to  get  the  best  out  of  our  work, 
especially  as  with  present-day  aircraft  layouts  the  aerodynamic  characteristics  are  so  configuration  dependent. 

Another  question  not  adequately  addressed,  is  how  strongly  we  feel  about  making  available  the  capability  of  side¬ 
ways  translation  and  rotation  and  if  so  the  aerodynamic  power  requirements  for  these.  There  were  a  number  of  papers 
on  canard  layouts,  and  there  was  a  suggestion  that  there  may  be  no  place  for  the  canard  in  future  designs.  Perhaps  this  is 
so  as  a  trimming  and  manoeuvring  control  in  its  present  form,  but  this  is  surely  only  a  way  of  saying  to  the  aero- 
dynamicists  go  back  and  have  another  think.  In  concentrating  on  the  most  difficult  of  our  theoretical  problems,  we  are 
all  guilty  of  being  somewhat  complacent  about  the  agreement  of  theory  and  experiment  in  those  areas  where  the  flow  is 
more  amenable  to  analysis.  Professor  Hancock’s  comments  are  timely  and  I  would  reinforce  them.  We  must  be  careful 
of  ignoring  or  dismissing  discrepancies  between  windtunnel  results  and  derivative  obtained  from  flight  data.  Here,  I  found 
Mr  Agnew’s  problem  of  the  CM  Delta  E  disturbing.  Finally  I  was  encouraged  to  hear  Dr  Johannes  express  the  opinion 
that  we  still  needed  to  know  the  aerodynamics  to  a  high  accuracy  even  if  the  design  success  depends  somewhat  less  on  the 
particular  value.  Thank  you. 

Professor  Young  -  UK:  Thank  you.  Well  now  has  anyone  got  any  particular  comments  or  questions  on  the  points  that 
have  been  mentioned  by  Dr  Ross  and  Mr  Thomas.  They  touched  on  a  number  of  quite  important  points  and  I  am  sure 
that  there  must  be  some  strong  feelings  about  them.  If  I  may  just  remind  you  of  one  that  Dr  Ross  raised;  the  uncertainty 
there  is  about  the  importance  of  dynamic  effects  and  the  frequency  range  to  concentrate  on.  Would  anyone  like  to 
comment  on  that? 

Mr  Back  -  UK:  I  think  one  of  the  messages  which  has  come  through  to  me  is  the  uncertainty  which  we  have  on  the 
dynamic  effects  of  spoilers  and  if,  in  the  future,  we  are  looking  for  large  amounts  of  load  alleviation  on  the  wing,  maybe 
the  only  control  we  have  available  is  the  spoiler;  and,  in  this  respect,  if  we  are  not  going  to  get  adequate  dynamic 
response  from  the  spoiler  we  may  have  to  re-think  the  total  gain  which  is  going  to  be  available.  This  is  one  of  the  areas 
where,  particularly  in  the  civil  market,  one  is  looking  for  significant  improvements  in  the  future,  and  an  adequate  experi¬ 
mental  background  of  dynamic  response  may  not  only  be  necessary  from  the  tunnel,  but  also  from  adequate  full  scale 
investigations. 

Professor  Young  -  UK:  Thank  you  Mr  Back.  Mr  Thomas: 

Mr  Thomas  -  UK:  On  this  question  of  the  dynamic  effects,  if  by  that  we  mean  unsteady  effects,  I  think  one  thing  is 
certain,  that  is,  we  need  these  to  be  included  for  flutter  suppression;  we  may  have  to  include  them  for  load  alleviation  on 
the  wing;  we  may  also  need  them  for  ride  control  and  things  like  that.  Since  we  have  at  least  one  candidate  for  which  we 
are  pretty  certain  we  need  them,  we  have  got  to  get  them. 

M.  Destuynder  -  France:  Je  voudrais  dire  quelques  mots  en  ce  qui  conceme  les  bandes  de  frequence.  Dans  la  plupart  des 
exposes  qui  ont  ete  faits  on  a  parle  d’effets  instationnaires  mais  qui  restent  du  qua?:i  stationnaire  en  ce  sens  que  les  forces 
induites  sur  I’aile  par  des  spoilers  ou  par  des  gouvernes  sont  en  phase  avec  les  mouvements  de  ces  gouvemes.  Dans  les 
problemesde  flottement  ou  I’on  atteint  des  bandes  de  frequences  infinimeni  plus  elevees.  la  notion  de  forces  instation¬ 
naires  prend  tout  son  sens  dans  le  fait  qu’il  faut  introduce  des  phases,  et  le  probleme  est  tres  grave  parce  que  si  dans  des 
contrdles  de  portance  ou  dans  des  controles,  meme  de  rafales,  I’efficacite  du  controle,  meme  si  elle  n’est  pas  absolue. 
apporte  toujours  quelque  chose;  dans  les  problemes  de  flottement  intervient  une  autre  idee,  c’est  la  notion  de  marge.  Si 
le  controle  est  inefficace,  on  perd  l’avion  cela  veut  dire  que  si  la  prevision  est  mauvaise  on  peut  alter  a  une  catastrophe, 
et  dans  ce  sens  les  frequences  ^levies  sont  infiniment  plus  difficiles  a  trailer,  que  ce  soit  en  theorie  ou  en  experience, 
que  les  basses  frequences,  que  celles  du  controle  de  portance  ou  du  controle  de  rafale,  parce  qu’elles  font  intervenir  en 
plus  des  connaissances  thdoriques  complexes  sur  les  forces,  des  notions  de  transfert,  (par  exemple  d’une  servo  commande 
qui  pilotera  le  spoiler  ou  qui  pilotera  I’aileron).  En  plus  elles  ne  peuvent  agir  que  dans  des  bandes  relalivement  ytroites 
parce  qu’il  est  impensable  de  faire  un  controle,  par  exemple  de  flottement.  sur  tous  les  modes  de  structures.  C’est  un  non 
sens;  on  arrivera  necessairement  a  une  instability  de  serait-ce  que  par  le  fait  que  la  fonction  de  transfert  d’une  servo 
commande  balaiera  tout  le  plan  de  frequences  et  tout  le  plan  des  phases.  C’est  pour  cela  que  je  voudrais  insister  sur  le 
dlcouplage  qui  existe,  a  mon  avis,  entre  les  controles  purement  instationnaires.  qui  eux  font  appel  a  des  notions  de  phases 
sur  les  forces,  par  rapport  aux  id^es  du  controles  stationnaires  ou  quasi  stationnaire  qui  ont  yty  developpys  jusqu’a  present. 
La  notion  de  marge  de  security  qui  n’intervient  pratiquement  pas  dans  les  controles  stationnaires  ou  quasi  Mationnaires 
est  un  yiyment  nouveau  qu’il  faut  faire  rentrer  en  ligne  de  compte  dans  les  phenomenes  instationnaires  a  fr  quences 
yievyes,  comme  le  controle  du  flottement. 


I  would  like  to  say  a  few  words  on  frequency  bands.  The  authors  of  most  of  the  papers  presented  at  this  meeting 
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have  considered  non-stationary  effects  which,  however,  remain  quasi-stationary  effects,  because  the  forcesgenerated  on 
the  wing  by  spoilers  or  control  surfaces  are  in  phase  with  the  motions  of  these  control  surfaces.  In  flutter  problems, 
where  much  higher  frequency  bands  are  reached,  the  notation  of  non-stationary  forces  becomes  quite  significant,  as 
phases  have  to  be  introduced.  1'he  problem  is  very  serious,  because,  while  the  efficiency  of  the  control,  even  if  not 
perfect,  plays  a  part  in  lift,  or  even  gust  control,  an  additional  nolion  has  to  be  taken  into  account  in  flutter  problems: 
the  margin  notion.  If  the  control  is  inefficient,  the  aircraft  is  lost;  that  is  to  say,  poor  predictions  may  result  in  a  disaster. 
Therefore,  high  frequencies  are  much  more  difficult  to  handle  either  theoretically  or  experimentally,  than  low  frequencies 
as  in  lift  or  gust  control  because  they  imply,  in  addition,  complex  theoretical  knowledge  of  forces  and  transfer  (for 
instance,  servo-control  for  the  spoiler  or  the  aileron).  In  addition,  they  can  only  operate  within  relatively  narrow  bands, 
as  flutter  control  on  all  the  structure  modes,  for  instance,  is  out  of  the  question.  This  is  meaningless.  We  shall  necessarily 
be  led  to  unsteadiness,  be  it  only  due  to  the  fact  that  the  transfer  function  of  a  servo-control  will  sweep  the  whole 
frequency  range  and  the  whole  phase  range.  For  this  reason,  1  would  like  to  emphasize  the  de-coupling  which  exists.  I 
think,  between  purely  non-stationary  controls,  where  force  phases  are  taken  into  consideration,  and  stationary  or  quasi- 
stationary  controls  such  as  they  have  been  developed  so  far.  The  safety  margin  notion,  which  does  not  have  to  be  taken 
into  account  in  stationary  or  quasi-stationary  controls,  is  a  new  element  which  has  to  be  borne  in  mind  in  high  frequency 
non-stationary  phenomena,  such  as  flutter  control. 

Professor  Young  -  UK:  Thank  you  Mr  Destuynder.  Very  interesting  comment.  Does  anyone  else  wish  to  comment? 
l)r  Orlik  Kuckemann 

Dr  Orlik-Ruckemann  -  Canada:  I  would  like  to  address  the  question  of  what  kinds  of  control  derivatives  are  needed  for 
an  efficient  design  of  an  active  control  system,  how  much  of  the  information  needed  do  we  already  have,  and  where 
should  we  go  from  here.  From  the  information  presented  at  this  symposium  it  appears  that  the  most  needed  control 
derivatives  are  the  lift  and  hinge  moment  derivatives  of  oscillating  controls;  this  includes  the  static  as  well  as  to  some 
extent  also  the  dynamic  derivatives,  that  is  derivatives  with  respect  to  the  deflection  of  a  control  surface  and  to  the 
ru;,  of  change  of  this  deflection,  respectively.  Several  speakers  presented  data  on  these  derivatives,  but  in  many  cases 
rather  large  discrepancies  were  reported  between  the  analytically  predicted  and  the  measured  values.  In  an  effort  to 
clarify  the  reasons  for  these  discrepancies,  the  in-phase  and  the  out-of-phase  pressure  distributions  on  oscillating  control 
surfaces  (and  spoilers)  were  measured,  such  as  reported  by  Grenon  for  two-dimensional  cases  and  by  Destuynder  and 
Mabey  for  three-dimensional  ones.  Experimental  techniques  for  measuring  the  unsteady  pressures  on  oscillating  surfaces 
seem  to  be  well  in  hand  in  several  countries,  such  as  in  France,  the  UK  and  the  Netherlands;  however,  the  techniques  to 
measure  the  control  derivatives,  especially  the  dynamic  ones,  are  not  so  widely  available  and  at  the  present  time  seem  to 
be  limited  mainly  to  the  UK.  The  existing  analytical  techniques  appear  fairly  adequate  for  2D  subcritical  cases,  especially 
if  corrections  for  thickness  and  boundary  layer  effects  are  included,  even  if  we  still  do  not  know  what  agreement  would 
he  obtained  in  these  conditions  with  regard  to  the  total  forces  or  total  hinge  moments  I  suspect  that  some  discrepancies 
would  still  remain.  However,  the  overall  situation  in  these  cases  is  not  too  bad  and  any  further  improvements  in  our 
techniques  would  probably  bring  greatly  diminishing  returns. 

The  situation  is  much  less  satisfactory  in  three-dimensional  cases  and  for  supercritical  flows;  the  data  presented  at 
the  symposium  showed  that  rather  large  discrepancies  still  exist  even  in  pressure  distributions  and  phase  angles.  Also 
indicated  was  the  large  effect  that  transition  location  may  have  on  this  type  of  data.  Further  work  in  these  areas  is 
certainly  needed.  In  general,  however.  I  wonder  how  far  we  should  go  in  trying  to  improve  our  analytical  or  experimental 
methods  before  we  ask  ourselves  the  question  of  what  level  of  agreement  or  accuracy  we  would  be  prepared  to  consider 
sufficient  and  acceptable.  May  be  it  could  be  useful  at  this  time  to  conduct  some  kind  of  a  sensitivity  study  of  the  type 
we  discussed  a  year  ago  at  the  Symposium  on  Dynamic  Stability  Parameters  in  Athens,  where  the  relative  importance  of 
various  stability  derivatives  was  assessed.  So  far  I  have  not  heard  of  any  such  attempts  made  in  connection  with  control 
derivatives.  Perhaps  those  of  us  who  are  involved  in  designing  active  control  systems  could  conduct  such  a  study  without 
too  much  difficulty? 

Professor  Young  -  UK:  Well  perhaps  we  should  move  on  to  our  next  speaker  and  no  doubt  some  of  the  important  points 
that  have  been  raised  will  come  up  again  in  the  course  of  our  discussions.  I  will  now  ask  Dr  Korner  to  offer  his  comments 
on  the  theoretical  aspects  of  the  subject  that  have  emerged  from  our  discussions. 

Dr  Komer  -  FRG:  Only  a  few  papers  within  this  meeting  have  been  concerned  with  theoretical  work.  This  is  specially 
valid  for  the  development  of  new  algorithms  but  it  is  also  valid  for  the  use  of  these  methods  for  the  design  of  control 
devices.  Some  more  papers  have  been  given  where  theoretical  methods  have  been  checked  with  the  experimental  results. 

Now,  as  to  new  methods.  I  would  draw  your  attention  to  the  paper  of  Grenon.  Desopper  and  Sides  who  have  shown 
remarkable  results  achieved  with  the  finite  volume  technique  based  on  the  Euler  equations.  They  also  showed  theoretical 
results  which  incorporated  unsteady  boundary  layer  calculations  evaluated  with  integral  methods  following  the  lines  of 
Michel  and  I  think  these  results  given  here  for  subsonic  flow  look  quite  promising.  Nevertheless  the  question  of  the  Kutta 
condition  in  these  cases  is  still  open.  I  would  like  to  draw  your  attention  to  another  paper,  the  paper  by  Gerstcn  and 
Gluck,  which  showed  the  influence  of  shear  flow  on  the  characteristics  of  a  wing.  I  think  this  pilot  work  is  quite 
important  since  it  gives  us  some  impression  how  to  incorporate  this  phenomenon  into  more  complicated  methods  to 
calculate  complex  configurations.  I  hope  that  also  current  gap  investigations  will  bring  us  similar  framework  which  can 
be  incorporated  in  more  complicated  methods. 
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Several  authors  have  compared  experimental  investigations  with  theoretical  results,  but  here  the  experimental  part, 

I  think,  was  more  important  than  the  theoretical  part.  Some  very  interesting  results  were  given  in  Mabey’s  paper  whose 
special  merit  lies  in  providing  high  quality  data  and  who  also  shows  the  deficiencies  still  existing  in  linear  subsonic  theory 
especially  the  discrepancies  in  phase  shift.  This  leads  to  a  somewhat  general  comment  as  to  the  value  of  experimental 
results  for  theoretical  methods.  The  first  point  is  that  we  need  experimental  data  for  the  clarification  of  the  physics, 
learning  where  vortices  exist,  where  a  vortex  bursts,  what  the  phenomenology  of  shock-boundary-layer  interaction  is,  etc. 
This  clarification  is  necessary  to  establish  appropriate  models  for  theoretical  methods.  Secondly  there  is  need  for  experi¬ 
mental  data  as  pressure  plots  and  forces  for  comparison  with  theory.  Such  experiments  must  give  high  quality  data.  A 
critical  point  here  are  the  wind  tunnel  corrections  especially  at  transonic  speed. 

When  1  come  to  summarize  what  is  my  impression  1  would  again  like  to  say  what  1  said  in  my  presentation  at  the 
beginning  of  this  meeting  on  Monday.  In  my  view  for  subsonic  and  supersonic  flow  powerful  prediction  methods  on  the 
basis  of  linear  theory  exist.  Although  there  are  still  shortcomings  due  to  a  viscous-inviscid  interaction,  these  methods  are 
appropriate  in  the  technical  sense  for  estimation  of  lift-dependent  data.  As  to  the  drag-dependent  data,  theories  are  still 
insufficient.  In  the  transonic  region,  methods  have  been  developed  which  have  still  large  deficiencies  and  the  question, 
what  will  be  the  most  powerful  methods  for  the  future  is  still  open.  The  strong  viscous-inviscid  interaction  complicates 
the  problem  extremely.  As  to  the  leading  edge  vortex  flow  appropriate  methods  exist  which  give  information  for  lift 
dependent  data.  For  separate  flow  without  primary  structures  the  development  of  methods  for  the  solution  of  Navier- 
Stokes  equations  for  simple  configurations  is  under  way.  Some  special  hybrid  methods  have  their  merits. 

Now.  what  are  the  requirements  for  the  future:  As  to  theoretical  methods  it  seems  not  appropriate  to  give  a  detailed 
catalogue  of  necessities  since  theories  have  not  been  discussed  at  this  meeting  in  detail,  but  I  would  like  to  point  out  one 
thing,  which  seems  most  important  to  me.  There  is  much  need  to  have  detailed  theoretical  and  experimental  investiga¬ 
tions  in  problems  where  viscous-inviscid  interaction  occurs,  especially  investigations  of  separated  flows,  may  be  with 
primary  structures,  may  be  without  primary  structures.  1  think  that  these  informations  must  be  the  basis  to  come 
forward  in  the  evaluation  of  separated  flow,  the  key-problem  for  us  aerodynamicists  for  the  future.  The  theoretical 
solutions  given  by  Deiwert,  Steger  and  Lomax  and  others  show  that  there  is  a  real  way  but  we  must  not  forget  that  it  is 
necessary  also  to  look  after  the  physics,  what  we  are  doing  there  and  how  to  model  it  in  the  right  way.  Therefore  when  1 
come  back  to  Braunschweig  on  Monday.  1  will  be  in  the  Braunschweig  low-speed  wind  tunnel  for  several  days  to  look 
after  the  flow  of  some  very  strange  wings.  Thank  you. 

Professor  Young  -  UK:  Well  Dr  Korner  raised  a  number  of  points  of  considerable  interest.  Has  anyone  got  anything 
they  would  like  to  offer  by  way  of  comment  or  question?  Seems  not  for  the  moment.  In  that  case  we  will  pass  on  to 
Mr  Kehrer. 

Mr  Kehrer  -  USA:  This  has  been  a  very  interesting  and  rewarding  symposium.  My  overall  impression  of  the  papers 
presented  at  the  symposium,  and  1  think  that  it  is  typical  of  most  technical  symposiums,  is  that  for  the  most  part  the 
papers  seem  to  generate  more  questions  than  answers.  1  think  the  papers  that  presented  neatly  packaged,  conclusive, 
experimental  or  theoretical  results  were  the  exception  rather  than  the  rule.  I  am  not  intending,  of  course,  to  be  critical, 
that  is  typical  and  1  think  is  a  very  healthy  situation.  Whenever  you  delve  into  any  specific  area  of  technology  you  tend 
to  open  doors  that  lead  into  all  sorts  of  avenues. 

In  our  work  at  Boeing,  in  the  military  airplane  organization,  we  are  looking  at  some  very  unusual  advanced  aircraft. 
In  these  cases  we  tend  to  wave  the  magic  wand  called  “active  control”  and  say  that  this  is  the  way  we  are  going  to  solve 
all  our  problems.  We  are  attempting  for  example  to  design  aircraft  that  have  no  empennage  surfaces  at  all,  that  is;  no 
vertical  and  no  horizontal  surfaces  to  help  stabilize  the  aircraft.  So  we  are  examining  all  sorts  of  strange  controls  to  use 
to  stabilize  these  vehicles.  The  problem  that  we  see  most  of  all  is,  and  this  has  been  commented  on  rather  extensively  here 
in  the  symposium,  is  the  discouraging  lack  of  good  correlation  between  theory  and  experimental  data.  This  is  particularly 
true  in  the  areas  that  are  involved  in  designing  an  active  control  vehicle.  When  controllability  becomes  the  design 
criterion  rather  than  inherent  aerodynamic  stability,  you  inevitably  get  into  the  very  non-linear  corners  of  the  flight 
envelope:  high  angle  of  attack  conditions,  subsonic  and  supersonic,  and  worst  of  all,  transonic,  where  theory  breaks 
down  pretty  badly.  Lacking  good  theoretical  methods,  there  is  a  compelling  need  for  building  a  better  experimental 
data  base.  This  is  what  we  tend  to  rely  on  predominantly  in  the  aeroplane  business.  Boeing,  for  example,  relies  heavily 
on  windtunnel  testing  when  designing  a  new  aeroplane.  We  in  the  business  of  looking  at  advanced  active-controls  aircraft 
are  tending  to  scrounge  wherever  we  can  for  experimental  data  base  because  we  find  problems  with  our  analytical 
approaches.  I  would  urge  that  all  of  the  agencies  involved  in  producing  experimental  data  perhaps  realign  their  research 
activities  a  little  more  into  the  areas  of  aircraft  control  and  stability.  In  recent  years  experimental  data  development  has 
placed  heavy  emphasis  on  what  I  call  “L/D  aerodynamics”,  at  the  expense  of  stability  and  control  aerodynamics.  The 
converse  should  be  the  case.  In  actuality  and  aerodynamicists  job  is  relatively  simple  in  that  he  works  generally  in  the 
low  alpha  regions  where  things  are  nice  and  linear  and  theoretical  methods  work  well.  It  is  rare  when  we  in  the  stability 
and  control  business  see  linear  characteristics.  I  would  strongly  urge  research  agencies  to  re-orient  their  research  to  build 
*  i.etter  data  base  in  the  stability  and  control  areas.  However,  at  the  same  time  I  think  that  we  should  be  working  harder 
to  try  to  develop  improved  theoretical  methods.  Here  again  I  would  agree  with  all  the  previous  remarks  regarding  the 
extreme  importance  of  developing  good  theoretical  methods  and  correlating  these  with  experimental  data  base.  We  need 
this  in  order  to  generate  confidence  in  our  own  technology,  and  in  order  to  convince  management  that  they  should  adopt 
the  approach  that  we  are  recommending  for  a  particular  design. 


There  is  another  area  in  which  I  see  a  lack  of  direction  these  days.  I  think  we  should  look  here  to  the  military 
research  agencies  for  direction  as  to  what  should  be  the  mission  requirements  for  some  of  these  future  military  products. 
In  my  paper,  for  example.  I  deliberately  looked  at  the  very  demanding  requirements  of  trying  to  develop  good 
maneuver  capability  in  an  aeroplane  that  had  been  intentionally  point-designed,  for  efficient  supersonic  cruise.  However, 
with  the  development  of  missile  performance  and  electronic  guidance  systems  there  inay  not  be  the  need  for  the  next 
generation  of  supersonic  tactical  aircraft  to  possess  such  good  maneuver  capability.  It  would  seem  appropriate  to  turn  to 
the  military  for  guidance  as  to  what  should  be  the  specific  mission  requirements  for  the  next  generation  of  military  air¬ 
craft  of  this  type.  For  example,  a  relaxation  of  the  maneuverability  requirements  could  save  a  substantial  amount  of 
engineering  development  cost  and  could  result  in  improved  aircraft  performance.  Studies  to  determine  mission  require¬ 
ments.  or  to  evaluate  the  cost  of  maneuverability  and  the  impact  on  the  aircraft  configuration  would  be  well  worth  while. 

In  closing  my  comments  l  would  like  to  say  once  again  that  1  have  enoyed  very  much  this  interesting  symposium  and 
1  hope  to  see  more  like  it.  Thank  you. 

Professor  Young  -  UK:  Thank  you  very  much  Mr  Kehrer.  Mr  Kehrer  stressed  two  interesting  points  I  though:  one  was 
the  need  for  more  attention  than  in  the  past  to  be  given  to  control  and  stability  problems,  and  the  other  point  was  the 
need  to  be  a  little  clearer  about  mission  requirements.  One  suspects  of  course,  that  if  you  ask  an  Air  Force  what  it  needs, 
it  would  say  what  can  you  give  me,  and  then  one  would  proceed  in  a  circle.  Well  has  anyone  got  any  comments  to  make 
on  those  points?  Perhaps  Dr  Johannes  may  have  comments  on  some  of  the  points  which  have  been  raised  as  well  as  his 
own  area  of  interest. 

Mr  Johannes  -  USA:  Thank  you.  I  too  would  like  to  express  my  appreciation  for  having  been  invited  to  come  to  this 
particular  meeting.  I  think  that  the  one  thing  I  got  out  of  it,  more  than  anything  else,  was  an  appreciation  of  the  need 
for  interdisciplinary  communications.  I  think  it’s  becoming  increasingly  more  important,  for  in  my  case,  the  control 
engineer  to  understand  the  language  and  the  problems  of,  in  this  specific  case,  the  fluid  dynamicist.  I  think  if  you 
attached  any  credibility  to  my  thesis  that  the  Control  Configured  Vehicles  concept  is  design  process  of  the  future,  then 
it  very  dramatically  points  out  the  need  for  this  interdisciplinary  knowledge  and  awareness. 

I  think  it  goes  even  a  bit  further  than  technologists  understanding  each  other,  also.  At  least  in  our  business,  that  is, 
the  pursuit  of  which  have  been  termed  C'CV  or  active  control  technology  and  trying  to  get  maximum  benefits,  it  is 
extremely  important  to  understand  what  the  end  result  is  supposed  to  be.  By  that  1  mean  the  desired  end  results  of  the 
vehicle,  the  airplane,  the  weapon  system.  This  I  think  addresses  what  Bill  Kehrer  was  saying.  I  don’t  think  it  is  fair  to 
expect  the  military,  the  strategists  and  tacticians,  to  be  able  to  really  tell  you  what  they  want  in  the  technical  sense.  1 
think  it  behooves  us  to  understand  what  their  problem  is  and  to  offer  them  suggestions  and  demonstrate  capabilities  to 
address  some  of  those  problems.  That  is  basically  all  1  wanted  to  say  about  that  particular  point. 

I  think  perhaps  a  means  by  which  you  folks  could  avail  yourself  of  some  additional  insight,  is  to  go  to  some  of  the 
other  AGARD  Panel  meetings  such  as  the  Guidance  and  Control  Panel  or  the  Flight  Mechanics  Panel.  I  think  attendance 
and  observation  of  the  problems  being  discussed  will  give  you  a  facility  with  the  language.  I  have  recently  become  aware 
that  those  of  us  in  the  control  discipline  do  not  communicate  our  product  very  well.  We  have  a  certain  language  that  is 
not  well  perceived  by  other  people.  We  talk  about  high  gain,  low  pass  filters  and  those  sort  of  things.  I  used  the  term  in 
my  presentation,  “two  fail  operate”,  and  afterwards  someone  asked  me  about  it.  They  had  misunderstood  what  I  meant. 

I  think  that  this  may  be  more  of  a  problem  in  the  control  discipline  than  in  other  major  disciplines. 

Let  me  implore  you  to  help  us  out  in  that  area.  I  think  that  control  does  indeed  have  a  lot  to  contribute  to  the 
future  of  aeronautical  vehicles. 

The  second  point  that  I  wanted  to  address  was  the  need  for  you  to  use  your  innovation  and  imagination  in  coming 
up  with  additional  ways  of  doing  the  things  that  the  control  engineer  says  he  would  like  to  do.  There  were  certainly  some 
examples  of  that  contained  in  the  papers  that  were  presented  during  the  proceedings.  Specifically  two  come  to  mind: 
the  use  of  fluid  injection  to  switch  vortices  from  side  to  side;  and  the  use  of  flaps  on  pylons  for  side  force  control.  I 
think  that  the  methods  that  have  been  employed  in  the  past  were  employed  because  they  were  the  only  ones  that  we 
knew  about.  If  you  can  come  up  with  additional,  or  new,  means  of  getting  the  job  that  needs  to  be  done  accomplished, 
then  together  we  can  achieve  a  more  efficient  solution.  The  final  point  that  1  wanted  to  cover  is  the  continued  need  for 
the  development  of  analytical  and  predictive  capabilities.  This  point  has  already  been  made  by  nearly  everyone  at  the 
table.  It’s  the  surprise,  it’s  the  thing  that  you  did  not  expect  to  happen,  that’s  going  to  give  you  trouble.  The  comment 
made  over  here  about  the  puiential  severity  of  an  unknown  in  case  of  active  flutter  suppression  is  certainly  valid.  1  think 
the  point  that  the  gentleman  made  over  here  about  the  need  to  know  how  accurate  we  have  to  be  in  these  predictive 
techniques  is  another  thing  that  can  be  addressed  by  mutual  understanding  of  the  technologies.  If  the  fluid  dynamicist 
knows  what  the  control  engineer  is  trying  to  do,  he  can  then,  perhaps,  judge  what  degree  of  accuracy  in  the  predictive 
techniques  is  required.  With  that  I  will  close  and  merely  add  that  I  found  this  experience  extremely  rewarding.  I  had 
no  idea  of  the  complexity  of  the  problems,  of  the  high  degree  of  complexity  of  the  problems  that  the  fluid  dynamicists 
were  addressing. 

Professor  Young  -  UK:  Thank  you  very  much  Mr  Johannes.  Again,  does  anyone  wish  to  add  anything  to  what 
Mr  Johannes  has  said? 


I 


Mr  Walker  (British  Aerospace)  -  UK:  I  can  make  a  comment  that  might  help  to  bridge  the  gap  between  the  control 
specialists  and  the  aerodynamic  specialists.  I  believe  that  we  are  now  entering  a  second  phase  of  active  control  technology. 
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During  the  first,  we  would  dream  up  ideas  for  benefiting  the  design  of  aircraft.  The  second  phase,  which  we  are  now 
entering,  is  really  putting  these  ideas  into  practice.  Here  we  come  up  against  the  problem  of  implementation,  particularly 
in  the  writing  of  soft  ware.  These  problems,  1  think,  are  going  to  mean  either  some  of  the  original  ideas  are  unacceptable 
or  we  will  need  a  very  precise  definition  of  the  aerodynamics,  particularly  in  the  non-linear  regions.  A  further  possibility 
on  the  systems  side  is  perhaps  to  develop  systems  which  are  self-adaptive,  but  we  come  up  against  the  problem  of  how 
far  should  the  theoretical  aerodynamicists  go.  In  Mr  Mabey’s  paper,  which  I  was  discussing  with  him  some  minutes  ago,  he 
was  stating  that  10°  phase  lag  was  not  acceptable  for  adaptive  flutter  and  1  was  very  doubtful  whether,  if  that  was  the 
case,  we  can  ever  achieve  accuracies  of  10°  in  theoretical  models  and  (in  practice)  between  different  types  of  stores 
configuration  and  different  types  of  distortion.  Those  are  my  main  comments. 

Professor  Young  -  UK:  Thank  you  very  much  Mr  Walker.  Are  there  any  other  comments? 

Mr  Moss  -  UK:  I  would  just  like  to  emphasize  those  remarks  made  at  the  table  just  now  about  the  need  for  inter- 
disciplinary  communication.  1  fee!  very  strongly  about  this  because  in  any  system  usually  a  balance  has  to  be  found 
between  the  degree  of  engineering  simplicity  and  the  amount  of  aerodynamic  benefit.  Very  often  the  aerodynamicist 
does  not  really  grasp  this.  For  instance  we’ve  heard  this  week  about  the  need  for  a  progressive  improvement  in  control 
aerodynamics,  leading  us  for  example  from  flaps  with  simple  hinges  to  flaps  with  slots,  flaps  with  ‘contoured’  hinges  and 
even  flaps  with  full  variable-camber  mechanisms.  The  aerodynamicist  naturally  tries  to  get  elegant  aerodynamic  solutions 
in  the  laboratory,  for  instance  to  the  problem  of  controlling  a  flap  at  the  back  of  an  aerofoil.  However,  1  think  we  have  to 
be  careful  to  get  across  to  the  other  aspects  of  this  type  of  line  of  development.  We  have  to  think  of  the  balance  that 
occurs  with  respect  to  other  disciplines.  If  I  can  quote  you  an  example  that  1  think  was  mentioned  on  Monday:  we  heard 
from  one  speaker  about  the  general  improvements  in  airframe  fatigue  life  from  the  use  of  active  controls.  But  of  course 
the  more  you  make  your  controls  work  for  you  in  this  special  way,  the  more  you  may  run  into  the  extra  problem  of 
fatigue  of  the  controls  themselves,  and  you  really  need  to  establish  a  very  close  working  relationship  with  the  engineer 
who  has  to  make  these  controls  stronger  because  of  this.  Every  novel  system  we  can  think  of  has  its  risks;  in  fact,  almost 
by  defintion  a  novel  system  is  likely  to  be  a  high-risk  system,  but  obviously  in  the  future  we  must  face  up  to  this  situation 
to  make  any  progress.  To  reduce  these  risks  we  must  first  of  all  consider  the  fundamental  aerodynamic  flows  that  are 
associated  with  our  new  device  and  we  must  obtain  a  good  understanding  of  these  in  order  to  have  the  necessary 
confidence  to  proceed. 

1  think  for  me  Andy  Skow’s  paper  yesterday  was  one  of  the  high  points  of  this  conference.  He  was  telling  us  about 
a  new  type  of  aerodynamic  control  on  aircraft  for  spin  prevention  and  recovery,  and  1  think  this  is  a  very  new  and  a  very 
exciting  prospect.  However,  this  uses  flow  mechanisms  that  very  few  of  us,  if  anybody,  can  understand  properly:  we 
can’t  model  these  flows  mathematically  very  well  and  we  can’t  even  do  reliable  windtunnel  predictions  because  of  the 
gross  scale-effects  that  accompany  such  flows.  The  biggest  problem  that  Andy  Skow  might  have,  in  fact,  could  be  to 
persuade  his  management  that,  weight  for  weight,  this  is  a  better  way  to  go  than,  say,  putting  in  a  tail  parachute,  and  it 
could  be  that  type  of  decision  that  makes  the  new  device  a  reality  or  not.  Thus  the  aerodynamicist  has  a  very  important 
responsibility  to  communicate  with  his  oppostie  numbers  in  other  disciplines  to  make  advances  in  technology. 

Professor  Young  -  UK:  Thank  you  Mr  Moss.  Any  other  comments?  If  not  I  will  pass  on  to  Dr  Scolatti. 

Dr  Scolatti  -  USA:  The  first  thing  I  would  like  to  do  is  to  thank  Professor  Young  and  Dr  Yoshihara  for  having  invited 
me  to  attend  this  important  conference.  1  also  would  like  to  extend  my  personal  thanks  to  the  members  of  the  Italian 
Air  Force  Academy  for  the  use  of  these  fine  facilities  and  also  to  the  AGARD  staff  for  their  help  and  kind  assistance. 

Since  I  have  not  attended  an  AGARD  meeting  in  over  seven  years,  1  anticipate  that  my  comments  on  this  panel 
might  reflect  a  different  view,  in  perspective  of  time,  in  comparison  with  those  of  the  panel  members  and  presenters  that 
are  more  current  in  AGARD  activities.  Several  papers  presented  new  data  on  investigations  which  were  of  high  quality, 
thought-provoking  and  in  concert  with  the  latest  state-of-the-art  in  their  respective  technologies.  My  comments  today, 
as  l  remarked  earlier  to  M.  Poisson-Quinton,  are  but  a  reflection  of  the  discussions  and  exchanges  of  thoughts  with  others 
here,  both  on  this  panel  and  those  in  the  audience.  While  the  results  of  investigations  presented  here  were  of  current 
origin,  there  were  some  recommendations  which  have  not  significantly  changed  with  the  passing  of  time. 

For  example,  a  particular  note  was  made  during  the  discussion  periods,  that  greater  accuracies  and  understandings 
were  needed  in  experimental  data  to  improve  the  quality  of  the  prediction  methods,  especially  in  the  transonic  flow 
regime.  In  1954, 1  was  involved  with  the  design  of  transonic  wind  tunnels.  The  problem  at  that  time  was  to  conduct 
transonic  testing,  free  of  transonic  flow  interactions.  To  do  this  required  wind  tunnel  wall  modifications,  and  the 
questions  of  that  day  were:  “Where  do  we  put  the  slots  of  holes  and  how  much  pressure  relief  would  be  required  to 
properly  cancel  the  reflected  waves?”  and  “How  can  we  determine  the  accuracy  of  measurements  and  improve  the  quality 
of  the  prediction  techniques?”  Dr  Yoshihara  and  his  colleague,  Dr  Guderly,  at  the  time  were  investigating  the  theoretical 
aspects  of  transonic  aerodynamics.  That  was  twenty-five  years  ago,  and  the  comments  and  discussions  on  this  subject 
made  here  this  week  indicate  that  these  problems,  though  somewhat  modified,  are  still  with  us,  and  an  additional  compli¬ 
cation  has  been  brought  about  by  the  inclusion  of  active  control  technology. 

Another  area  of  long  time  concern;  namely,  aircraft  stall  and  post-stall  departure  and  spinning,  was  also  discussed 
here.  Novel  solutions  to  the  post-stall  problems,  their  formulation,  and  investigation  have  been,  and  will  be  in  the  future, 
worthy  of  support.  However,  we  must  exercise  caution  in  advocating  beyond  the  intent  of  the  presenters,  the  extension 
of  any  single  potential  solution  for  one  aircraft  configuration  to  another  configuration:  and  indeed,  for  even  dissimilar 
modes  of  departure  on  the  applicable  aircraft  configuration.  Upright,  inverted,  and  high  acceleration  departures  often 
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exhibit  entirely  different  spin  characteristics  on  a  single  configuration.  Therefore,  while  novel  spin  control  devices  may 
be  a  solution  for  one  particular,  well-defined,  departure  problem,  I  would  not  endorse  a  suggestion  or  recommendation 
for  removing  the  spin  chute  from  spin  test  aircraft  equipped  with  this  novel  device,  let  alone  a  recommendation  that  it 
be  more  universally  applied  as  a  departure  control  device,  as  has  been  suggested. 

My  major  point,  however,  has  to  do  with  what  I  consider  the  need  for  developing  a  better  interdisciplinary  under¬ 
standing  between  the  aerodynamicist  and  the  other  technologies.  Active  control  and  active  control  modes,  as  outlined  by 
Bob  Johannes,  are  being  introduced  and  investigated  because  they  offer  a  means  of  achieving  needed  mission  performance 
for  the  benefit  of  the  system  operator.  Simply  stated,  this  means  that  through  the  use  of  active  control,  the  operator  can 
perform  required  tasks  with  less  effort,  lower  cost,  greater  survivability  and  with  more  precision.  Johannes’s  reference  to 
vertical  and  horizontal  translation,  wings-level  turns,  independent  fuselage  aiming,  propulsion  vectoring,  and  tailored  lift 
to  drag  are  examples  of  completed  feasibility  studies  which  are  now  within  the  domain  of  application  for  potential  system 
performance  improvements.  Specific  mission  segments,  such  as  low-altitude,  high-speed  terrain  following  and  avoidance, 
can  be  accomplished  more  easily,  safely,  and  effectively  with  the  use  of  active  control.  On  the  other  hand,  the  entire 
mission  performance  of  aircraft  can  be  improved  if  it  is  designed  from  the  beginning  with  an  understanding  of  the  inter¬ 
relationship  between  aerodynamics  and  active  control. 

The  extension  of  active  control  into  internal  aerodynamics,  as  has  been  done  in  external  aerodynamics,  needs  to  be 
more  completely  understood  if  aircraft  of  the  future  are  to  have  the  levels  of  effectiveness  and  efficiency  required.  In 
Jim  Agnew’s  paper,  one  case  which  illustrated  the  importance  of  internal  aerodynamics  and  control  was  addressed.  He 
showed  how  benefits  can  be  derived  from  understanding  and  employing  a  tailoring  of  the  inlet  and  its  control  system  to 
achieve  high  levels  of  performance. 

Lastly,  as  the  flight  control  technologist  has  done,  so  must  the  aerodynamicist  do;  namely,  extend  his  inter¬ 
disciplinary  understanding  to  include  the  fast  developing  technologies  in  avionics.  As  suggested  by  Mr  Walker,  avionics 
technology,  especially  digital  avionics  technology  and  its  associated  software,  must  be  included  in  future  interdisciplinary 
exhanges  of  data  and  ideas.  Groups,  like  this  in  AGARD,  can  play  a  major  role  for  transitioning  ideas  and  technology 
from  one  field  to  another  and  finally  into  operations. 

Thank  you. 

Professor  Young  -  UK:  Thank  you  Dr  Scolatti.  Any  comment  on  the  points  that  have  been  raised  so  far? 

Mr  Thomas  -  UK;  As  a  voice  that  has  been  crying  in  the  wilderness  for  a  long  time,  I  would  like  to  reinforce  the  remarks 
of  the  last  three  speakers  about  this  matter  of  communication  between  the  people  on  the  flight  mechanics  side  and  the 
aerodynamicists.  I  think  that  I  would  take  a  slightly  optimistic  viewpoint  at  the  present  stage  of  the  aircraft  development 
because  with  ACT  we  are  getting  the  flight  dynamics  and  control  systems  more  closely  tied  up  with  the  actual  perfor¬ 
mance  and  the  various  parties  will  be  forced  to  talk  to  one  another  whether  they  like  it  or  not. 

Professor  Young  -  UK:  Anyone  else  like  to  add  anything  to  that  optimistic  remark?  If  not  I  come  to  Philippe  Poisson- 
Quinton  and  ask  him  to  offer  his  general  comments  on  the  symposium  at  large  and  any  points  that  he  thinks  are 
particularly  significant  from  the  flight  mechanics  point  of  view. 

M.  Poisson-Quinton  -  France:  Je  pense  que  c'est  tres  interessant  d’avoir  parle  de  la  communication  entre  les  differentes 
disciplines  et  je  crois  qu’il  y  a  eu  pas  mal  de  progres.  Je  suis  assez  optimiste  aussi,  parce  que  depuis  que  nous  regardons 
les  problemes  de  controle  actif,  disons  depuis  a  peu  pres  cinq  ans,  nous  avons  eu  un  certain  nombre  de  meetings  de 
I’AGARD  au  Panel  de  M6canique  du  Vol  mais  aussi  au  Panel  des  Structures,  au  Panel  de  Guidage  et  Controle.  et  au  Panel 
d’Avionique,  et  cela  a  ete  (’occasion,  je  pense,  de  reunir  des  gens  de  differentes  disciplines.  Pour  la  premiere  fois.  juste- 
ment,  les  gens  se  sont  rencontres  autour  des  sujets  parce  qu’ils  y  etaient  obliges;  maintenant.  il  n’est  plus  question  d’etre 
seulement  aerodynamicien  si  vous  ne  savez  pas  qu’une  structure  est  flexible,  et  maintenant  il  faut  que  l’aerodynamicien 
apprenne  aussi  ce  que  c’est  qu’un  controle.  C’est  absolument  indispensable,  sans  cela  il  est  completement  perdu,  et  la 
reciproque  est  vraie:  il  faut  maintenant  que  les  electroniciens  pensent  aussi  un  petit  peu  aux  structures  et  a  1’aero- 
dynamique.  Done,  je  crois  qu’il  va  falloir  faire  une  education  un  peu  nouvelle  des  ing^nieurs  de  l’a£ronautique,  et  cela 
commence  actuellement,  d’ailleurs,  dans  les  6coles  d’ingenieurs;  on  commence  maintenant  a  cemer  assez  bien  cette 
necessity  d’etre  pluridisciplinaire.  Dans  tout  ce  qu’on  avait  etudie  depuis  quelques  annees,  il  n’y  a  pas  de  doute  que  Ton 
a  neglige  beaucoup  l’alrodynamique,  parce  que  les  contrdles  actifs  Itaient  tres  difficiles.  du  point  de  vue  justement  de 
l’electronique;  c’dtait  quelque  chose  de  tout  a  fait  nouveau,  cette  integration  du  computer  dans  l’avion.  et  la  plupart 
des  travaux  ont  dtd  faits  d’abord  sur  le  controle,  et  Ton  a  neglige  certainement  les  etudes  aerodynamiques,  et  maintenant 
on  se  reveille  avec  des  problemes  parce  que  les  gouvemes  que  1’on  avait  p revues  sont  insuffisantes;  il  y  a  manifestement  un 
manque  de  controle,  de  puissance  de  controle,  sur  les  avions  que  Ton  a  dissinds  ces  dernieres  annees,  et  je  pense  qu’il  va 
falloir  faire  maintenant  un  tresgros  effort  sur  les  Itudes  aerodynamiques.  Malheureusement  c’est  tres  difficile  dans  un 
meeting  comme  celui  d’aujourdTiui  d’avoir  des  resultats  g£n£raux  sur  les  gouvemes  aerodynamiques  parce  qu’elles 
dependent  beaucoup  de  la  configuration  de  I’avion,  de  la  configuration  de  votre  projet,  et  c’est  pourquoi  actuellement.  a 
la  naissance  d’un  projet,  il  est  necessaire  de  faire  une  tre$  grande  quantite  d’essais  en  souffierie  pour  definir  les  efficacies 
des  differentes  gouvemes  dans  toute  I’enveloppe  de  vol,  et  c’est  un  enorme  travail  quand  on  veut  inclure  la  dedans  les 
effets  de  (’incidence,  du  ddrapage,  du  nombre  de  Mach  etc.  Done  cela  conduit  a  des  programmes  tres  coOteux  de  souffierie 
et  je  voudrais  dire  un  mot  li-dessus  parce  que  c’est  quelque  chose,  je  pense,  qui  est  tres  tres  important  pour  un  Panel 
comme  le  Panel  de  la  Dynamique  des  Fluides,  il  y  a  une  n<cessit6  absolue  d’amdliorer  nos  techniques  de  mesure  en 
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soufflerie,  d'ameliorer  les  conditions  d'essais  pour  reduire  le  temps  d’essai,  c’est  a  dire  de  reduire  le  prix  de  ces  essais  et 
c’est  une  partie  tres  importante  maintenant  dans  un  projet,  le  prix,  d’ailleurs  nous  avons  le  meme  probleme  aussi  avec  Its 
computers',  les  prix  egalement  des  calculs  theoriques  est  tres  eleve  mais  dans  le  domaine  de  la  soufflerie  il  est  possible 
maintenant  d’avoir  un  meilleur  equipement  des  maquettes  et,  en  particular,  il  devient  tres  interessant  de  motoriser  ces 
maquettes,  c’est  a  dire  d’avoir  des  gouvemes  reglables  pendant  un  essai  et  I’etape  suivante,  finalement,  c’est  d’utiliser  la 
encore  peut-etre  des  methodes.  des  technologies,  des  controles  actifs  c’est  a  dire  de  mettre  un  petit  computer  dans  la  boucle 
pour  controler  en  permanence,  par  exemple  pour  l’equilibrage  de  votre  projet,  et  il  est  possible  de  faire  des  polaires 
equilibrees  en  permanence,  et  a  ce  moment  la  vous  gagnez  enormement  de  temps  sur  le  temps  d’essais  puisque  vous  etes 
en  permanence  en  equilibre  sur  les  trois  axes,  et  ce  pilotage  automatique  d’une  maquette  en  soufflerie  est,  je  crois,  tres 
interessant.  et  actuellement  il  y  a  un  grand  travail  qui  est  fait  dans  plusieurs  laboratoires  sur  ces  nouvelles  techniques  qui 
emploient  justement  les  nouvelles  technologies  de  controle  actif;  et  puis  il  faudra  probablement  avoir  des  montages  tout 
a  fait  speciaux  dans  les  souffleries  pour  trailer  les  problemes  d’avions  ayant  un  controle  actif  allant  jusqu’a  la  representa¬ 
tion  des  rafales  etc.  pour  pouvoir  traiter  completement  un  probleme  en  laboratoire  avant  d’aller  en  vol,  et  je  pense  que 
c’est  tres  utile  parce  que  envoyer  Oirectement  en  vol  un  projet  extremement  complexe  en  plus,  c’est  quelque  chose  de  tres 
dangcreux  evidemment.  Je  voudrais.  le  temps  presse,  je  voudrais  seulement  faire  une  deuxieme  remarque:  j’ai  6te  un  peu 
defu  du  manque,  peut-etre.  de  papiers  sur  les  problemes  de  1’importance  de  la  motorisation,  de  la  propulsion  dans  le  futur 
controle  d’un  avion,  c’est  ce  que  Ton  appelle  “engine  airframe  integration”  cela  veut  dire  que  I’on  essaye  maintenant 
d’utiliser  l’enorme  quantite  de  mouvement  que  nous  avons  sur  un  avion  pour  essayer  d’ameliorer  le  pilotage,  et  cela  je 
pense  que  c’est  quelque  chose  qui  est  encore  tout  a  fait  dans  l’enfance  mais  qui,  dans  les  prochaines  annees,  va  se 
developper  beaucoup.  En  particulier,  vous  le  savez,  on  l’a  dvoqu6  pendant  cette  conference,  il  y  a  la  possibilite  de 
developper  des  forces  tres  importantes  en  orientant  le  jet  de  propulsion  et  il  y  a  une  autre  fafon  d’utiliser  cette  quantite 
de  mouvement,  c’est  de  s’en  servir  pour  des  jets  de  controle,  soit  sous  forme  de  controle  de  couche  limite  (BLC)  pour 
ameliorer  1’efficacite  des  gouvemes  et  les  rendre  lineaires,  ce  qui  est  tres  agreable,  et  la  deuxieme  possibilite  c’est  d’utiliser 
par  exemple  le  “spanwise  blowing”,  enfin  le  soufflage  transversal,  qui  permet  de  former  un  regime  tourbillonnaire 
beaucoup  plus  puissant  et  d’avoir  un  controle  extremement  interessant  de  l’avion  dans  des  regimes  de  decrochage  de 
I’avion;  et  cela  aussi  je  pense  qu’il  y  a  beaucoup  d’avenir  dans  ces  nouvelles  technologies  et  beaucoup  de  recherches  sont 
encore  necessaire  dans  ce  domaine.  J’aimerais  avoir  I’avis  des  specialistes  de  l’Air  Force  la-dessus. 

****** 

I  believe  inter-disciplinary  exchanges  are  extremely  interesting  and  I  am  glad  this  subject  has  been  discussed. 
Considerable  progress  has  been  made  in  this  area  and  mainly  thanks  to  AGARD  since  we  started  considering  active 
controls  applications  approximately  five  years  ago;  a  number  of  AGARD  meetings  have  taken  place,  not  only  under  the 
sponsorship  of  the  Flight  Mechanics  Panel,  but  also  under  that  of  the  Structures  and  Materials  Panel,  the  Guidance  and 
Control  Panel  and  the  Avionics  Panel.  Thus,  opportunities  have  been  provided  for  convening  experts  in  various  disciplines. 
For  the  first  time,  precisely,  people  have  met  to  discuss  certain  subjects,  because  they  were  compelled  to.  To  succeed  in 
a  project,  is  not  sufficient  to  be  an  aerodynamicist,  if  you  do  not  know  how  flexible  is  your  structure,  or  what  electronic 
systems  are  available  to  control  the  aircraft;  the  same  remark  applies  to  experts  in  electronics  who  must  be  aware  of 
structures  and  aerodynamics  design.  Therefore,  1  believe  that  aeronautical  engineers  will  require  a  new  type  of  training. 
This  is  already  the  case,  incidentally,  in  most  of  Engineering  Schools.  The  necessity  of  being  versatile  becomes  evident. 

In  all  that  has  been  studied  about  C.C.V.  for  several  years,  aerodynamics  has  been  undoubtedly  neglected  to  a  great 
extent,  because  active  control  constituted  a  very  difficult  subject,  precisely  from  the  system  standpoint;  the  integration  of 
the  computer  into  the  aircraft  design  was  something  quite  new.  The  greatest  part  of  the  work  performed  in  this  field  was 
first  concerned  with  automatic  control,  and  aerodynamic  studies  were  left  aside.  Now,  problems  are  being  experienced 
because  the  control  surfaces  which  had  been  planned  initially  are  sometimes  insufficient.  Therefore,  I  think  that 
considerable  efforts  have  to  be  made  in  the  field  of  aerodynamics  studies.  Unfortunately  at  a  meeting  like  this,  it  is 
difficult  to  have  general  results  on  aerodynamic,  control  surfaces,  since  they  depend  to  a  great  extent  on  the  configura¬ 
tion  of  your  project.  This  is  why  it  is  now  necessary,  at  the  initial  stage  of  a  project,  to  carry  out  preliminary  calculations 
and  then  a  large  number  of  wind-tunnel  tests  in  order  to  determine  the  performance  of  the  various  control  surfaces  over 
the  whole  flight  envelope.  This  implies  a  considerable  amount  of  work,  if  one  wants  to  include  the  effects  of  incidence 
and  sideslip,  of  the  Mach  number,  etc.  This  had  led  to  very  costly  wind-tunnel  test  programmes.  In  this  respect,  I  would 
like  to  make  a  few  remarks,  because,  for  a  Panel  like  the  Fluid  Dynamics  Panel,  it  is  absolutely  necessary  to  improve 
wind-tunnel  measurement  techniques,  as  well  as  test  conditions,  in  order  to  reduce  test  time,  therefore  test  costs.  Cost 
has  become  a  very  important  facet  in  a  project;  the  same  applies  to  computers.  The  cost  of  theoretical  computation  is 
becoming  very  high.  However,  as  regards  wind-tunnels,  it  is  now  possible  to  have  improved  model  instrumentation; 
it  is  becoming  very  interesting,  in  particular,  to  fit  these  models  with  actuators  in  order  to  have  control  surfaces  which  can 
be  adjusted  in  the  course  of  a  test.  The  following  step  consists  in  using  active  controls,  that  is  to  say,  in  incorporating  a 
small  computer  in  the  loop  for  permanent  monitoring  purposes.  This  provides  the  means  of  achieving  constantly  trimmed 
polars  and  enables  you  to  save  considerable  test  time,  since  you  are  in  constant  equilibrium  along  the  three  axes.  This 
automatic  control  of  a  wind-tunnel  mode)  is,  in  my  opinion,  very  interesting.  A  great  deal  of  work  is  being  performed 
on  these  new  techniques  in  several  laboratories,  where  the  new  active  control  technologies  are  being  applied.  In  addition, 
very  special  mountings  will  have  to  be  used  in  wind-tunnels  to  simulate  an  aircraft  equipped  with  active  controls, 
including  gust  generation,  etc.,  so  that  a  problem  may  be  covered  completely  in  a  laboratory  prior  to  flight  tests.  I  believe 
this  is  very  useful,  especially  as  subjecting  an  extremely  complex  project  directly  to  flight  tests  in  a  very  hazardous 
adventure.  As  time  presses,  I  shall  make  only  one  second  remark:  I  have  been  slightly  disappointed  by  the  lack  of  papers 
on  the  importance  of  some  propulsion  integration  in  the  future  control  of  an  aircraft.  This  is  what  we  call  “engine 
airframe  integration”.  It  means  that,  now,  we  must  try  to  use  the  huge  momentum  available  from  the  jet  engine  to 
improve  control.  This  technique,  which  is  still  in  its  infancy,  will  develop  considerably  in  the  next  few  years.  In 
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particular,  as  mentioned  during  this  meeting  it  is  possible  to  develop  very  high  forces  by  orientating  the  propulsion  jet. 

Another  way  of  taking  advantage  of  this  momentum  consists  in  using  it  for  control,  either  in  the  form  of  boundary  layer  , 

control  to  improve  the  efficiency  of  control  surfaces  and  make  them  linear,  which  is  very  attractive,  or  in  the  form  of 
spanwise  blowing,  which  makes  it  possible  to  create  much  more  powerful  vortex  conditions  and  achieve  a  very  interesting 
control  of  the  aircraft,  even  after  stall  conditions.  1  believe  these  new  technologies  are  very  promising,  and  considerable 
research  is  still  necessary  in  this  field.  I  would  appreciate  hearing  the  opinion  of  the  US  Air  Force  specialists  on  this 
subject. 

Professor  Young  -  UK:  Thank  you  Philippe.  Does  any  one  wish  to  take  up  any  of  the  points  raised  by  M.  Poisson- 
Quinton?  He  drew  attention  to  the  fact  that  there  was  very  little,  if  anything,  said  during  the  course  of  this  meeting 
about  the  use  of  the  propulsion  devices  that  we  have  on  aircraft  to  augment  in  one  way  or  another,  our  controls.  That 
was  largely  due  to  the  fact  that  we  had  no  one  come  forward  with  any  papers  on  the  subject.  If  anyone  has  any 
comments  on  that  point  we  could  gladly  spend  a  minute  or  two  on  it. 

Mr  Johanness  -  USA:  At  the  Air  Force  Flight  Dynamics  Laboratory,  we  are  pursuing  what  we  call  Integrated  Flight  and 
Propulsion  Control.  We  have  over  the  years  been  trying  to  integrate  various  technologies.  We  have  worked  on  control 
and  structures,  control  and  aerodynamics,  and  control  and  avionics.  Certainly  propulsion  is  another  major  discipline  that, 
when  properly  integrated,  can  improve  the  overall  mission  capability  of  the  aircraft.  There  is  a  great  deal  of  interest  in 
that  area,  and  perhaps  the  next  time  we  have  a  meeting  there  will  be  some  papers. 

Professor  Young  -  UK:  Thank  you.  Well  this  brings  to  an  end  the  presentation  from  the  members  of  the  Round  Table. 

I  think  we  have  covered  during  these  presentations  most  of  the  major  points  which  have  been  raised  but  there  may  be 
other  points  that  someone  wishes  to  bring  up. 

Mr  Mabey  -  UK:  One  thing  that  has  worried  me  during  this  conference  is  that  we  have  only  heard  the  word  “buffeting” 
once  or  twice.  On  the  occasions  when  we  did  hear  it,  I  did  not  like  what  I  heard.  I  heard  echoes  of  the  ghost  of 
“kinkology”,  stalking  through  the  corridors  of  power*. 

Taking  the  low  speed  range  first:  so  many  people  spend  so  many  hours  in  low  speed  wind  tunnels  testing  very 
elaborate  models  and  measuring  C^  c  Max  to  incredible  accuracy,  without  having  any  unsteady  wing  root  gages  which  are 
very  cheap,  very  simple  to  apply,  or  wing  tip  accelerometers  which  are  also  easy  to  apply.  Even  if  they  restricted  their 
attention  to  buffet  onset,  the  information  that  they  could  gather  would  be  invaluable  and  save  them  hours  of  time,  for 
example,  in  choosing  the  best  conditions  for  flow  visualization. 

Moving  up  to  transonic  speeds  a  shortcoming  of  our  own  experiments  is  that  we  have  not  so  far  looked  into  the 
regions  of  separated  flows.  Moreover  we  can  already  infer  that  the  aerodynamic  characteristics  of  all  forms  of  controls 
are  going  to  be  radically  different  once  the  flows  are  separated. 

One  final  point:  I  have  been  surprised  that  the  words  “static  and  dynamic  aeroelastic  distortion”  have  not  occurred 
more  often  during  this  conference.  Monsieur  Poisson-Quinton  used  them  just  then  and  1  was  pleased  to  hear  it.  The  sort 
of  models  that  we  at  the  RAE  have  to  use  for  our  tests  are  very  flexible  and  that  sort  of  aeroplanes  that  fly  around  in  the 
sky  are  very  flexible.  I  think  that  many  discrepancies  between  theory  and  experiment  can  be  attributed  to  aeroelastic 
distortion. 

Professor  Young  -  UK:  Are  there  any  other  comments? 

Mr  Thomas  -  UK:  I  would  like  to  back  up  a  bit.  It  was  on  M.  Poisson-Quinton’s  remarks  about  the  use  of  jet  engine 
and  airframe  integration.  Perhaps,  Monday  is  too  long  ago  for  him  to  remember,  but  there  were  examples  given  in  the 
paper  by  Dr  Ross  and  myself  which  really  demonstrate  the  force  of  his  arguments. 

Professor  Young  -  UK:  Any  other  comments? 

Mr  Bore  -  UK:  It  is  perhaps  uncharacteristic  for  me  to  have  remained  silent  so  long  in  this  conference,  but  I  think  some 
comment  is  needed  in  response  to  Poisson-Quinton’s  remarks  about  propulsion  vectoring. 

It  is  true  that  we  can  vector  the  thrust  and  get  some  remarkable  manoeuvres.  These  manoeuvres  have  been 
demonstrated  both  on  simulators  and  in  flight,  and  it  has  been  stated  that  this  produces  a  new  dimension  in  manoeuvr¬ 
ability.  There  is  no  doubt  at  all  that  vectoring  the  thrust  is  an  extremely  effective  way  of  outflying  the  opposition  which 
cannot  do  this.  So  one  can  take  that  as  demonstrated. 

Of  course  there  are  many  interactions  between  the  effluxes  and  control  and  not  all  are  completely  understood,  but 
we  can  deal  with  them  in  practice.  Vectoring  the  thrust  introduces  not  only  a  new  dimension  to  manoeuvrability  but  also 
a  new  element  to  the  matrix  of  interactions  that  one  must  understand  as  well.  Although  thrust  vectoring  in  forward  flight 
is  an  established  practical  reality,  there  is  still  scope  for  further  improvements  for  some  time  to  come. 


*  The  improvements  in  wing  buffeting  caused  by  the  postponement  of  alleviation  of  flow  separations  can  sometimes  be  associated  with 
changes  In  the  mean  forces  and  pressures  on  the  wing,  particularly  for  low  angles  of  sweep-back  when  buffeting  is  generally  heavy.  For 
moderate  or  highly  swept  wings  this  to  a  much  more  difficult  process.  The  term  “kinkology"  has  been  applied  to  these  methods  of 
determining  improvements  in  buffet. 


Professor  Young  -  UK:  Thank  you  Mr  Bore.  Any  other  comment?  We  are  getting  close  to  the  time  when  we  must 
stop.  We  can  have  one  more.  Dr  Green. 

Dr  Green  -  UK:  Since  the  subject  of  propulsion  integration  has  achieved  so  much  interest  could  I  just  put  in  a 
commercial.  Make  a  note  in  your  diaries,  Spring  1 98 1 ,  in  Toulouse,  this  Panel  will  be  running  a  meeting  on  “Engine 
Airframe  Integration”. 

Professor  Young  -  UK:  Thank  you.  1  think  it  is  now  time  for  me  to  draw  this  meeting  to  a  close.  Before  doing  so  I 
must  first  thank  our  speakers  of  the  Round  Table  this  morning  for  kindly  helping  to  round  off  this  meeting.  I  must  also 
thank,  of  course,  everybody  who  presented  papers  during  the  course  of  the  meeting  and  contributed  to  the  discussions. 
Some  of  the  discussions  could  have  gone  on  for  a  long  time  but  unfortunately  there  was  not  the  time  available  but  one 
hopes  that  such  discussions  can  always  be  continued  elsewhere.  As  far  as  this  morning’s  discussions  go  I  will  not  attempt 
to  summarize  the  points  which  have  been  raised.  1  think  they  brought  out  the  most  important  features  of  the  Symposium 
and  what  needs  to  be  done  in  the  future.  I  am  sure  everyone  will  go  away  stimulated  with  ideas  in  the  back  of  their  mind 
for  future  work  as  a  result  of  these  discussions.  1  would  certainly  endorse  the  final  point  made  about  the  need  for  inter¬ 
disciplinary  understanding.  By  that,  1  do  not  mean  one  needs  to  be  an  expert  in  ten  fields  but  one  needs  to  understand 
the  language  and  the  ideas  of  people  in  fields  other  than  one’s  own.  This  was  also  brought  home  to  me  by  a  conversation 
with  one  of  our  translators,  who  was  having  difficulty  following  the  rather  special  jargon  we  tend  to  use  and  the  vast 
number  of  new  hybrid  words  we  are  developing  like  tiperons,  wingerons  etc.  etc.  Having  referred  to  the  translators  may 
I  say  how  grateful  we  all  are  to  them  for  the  excellent  work  they  have  done  throughout  these  discussions.  They  have 
acted  as  a  very  effective  brake  on  the  speed  with  which  we  would  otherwise  talk  and  have  therefore  helped  our  lecturers 
to  be  more  easily  understood.  Lastly  !  must  certainly  give  my  thanks  to  the  Italian  Air  Force  for  the  magnificent  way 
which  they  have  organized  this  meeting  but  I  believe  our  Chairman  Mr  Lloyd  Jones  will  want  to  say  something  about  that 
himself  so  I’ll  ask  Mr  Lloyd  Jones  preceded  first  by  Col.  Vagnarelli  to  say  a  few  words. 

Col.  Vagnarelli  —  Italy:  Ladies  and  Gentlemen,  on  behalf  of  the  Italian  Air  Force  the  Academy  and  the  Italian  AGARD 
Organization,  thank  you  for  your  attendance  and  interest.  We  have  been  very  happy  to  be  your  host.  Thank  you  very 
much. 

Mr  Jones  -  USA:  I  would  like  to  add  thanks  to  a  few  other  people.  It  takes  a  large  number  of  people  to  make  a 
symposium  such  as  this  a  success.  First,  I  would  like  to  recognise  Prof.  Young  and  his  Programme  Committee  for  the 
excellent  programme  that  they  put  together  for  us  and  to  endorse  his  thanks  to  the  Round  Table  participants  who  did 
such  an  excellent  job  of  ferreting  out  the  basic  message  from  this  meeting.  1  would  also  like  to  thank  the  Authors  and 
the  Speakers  for  their  presentations  -  and  all  attendees  for  their  active  participation,  which  really  makes  conferences  such 
as  this  a  useful  activity. 

I  hope  you  have  benefited  from  these  presentations  and  from  the  opportunity  to  discuss  privately  with  others 
engaged  in  similar  work  and  who  are  faced  with  problems  similar  to  your  own.  I  know  you  must  have  enjoyed  your  visit 
to  this  beautiful  city  and  to  the  neighbouring  cities  and  Islands  and  so,  as  l,  you  will  look  back  on  this  conference  with 
pleasure.  There  are  a  few  others  who  need  to  be  recognised  -  the  AGARD  staff  from  the  Paris  Office,  Mr  Rollins  and 
Mile  Rivault  and  Sgt  Calafiore  who  have  been  responsible  for  all  of  the  planning  for  this  meeting  and  from  SHAPE 
Sgt  Treff.  I  also  want  to  thank  Ten.  Col.  Vagnarelli,  the  Italian  AGARD  Staff  and  his  secretary  Signora  Servi,  and  from 
the  Academy  Staff  Col.  Foresti  and  people  from  the  Academy  who  have  worked  with  them  to  help  us  so  effectively:  and 
finally  to  our  host  the  National  Delegate  from  Italy  to  AGARD,  General  Fabi  and  to  the  Commander  of  the  Academy, 
General  Nencha  and  his  Deputy  Commander,  Col.  Graciano.  Their  hospitality,  as  you  are  aware,  has  been  most  gracious. 
Let  me  make  one  speach  for  a  future  FDP  programme  -  our  next  Symposium  will  be  September  24  through  26  in  The 
Hague  on  the  subject  “Turbulent  Boundary  Layers  -  Experiments,  Theory  and  Modelling".  As  you  recognize  this  is  a 
fundamental  area  that  needs  to  be  understood  to  improve  our  computational  fluid  dynamics  capability  to  be  more  useful 
to  the  design  engineers.  May  I  at  this  time  wish  you  all  a  pleasant  and  safe  journey  home  and  with  that  I  will  declare  the 
Symposium  adjourned. 
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